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Bolted/Bonded  Joints  in  Polymeric  Composites 

(AGARD  CP-590) 


Executive  Summary 

In  aerospace  structures,  the  selection  of  the  methods  for  joining  individual  parts  can  be  critical  to 
reliability,  durability,  supportability,  initial  and  in-service  costs. 

Mechanically  fastened  joints,  extensively  used  in  metallic  structures,  have  been  widely  used  in  the  first 
generation  of  composite  structures.  The  fact  that  they  are  dismountable  allows  for  easier  inspection  and 
replacement  of  damaged  or  defective  components.  However,  they  exhibit  highly  localised  stresses  near 
the  fasteners  and  so  tend  to  act  as  damage  initiators. 

Bonded  joints  have  the  advantage  that  they  can  usually  he  designed  to  be  much  lighter.  Manufacturing 
costs  also  tend  to  be  significantly  lower.  However,  in  the  absence  of  effective  non-destructive  methods 
to  verify  bond  integrity,  quality  must  be  ensured  through  careful  process  control.  In  composite 
structures  they  have  generally  been  used  only  in  thinner,  more  lightly-loaded  components. 

Since  the  fabrication  of  composite  structures  and  components  generally  involves  making  the  material 
and  the  component  at  the  same  time,  a  range  of  novel  joining  methods,  such  as  weaving  and  stitching, 
becomes  possible,  and  these  methods  are  being  exploited  in  attempts  to  overcome  the  limitations 
imposed  by  the  low  interlaminar  strength  of  composites. 

The  Specialists’  Meeting  held  by  the  Structures  and  Materials  Panel  of  AGARD  showed  that  there  is  a 
range  of  methods  for  the  design  of  bolted  and  bonded  joints  in  polymeric  composites,  based  on  a 
combination  of  stress  analysis,  semi-empirical  strength  criteria,  test  data  and  engineering  experience. 
These  methods  can  produce  fully-effective  joints,  but  they  are  probably  not  sufficiently  robust  to  ensure 
that  the  joints  are  always  optimised.  The  novel  joining  methods  described  can  exhibit  significant 
structural  benefits;  and  further  improvements  in  the  understanding  and  design  of  both  conventional  and 
novel  joining  methods  should  lead  to  steady  improvements  in  efficiency,  durability  and  cost 
effectiveness. 
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Assemblages  boiilonnes/colles  en  materiaux 
composites  polymeres 
(AGARD  CP-590) 

Synthese 

Dans  le  domaine  des  structures  aerospatiales,  le  choix  de  methodes  pour  1’ assemblage  des  pieces  peut 
etre  determinant  pour  la  fiabilite,  la  durabilite,  la  supportabilite,  ainsi  que  pour  les  couts  initiaux  et 
d’ exploitation. 

Les  assemblages  par  fixations  mecaniques,  qui  sont  largement  utilises  pour  les  structures  metalliques, 
ont  egalement  trouve  de  nombreuses  applications  pour  la  premiere  generation  des  structures 
composites.  Ils  sont  demontables,  ce  qui  facilite  le  controle  et  le  remplacement  des  composants 
endommages  ou  defectueux.  Cependant,  ils  presentent  des  contraintes  tres  localisees  au  droit  des 
fixations  et,  en  consequence,  ils  peuvent  etre  a  I’origine  de  dommages. 

Les  assemblages  colles  ont  I’avantage  de  la  legerete.  Les  couts  de  fabrication  sont  egalement  moins 
onereux  que  pour  les  fixations  mecaniques.  Cependant,  en  1’ absence  de  methodes  non-destructives 
efficaces  pour  la  verification  de  I’integrite  de  1’ assemblage,  il  est  essentiel  d  assurer  la  qualite  par  le 
biais  de  controles  tres  rigoureux  durant  la  fabrication.  Leur  emploi  dans  les  structures  composites  a 
generalement  ete  limite  aux  composants  plus  fins  et  moins  sollicites. 

Puisque  la  fabrication  de  structures  et  composants  en  composite  implique  normalement  la  creation  du 
materiau  et  du  composant  simultanement,  tout  un  eventail  de  methodes  d’ assemblage  originales,  telles 
que  la  couture  et  le  tissage,  sont  envisageables.  Celles-ci  sont  actuellement  exploitees  dans  le  but  de 
surmonter  les  limitations  impos6es  par  la  faible  resistance  interlaminaire  des  composites. 

La  reunion  de  specialistes  organisee  par  le  Panel  des  structures  et  materiaux  de  1’ AGARD  a  demontre 
qu’il  existe  un  choix  de  methodes  pour  la  conception  d’ assemblages  boulonnes  et  colles  pour  les 
composites  polymeres,  base  sur  une  combinaison  de  1’ analyse  des  contraintes,  des  criteres  de  resistance 
semi-empiriques,  des  donnees  d’essais  et  de  1’ experience  en  ingenierie.  S’il  est  possible  de  realiser  des 
assemblages  tout  a  fait  stirs  a  I’aide  de  ces  methodes,  elles  ne  sont  probablement  pas  assez  robustes 
pour  garantir  que  les  joints  soient  systematiquement  optimises.  Les  nouvelles  methodes  d’ assemblage 
decrites  peuvent  apporter  des  avantages  structurales  considerables.  Une  meilleure  comprehension  de  la 
conception  des  methodes  d’ assemblage  classiques  et  nouvelles  devrait  conduire  a  des  ameliorations 
progressives  sur  le  plan  de  I’efficacite,  la  durabilite  et  la  rentabilite. 
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Preface 


Degradation  and  failure  of  aerospace  structures  are  frequently  initiated  at  the  joints,  so  that  safety,  durability  and  repairability 
are  strongly  influenced  by  the  adequacy  of  joint  design.  Current  and  future  military  aircraft  make  extensive  use  of  advanced 
composite  materials  in  both  primary  and  secondary  structure,  and  both  mechanically  fastened  and  bonded  joints  have  been 
used. 

Mechanically  fastened  joints  have  generally  been  used  for  highly-loaded  composite  components,  although  the  low  bearing 
stiffness  of  composites  can  lead  to  problems  of  bolt  bending  and  hole  elongation  under  fatigue  loading.  Secondary  bending 
can  also  give  rise  to  significant  through-thickness  stresses,  but  effective  and  reliable  joints  are  usually  achieved  through  a 
combination  of  design,  testing  and  re-design. 

Bonded  joints  can  usually  be  designed  to  be  lighter,  but  as  there  are  no  inspection  techniques  yet  available  which  can 
guarantee  the  adequacy  of  the  bond,  they  have  not  gained  widespread  acceptance  for  highly-loaded  joints. 

The  objective  of  the  Specialists’  Meeting  is  to  examine  the  state-of-the-art  in  joining  of  polymeric  composites,  to  consider  the 
relative  merits  of  the  various  methods  and  to  highlight  gaps  in  the  technology  which  should  be  addressed. 
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TECHNICAL  EVALUATION  REPORT 

83"'*  Meeting  of  the  Structures  and  Materials  Panel 

Bolted  /  Bonded  Joints  in  Polymeric  Composites 

J.  Bauer 

Daimler  Benz  Aerospace 
Military  Aircraft  Division 

and 

L.  J.  Hart-Smith 

Douglas  Aircraft  Company 
McDonnell  Douglas  Corporation 


The  papers  presented  at  this  meeting  cover  a 
number  of  aspects  concerning  the  application  of 
adhesively  bonded  and  mechanically  fastened  joints 
in  the  analysis,  design,  manufacturing,  and  repair  of 
fibre-polymer  composites.  The  focus  is  on 
aerospace  rather  than  commercial  products.  The 
number  of  papers  presented  is  25,  of  which  8  cover 
the  subject  of  Bolted  Joints,  6  address  Bonded 
Joints,  4  pertain  to  so-called  Novel  Joints,  and  8 
papers  discuss  Design  Validation  and  Service 
Experience. 

The  overviews  of  the  history  and  current  status  of 
this  work  reflect  several  valuable  contributions  to 
design  and  analysis  methods  developed  many  years 
ago,  most  of  which  were  funded  by  various 
government  agencies.  Incomplete  as  they  are,  these 
remain  the  most  widely  applied  methods  today,  and 
have  been  very  useful.  Most  of  the  more  modern 
research  examines  the  governing  phenomena  in  far 
greater  depth,  but  requires  the  establishment  of  so 
many  more  material  parameters  that  these  works  are 
usually  applied  only  to  specific  cases.  An  exception 
is  the  agreement  by  the  four  partners  involved  to 
agree  on  common  analysis  methods  for  bolted  joints 
in  the  EFA  program.  The  need  remains  for  more 
methods,  or  the  extension  of  existing  methods,  with 
which  to  optimize  bolted  joint  proportions  to 
maximize  the  design  strain  levels  in  composite 
structures.  Likewise,  in  regard  to  adhesively 
bonded  and  co-cured  joints,  the  influence  of  joint 
proportions  on  strength  -  particularly  by 
suppressing  or  minimizing  peel  stresses  —  has  yet  to 
be  fully  explained. 

New  analysis  methods  would  be  more  credible,  and 
valuable,  if  they  were  demonstrated  in  the 
predictive  mode,  on  new  data  or  on  old  data  not 
used  in  their  formulation,  rather  than  being  fitted  to 
any  one  particular  set  of  data.  Analyzing  tests 


coupons  is  really  less  valuable  than  designing  a 
truly  optimized  structural  joint.  The  preceding 
criticisms  '(or  in  the.  modern  vernacular 
“opportunities  for  further  research”) 
notwithstanding,  the  meeting  included  interesting 
information  about  a  number  of  real  hardware 
programs  and  structures. 

Regarding  the  subject  of  bolted  joints  in  composite 
structures,  all  of  the  analytical  tools  already 
developed  in  the  USA  were  given  as  computer 
codes.  The  subject  is  still  under  further 
consideration,  and  the  current  North  American 
research  and  development  activities  and  targets  are 
discussed.  These  focus  primarily  on  an  improved 
assessment  of  the  stress  distribution  around  the  bolt 
hole,  taking  into  account  secondary  effects  at,  or  in 
the  vicinity  of,  the  bolt  hole.  The  contact  problem, 
i.e.  the  bolt-to-plate  interaction,  particularly  in 
regard  to  variation  in  stresses  in  the  third  direction 
and  the  interaction  between  bolt  holes  in  multi¬ 
fastener  joints  are  topics  of  current  research 
presented  at  the  meeting.  The  question  of  whether 
or  not  this  improved  understanding  of  precisely 
what  is  happening  in  the  immediate  vicinity  of  the 
hole  will  finally  lead  to  more  reliable  strength 
predictions  is  not  resolved.  These  micromechanical 
effects  seem  to  be  quite  complex;  it  can  be 
predicted  that  another  considerable  scientific  effort 
will  be  needed  until  all  such  problems  are  solved. 
The  hope  is  that  this  action  might  decrease  the 
magnitude  of  the  test  effort  for  composite  material 
qualifications  related  to  bolted  joints,  and  save 
money  throughout  the  industry.  However,  it  should 
be  noted  that  it  has  already  long  been  established 
that  the  most  efficient  structural  joints  in  composite 
laminates  fail  by  tension-through-the  hole,  at 
bearing  stresses  no  more  than  half  those  needed  to 
cause  bearing  failures.  In  contrast  to  this 
sophisticated  computer-based  analysis,  the  search 
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for  more  simple  approaches  is  still  ongoing.  These 
methods  are  more  useful  for  application  in  aircraft 
design,  as  well  as  for  commercial  applications,  and 
the  development  of  stressing  methods  which  are 
easy  to  use  should  never  stop.  One  such  method  is 
presented,  using  simple  analytical  equations  and 
tied  directly  to  overall  physical  behaviour.  This 
represents  an  expansion  to  new  in-plane-shear 
boundary  conditions,  for  which  no  test  data  are 
currently  available,  of  an  old  well-established  and 
validated  method  for  more  straightforward  joint 
geometries. 

There  is  no  corresponding  overview  of  the  Euro¬ 
pean  state  of  the  art  in  regard  to  the  art  of  stressing 
bolted  composite  joints.  That  the  European 
contribution  to  this  topic  is  limited  to  only  two 
papers  may  lead  to  the  conclusion  that  the  subject  is 
no  longer  considered  important.  Such  an  attitude 
cannot  be  justified  and  it  is  still  recommended  that 
academics  keep  the  subject  in  mind  and  try  to 
improve  the  physical  understanding,  improve  and 
validate  the  predictive  techniques,  and  ensure  the 
dissemination  of  the  knowledge.  The  understanding 
of  this  subject  in  the  composites  community  has  not 
yet  reached  a  satisfactory  level  of  uniformity, 
particularly  in  regard  to  optimizing  the  design 
process  to  maximize  structural  efficiency. 

The  advantages  of  bonded  joints,  in  terms  of  higher 
structural  efficiencies  by  eliminating  bolt  holes, 
seem  to  be  well  understood,  but  manufacturing  and 
quality  assurance  problems  continue  to  require 
individual  solutions.  These  are  dependent  on  the 
adherend  materials  and  the  required  environmental 
service  conditions,  which  govern  the  selection  of 
the  adhesive  and  its  curing  temperature.  One  key 
issue  is  surface  preparation;  another  the  presence  of 
pre-bond  moisture  during  the  cure  of  the  adhesive. 
An  informal  presentation  on  problems  associated 
with  trying  to  bond  directly  to  the  surface  left  by 
stripping  off  a  peel  ply  offered  enlightenment  on  the 
subject  and  sparked  a  lively  discussion.  The  key 
issue  is  that  after-the-fact  inspections  are  incapable 
of  detecting  weak,  or  “kissing”,  bonds.  Not  all 
process  specifications  ensure  that  these  cannot 
happen.  Only  grit-blasted  ,or  thoroughly  abraded, 
surfaces  on  completely  dried  theromset  laminates 
have  been  found  to  be  totally  immune  from 
degradation  of  strength  in  service.  The  reasons  why 
other  treatments  sometimes  fail  prematurely  are 
neither  fully  understood  nor  fully  accepted.  The 
standard  test  coupons  cannot  reveal  all  of  the 
problems  which  can  lead  to  failures  in  service. 
There  is  no  equivalent  for  composite  structures  of 
the  Boeing  wedge-crack  test  coupon  which  plays 


such  a  vital  role  in  ensuring  the  durability  of  bonded 
metallic  structures.  There  is  not  even  universal 
acceptance  that  interfacial  failure  between  the 
adhesive  and  the  resin  is  an  unambiguous  indicator 
of  a  defective  bond.  These  effects  must  be  properly 
understood  or  cures  which  are  worse  than  the 
disease  will  continue  to  be  prescribed.  In  summary, 
the  bonding  technology  remains  a  sophisticated 
manufacturing  process  which  requires  easily  app¬ 
lied.  but  strict,  controls  of  the  process  parameters  - 
and  an  appreciation  of  the  consequences  of  not 
doing  so.  Adhesive  bonding  is  actually  remarkably 
tolerant  of  many  process  variables,  often  needing 
two  errors  to  create  a  weakness  when  either  could 
be  tolerated  alone.  For  example,  pre-bond  moisture 
is  a  major  problem  when  it  cannot  escape  and  is 
confined  to  the  bonding  surfaces  during  cure,  but  is 
often  quite  harmless  if  the  venting  and  bond 
dimensions  are  such  as  to  permit  it  to  easily  escape 
before  the  adhesive  has  gelled. 

From  the  industrial  point  of  view,  the  (usually 
unrecognized)  incompleteness  of  the  standard  set  of 
test  coupons,  and  a  blind  reliance  on  costly 
ultrasonic  NDI,  which  has  been  notoriously 
unreliable  in  detecting  global  processing  errors 
(which  may  or  may  not  be  a  violation  of  the 
processing  specification),  has  given  bonding  of 
composites  such  a  bad  name  in  some  areas  that  it 
has  lost  its  appeal.  The  fact  that  some 
manufacturers  produce  high-quality  bonded 
composite  parts  consistently  and  economically 
should  have  indicated  where  the  real  problems  lie  - 
and  that  they  are  not  inherent  in  the  process  -  but 
this  has  not  happened  yet.  At  the  meeting,  many  of 
these  problem  areas  were  discussed.  Especially  the 
effects  of  the  peel  ply,  and  the  need  to  grit  blast 
whether  the  peel  ply  is  “contaminated”  by  release 
agent  or  not,  became  evident.  The  texture  of  the 
peel-ply  surface  makes  it  absolutely  critical  that 
there  be  no  pre-bond  moisture  in  the  adhesive  or  the 
cured  laminates.  Also,  typically  small  travelling 
coupons  often  fail  to  represent  the  cure  conditions 
for  large  bonded  components,  particularly  in  regard 
to  escape  of  volatiles  and,  sometimes,  heat-up  rates 
and  hence  the  flow  (wetting)  of  the  adhesive.  The 
quality  of  the  bond  is  best  tested  by  peel  tests  and 
not  by  the  customary  shear  tests.  It  is  also 
necessary  that  the  test  coupons  be  made  from 
unidirectional  laminates,  even  if  the  part  is  not,  to 
demonstrate  the  inherent  joint  strengths  of  properly 
cured  and  processed  adhesives.  (Woven  fabric 
laminates  have  there  own  distinctive  modes  of 
delamination  which  can  easily  mask  weaknesses  in 
bond  strength.) 
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The  analysis  and  design  methods  used  for 
adhesively  bonded  joints  include  both  continuum- 
mechanics  and  finite-element  approaches.  It  is 
important  to  recognize  the  need  for  nonlinear 
analyses  of  these  problems. 

One  paper  suggests  that  co-bonding  seems  to  be 
superior  to  adhesive  bonding  in  regard  to  cyclic 
fatigue.  However,  the  mechanism  whereby 
eliminating  only  one  of  two  secondary  bonds  could 
also  eliminate  any  adverse  effects  from  the  other 
bond  surface  is  unclear.  Co-curing  can  eliminate 
the  interface  completely,  but  often  at  the  price  of 
embedded  wrinkles  in  the  fibres  of  more 
complicated  one-shot  parts.  Even  then,  interlayers 
of  adhesive  film,  cured  with  the  panel,  are  often 
found  to  be  effective  in  alleviating  stress 
concentrations. 

Under  the  heading  of  Design  Validation  and  Service 
Experience  a  variety  of  applications  has  been 
presented,  providing  an  insight  into  manufacturing, 
stressing,  and  quality-assurance  problems 
associated  with  the  joining  techniques. 

The  joining  of  materials  for  high-temperature 
applications  requires  new  techniques  because  of  the 
effects  of  differential  thermal  expansion.  In  this 
context,  a  paper  is  included  on  the  mechanical 
fastening  of  a  ceramic-matrix  composite  component 
to  a  conventional  metallic  rear  fuselage. 

New  composite  materials  are  arising  and  are  the 
subject  for  investigations  and  discussions.  Fibre 
reinforcement  in  the  3“*  direction  improves  the 
damage  tolerance  of  composite  laminates  and  such 
techniques  are  in  development  to  introduce  this 
feature  into  composite  materials.  Beside  the  textile 
techniques  of  weaving  and  braiding,  up  to  now  the 
most  popular  joining  technique  of  preforms  is 
stitching.  At  the  meeting,  an  alternative  to  this  was 
presented,  the  so-called  Z-pinning,  which  aroused 
considerable  interest.  This  technique  allows  the 
joining  of  stiffeners  and  skins  and,  in  addition,  can 
be  applied  to  improve  the  damage  tolerance  of  the 
skin  itself  It  is  said  to  be  relatively  inexpensive  in 
manufacturing  and  also  to  provide  improvements  in 
resistance  to  edge  delaminations  and  lap-shear 
strength  -  all  without  major  effects  on  the  in-plane 
properties.  This  technique  seems  to  be  promising 
for  future  aircraft  designs  and  will  be  the  subject  of 
future  research  and  development  activities.  A 
potentially  crucial  application  concerns  repairs, 
since  it  is  claimed  that  the  fibres  can  be 
ultrasonically  inserted  in  pre-cured  laminates.  This 
could  overcome  the  prevailing  strain  limit  set  by 


bolted  repairs.  On  the  other  hand,  given  the  known 
difficulties  of  making  epoxy  resin  adhere  to 
titanium  or  to  carbon  fibres,  there  must  be  obvious 
concerns  about  long-term  durability  if  the  pins. 
Nevertheless,  the  possibilities  are  powerful;  it  might 
even  be  possible  to  actually  restore  strength  to 
embedded  delaminations  instead  of  merely  filling 
them  with  resin  so  that  they  can  no  longer  be 
detected. 

The  difficulty  of  adhesive  bonding  to  either 
thermoset  of  thermoplastic  materials  is  addressed. 
Successful  techniques  for  thermoplastics  are 
described,  even  though  no  explanation  could  be 
given  for  why  they  worked.  The  fundamentally 
inert  surface  of  both  forms  of  composites  needs  to 
be  activated.  Grit  blasting  is  effective  for  thermoset 
resins,  provided  that  the  surface  is  not  poisoned  by 
subsequent  application  of  “cleaning”  solvents,  but 
thermoplastics  such  as  PEEK  require  etching, 
plasma  treatment,  corona  discharge,  flame  spraying, 
or  some  aggressive  treatment.  Without  appropriate 
surface  treatment,  the  life  of  bonded  composite 
structures  cannot  be  assured.  For  both  kinds  of 
composites,  it  is  significant  that  virtually  zero-peel- 
strength  conditions  can  occur  while  there  is  still 
significant  shear-transfer  capability. 

Certification  plans  and  quality-assurance 
procedures  needed  for  ensuring  that  bonded 
composite  joints  can  be  relied  upon  are  provided. 
However,  no  alternative  is  provided  to  compensate 
for  the  great  inherent  weakness  of  ultrasonic  NDI  - 
that  it  can  only  find  gaps  and  is  totally  unable  to 
detect  the  globally  weak  bonds  caused  by 
inappropriate  processing,  much  of  which  is  done  in 
accordance  with  approved  specifications. 
Nevertheless,  this  limitation  emphasizes  the 
importance  of  properly  validated  bonding  processes, 
for  repair  and  for  initial  manufacture,  since  there  is 
usually  no  after-the-fact  method  of  restoring  the 
laminate  strength  even  for  the  flaws  which  are 
detected. 

A  review  of  the  development  of  an  all-bonded  wing 
equivalent  to  that  in  the  V-22  tilt-rotor  aircraft 
explains  how  much  money  (50%  of  the  total)  was 
saved  by  eliminating  the  cost  of  purchasing  and 
installing  the  many  fasteners  which  would 
otherwise  be  needed.  Significantly,  the  cost  is 
minimized  by  the  secondary  bonding  of  large 
torsionally  soft  integrally  stiffened  panels,  each  of 
which  is  simplified  by  omitting  intersecting 
stiffeners.  A  30%  weight  saving  was  achieved 
because  the  removal  of  fasteners  allowed  an 
increase  in  gross-section  strain  to  an  average  of 
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0.008,  per  test.  However,  since  the  leading-and 
trailing-edge  structures  need  to  be  bolted  to  the 
main  torque  box,  there  may  still  be  further  strain 
limits  to  be  accounted  for.  (This  could  be  done  by 
bolting  simulated  or  real  leading-  and  trailing-edge 
structures  to  the  test  box.)  Damage  tolerance  is 
achieved  by  the  use  of  soft  (predominantly  ±45°) 
skins  and  webs  and  predominantly  0°  stiffeners,  in 
the  form  of  pultruded  0°  rods.  The  skin-to-rib 
attachment  is  improved  over  the  earlier  mouse-hole 
concept  by  bonding  sloping  flanges  of  the  ribs 
directly  to  the  side  walls  of  the  stiffeners.  Proper 
alignment  and  positioning  of  all  the  details  is 
achieved  by  using  and  I..M.L.  skin  tool. 

The  difficulties  encountered  by  the  customer  in 
maintaining  composite  aircraft  structures  are 
addressed  at  both  the  Structural  Repair  Manual  and 
Design  Authority  level,  the  former  conventionally 
covering  only  small  standard  repairs.  (As  a  point  of 
reference,  it  may  be  noted  that  the  first  Lear  Fan 
aircraft  had  a  150  cm  by  225  cm  portion  of  the  nose 
in  the  pressure  cabin  replaced  during  manufacture, 
with  no  problems  encountered  on  any  of  the  flights. 
Since  both  the  skin  and  the  frames  were  separate 
pre-cured  details,  and  could  have  been  spared  as 
such,  bonding  on  a  replacement  skin  was  no 
problem.  The  load  intensity  in  a  patch  is 
proportional  to  its  thickness,  in  this  case  1.3  mm, 
not  its  area.)  While  the  patches  described  at  the 
meeting  worked  effectively,  the  need  for  more 
foresight  in  design  for  repairs  is  emphasized,  with 
particular  attention  to  the  virtual  impossibility  of 
making  co-cured  or  bonded  repairs  at  180°C  rather 
than  120°C  or  lower. 

The  repair  examples  discussed  include  what  should 
have  been  a  simple  bolt-on  panel,  .with  pre-drilled 
holes.  Because  the  hole  pattern  on  the  aircraft  does 
not  necessarily  match  that  on  a  separately  made 
spare  panel,  the  installation  can  be,  and  in  this  case 
was,  quite  difficult.  This  suggests  that  either  the 
tolerances  need  to  be  adhered  to  or  the  spare  parts 
be  furnished  with  no  holes  at  all. 

While  it  is  true  that  over-simplified  macro-level 
strength-prediction  models  can  be  quite  unreliable, 
history  suggests  that  the  use  of  micro-level  analysis 
will  achieve  the  most  response  when  used  to 
formulate  macro-level  models  rather  than  as  a  direct 
design  or  analysis  tool  in  their  own  right.  For 
instance,  matrix  failures  are  strongly  influenced  by 
intralaminar  residual  thermal  stresses,  from  high- 
temperature  curing,  even  more  than  by  interlaminar 
or  in-plane  stresses.  Yet  the  former  are  almost 
always  overlooked  and  even  the  latter  are  not 


always  accounted  for  scientifically.  While  the 
graphical  presentation  of  bolted-joint  design  charts 
given  here  might  yet  need  to  account  for  further 
variables,  at  least  it  is  simple  enough  that  it  is  likely 
to  be  used  by  practicing  structural  designers. 

Suggestions  for  future  work  include  the  following. 

•  A  de-emphasis  on  after-the-fact  inspection  of  all 
composite  structures  as  part  of  a  quality- 
assurance  program,  with  a  greater  emphasis  on 
pre-bonding  and  pre-curing  inspections  and 
cure  monitoring.  The  former  doesn’t  work 
reliably  and  the  latter  is  far  less  expensive 
overall. 

•  Demonstration  of  any  new  strength-prediction 
technique  in  the  predictive  mode,  preferably 
including  comparisons  with  test  data  not  used  in 
their  formulation. 

•  Far  more  attention  to  consideration  of  design 
for  repair.  (The  bolt-on  metal  patch  approach 
for  the  AV-8B  wing  is  a  good  example  of  this 
process,  but  it  works  best  only  with  near-quasi¬ 
isotropic  laminates  and  imposes  severe  limits 
on  the  design  operating  strains.)  The  idea  of 
bonding  pre-cured  details  to  make  spare  parts 
available  for  repairs  at  a  bond  temperature  far 
lower  than  normal  laminate-curing  temperature 
is  a  must.  The  need  to  dry  laminates  for 
bonding,  and  the  difficulty  of  doing  so  with 
honeycomb  structures,  should  be  noted. 

•  More  needs  to  be  done  to  identify  optimum 
bolted  joint  geometries  rather  than  merely 
accepting  or  rejecting  them  one  at  a  time.  The 
performance  criterion  needs  to  be  overall  gross- 
section  stress  level,  and  nothing  else.  The  truly 
optimum  solution  is  not  simultaneously  critical 
in  all  possible  modes  of  failure;  usually  only 
one  or  two  will  be  critical  —  and  the  others  will 
exhibit  large  margins.  This  is  not  widely 
known,  being  as  misunderstood  for  long- 
fatigue-life  metallic  strictures  as  for  composites. 

•  A  thorough  effort  should  be  made  to  remove 
from  the  list  of  accepted  processes  those 
operations  which  are  known  to  almost 
invariably  produce  premature  failures  in  service 
—  any  process  (or  omission  of  a  process)  which 
results  in  the  weak  link  in  a  bond  or  co-cure 
process  being  at  the  interface  between  the 
adhesive  and  the  resin,  for  example.  Also, 
bonding  to  Nomex  core  or  to  pre-cured 
composite  laminates  without  both  thorough 
drying  first  and  the  provision  of  reliable  venting 
to  allow  volatiles  to  escape  during  cure  should 
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be  outlawed.  Tests  need  to  be  performed  to 
show  the  difference.  Otherwise,  even  a 
mandated  change  is  unlikely  to  be  obeyed. 
Calling  for  a  water-break  test  is  a  partieularly 
useful  technique  in  bonding  composite 
structures.  Even  when  it  fails  in  its  nominal 
purpose,  it  cleans  off  any  dust  more  harmlessly 
than  cleaning  solvent  and  causes  the  laminate  to 
be  dried  because  it  is  seen  to  be  wet,  when  it 
otherwise  wouldn’t  have  been. 

•  Consideration  should  be  given  to  test  coupons 
which  do  not  necessarily  replicate  the 
composite  structure,  but  which  respond  far 
more  convincingly  to  undesirable  effects.  For 
instance,  pre-bond  moisture  may  have  little 
short-term  effect  on  an  autoclave  cured  or 
bonded  component,  but  would  be  devastating  to 
a  bonded  joint  cured  under  roughly  half  an 
atmosphere  -  a  joint  which  would  be  almost  as 
strong  as  for  autoclave  cures  in  the  absence  of 
such  moisture.  (Testing  with  a  full  vacuum 
would  be  inconclusive  because  very  few 
polymers  will  cure  without  boiling  in  such  a 
condition.)  Lap-shear  coupons  should  be  made 
from  unidirectional  tape  laminates,  even  if  the 
structure  is  not,  because  only  then  is  it  possible 
to  stress  the  adhesive  layer  to  a  load  sufficient 
to  fail  a  properly  cured  bond. 


•  The  Boeing  wedge-crack  test,  on  unidirectional 
laminates,  needs  to  be  evaluated  and,  if 
successful,  mandated  as  a  durability  test  for 
bonded  composite  structures.  Today,  there  is 
no  requirement  for  such  a  test,  even  though  the 
need  for  it  —  in  terms  of  in-service  failures  -  is 
just  as  great  as  it  was  for  metal-bonding  20 
years  ago. 

•  An  aversion  on  the  part  of  some  manufacturers 
against  rivetting  composite  structures  needs  to 
be  overcome  by  highlighting  the  successes  of 
others,  and  the  relevant  specifications  widely 
distributed.  Soft  rivets  are  far  easier  to  drill  out 
for  repairs  than  blind  fasteners  made  from  tool 
steel.  They  are  also  less  expensive  and  fill  the 
holes  better,  permitting  greater  tolerances  than 
with  conventional  threaded  or  swaged  fasteners. 
Their  reduced  shear  strength  also  leads  to  larger 
fastener  holes  and,  with  it,  to  stronger 
mechanical  joints  in  brittle  composite  structures 

•  The  usual  approach  to  repairs,  and  the  small 
areas  permitted  under  conventional  SRM’s 
needs  to  be  re-assessed,  for  pre-cured  details  at 
least,  based  on  the  recognition  that  the  load 
intensity  through  the  patch  is  proportional  to  its 
thickness,  not  its  area. 
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1.  SUMMARY 

Investigations  of  bolted  joints  from  the  introduction  of 
advanced  composites  in  the  mid-to-late  1960's  to  the  present 
are  reviewed.  Numerous  efforts  aimed  at  applying  two- 
dimensional  elastic  stress  analysis  in  conjunction  with 
appropriate  testing  have  been  conducted.  Modelling  of  the  pin- 
plate  contact  problem  by  a  radial  displacement  condition  rather 
than  a  radial  pressure  distribution  is  physically  more  realistic 
and  has  been  done  in  a  number  of  efforts,  startying  with  that 
of  Oplinger  and  Gandhi  in  the  early  1970's.  However  in  the 
case  of  the  problem  of  bearing-bypass  stress  interaction  which 
is  in  principle  controlled  by  the  radial  displacement  description 
of  the  contact  problem,  a  number  of  efforts  have  provided 
useful  results,  especially  in  conjunction  with  adjustments  based 
on  test  data  by  superposition  of  the  half-cosine  radial  pressure 
distribution  for  pure  bolt  bearing  load  and  the  open-hole  plate 
solution  for  bypass  load.  Approaches  to  predicting  failure 
using  results  of  2-D  elasticity  analysis  are  discussed.  In 
addition,  recent  effort  addressing  bearing  failure  on  the  basis 
of  the  three  dimensional  stress  state  is  considered.  Currently, 
the  details  of  the  three-dimensional  contact  problem  associated 
with  bending  deflections  of  the  fastener  as  well  as  the 
interaction  of  the  fastener  head  with  the  surfaces  of  the  joint 
plate  elements  are  seen  to  need  additional  study. 

2.  INTRODUCTION 

Bolted  joints  in  composite  structures  are  among  the  most 
challenging  problems  an  engineering  mechanics  specialist  has 
to  deal  with.  While  in  bolted  joints  in  general,  severe  stress 
concentrations  tend  to  develop  around  fastener  holes,  in  joints 
between  metallic  elements,  ductile  behavior  tends  to  smooth 
out  stress  peaks  and  designers  tend  to  ignore  their  effect  .  In 
fibrous  composite  structures,  however,  the  response  of  the 
composite  elements  tends  to  be  nearly  linear  to  failure  and 
smoothing  out  of  stress  peaks  does  not  happen  to  nearly  the 
same  extent  as  in  metals,  making  it  essential  for  a  detailed 
knowledge  of  the  distribution  of  stresses  to  be  made  available. 
In  addition  to  complexities  of  geometry,  especially  in  multi¬ 
fastener  joints,  which  make  even  elastic  stress  analysis  of 
bolted  joints  challenging,  bolted  joints  are  characterized  by 
nonlinear  effects  of  contact  corresponding  to  the  bearing  of  the 
bolt  shaft  and  head  against  the  surfaces  of  the  bolt  hole  and 
lateral  surfaces  of  the  joined  composite  plates.  Finally,  even 
when  an  adequate  knowledge  of  the  distribution  of  stresses  is 
obtained  by  whatever  analysis  method  is  chosen,  failure  of  the 
composite  tends  to  be  progressive,  so  that  nonlinear  material 


response  of  the  composite  which  is  difficult  to  predict  tends  to 
occur. 

The  objective  of  this  paper  is  to  review  the  progress  that  has 
been  made  in  the  analysis  and  design  of  bolted  joints  in 
composite  structures  since  advanced  composite  materials  were 
introduced  in  the  mid  60's,  in  order  to  identify  where  this 
technology  stands  at  the  present  time. 

The  discussion  which  follows  will  be  structured  in  terms  of: 

(1)  two-dimensional  stress  analysis  methods;  (2)  failure 
prediction,  based  on  the  two  dimensional  stress  analysis;  (3) 
requirements  for  three-dimensional  stress  analysis,  and;  (4) 
methods  for  treating  bolt  load  distribution  in  multi-fastener 
joints. 

3.  HISTORICAL  OVERVIEW 

Much  of  the  material  being  discussed  in  this  paper  is  covered 
in  greater  detail  in  an  upcoming  review  of  structural  joints 
given  in  Reference  1.  References  2-24  provide  a  list  of 
representative  experimental  and  analytical  efforts  which  have 
been  carried  out  on  bolted  joints  since  the  introduction  of 
advanced  composite  materials  around  1965. 

The  design  of  bolted  joints  in  composite  structures  is 
considerably  more  complicated  than  that  of  metal  structures 
because  of:  (1)  the  lack  of  ductile  response  of  composites  and; 

(2)  the  multiplicity  of  failure  modes  that  have  to  be  taken  into 
account  in  composite  laminates.  Because  of  nearly  elastic 
response  to  failure,  elastic  stress  analysis  plays  a  more 
prominent  role  in  composite  joint  design  than  in  metals. 

Prior  to  the  introduction  of  high  tech  composites  in  the  mid 
60's,  the  classical  literature  of  elastic  response  of  bolted  joints 
included  a  number  of  experimental  stress  analysis  efforts  based 
on  the  photo  elasticity  approach  [25].  Because  of  the  limited 
access  to  automated  computing  tools  up  to  that  time,  analytic 
efforts  [26-28]  were  limited.  With  the  growth  of  major 
computing  resources  in  the  1960's  there  have  been  numerous 
stress  analysis  efforts  based  on  two-dimensional  orthotropic 
elasticity  formulations  using  complex  variable  boundary 
collocation  approaches,  boundary  element  methods,  or  finite 
element  analyses.  The  work  of  Waszczak  and  Cruise  [2,3] 
and  of  Oplinger  and  Gandhi  [4-6]  represent  perhaps  the  first 
instances  in  which  the  complications  introduced  by  finite  outer 
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boundary  geometries  and  the  orthotropic  behavior  of  the  joint 
elements  were  taken  into  account.  Moreover  [4-6],  in 
particular,  provided  the  first  approach  to  dealing  with  the 
complications  introduced  by  the  nonlinear  behavior  associated 
with  the  displacement  statement  of  the  pin-plate  contact 
problem.  It  is  fortunate  that  although  the  stresses  around 
fasteners  are  inherently  three  dimensional  in  nature,  most  of 
the  significant  behavior  features  of  fastener-plate  interactions 
can  be  treated  by  two-dimensional  elasticity  analysis,  provided 
appropriate  experimentally  generated  correction  factors  for 
failure  predictions  are  introduced.  In  addition  to  the  work  of 
Waszczak  and  Cruise  (boundary  element  methods)  and  of 
Oplinger  and  Gandhi  (complex  variable  boundary  collocation), 
this  type  of  effort  has  been  characterized  by  the  work  of  Air 
Force  sponsored  programs  in  the  late  70's  to  mid  80's  by 
Garbo  et  al.  at  McDonnell  Douglas  [13-15]  and  by  Ramkumar 
and  colleagues  at  Northrop  [16,17],  work  at  NASA  by  Crews 
and  Naik  [18,19]  (finite  element)  in  the  early  to  late  80's  and 
recent  work  by  Madenci  and  Illeri  [20]  and  by  Xiong  and 
Poon  [21]  (orthotropic  elasticiy  solution  with  variationl 
statement  of  boundary  conditions).  Similar  efforts  which  have 
taken  place  since  the  early  1970's  in  India  under  A.  K.  Rao 
and  colleagues  [29-31]  featured,  in  addition  to  the  use  of 
complex  variable  collocation  approaches,  an  inverse  method 
for  dealing  with  the  contact  problem  in  which  the  contact 
angle  is  assumed  while  the  corresponding  bolt  load  is 
determined  by  an  iterative  process.  The  finite  element 
approach  of  Naik  and  Crews  [18,19]  represents  an  adaptation 
of  the  inverse  method  by  Eshwar  [29-30]. 

Of  special  interest  is  the  work  of  Hart-Smith  [7-10]  who  made 
judicious  use  of  the  classical  results  for  isotropic  plates  [  25- 
28]  in  combination  with  empirical  correction  factors  to  account 
for  effects  of  orthotropy  as  well  as  softening  effects  of  local 
matrix  damage  at  regions  of  high  stress. 

The  details  of  the  problem  of  contact  between  the  fastener  and 
the  surrounding  hole  is  a  major  challenge  in  the  analysis  of  the 
bolted  joint  problem.  Without  a  reasonably  accurate 
knowledge  of  the  size  of  the  contact  region  it  is  not  possible 
to  determine  the  pressure  distribution  at  the  edge  of  the  bolt 
hole  with  any  degree  of  confidence,  although  a  number  of 
efforts  have  used  the  expedient  of  representing  the  pressure 
distribution  by  a  "half-cosine"  function  in  which  180  degrees 
of  the  circumference,  assumed  to  represent  the  part  of  the 
fastener  hole  in  contact  with  the  bolt  shank,  is  subjected  to  a 
pressure  proportional  to  the  cosine  of  the  polar  angle  under 
consideration  with  the  remaining  part  of  the  circumference 
unloaded.  In  the  case  of  combined  bearing  and  bypass  loading 
it  is  customary  to  superpose  stresses  obtained  this  way  for  the 
bolt  load  component  of  the  problem  with  the  open  hole 
solution  (plate  under  tension  or  compression  containing  an 
interior  hole  with  no  bolt  present)  to  treat  the  bypass  load. 

Along  with  analytical  efforts,  companion  experimental  efforts 
were  conducted  in  the  work  of  Waszczak  and  Cruise  [2,3], 


Oplinger  and  colleagues  [6],  Hart-Smith  et  al.  [7-10],  Garbo 
etal.  [13-15],  Ramkumar  and  colleagues  [16,17]  and  by  Crews 
and  Naik  [18,19].  The  most  important  point  to  come  out  of  the 
comparison  of  experimental  and  analytical  effort  was  that:  (1) 
two-dimensional  elasticity  analysis  is  an  effective  means  of 
predicting  trends  in  joint  behavior  with  respect  to  orthotropic 
response  of  the  joint  elements  as  well  as  geometric  parameters 
such  as  lateral  spacing  of  fasteners,  the  spacing  of  fastener 
rows,  and  the  distances  between  fasteners  from  nearby  free 
edges;  (2)  failure  modes  are  also  reasonably  well  predicted 
through  two  dimensional  elasticity  analysis.  On  the  other  hand, 
numerical  values  of  failure  loads  tend  to  be  under-predicted 
from  point  stress  values  although  there  has  been  considerable 
success  in  combining  two-dimensional  elastic  stress  analysis 
with  the  stress  averaging  approach  of  Nuismer  and  Whitney 
[32]  for  joint  strength  prediction.  Considerable  additional 
effort  has  been  conducted  by  Hart-Smith  and  colleagues  which 
provided  simplified  methods  for  dealing  with  combined 
bearing  and  bypass  loading.  These  procedures  were  used  by 
Hart-Smith  et  al  for  joint  design  in  a  number  of  aircraft  design 
programs  sponsored  by  NASA  and  DoD.  The  work  of  Hart- 
Smith  and  colleagues  has  also  provided  important  insight  into 
the  effects  of  fastener  deformations,  including  bending  effects 
as  well  as  the  effects  of  fastener  head  contact  with  the  outer 
surfaces  of  the  joint  elements  [9]. 

Extensive  work  in  the  area  of  bearing-bypass  interaction  was 
also  conducted  by  Crews  and  Naik  [18-19]  who  developed 
important  test  procedures  for  providing  design  parameters  in 
joints  involving  combined  bearing  and  bypass.  These  and  other 
test  procedures  have  been  discussed  by  Shyprykevich  [33]  as 
well  as  in  MIL-HDBK-17-1E[34].  The  procedures  for  pure 
bearing  strength  tests  described  in  [33,34]  have  also  been 
incorporated  in  ASTM  test  standard  D5961-1M  [35]. 

Only  in  recent  years  has  much  work  of  any  substance  been 
done  on  the  three-dimensional  problem.  Recent  work  by 
Chang  and  colleagues  [23,24],  which  includes  extensive 
companion  experimental  effort,  has  done  much  to  clarify  the 
nature  of  the  bearing  failure  problem  as  an  out-of-plane  shear 
failure  process.  In  addition,  the  approach  taken  by  Schaff  and 
larve  [36]  represents  a  promising  new  analytic  technique  for 
efficient  stress  analysis  in  general  and  for  three  dimensional 
problems  in  particular. 

In  addition  to  the  problem  of  determining  stresses  and  failure 
loads  for  individual  fasteners,  prediction  of  load  distribution 
among  fasteners  in  a  complex  fastener  array  is  a  key  step  in 
joint  design.  Work  by  Ramkumar  et  al.  [16,17],  and  by  Hart- 
Smith  and 
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Figure  2  Critical  stresses 


colleagues  [7-9]  has  been  reported  extensively.  In 
particular,  the  Hart-Smith  work  has  been  embodied  in  a 
series  of  computer  programs  under  the  name  "A4Exx" 
which  have  been  made  available  for  general  distribution  by 
the  Air  Force  Aerospace  Structures  Information  and 
Analysis  Center  (ASIAC).  Other  computer  programs  of  this 
type,  including  SAMCJ  developed  by  Ramkumar  and 
colleagues  under  the  Northrop  Air  Force  sponsored 
program  [16,17]  as  well  as  the  more  recent  work  of 
Mad  end  and  Illeri  [20]  and  of  Xiong  and  Poon  [21]  have 
provided  bolt  load  distribution  calculations  as  a  basis  for 
Joint  design  systems. 

4.  SELECTED  RESULTS 

Figure  1  shows  the  notation  used  in  the  following 


discussion  for  various  geometric  parameters,  the  most 
important  being  W,  the  lateral  fastener  spacing,  D,  the  bolt 
diameter  and  e,  the  edge  distance  (i.e.  from  the  bolt  center 
to  the  unloaded  edge).  Figure  2  indicates  various  sections 
of  the  Joint  that  participate  in  bearing  the  load  and  control 
failure,  the"gross  seetion"  of  area  Wt  (t  being  the  laminate 
thickness),  the  n"net  section"  of  area  (W-D)t,  the  "shearout 
section"  of  area  2et  and  the  "bearing  section"  of  area  Dt. 
Corresponding  stresses  which  are  of  key  importance  in 
controlling  Joint  failure  are  the  gross  section  stress,  Oq  and 
the  peak  net  section,  shearout  and  bearing  stresses,  0^5), mx. 
^xy)n,ax  «^bx)max.  respectively. 

4.1  The  Contact  Problem 

Figure  3  taken  from  Reference  6  compares  predictions  of 
stress  concentrations  in  a  pin  loaded  laminate  containig  40 
percent  of  0  degree  fibers  with  60  percent  of  ±45  degree 
fibers,  for  a  W/D  of  2.  (Although  fastener  spacings  as 
small  of  this  would  not  correspond  to  a  realistic  Joint 
design,  the  results  are  illustrative  of  the  general  situation.) 
The  stress  concentration  factors  denoted  Kq"',  Kq*"  and 
tabulated  to  the  left  of  the  figure,  are  net  section,  bearing 
and  shearout  stress  concentration  factors  relating  peak  net 
section  tension,  bearing  and  shearout  stresses  shown  in 
Figure  3  as  ratios  to  the  gross  section  stress  (CTq  in  Figure 
IB).  The  differences  between  the  stress  concentration 
values  for  the  half-cosine  pressure  vs.  the  displacement 
solution  differ  by  30-40%,  indicating  that  the  assumed 
pressure  distribution  would  under-  or  over-  predict  the 
stress  peaks  depending  on  which  failure  mode  is 
controlling  failure  of  the  Joint.  Note  that  these  predictions 
are  for  an  exact  pin  fit  with  no  bypass  loading,  for  which 
References  4  to  6  have  shown  that  the  contact  angle  is 
close  to  -90  to  ±90  degrees  as  indicated  in  the  figure. 
Figure  4  shows  some  other  examples  of  interest.  Here 
radial  pressure  distributions  predicted  for  a  number  of 
geometries  are  shown.  The  hexagonal  and  circular 
symbols  represent  predicted  results  for  a  pin  in  an  infinite 
plate  vs.  a  finite  width  plate  with  W/D  equal  to  2,  giving 
fairly  similar  pressure  distributions  which,  for  practical 
purposes,  could  be  modelled  as  a  half  cosine  distribution 
without  a  great  sacrifice  of  accuracy.  On  the  other  hand  the 
triangles,  representing  a  case  of  a  pin  clearance  as  small  as 
.025  per  cent,  demonstrate  that  for  typical  load  values  the 
contact  angle  decreases  significantly  (to  -75  to  ±75 
degrees)  and  the  half-cosine  load  which  implies  non-zero 
radial  pressure  from  -90  to  ±90  degrees  is  no  longer 
reasonable.  Clearances  on  the  order  of  0.2%  are  fairly 
routine  in  aecepted  design  practice,  so  that  this  effect  has 
to  be  of  concern.  In  addition,  the  square  symbols  show  that 
the  predicted  pressure  distribution  for  a  small  edge  distance 
(e/D  of  0.75)  which  tends  to  induce  beam  bending  of  the 
part  of 
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Figure  3  "Half  cosine"  pressure  distribution  vs.  radial 
displacement  boundary  condition  [6] 
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Figure  4  Radial  pressure  distributions  predicted  by  contact  solution  [6] 


the  plate  in  front  of  the  pin  (illustrated  in  Figure  5)  is  radically 
different  from  the  half-cosine  distribution,  so  that 
investigations  of  any  other  than  perfect  pin  fits  with  sizeable 
edge  distances  cannot  be  carried  out  with  an  assumed  half¬ 
cosine  pressure  distribution. 

The  case  of  combined  bearing  and  bypass  stresses  is  another 
situation  in  which  solution  of  the  contact  problem  is 
important("bypass"  stresses  referring  to  the  stresses  at  a  given 
bolt  hole  in  a  multi-row  joint  produced  by  loads  on  fasteners 
other  than  the  one  in  the  hole  under  consideration).  Figure  6 
compares  the  behavior  of  the  joint  for  pure  bypass  loading  vs. 
pure  bearing  loading,  for  the  case  of  an  exact  fit.  Note  that  for 
pure  bypass  loading  in  particular  a  split  contact  region  occurs, 
again  being  radically  different  from  the  half-cosine 
distribution.  For  combinations  of  bearing  and  bypass  loading 


treated  in  [6]  the  contact  situation  was  generally  intermediate 
between  the  two  cases  shown  in  Figure  6.  Although  failure 
data  for  combined  bearing  and  bypass  loading  are  usually 
represented  by  a  linear  failure  envelope,  the  predicted  stresses 
concentrations  presented  in  [6]  were  a  nonlinear  function  of 
the  bearing/bypass  load  ratio.  Naik  and  Crews  [18],  who  as 
stated  earlier,  adapted  the  inverse  approach  for  the  contact 
solution  to  the  finite  element  method,  investigated  the  validity 
of  the  superposition  approach  for  combined  bearing  and 
bypass  loads  and  reported  that  superposition  of  the  open  hole 
solution  for  bypass  loading  with  the  half-cosine  solution  for 
bolt  bearing  load  gives  unacceptable  predictions  of  bearing 
stresses  although  the  predicted  peak  net  section  tensile  (or 
compression)  stress  predictions  may  not  be  unreasonable. 
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Figure  5  In-plane  bending  effects 
with  Small  e/D 
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(B)  Single  Shear  configuration 

Figure  7  Single  shear  vs. 
double  Shear  configurations 


The  two-dimensional  solution  unavoidably  ignores 
the  details  of  the  pressure  distribution  through  the 
thicknesses  of  the  joint  plate  elements.  As  suggested  in  Figure 
7,  the  contact  area  may  be  concentrated  in  fairly  narrow  bands 
near  the  surfaces  of  the  Joint  plate  elements.  This  is  especially 
important  in  evaluating  the  difference  in  performance  of  single 
and  double  shear  Joints.  A  full  three  dimensional  analysis  is 
needed  to  develop  an  accurate  assessment  of  the  details  of  the 
through-the-thickness  pressure  distribution,  although  Harris  et 
and  OJalvo  [37]  introduced  a  two-dimensional  approximation 
in  which  the  bolt  is  treated  as  a  beam  on  an  elastic  foundation 
representing  the  plate  area  surrounding  the  bolt.  This  type  of 
approach  was  used  by  Ramkumar  et  al  [16,17]  in  developing 
the  single  fastener  SASCJ  code.  It  appears,  incidentally,  that 
the  most  crucial  deformations  of  the  bolt  correspond  to 
transverse  shear  and  bending  deformations  of  a  beam.  On  the 
basis  of  analytical  efforts  by  Hyer  et  al  [12],  distortions  of  the 
circular  cross  section  of  the  bolt  appear  to  be  negligible. 

Additional  contact  effects  are  represented  in  Figure  8  taken 


Figure  6  Contact  Angles  for  Pure 
Bearing  Load  vs.  Pure  Bypass  Load 


Figure  8  Effects  of  Fastener  Bending  on 
Joint  Failure  [9] 


from  [9]  which  illustrates  the  role  of  the  bolt  head  and  washer 
periphery  in  controlling  the  bolt  deformations.  Little  analytical 
effort  appears  to  have  been  devoted  to  this  issue  at  this  point. 

It  is  apparent  that  full  three  dimensional  stress  analyses  can 
throw  considerable  light  on  these  issues,  although  it  is  not 
clear  that  much  effort  has  been  done  in  this  area  as  yet. 

4.2  Stress  concentrations  and  failure  prediction 

Typical  results  obtained  from  two-dimensional  elasticity 
analysis  are  represented  by  those  discussed  in  [4-6]  on  the 
effects  of  fastener  spacing  and  edge  distance  for  single 
fastener  elements  (Figures  9  and  10)  as  well  as  parallel  arrays 
of  fasteners.  Single  fastener  geometries  correspond  to  the 
behavior  of  bolt  bearing  test  coupons  while  parallel  arrays 
reflect  the  behavior  of  rows  of  bolts  loaded  normally  to  the 


1-6 


center  lines  of  the  rows,  eg.  the  vertical  rows  in  Figure 
1.  Figures  9  and  10  for  single  fastener  geometries  give 
typical  behavior  of  the  three  stressconcentration  factors 
(peak  net  section  tension,  shear  and  bearing  stress)  as 
functions  of  joint  geometry,  ie.  of  the  fastener  spacing 
in  terms  of  D/W  and  the  edge  distance  in  terms  of  e/W.  The 
most  significant  characteristic  of  Figure  9  is  the  tendency  for 
minimum  peak  stresses  to  occur  at  a  joint  width  (or  fastener 
spacing  for  the  parallel  array  case)  of  twice  the  bolt  diameter, 
which  is  considerably  smaller  than  the  four  diameter  or  larger 
spacings  usually  considered  to  be  good  design  practice.  The 
results  discussed  in  [8]  by  Hart-Smith  based  on  empirically 
corrected  isotropic  stress  analysis  indicated  a  slightly  larger 
optimum  spacing  (about  2.5D)  for  the  single  fastener  case 
though  not  radically  different  from  what  Figure  9  suggests. 

Note  that  a  minimum  in  the  net  section  and  shear  stress 
concentrations  can  be  expected  to  correspond  to  maxima  in 
joint  strength,  provided  the  joint  does  not  fail  by  bearing 
failure,  which  it  is  not  likely  to  for  such  small  values  of  W/D. 

The  results  given  in  Figure  10  are  of  similar  interest.  Although 
the  effects  of  edge  distance,  e,  are  customarily  considered  in 
terms  of  the  edge  distance-to-diameter  ratio  e/D,  the  results  of 
Figure  10  suggest  that  for  laminates  which  fail  in  either  net 
tension  or  shear  failure,  the  controlling  peak  stresses  are  not 
minimized  until  e  is  at  least  equal  to  W,  regardless  of  the  bolt 
diameter.  This  is  illustrated  in  Figure  11,  which  shows  an 
arrangement  of  three  fasteners  having  the  same  effective  W 
but  with  differing  diameters.  Based  on  the  curves  for  the  stress 
concentrations  shown  in  Figure  10,  the  minimum  edge 
distance  for  full  joint  strength,  denoted  e„i„,  is  equal  to  W  in 
all  three  cases.  Edge  distances  specified  in  terms  of  e/D  would 
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Figure  10  Stress  concentrations  vs. 
edge  distance[6] 

lead  to  different  e  values  for  each  of  the  bolt  diameters  in 
Figure  11.  Note  that  in  [8]  Hart-Smith  gave  curve-fitting 
formulas  for  the  predicted  stress  concentration  factors  in 
isotropic  plates  which  contained  e/W  rather  than  e/U  to 
represent  edge  distance,  in  agreement  with  the  results 
discussed  in  [6]  for  orthotropic  laminates. 

Experimental  data  related  to  the  analytical  results  in  Figures 
9  and  10  are  given  in  Figures  12  and  13  [6].  Figure  12  gives 
bearing  strength  test  results  for  a  number  of  laminates, 
verifying  the  observed  effect  of  W/D  suggested  by  the 
analytical  results  of  Figure  9,  and  confirming  the  expected 
strength  maximum  for  W/D=2.  The  materials  considered  in 
both  Figure  12  and  13  are  given  at  the  upper  right  of  Figure 
12.  Figure  13  gives  test  results  similarly  confirming  the  trends 
of  joint  strength  vs.  e/W  suggested  in  Figure  10.  Thus  the 
analytic  results  based  on  two-dimensional  elasticity  analysis 
from  bearing  tests. 

Prediction  of  actual  strength  values  from  the  results  of  two- 
dimensional  elasticity  analyses  requires  the  addition  of  a 
laminate  strength  analysis  routine  to  the  stress  analysis,  since 
the  latter  treats  the  laminate  as  a  homogenous  orthotropic  body 
with  no  consideration  of  the  details  of  laminate  stacking 
sequence.  Attempts  to  make  such  strength  predictions  based  on 
inputting  thickness-averaged  stress  values  from  the  stress 
analysis  into  the  laminate  strength  routine  were  carried  out  in 
the  early  work  reported  by  Waszczak  and  Cruise  [2,3]  as  well 
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Figure  1 1  Minimum  Edge  Distance  is  Equal  to 
W  (independent  of  D) 
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Figure  1 2  Experimental  Results  on 
Strength  vs.  D/W  [6] 

as  that  of  Oplinger  and  Ghandi  [4-6],  It  was  apparent  that 
while  these  types  of  predictions  could  identify  trends  in 
strength  vs.  stacking  sequence  as  well  as  determining  failure 
modes,  strength  levels  were  usually  under-  predicted  by  this 
approach,  since  while  organic  matrix  composites  are  relatively 
brittle  compared  with  metals,  there  is  some  relief  of  peak 
stresses  because  of  local  softening  of  the  matrix  in  the  vicinity 
of  the  stress  peaks. 

Figure  14  [6]  compares  the  strength  of  metallic  [38]  and 
composite  bearing  test  specimens  on  the  basis  of  the  reduction 


of  the  average  net  section  strength  denoted  F‘"‘'  to  the  strength 
of  the  virgin  material,  denoted  F*".  Note  that  the  results  in 
Figure  14  are  plotted  against  W/D,  so  that  bolt  size  decreases 
and  relative  fastener  spacing  increases  toward  the  right  of  the 
figure.  The  dashed  curve  in  the  upper  portion  of  the  figure  for 
metal  joints  represents  the  failure  prediction  for  ideally  brittle 
isotropic  materials  obtained  from  the  inverse  of  the  net  section 
stress  concentration  factor  given  in  [25]  for  bolt  loaded  lugs. 
Results  lying  above  the  brittle  failure  curve  indicate  the 
presence  of  a  stress  relief  mechanism,  and  it  is  clear  that  in  the 
case  of  metals,  yielding  does  have  this  effect.  The  results  for 
the  composite  materials  shown  in  the  lower  part  of  the  figure 
likewise  lie  for  the  most  part  above  the  brittle  failure  curve, 
again  indicating  the  presence  of  a  stress  relief  mechanism.  It 
has  become  generally  accepted[8]  on  the  basis  of  microscopic 
examination  of  failed  bolt  bearing  specimens  that  localized 
damage  in  the  form  of  delamination  and  fiber  splitting  around 
the  region  of  peak  net-section  stresses  is  responsible  for  this 
stress  relief  effect.  Note  that  the  matrix  in  fibrous  composites 
has  the  function  of  providing  lateral  transfer  of  loads  through 
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“  Material 

"GL  A  "  - 
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S  glass  epoxy 
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carbon  epoxy 

"GL  B  "  -- 

20/60/20 

S  glass  epoxy 

"GR  B"  - 

It 

carbon  epoxy 

"GL  C"  - 

54/0/46 

E  glass  epoxy 

shear  stresses,  and  if  the  matrix  is  depleted  or  softened  locally, 
removal  of  this  shear  transfer  mechanism  reduces  the 
composite  to  a  system  of  cables,  in  which  case  the  stresses 
will  tend  to  be  averaged  over  the  region  of  localized  damage. 
Nuismer  and  Whitney[32]  conducted  studies  of  plates  under 
tension  containing  holes  of  various  shapes  and  sizes,  from 
circular  holes  to  crack-like  slits.  The  results  of  their  study 
indicated  that  by  assuming  a  region  of  loeal  matrix  damage  to 
be  present  and  independent  of  the  details  of  the  hole  shape  or 
size,  failure  load  could  be  predicted  by  determining  the  load 
at  which  the  stress  at  a  fixed  distance  from  the  hole  boundary 
(presumably  related  to  the  damage  zone  size  and  commonly 
denoted  a„)  is  equal  to  the  strength  of  the  laminate  as 
determined  from  test  coupons  without  holes.  The  value  of  a„ 
is  determined  by  empirical  fits  of  data  on  plate  strength  vs. 
hole  size.  Once  a„  is  determined  for  a  given  laminate,  the 
strength  of  bolted  Joints  as  well  as  plates  with  open  holes  can 
be  successfully  predicted  by  eomparing  the  stress  predicted  at 
the  distance  a^  from  the  boundary  of  the  bolt  hole  to  the 
strength  of  the  unnotched  laminate.  The  work  of  Garbo  et  al. 
[13-15]  made  extensive  use  of  this  type  of  prediction.  It  has 
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Figure  1 3  Experimental  results  on  e/W  [6] 
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Figure  14  Comparison  of  metallic  and 
composite  bearing  test  results[6] 


become  common  practice  to  use  this  approach  in  conjunction 
with  two-dimensional  elasticity  analysis  in  the  prediction  of 
bolted  joint  strength  for  design  purposes.  It  is  generally 
accepted  that  the  Nuismer  Whitney  approach  is  reasonably 
successful  for  predicting  joint  loads  for  net  section  tensile  and 
compressive  failures  as  well  as  for  shear  failures,  although  not 
for  bearing  failure. 

In  an  alternative  approach,  Hart-Smith  [8]  presented  a  method 
of  predicting  strength  based  on  the  application  of  empirical 
correction  factors  to  stress  predictions  for  isotropic  joint 
materials  given  in  Petersen  [25]  and  elsewhere.  Hart-Smith 
defined  an  effective  stress  concentration  factor  at  failure, 
denoted  k^.,  which  is  equivalent  to  the  inverse  of  the  abscissae 
of  Figure  14,  ie.  to  F"/F"*“,  and  reported  data  that  implies  a 
linear  relationship  between  k(g,  the  elastic  net  section  stress 
concentration  calculated  as  a  function  of  W/D  and  e/W,  and 
Iq,,,  of  the  form  kt,-l=C(k(g-l).  Data  presented  in  [8]  for 
various  joint  geometries  and  including  data  from  open-hole 
tests  reflected  a  range  of  k,g  values  from  about  2.5  to  7.5,  for 
both  quasi-isotropic  (25%  0°  /50%  45°  /25%  90°)  and  02±45 
carbon  epoxy  laminates  tended  to  confirm  this  linear  relation. 
The  results  showed  that  for  geometries  with  a  kjg  a  value  of  5, 
for  example,  the  effective  stress  concentration  factor  k,,  was  2 
for  the  quasi-isotropic  laminates  and  2.85  for  the  02±45 


material,  verifying  the  reduction  of  stress  concentration  factor 
from  the  elastic  stress  analysis  prediction.  (In  the  case  of 
02±45  laminates  the  k,,  value  obviously  included  a  correction 
for  orthotropy  of  elastic  response  as  well  as  the  stress 
concentration  suppression  effect.  )  Hart-Smith's  results  are 
interesting  in  confirming  the  occurrence  of  a  stress  relief 
mechanism.  The  Nuismer  Whitney  approach  has  the  advantage 
for  predictions  based  on  the  application  of  an  orthotropic  stress 
analysis  in  providing  a  method  for  directly  using  the  stress 
results  to  predict  joint  strength  without  the  need  for  extensive 
testing. 

A  more  direct  failure  prediction  approach  based  on  physical 
modelling  of  the  laminate  which  has  been  developed  by  Chang 
et  al. [22-24]  incorporates  a  progressive  damage  model  into 
associated  two-dimensional  finite  element  calculations.  Results 
of  this  approach  lead  to  conclusions  similar  to  those  obtained 
from  the  Nuismer  Whitney  correction  to  2-D  linear  elasticity 
analysis.  Recently  the  progressive  failure  approach  has  been 
applied  in  conjunction  with  investigations  of  bearing  failure 
[23]  and  an  FAA  supported  effort  involving  comparison  of 
open  and  filled  hole  response  [24]  of  bolted  joints.  The  latter 
is  an  issue  in  development  of  test  data  for  determining  the 
Nuismer  Whitney  a^  parameter,  since  filled  hole  specimens 
(equivalent  to  plates  with  interior  holes  with  bolts  inserted  to 
provide  the  restraint  against  radially  inward  displacement  of 
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Figure  15  Open  hole  vs.  filled  hole  joint 
strength[24] 


and  it  is  suggested  that  this  is  because  edge  delamination, 
which  is  a  factor  in  the  determination  of  a^,,  is  suppressed  in 
filled  hole  specimens.  The  effect  of  the  presence  of 
clamping  pressure  has  been  found  to  have  an  additional 
influence  on  the  results  of  such  tests. 

Bearing  failure  studies  reported  in  [23]  led  to  important 
observations  on  the  nature  of  bearing  failure.  Bearing 
failures  for  bolted  joints  with  typical  clamping 
arrangements  are  illustrated  in  Figure  16.  These  results 
clarify  the  fact  that  bearing  failure  is  a  form  of  out-of-plane 
shear  failure  occurring  along  planes  oriented  at  45  degrees 
to  the  mid-plane  of  the  laminate.  On  the  basis  of  these 
results  it  appears  that  bearing  failure  may  not  be  associated 
with  the  same  damage  zone  feature  that  controls  net  section 
tension  and  shear  failure.  In  the  latter  case,  the  thicknesses 
of  individual  plies  probably  control  the 
damage  zone  size  while  in  the  case  of  bearing 
failure  it  is  more  likely  to  be  controlled  by  the 
total  laminate  thickness. 


T800H/3900-2 
1(90/±4S/0)3]s 
D=0.2S"  D«/D=2 
W/D=8  BVD=6 


BEARING  LOAD 


FINGER  TIGHT  100  LBS  CLAMPING  400  LBS  CLAMPING 


Figure  16  Bearing  failure  studies  [23] 


the  laminate  )  are  physically  more  representative  of  actual 
joints  than  are  open  holes  with  no  restraint  at  the  hole 
boundaries.  Figure  15  gives  an  example  of  data  which  has 
been  obtained  in  this  study.  It  shows  that  filled  hole 
specimens  are  usually  weaker  than  open  hole  specimens, 


4.3  Three  dimensional  analysis  efforts 

As  discussed  earlier,  two-dimensional  analysis 
necessarily  ignores  the  details  of  through-the- 
thickness  contact  between  the  between  the 
bolt  and  the  joint  plate  elements.  As  discussed 
by  Shyprykevich  [33]  issues  which  are 
affected  by  through-thickness  variations  in 
contact  pressure,  eg.  differences  in 
performance  of  single  and  double  shear  joints 
(Figure  7)  as  well  as  between  protruding 
head  and  countersunk  fasteners  are  usually 
investigated  through  standard  tests  giving 
coupon  bolt  bearing  strength  as  a  function  of 
joint  geometry.  Fastener  deflection 
characteristics  which  are  needed  for  prediction 
of  bolt  load  distribution  in  multi-row  joints 
have  been  addressed  using  the  beam-on-elastic 
foundation  [37]  representation  for  the  bolt,  but 
three  dimensional  stress  analysis  would 
provide  a  more  accurate  assessment  of  this 
aspect  of  the  joint  design 
problem. 

Until  the  1980's  extensive  use  of  three 
dimensional  analysis  to  investigate  joint 
behavior  was  relatively  diffieult  not  only 
because  of  the  lack  of  computing  power  but 
also  because  of  a  laek  of  efficient  methods  of 
creating  three  dimensional  meshes  and  for 
presentation  of  output  data.  The  graphical 
capabilities  which  are  routinely  available  at  this  point  for 
pre-  and  post-processing  of  finite  element  data  as  well  as 
the  computing  power  that  can  be  applied  to  the  main 
computational  effort  have  made  three-dimensional  analysis 
of  bolted  joints  a  relatively  straightforward  endeavor. 
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design  systems  have  to  provide  a  method  for  the  distribution 
of  loads  among  various  fasteners  present  in  the  joint. 

Various  Government-funded  design  and  analysis  packages 
such  as  A4EK  [7- 10]  and  SAMCJ  [16,17]  have  been 
developed  in  the  US  and  are  available  on  a  limited  basis 
from  the  U.  S.  Air  Force's  Aerospace  Structures  Information 
and  Analysis  Center  (ASIAC).  Other  efforts  providing 
calculations  of  bolt  load  distribution  include  that  of 
Waszczak  and  Cruise  [2,3]  as  well  as  recent  efforts  such  as 
that  of  Madenci  et  al  [40]  which  is  supported  by  FAA  grant, 
and  the  effort  of  Xiong  and  Poon  [21]. 


Figure  1  7  Analysis  of  multi-fastener  Joints  by 
modified  mapping/collocation  [20] 


BOLT  LOAD  DISTRIBUTIONS 
4  ROW  BOLTED  JOINT 


BOLT  DIAMETERS 


3/8, 1/2, 1/2. 5/8  T 


0J5O  IN. 

CONFIGURATION  O 
■  0-005  INyiN. 

1  2  3  4  n„ 


— { _ 1  1  i  iU 

1/2.  1/2,  1/2,  1/2 


CONFIGURATION  C 


1  2  3  4  0J251N. 


EC 


1/2. 1/2, 1/2. 1/2  I  '  1  R 

CONFIGURATION  B 


A.,„  -  OIWASlNyiN. 
0.S0IN.  1  2  3  4  0.25  IN. 

1/2  '|  -  =  =  — j-"  — 


Bolt  load  distributions  are  controlled  by  stretching 
deformations  of  the  joint  plate  elements  together  with 
effects  of  fastener  rotation,  slippage  due  to  fastener 
hole  clearance  and  beam  shear  and  bending 
deformations.  Plate  stretching  deformations  can  be 
predicted  effectively  by  two  dimensional  stress 
analysis  of  single  fastener  elements,  but  the  effects 
related  to  the  fastener-controlled  deformations  are 
normally  determined  from  bearing  tests.  Once  the 
deformation  characteristics  of  the  single-fastener 
element  ar  determined,  the  load  distribution  for  the 
joint  as  a  whole  can  be  obtained  from  a  redundant 
structural  analysis  in  which  the  single  fastener 
elements  and  fasteners  are  treated  as  an  array  of 
springs.  For  single  shear  joints,  bending  deformations 
have  to  be  taken  into  account  in  these  calculations. 


CONFIGURATION  A 
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Figure  18  Load  distribution  in  multi-fastener  joints  [9] 


Studies  being  presented  at  this  workshop  [36,39]  are 
examples  of  what  is  currently  feasible. 

Other  than  standard  displacement-based  finite  element 
approaches,  a  new  approach  [36]  based  on  the  use  of  multi¬ 
dimensional  spline  functions  for  representing  various 
quantities  entering  into  the  analysis  is  of  interest  as  a  more 
efficient  approach  to  three-dimensional  analysis.  Three 
dimensional  analysis  including  effects  of  progressive 
damage  are  reported  in  [39].  In  addition,  F.  K.  chiang  [41] 
reports  work  at  Standford  University  in  which  progressive 
failure  models  are  incorporated  into  a  standard  ABAQUS 
analysis,  ABAQUS  having  the  capability  for  incorporating 
user-generated  elements  and  modelling  features.  It  is 
anticipated  that  considerable  progress  with  the  three- 
dimensional  bolted  joint  problem  will  be  realized  in  the  next 
few  years. 

4.4  Analysis  of  multi-fastener  joints  and  joint  design 
routines. 

In  addition  to  routines  for  determining  stresses  around  bolt 
holes  in  mechanically  fastened  joints  and  procedures  for 
predicting  joint  failure  on  the  basis  of  the  stresses,  joint 


A  more  elaborate  approach  is  incorporated  by 
Madenci  [20,  40]  as  illustrated  in  Figure  17.  Here  the 
joint  is  divided  into  regions  containing  the  individual 
fasteners  for  which  the  stresses  and  deformations  can 
be  simultaneously  determined  using  the  complex  variable- 
collocation  approach  with  continuity  of  stresses  and 
displacements  imposed  at  the  zone  boundaries.  The  zones 
thus  are  analogous  to  super-elements  in  a  finite  element 
analysis.  Examples  of  bolt  load  distributions  obtained  are 
shown  in  Figure  18  [9]  for  several  practical  joint 
configurations.  Note  that  joint  plate  tapering  as  well  as 
variation  of  fastener  diameters  (fastener  diameters  are  listed 
to  the  left  of  the  sketch  of  each  joint  type)  may  be  used  to 
optimize  the  joint.  Configurations  C  and  D  (the  upper 
sketches  in  the  figure)  both  have  tapered  outer  plate 
elements,  but  the  strongest  joint  based  on  the  maximum 
strains  listed  at  the  right  of  the  sketches  show  that  the  D 
configuration  which  varies  the  bolt  diameters  is  the 
strongest. 

5.  CONCLUSIONS 

•  Two  dimensional  elastic  stress  analysis  gives  good 
predictions  of  joint  behavior  if  the  problem  of  contact 
between  the  bolt  and  plate  is  addressed  with  displacement 
rather  than  assumed  pressure  boundary  conditions.  Effects  of 
high  bypass  loading,  hole  clearance  and  short  edge  distance 
will  introduce  significant  solution  errors  unless  the  contact 
problem  is  treated  realistically. 
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•  Two  dimensional  orthotropic  elastic  stress  analysis  in 
conjunction  with  laminate  strength  analysis  with  corrections 
such  as  that  of  Nuismer- Whitney  for  stress  relief  effect  give 
good  predictions  of  joint  strength  and  failure  mode  as 
functions  of  geometric  parameters  such  as  W/D  and  e/D  as 
well  as  of  the  laminate  material  and  stacking  sequence. 

•  Three  dimensional  analysis  is  needed  to  give  a  better 
understanding  of  through-the  thickness  contact  pressure 
distributions  associated  with  bolt  bending  and  other  effects. 
Recent  3D  investigations  and  development  of  new 
approaches  to  3D  analysis  promise  to  give  a  better 
understanding  of  these  effects  in  the  near  future. 

•  A  number  of  routines  such  as  A4EK  and  SAMCJ  have 
been  developed  for  providing  bolt  load  distributions  for 
design  purposes.  These  may  be  used  in  conjunction  with  test 
methods  such  as  those  described  in  [33]  and  [34]  for 
determining  the  effect  of  joint  configuration  and  fastener 
type  on  fastener  deflections. 
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1.  SUMMARY 

Graphite  fiber  reinforced  polymeric  composites  have  been  used 
extensively  m  the  primary  and  secondary  structures  of  modern 
military  and  civilian  aircraft.  In  these  structures,  bolted  joints 
are  important  considerations  in  structural  design  and  repair. 
Reviews  of  the  literature  indicated  that  most  of  the  current 
design  methods  were  developed  for  single  fastener  joints  and, 
in  general,  design  optimization,  three  dimensional  effects  and 
fatigue  behaviour  required  further  research  and  development. 
This  paper  reviews  the  results  of  the  bolted  joint  technology 
development  project  sponsored  by  the  Institute  for  Aerospace 
Research  and  the  Canadian  Department  of  National  Defence. 
The  project  includes  the  development  of  computer-aided  design 
tools  for  optimizing  the  design  of  multi-fastener  composite 
joints  and  for  predicting  the  fatigue  behaviour  of  pin/bolt 
loaded  composite  laminates.  Current  focus  and  future  direction 
of  the  development  of  analytical  tools  for  repair  of  composite 
structures  and  other  applications  are  presented. 

2.  INTRODUCTION 

Carbon  fiber  reinforced  polymeric  composites  are  used 
extensively  today  in  many  aerospace  applications  because  their 
superior  strength-to-weight  and  stiffness-to-weight  ratios 
enable  light-weight  primary  structures  be  manufactured.  For 
example,  the  primary  structure  of  the  Canadian  Space  Station 
Remote  Manipulator  System  (SSRMS)  consists  of  four 
composite  arm  boom  segments.  Each  segment  consists  of  a 
thermoplastic  composite  cylinder  mechanically  fastened  to 
metallic  flanges  at  both  ends.  These  segments  are  then 
connected  by  bolted  joints.  Another  example  is  that  modern 
airframes  are  manufactured  from  many  different  parts  such  as 
skins,  stiffeners,  spars,  etc.  These  parts  must  be  assembled  to 
form  components  and  then  finally  the  whole  structure.  For 
composite  parts,  adhesive  bonding  and  mechanical  fastening 
are  the  prevalent  joining  methods  used  in  assembly.  Although 
adhesive  bonding  has  many  advantages,  including  higher  joint 
efficiency  and  lower  part  counts,  mechanically  fastened  joints 
are  often  required  for  thick  laminates  and  are  indispensable 
when  manufacturing  breaks  are  required  for  disassembly, 
inspection,  repair  or  replacement.  Since  bolted  joints  are  a 
major  source  of  stress  concentration,  they  are  perhaps  the  most 
prone  to  failure.  The  material’s  anisotropic  behaviour,  poor 
yielding  capability,  and  the  absence  of  fiber  reinforcement  in 
the  through-the-thickness  direction  make  the  failure  modes  very 
different  from  those  of  a  metallic  joint.  As  a  result,  design 
methods  for  metallic  joints  cannot  be  applied  directly  in 
composite  bolted  joints.  This  concern  had  prompted  extensive 
engineering  effort  in  developing  appropriate  design  methods 
for  mechanically  fastened  composite  joints. 

An  earlier  literature  review  [1]  identified  that  most  design  and 
analysis  methods  were,  in  general,  based  on  finite  element 
methods,  two  dimensional  theory  of  elasticity,  and  boundary 


collocation  methods.  The  methods  were  developed  for  the 
design  of  single  fastener  joints.  In  general,  design  optimization 
was  not  available.  This  finding  had  prompted  the  initiation  of  a 
project  at  the  Institute  for  Aerospace  Research  (lAR)  which 
aimed  at  developing  a  computer-aided  tool  capable  of 
optimizing  the  design  of  multi-fastener  composite  joints.  As  a 
result  of  this  effort,  the  authors  have  developed  an  analytical 
method  based  on  a  complex  variational  approach  for  multi¬ 
fastener  joint  design  optimization  [2]. 

In  a  more  recent  literature  review  [3],  Shokrieh  found  that  the 
static  behaviour  of  pin/bolt  loaded  composite  laminates  had 
been  studied  extensively;  however,  work  was  required  in 
predicting  the  behaviour  of  pin/bolt  loaded  composite  laminates 
under  fatigue  loading.  The  team  from  McGill  University  was 
awarded  a  contract  from  lAR  to  develop  a  new  modeling 
method,  known  as  fatigue  damage  progressive  modeling,  for 
predicting  fatigue  behaviour.  The  development  of  the  fatigue 
model  was  completed. 

At  present,  the  design  optimization  module  developed  at  lAR  is 
being  modified  for  implementation  into  a  computer-aided 
design  tool  for  bolted  patch  repair.  This  project  has  just  begun 
and  is  expected  to  be  completed  in  two  years.  The  technical 
highlight  of  the  work  is  the  biaxial  bearing/bypass  testing  of 
composites  to  develop  better  allowables  and  failure  criteria  for 
joint  strength  prediction. 

In  this  paper,  the  results  of  the  projects  undertaken  at  lAR  and 
McGill  University  are  reviewed.  In  addition,  the  scope  and 
progress  of  the  development  of  the  computer-aided  design  tool 
for  bolted  patch  repair  are  presented. 

3.  DESIGN  OPTIMIZATION  OF  JOINTS 

The  technical  aspects  of  the  analytical  model  developed  at  lAR 
for  optimizing  the  design  of  multiple  fastener  composite  joints 
are  reviewed  in  this  section.  The  analytical  model  consists  of 
three  parts;  (i)  stress  analysis,  (ii)  strength  prediction,  and  (iii) 
design  optimization  .  A  flowchart  illustrating  the  major  stages 
in  joint  design  optimization  is  shown  in  Fig.  1.  The  model  has 
been  incorporated  into  a  computer  code  which  enables  joint 
design  to  be  optimized  on  a  personal  computer. 

3.1  Analytical  Model 

The  first  stage  is  to  identify  whether  the  type  of  joint  to  be  used 
in  the  structure  is  single-lap  or  double-lap.  These 
configurations  consist  of  two  plates  for  the  single-lap  joint  or 
three  plates  for  the  double-lap  joint  connected  by  two  or  more 
fasteners.  The  plate  material  can  be  composite  or  metal.  The 
plates  are  of  the  same  finite  width,  W,  and  have,  in  general,  m 
circular  or  elliptical  holes  of  various  sizes  which  are  arbitrarily 
located  in  the  plate  as  shown  in  Fig.  2.  The  load,  P,  applied  at 
the  end  of  a  plate  is  in  equilibrium  with  the  m  fastener  loads,  P| 
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(i  =  1,  2,....,  m).  The  model  assumes  that  the  load  on  one  plate 
is  transferred  by  flexible  frictionless  fasteners  over  half  of  the 
hole  edge  and  the  secondary  bending  of  the  plate  in  the  single¬ 
lap  configuration  is  negligible  compared  to  the  in-plane 
deformation.  The  fasteners  are  modeled  as  elastic  beams,  as 
shown  in  Fig.  2,  with  both  ends  fixed  for  the  double-lap  joint. 
For  the  single-lap  joint,  the  fasteners  are  fixed  at  one  end  and 
are  free  to  translate  in  the  loading  direction  at  the  other  end,  see 
Fig.  2.  In  this  way,  the  rotation  of  fasteners  is  simulated. 

3.1.1  Stress  analysis 

The  next  stage  is  joint  stress  analysis  which  takes  into  account 
the  flexibility  of  the  plates  and  fasteners.  In  order  to  determine 
the  stress  state  in  the  joint,  the  fastener  loads  must  be  known. 
The  model  uses  an  iterative  scheme,  see  Fig.  1,  to  determine  the 
fastener  loads  for  joint  stress  analysis.  In  single-lap  joints,  the 
applied  load  at  the  end  of  one  plate  is  transferred  by  fasteners 
loaded  in  shear  to  the  other  plate  which  is  fixed  at  one  end.  In 
double-lap  joints,  the  applied  load  at  the  end  of  the  middle  plate 
is  transferred  to  two  identical  side  plates  which  are  both  fixed  at 
one  end.  Since  the  side  plates  are  assumed  to  be  identical,  the 
load  is  evenly  distributed  between  them  and  as  a  result,  only 
one  of  the  side  plates  is  modeled  in  the  analysis  for  the  double¬ 
lap  configuration.  The  iterative  scheme  involves  the  following 
steps; 

1 .  Assign  an  initial  value  for  each  fastener  load  based  on  the 
bending  stiffness,  El,  of  the  fastener. 

2.  Perform  a  two  dimensional  stress  analysis  on  the  first 
plate.  The  analysis  is  based  on  a  displacement-based 
complex  variational  formulation  which  involves  only  force 
boundary  conditions.  The  fastener  loads,  which  are 
obtained  from  step  1,  are  simulated  by  a  cosine  function. 
In  this  step,  the  hole  elongations  under  the  fastener  loads 
and  by-pass  loads  are  calculated. 

3.  Calculate  the  deflections  of  the  fasteners  under  the  shear 
loads  using  the  mechanics  of  materials  approach. 

4.  Calculate  the  summation  of  hole  elongations  and  fastener 
deflections  in  the  first  plate  and  use  the  combined 
displacement  as  the  rigid  body  movement  of  the  contact 
region  of  the  corresponding  fastener  holes  in  the  second 
plate.  Perform  a  two  dimensional  stress  analysis  on  the 
second  plate.  Since  the  analysis  involves  both 
displacement  and  force  boundary  conditions,  a  mixed 
variational  formulation  is  employed.  In  this  step,  the 
reaction  forces  at  the  fastener  holes  in  the  second  plate 
under  the  rigid  body  displacements  and  the  applied  load 
are  calculated. 

5.  Use  the  reaction  forces  on  holes  of  the  second  plate  as  new 
fastener  loads  and  repeat  steps  2  to  4  until  the  solution 
converges. 

In  this  iterative  scheme,  the  joint  stress  analysis  is  performed 
based  on  fastener  loads  which  are  calculated  rather  than 
assumed.  A  detailed  description  of  the  complex  variational 
formulations  is  presented  in  Ref.  2. 

3.1.2  Failure  analysis 

Following  the  stress  analysis,  joint  strengths  and  failure  modes 
are  predicted  by  applying  failure  criteria.  There  are  many 
existing  failure  criteria  as  indicated  in  a  critical  review  by 
Rowlands  [4].  In  this  model,  the  point  stress  criterion  and  the 
quadratic  tensor  polynomial  criterion  [5,  6]  are  used  to  predict 
laminate  failure  instead  of  first-ply  failure.  In  order  to  ignore 
the  three-dimensional  effect  and  the  nonlinear  behaviour  at  the 


hole  edge,  a  set  of  characteristic  lines  arranged  in  a  rectangular 
pattern  around  the  loaded  half  of  the  fastener  hole  is  used  [2]. 
In  this  model,  the  joint  strength  is  predicted  based  on  two- 
dimensional  elastic  stresses  determined  along  the  characteristic 
lines  and  the  failure  modes  are  identified  according  to  the 
failure  locations  on  the  lines.  The  present  model  can  predict 
three  failure  modes  which  are  net-tension,  shear-out  and 
bearing. 

3.1.3  Design  optimization 

The  joint  strength  is  influenced  by  many  parameters  which  can 
be  broadly  divided  into  two  categories;  (a)  laminate 
construction,  and  (b)  joint  geometry.  In  the  category  of 
laminate  construction,  parameters  such  as  material  system  and 
layup  have  significant  effects  on  joint  strength  and  failure 
mode.  In  the  category  of  joint  geometry,  laminate  thickness, 
hole  diameter,  pitch  distance,  edge  distance,  number  of 
fasteners  and  hole  pattern  are  important  parameters.  The 
optimization  of  joint  strength  with  respect  to  these  design 
parameters  is  carried  out  in  two  steps.  In  the  first  step,  the  joint 
strength  is  maximized  with  respect  to  a  set  of  material  systems 
and  layups.  The  joint  geometry  is  held  constant.  In  the  second 
step,  the  joint  strength  is  optimized  with  respect  to  a  set  of 
geometric  parameters  using  the  optimized  material  and  layup 
for  the  laminate.  The  optimization  algorithm  proceeds  on  a 
one-by-one  basis  amongst  the  candidate  configurations  until  the 
maximum  joint  strength  is  determined. 

3.2.  Joint  Design  Test  Cases 

Results  of  joint  stress  analysis,  failure  prediction  and  design 
optimization  are  presented.  These  results  are  compared  with 
numerical  results  obtained  from  finite  element  analysis  and  data 
obtained  from  the  literature  in  order  to  validate  the  design 
model.  The  material  properties  [7-9]  used  in  the  test  cases  are 
shown  in  Table  1. 

3.2.1  Stress  distribution  around  bolt  hole 

The  intent  is  to  verify  the  accuracy  of  the  complex  variational 
method  in  determining  stress  distributions  around  a  bolt  hole. 
The  problem,  as  shown  in  Fig.  3,  consists  of  a  rectangular 
AS4/3502  [0/45/-45/90/0]g  laminate  with  an  elliptical  loaded 
hole.  The  problem  was  studied  by  Wang,  et  al  [7]  using  a 
boundary  collocation  approach  to  examine  the  benefit  of  using 
elliptical  fasteners  in  composite  joints.  Both  the  width,  W,  and 
edge  distance,  e,  of  the  laminate  are  1.5  in.  The  major  and 
minor  axes  of  the  elliptical  hole  are  0.3  in  and  0.25  in, 
respectively.  The  bearing  and  hoop  stress  distributions  along 
the  loaded  half  of  the  hole  determined  by  using  the  present 
method  are  shown  together  with  the  analytical  and  finite 
element  results  from  Wang,  et  al  [7]  in  Fig.  3.  Good 
agreements  between  these  results  are  demonstrated. 

3.2.2  Predictions  of  joint  strengths  and  failure  modes 

The  joint  strengths  and  failure  modes  were  predicted  for  several 
composite-to-metal  joints  with  multiple  fasteners.  These  joints 
were  investigated  theoretically  and  experimentally  by 
Ramkumar,  et  al  [8,9].  In  all  the  cases  studied,  one  plate  is 
aluminum  and  the  other  plate  is  ASl/3501-6.  The  percentages 
of  the  0°,  ±45°  and  90°  fibers  are  50,  40  and  10,  respectively. 
All  fasteners  are  steel  with  protruding  heads.  The  material 
properties  of  ASl/3501-6  are  shown  in  Table  1.  The  material 
properties  of  aluminum  and  steel  are;  £j,l  =  10x10^  psi,  v^i  = 
0.3  and  =  30x10^  psi,  and  Vgj  =  0.3,  respectively.  The 
failure  of  the  composite  plate  was  predicted  using  the  point 
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stress  criterion  and  the  quadratic  tensor  polynomial  criterion.  A 
least  squares  curve  fit  procedure  was  used  to  determine  the 
characteristic  dimensions  from  bolted  joint  test  data  [8,9], 

For  the  cases  considered,  the  joint  strengths  at  each  fastener 
hole  were  predicted  for  tension,  shear-out  and  bearing  failure. 
The  results  are  summarized  in  Tables  2  to  4.  The  lowest  value 
identifies  the  most  critical  hole  and  the  prevailing  failure  mode. 
When  two  or  more  predicted  strengths  are  close,  the  joint  may 
fail  in  a  combination  of  the  corresponding  modes.  The  fastener 
loads,  joint  failure  loads,  failure  locations,  and  failure  modes 
predicted  from  the  present  model  were  compared  with  the  test 
data  and  predicted  results  from  SAMCJ  (Stress  Analysis  of 
Multifastener  Composite  Joints)  finite  element  computer  code 
[8,9].  Good  agreement  of  joint  strengths  and  failure  modes  is 
obtained  for  the  20-ply,  50/40/10  laminates  shown  in  Tables  2 
to  4. 

3.2.3  Design  optimization 

In  the  design  of  bolted  composite  joints,  it  is  important  to 
consider  the  effects  of  laminate  and  geometric  parameters  on 
the  joint  strength  and  failure  mode.  A  design  study  was 
performed  to  illustrate  the  application  of  the  model  in  the 
selection  of  parameters  for  optimizing  the  joint  strength.  A 
composite-to-metal  joint,  with  the  configuration  shown  in 
Table  2,  was  used  for  this  study.  The  composite  and  metal  used 
in  the  joint  are  ASl/3501-6  and  aluminum,  respectively.  In  the 
first  stage,  the  model  optimized  the  layup  based  on  the 
configuration  shown  in  Table  2.  Three  layups,  [45/0/- 
45/03/90/03]s,  [(45/0/-45/0)2/0/90]s  and  [45/0/-45/0/45/90/- 
45/0/45/-45]s,  were  investigated.  The  result  of  the  optimization 
shows  that  the  layup  [(45/0/-45/0)2/0/90]s,  which  contains  50%, 
40%  and  10%  of  0°,  45°  and  90°  fibers,  respectively,  yields  the 
highest  strength  amongst  the  three  layups. 

In  the  second  stage,  the  model  optimized  the  joint  configuration 
for  the  [(45/0/-45/0)2/0/90]5  laminate.  Both  the  hole  diameter, 
d,  and  the  edge  distance,  e,  vary  over  a  range  of  values  in  this 
study.  The  distance  between  the  first  and  second  row  of 
fasteners,  s,,  is  equal  to  twice  the  edge  distance.  The  pitch 
distance,  s„,  is  constant  and  is  equal  to  1.5  in.  A  multivariate 
constrained  optimization  scheme  was  conducted  amongst  the 
ranges  of  d  and  e.  A  three-dimensional  plot  of  the  failure 
strength  and  the  optimum  joint  design  are  shown  in  Fig.  4.  It  is 
noted  that  the  failure  strength  of  the  joint  varies  significantly 
with  d,  while  it  is  relatively  stable  over  the  range  for  e. 

4.  FATIGUE  PROGRESSIVE  DAMAGE  MODELING 

A  new  modeling  technique  called  fatigue  progressive  damage 
modeling  for  predicting  the  behaviour  of  composite 
pinned/bolted  joints  under  cyclic  loading  was  developed  under 
a  contract  from  lAR  to  McGill  University.  This  technique  uses 
a  phenomenological  approach  to  predict  the  residual  stiffness, 
residual  strength,  and  fatigue  life  of  composite  pinned/bolted 
joints. 

The  model  consists  of  three  major  components:  stress  analysis, 
failure  analysis,  and  material  property  degradation  rules.  The 
stress  analysis  of  a  single  pin/bolt  loaded  fastener  hole  is 
performed  using  a  nonlinear,  three-dimensional  finite  element 
technique.  Failure  analysis  is  performed  using  a  set  of  stress- 
based  failure  criteria.  The  ability  to  distinguish  between 
different  modes  of  failure  is  one  of  the  most  important 
requirements  of  these  failure  criteria.  The  model  is  capable  of 
detecting  the  following  modes:  matrix  tension,  matrix 
compression,  fiber  tension,  fiber  compression,  fiber-matrix 


shear-out,  delamination  tension,  and  delamination  compression. 
Material  properties  are  degraded  by  using  sudden  and  gradual 
degradation  rules.  For  each  mode  of  failure  listed  above,  there 
exists  an  appropriate  sudden  material  degradation  rule.  In 
addition,  the  model  has  a  gradual  degradation  rule  to  predict 
material  properties  degradation  after  a  fixed  number  of  loading 
cycles  when  failure  is  not  detected.  A  detailed  description  of 
fatigue  progressive  damage  modeling  technique  can  be  found  in 
Ref  10. 

5.  BOLTED  PATCH  REPAIR  APPLICATION 

The  advent  of  composite  materials  in  primary  load  bearing 
structure  of  military  and  civilian  aircraft  has  brought  new 
challenges  in  structural  repair.  The  principal  repair  technique  is 
to  attach  a  patch  over  the  damaged  area.  The  patch  can  be 
attached  using  adhesive  bonding.  This  technique  requires 
controlled  repair  material  storage,  specialized  surface 
preparation  and  extended  cure  times.  As  a  result,  adhesive 
bonding  is  usually  used  for  depot  level  repairs.  In  the  case  of 
military  aircraft  used  during  combat,  battle  damage  repair  is 
usually  performed  in  the  field  without  sophisticated  facilities. 
In  order  to  minimize  downtime  of  the  aircraft,  the  repair  is 
carried  out  under  a  severe  time  constraint  and  the  repair  is 
temporary.  As  a  result,  bonded  repair  is  not  desirable.  In 
addition,  bonded  repair  of  thick  parts  requires  scarf  or  stepped- 
lap  joint  configurations.  These  complicated  joint  configurations 
cannot  be  produced  under  field  conditions.  Because  of  these 
limitations,  the  adhesive  bonding  technique  is  seldom  used  in 
aircraft  battle  damage  repair  (ABDR). 

The  preferred  ABDR  technique  involves  the  attachment  of  a 
metallic  patch  over  the  damaged  area  using  “blind  fasteners” 
which  can  be  installed  from  the  accessible  side  of  the  damaged 
structure.  In  the  bolted  patch  repair  case  of  an  aircraft  wing 
containing  projectile  impact  damage,  for  example,  single  shear 
aluminum  or  titanium  patches  are  attached  by  multiple  rows  of 
relatively  slender  blind  fasteners.  A  schematic  illustration  of  a 
bolted  patch  repair  of  a  cleaned  impact  damage  hole  is  shown 
in  Fig.  5.  Since  the  bolted  patch  repair  scheme  is  similar  to  a 
single-lap  bolted  joint,  the  design  optimization  tool  discussed 
earlier  has  the  potential  of  being  applied  in  ABDR  or  other 
bolted  repairs. 

However,  the  existing  design  optimization  tool  requires  further 
development  before  it  can  be  applied.  The  reason  is  that  the 
bolted  patch  repair  scenario  involves  damage  which  is 
simulated  as  an  elliptical  hole,  as  shown  in  Fig.  5,  while  in  the 
bolted  joint  design  case  such  a  hole  is  not  present.  In  the 
present  repair  example,  the  patch  takes  all  the  skin  loads  of  the 
cleaned  damage  hole  and  so  the  fasteners  on  the  patch  and  hole 
edges  take  high  bearing  loads.  Multiple  external  loads  are 
imposed  on  the  wing  therefore  the  loads  in  the  skin  under  the 
patch  are  not  simple  uniaxial  but  are  significantly  biaxial. 
Under  a  biaxial  loading  condition  in  the  presence  of  a  randomly 
oriented  elliptical  hole,  the  fastener  loading  directions  and 
fastener  load  distributions  at  the  fastener  holes  are  complex.  In 
order  to  determine  both  the  fastener  load  distribution  and 
loading  direction,  the  iterative  scheme  shown  in  Fig.  1  must  be 
modified  such  that  the  complex  variational  formulations  can 
handle  the  deformation  characteristics  of  a  repaired  plate  under 
biaxial  loading. 

In  addition  to  improving  the  iterative  scheme,  biaxial  failure 
criteria  and  allowables  are  required  for  accurate  predictions  of 
joint  strength  and  failure  mode.  Preliminary  experience  [1 1]  has 
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shown  that  for  one  axis  reacted  entirely  in  bearing  with  a 
completely  bypass  lateral  load,  the  bearing  allowable  is  reduced 
by  as  much  as  50%  from  the  case  where  lateral  load  is  absent. 
Because  of  the  many  stress  concentration  sites  resulting  from 
fastener  holes  in  a  bolted  repair,  it  is  important  that  the  repair 
be  designed  with  accurate  biaxial  allowables  to  ensure  that  the 
repair  is  effective. 

5.1  Bolted  Patch  Repair  Project 

A  literature  review  has  shown  that  there  is  a  strong  need  for  the 
development  of  a  personal  computer  based,  user-friendly  tool 
for  damage  assessment  and  repair  design  optimization.  It  is 
believed  that  such  a  tool  would  be  useful  to  both  normal  and 
aircraft  battle  damage  repair  (ABDR)  situations.  As  a  result, 
the  current  focus  of  the  bolted  joint  technology  project  is  on  the 
development  of  a  computer-aided  design  tool  for  bolted  repair 
based  on  the  existing  design  optimization  module  for  bolted 
joints.  Earlier  discussions  have  identified  the  technical  issues 
which  must  be  addressed  in  the  current  development.  Specific 
tasks  of  the  present  project  are: 

•  Develop  finite  element  models  and  analytical  methods  for 
bolted  patch  analysis. 

•  Develop  biaxial  bearing/bypass  test  methods  to  generate 
allowables. 

•  Develop  the  computer-aided  design  tool  equipped  with  a 
graphical  user  interface  for  the  repair  design. 

•  Verify  repair  designs  by  performing  full-scale  structural 
tests  on  impact  damaged  and  repaired  wing  box 
specimens. 

5.1.1  Finite  element  analysis 

Finite  element  models  were  developed  for  the  stress  analysis  of 
bolted  patch  repairs.  Based  on  the  finite  element  analysis,  the 
deformation  characteristics  and  the  stress  distribution  of  a 
bolted  patch  repair  subjected  to  inplane  uniaxial  and  biaxial 
loads  were  determined.  These  finite  element  results  will  be 
used  to  develop  the  repair  design  optimization  module. 

The  finite  element  model,  shown  in  Fig.  6  for  the  case  of  a 
repair  using  36  fasteners,  consists  of  a  square  composite  plate 
made  of  AS4/3501-6  with  lay-up  [45/0/-45/90]6s  and  a  metallic 
patch  mechanically  fastened  to  a  composite  plate.  The  center  of 
the  composite  plate  has  an  inclined  elliptical  cutout  which 
represents  the  cleaned  damage  hole.  The  repair  consists  of  a 
0.16  inch  thick  titanium  patch  attached  to  the  composite  plate 
by  a  number  of  fasteners.  A  series  of  finite  element  analyses 
were  performed  using  models  which  had  28  and  36  fasteners. 
The  baseline  model  was  the  composite  plate  with  the  elliptical 
hole  without  a  patch.  Both  uniaxial  tension  and  biaxial  tension- 
tension  (ratio  =  1)  loading  conditions  were  considered.  The 
finite  element  models  were  developed  using  a  commercial  code 
called  NISA.  The  composite  plate  and  the  patch  were  modeled 
using  plane  stress  elements  and  therefore  the  secondaiy  bending 
deformation  was  ignored.  The  fasteners  were  modeled  using 
beam  elements.  The  contact  regions  between  the  fasteners  and 
the  hole  boundaries  were  simulated  using  frictional  gap 
elements.  The  effects  of  the  patch  on  the  reduction  of  stress 
concentrations  at  the  elliptical  hole  edge  and  at  the  fastener  hole 
edge  in  the  composite  plate  were  examined.  The  results  of  the 
analysis  are  shown  in  Table  5. 

The  results  of  the  finite  element  analysis  show  that  the  bolted  patch 
repair  is  effective  in  reducing  the  maximum  K,  at  the  edge  of  the 


elliptical  cutout  in  both  loading  cases.  Increasing  the  number  of 
fasteners  from  28  to  36  by  having  two  rows  of  fasteners  on  each  of  the 
four  sides  of  the  square  patch  does  not  change  the  maximum  K,  at  the 
edge  of  the  elliptical  cutout  for  the  uniaxial  loading  case  but  has  an 
improvement  of  approximately  12%  for  the  biaxial  loading  case.  The 
maximum  K,  at  the  edges  of  the  festener  holes  vaty  in  a  narrow  range 
between  3.33  and  3.56  for  all  cases  and  these  values  are  significantly 
higher  than  those  at  the  edge  of  the  elliptical  cutout. 

5.1.2  Biaxial  bearing/bypass  testing 

In  order  to  predict  the  strength  of  the  bolted  patch  under  biaxial 
loading,  accurate  biaxial  allowables  and  suitable  failure  criteria  are 
required.  The  present  work  aims  at  developing  an  experimental 
method  to  generate  the  biaxial  bearing/bypass  allowables  using  a 
special  cmciform  bolted  joint  specimen  and  reviewing  existing  failure 
criteria  to  determine  if  new  criteria  are  needed. 

A  suitable  cruciform  bolted  joint  specimen  is  crucial  to  the  biaxial 
bearing/bypass  testing.  A  comprehensive  review  of  cmciform 
specimen  designs  is  given  in  Ref  12.  A  successfiil  specimen  design 
must  have  a  test  section  which  has  a  uniform  distribution  of  plane 
stress  and  is  laige  relative  to  the  fastener  diameter.  Amongst  the 
designs  discussed  in  Ref  12,  the  specimen  designed  by  Lucking  [13] 
is  considered  to  the  most  appropriate  because  of  the  existence  of  finite 
element  and  photoelastic  results  [12]  which  confirm  that  the 
nonuniformity  in  stress  distribution  is  less  than  5%.  Lucking’s  method 
in  designing  the  specimen  is  to  tmncate  all  nonaxial  plies  in  the  arms 
of  the  cmciform  specimen  and  replace  them  by  a  film  adhesive.  In  this 
way,  the  transverse  stiflfiiess  of  the  arms  is  significantly  reduced  which 
leads  to  less  load  being  attracted  from  the  transverse  axis.  Finite 
element  results  showed  that  the  indirectly  induced  transverse  stress 
was  less  than  3.12%  of  the  axial  stress  [12],  Lucking’s  specimen 
design  concept  has  been  adopted  in  the  present  project  and  the  design 
of  a  cmciform  specimen  is  underway. 

The  bearing/bypass  test  method  will  involve  application  of 
biaxial  loads  to  the  cruciform  specimens  in  tension/tension, 
tension/compression  and  compression/compression.  A  special 
test  fixture  is  being  developed  to  firmly  anchor  a  bolt  in  the 
center  of  the  cruciform  specimen  for  bearing  load  reaction.  The 
four  arms  of  the  cruciform  specimen  will  be  gripped  by 
mechanical  grips  which  contain  roller  bearings  to  allow 
transverse  displacement  in  order  to  eliminate  undesirable  shear 
stresses  in  the  test  section.  An  existing  MTS  biaxial  test 
machine  at  lAR  will  be  used  for  the  testing.  The  test  results 
will  be  used  to  evaluate  existing  failure  criteria  and  to  develop 
new  criteria  if  necessary. 

5.1.3  Design  tool  development 

The  result  of  this  project  will  be  a  personal  computer  based, 
user-friendly  design  optimization  tool  which  is  capable  of 
assessing  damage  and  optimizing  repair  designs.  The 
development  of  the  tool  will  require  integration  of  an  existing 
damage  assessment  module  [14]  and  other  components  which 
are  currently  under  development  into  a  single  computer  code. 
These  components  include  the  design  optimization  module, 
material  database  and  failure  criteria.  A  graphical  user  interface 
will  be  developed  for  the  code  to  facilitate  inputting  of  damage 
characteristics  and  other  required  information,  for  example,  the 
location  of  damage  in  the  structure  and  the  repair  materials 
available.  The  tool  will  proceed  to  assess  the  damage  to 
determine  whether  a  repair  is  required.  If  a  repair  is  required, 
the  tool  will  determine  the  optimal  repair  design  for  the 
damage. 
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5.1.4  Design  verification 

The  development  will  include,  in  its  final  phase,  a  design 
verification  test  program.  The  test  program  will  involve  full- 
scale  structural  testing  of  wing  box  test  articles.  A  detailed 
description  of  these  wing  box  test  articles  is  given  in  Ref  15. 
The  box  was  designed  to  duplicate  the  construction  and  loading 
of  a  portion  of  the  outer  wing  of  the  CF-18  and  so  had  similar 
substructure  dimensions  and  skin  lay-up.  Six  wing  box  test 
articles  were  built  and  they  will  be  impact  damaged  and  then 
repaired  by  the  bolted  patch  technique.  The  repair  design  will 
be  generated  from  the  design  optimization  tool  developed  in 
this  project.  For  design  verification,  full-scale  structural  tests 
will  be  performed  on  these  boxes  by  a  three-point  cantilever 
arrangement  [15]. 

6.  CONCLUSIONS 

1.  An  analytical  model  was  developed  for  optimization  of 
multi-fastener  composite  joint  design.  Algorithms  for 
stress  analysis,  strength  prediction  and  optimization  were 
coded  in  a  computer  program  which  could  be  executed 
efficiently  on  a  personal  computer. 

2.  Since  closed  form  solutions  were  used,  the  burden  of  mesh 
regeneration  for  a  new  design,  as  needed  in  a  finite 
element  analysis,  was  not  required. 

3.  The  computer  code  was  successfully  validated  by 
comparing  results  with  published  test  data  and  SAMCJ 
joint  strength  predictions. 

4.  A  new  modeling  technique  called  fatigue  progressive 
damage  modeling  for  predicting  the  residual  stiffness, 
residual  strength,  and  fatigue  life  of  pin/bolt  loaded 
composite  laminate  was  developed.  Static  and  fatigue 
material  properties  for  AS4/3501-6  were  characterized. 
Fatigue  life  predictions  were  validated  by  experimental 
results. 

5.  A  new  project  on  bolted  patch  repair  of  composite 
structures  was  initiated.  Work  is  being  performed  in 
modifying  the  complex  variational  formulations  to  account 
for  the  deformation  characteristics  of  a  notched  plate  with 
a  bolted  patch  under  biaxial  loads  and  in  developing 
biaxial  bearing/bypass  test  method. 
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Table  1.  Material  Properties 


Material 

Name 

ASl/3501-6 

AS4/3501-6 

AS4/3502 

El  {Msi) 

18.5 

20.3 

18.0 

Ej-  (Msi) 

1.90 

1.19 

1.41 

^LT  (4^*0 

0.85 

0.90 

0.54 

^  LT 

0.3 

0.3 

0.28 

X(Ksi) 

230.0 

311.0 

258.0 

X’  (Ksi) 

321.0 

119.5 

204.0 

Y(Ksi) 

9.50 

6.70 

7.76 

Y’  (Ksi) 

38.9 

25.0 

34.6 

S  (Ksi) 

17.3 

16.0 

14.8 

Table  2.  Results  of  Test  Case  on  Single  Lap  Joint  ( 20-ply,  50/40/10  Laminate) 


tj  -  0.31  in,  ^2  “  0.1 17  in,  d—  0.3125  in 
W/d  =  1 0, s/d  =  A,  e/d  =3,  l/d  =  8.8 
rf'=0.032i«,  =0.032 in 


Aluminium 


ASl/3501-6- 


\  V 


]«=> 


(i)  Present  Prediction  of  Failure  Strength 


Failure  Strength  of  Various  Modes  (  xlO^  Psi ) 

Hole 

Point  Stress  Criterion 

Laminate  Polynomial  Criterion 

No. 

Of 

Of 

^  f 

1 

90.6 

70.5 

68.7 

93.2 

66.2 

69.5 

2 

90.6 

70.5 

68.7 

93.2 

66.2 

69.5 

3 

48.4 

69.9 

46.5 

51.4 

61.4 

45.0 

4 

48.4 

69.9 

46.5 

51.4 

61.4 

45.0 

(ii)  Comparison  of  Fastener  Loads  and  Failure  Load  (Location) 


Present  Prediction 

Results  from  [8] 

PSC 

LPC 

SAMCJ 

Testing 

Pj/P 

0.23 

0.23 

0.24 

0.25 

P2/P 

0.23 

0.23 

0.24 

0.25 

P3/P 

0.27 

0.27 

0.26 

0.29 

P/P 

0.27 

0.27 

0.26 

0.21 

/y  (xio3  lb) 

17.0  (17.7)* 

16.4(18.8)* 

18.1  (18.9)* 

17.1 

Location 

3,4 

3,4 

4(3) 

3,4 

Mode 

shear-out 

(net-tension) 

shear-out 

(net-tension) 

shear-out 

shear-out 

net-tension 

delamination 

*  possible  failure  mode  at  a  slightly  higher  load  level 


Table  3.  Results  of  Test  Case  on  Double  Lap  Joint  ( 20-ply,  50/40/10  Laminate) 


tj  =  0.26  in,  ^2  =  0.1 17  <7=  0.3125  in 

W/d-  10,  s/d- A,  e/d-  3,  l/d-  18.6 
</'=0.032/«,  rf*=0.032i« 


(i)  Present  Prediction  of  Failure  Strength 


Failure  Strength  of  Various  Modes  (  xlO^  Psi ) 

Hole 

Point  Stress  Criterion 

Laminate  Polynomial  Criterion 

No. 

1 

104.8 

76.8 

78.9 

105.1 

73.2 

79.6 

2 

104.8 

76.8 

78.9 

105.1 

73.2 

79.6 

3 

47.6 

61.7 

45.3 

50.4 

56.1 

43.9 

4 

47.6 

61.7 

45.3 

50.4 

56.1 

43.9 

(ii)  Comparison  of  Fastener  Loads  and  Failure  Load  (Location) 


Present  Prediction 

Results  from  [8] 

PSC 

LPC 

SAMCJ 

Testing 

Pj/P 

0.22 

0.22 

— 

0.23 

P2/P 

0.22 

0.22 

— 

0.26 

Ps/P 

0.29 

0.29 

— 

0.25 

P/P 

0.29 

0.29 

— 

0.27 

Pf  (xlO^  lb) 

16.6(17.4)* 

16.1  (18.5)* 

— 

15.9 

Location 

3,4 

3,4 

— 

3,4 

Mode 

shear-out 

(net-tension) 

shear-out 

(net-tension) 

___ 

net-tension 

*  possible  failure  mode  at  a  slightly  higher  load  level 


Table  4.  Results  of  Test  Case  on  Single  Lap  Joint  with  Multiple  Fastener  in  Tandem 

( 40-ply,  50/40/10  laminate) 

tj  =  0.50  in,  t2  =  0.243  in,  d-  0.3125  in 
W/d  =  4.8,  s/d  =  4,  e/d  =  3.2,  l/d  =  4.8 

f/'=0.020/M,  0.020  m 


(i)  Present  Prediction  of  Failure  Strength 


Failure  Strength  of  Various  Modes  (  xlO^  Psi ) 

Hole 

Point  Stress  Criterion 

Laminate  Polynomial  Criterion 

No. 

Of 

a* 

1 

218.5 

184.2 

195.2 

223.2 

179.5 

196.9 

2 

166.4 

300.2 

205.6 

169.6 

245.6 

193.4 

3 

122.6 

287.9 

162.5 

124.9 

207.8 

150.0 

4 

83.4 

184.0 

107.0 

84.7 

135.1 

100.1 

5 

46.7 

98.8 

61.0 

49.7 

78.2 

57.6 

(ii)  Comparison  of  Fastener  Loads  and  Failure  Load  (Location) 


Present  Prediction 

Results  from  [8] 

PSC 

LPC 

SAMCJ 

Testing 

Pj/P 

0.204 

0.204 

0.193 

0.204 

P2/P 

0.141 

0.141 

0.168 

0.177 

P3/P 

0.170 

0.170 

0.170 

0.171 

P4/P 

0.166 

0.166 

0.202 

0.178 

P5/P 

0.319 

0.319 

0.267 

0.270 

Py-(X103  lb) 

17.1 

18.0 

12.4 

16.6 

Location 

5 

5 

5 

5 
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strength  (KSi) 


Figure  2.  Geometric  configurations  of  single  and  double  lap  joints 
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Figure  3.  Bearing  and  hoop  stresses  around  a  pin-loaded  hole 
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Figure  4.  Failure  strength  versus  hole  diameter  and  edge  distance 
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A  REVIEW  OF  COMPOSITE  JOINT  ANALYSIS  PROGRAMS 

V.  B.  Venkayya  and  V.  A.  Tischler 
WL/FIBAD  Bldg  45 
2130  Eighth  St  Ste  1 
Wright-Patterson  AFB  OH  45433-7542 


SUMMARY 

Several  joint  analysis  programs  funded  by  U.S. 
government  agencies  during  the  1970s,  1980s 
and  1990s  were  reviewed.  The  review  covered 
bolted,  bonded,  bolted-bonded  and  repair  pro¬ 
grams.  In  a  few  cases  the  results  obtained  from 
these  programs  are  compared.  A  number  of 
related  references  were  cited  for  tbe  purpose  of 
obtaining  additional  details. 

INTRODUCTION 

It  has  been  almost  ten  years  since  the  last 
AGARD  Structures  and  Materials  Panel  Spe¬ 
cialists  Meeting  on  the  Analysis  of  Mechani¬ 
cally  Fastened  Joints  in  Composite 
Structures^ The  primary  interest  at  that 
time,  and  even  now,  is  the  service  life  predic¬ 
tion  of  composite  structures,  in  general,  and 
determining  how  much  of  it  is  driven  by  joint 
failures.  Although,  the  analysis  methods  dis¬ 
cussed  in  that  conference  are  generally  applica¬ 
ble  to  any  anisotropic  material  system,  the 
emphasis  at  that  time  was  on  organic  compos¬ 
ites  such  as  graphite  epoxy  and/or  carbon  fiber 
reinforced  plastics.  The  behavior  of  joints  in 
composites  is  uncertain  under  the  general  oper¬ 
ating  conditions  of  an  aircraft.  They  lack  the 
forgiving  qualities  of  metals  such  as,  ductility, 
low  sensitivity  to  changes  in  environmental 
conditions  and  manufacturing  anomalies.  In 
addition  delamination,  debonding,  etc.,  cou¬ 
pled  with  uncertain  material  property  data, 
such  as  interlaminar  shear,  matrix  cracking 
present  difficulties  in  developing  reliable  struc¬ 
tural  design  criteria. 


The  scope  of  the  specialists  meeting  in  Flor¬ 
ence  has  been  expanded  to  include  other  join¬ 
ing  issues.  They  include  bonded  joints, 
multimaterial  joints,  repair  issues  and  different 
material  systems  such  as  Thermoplastics  and 
Ceramic  Matrix  Composites.  The  technology 
for  optimum  joint  design  for  composite  struc¬ 
tures  is  still  evolving,  albeit  slowly.  The  joint 
design  variables  are  too  numerous,  and  their 
various  combinations  can  result  in  many  joint 
configurations  which  cannot  be  analyzed  with 
certainty  much  less  validated  experimentally. 
For  example,  a  partial  list  of  the  variables  may 
include: 

•  thickness  of  the  laminate 

•  composition  of  the  fiber  orientations 

•  stacking  sequence  of  the  layers 

•  three  dimensional  effects  such  as  inter¬ 
laminar  shear 

•  finite  width  effects  in  an  infinite  plate 
analysis 

•  load  sharing  in  multifastener  joints 

•  non-linear  effects 

•  fastener  flexibility 

•  clamping  effect  due  to  bolt  torque 

•  new  material  systems 

•  high  temperature  joints 

The  purpose  of  this  paper  is  to  review  the  joint 
analysis  programs  available  in  the  United 
States.  The  development  of  these  programs  was 
directly  or  indirectly  funded  by  the  Air  Force  or 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites  ”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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Other  U.S.  government  agencies.  Much  of  the 
material  for  this  review  is  derived  from  refer¬ 
ences  4  and  5.  This  review  is  somewhat  curso¬ 
ry,  partly  because  of  the  twelve  page  limitation 
imposed  by  AGARD-SMP.  Additional  details 
can  be  found  in  references  4  and  5.  The  review 
in  reference  4  is  limited  to  bolted  joints  only. 
The  review  in  reference  5  is  more  up-to-date 
and  covers  bolted-bonded  and  repair  programs 
as  well. 


RRVTEW  ORGANIZATION 


Joint  programs  can  be  classified  into  four  cate¬ 
gories: 

1 .  Bolted  Joints  -  Single  Fastener  Analysis 

2.  Bolted  Joints  -  Multiple  Fasteners  -  Load 
Sharing 

3.  Bonded  Joints  Analysis 

4.  Bolted/Bonded  Joint  Repair 


The  following  Joint  analysis  programs  are 
reviewed  in  this  paper. 

•  JOINT  Analysis  of  Single  and 

Multi-Fastener  Joints 
Bonded  Joints 

•  A4EJ  Multi-Fastener  Bolted 

Joint  Analysis 

•  SASCJ  Single  Fastener  Analysis 

•  BJSFM  Single  Fastener  Analysis 

•  SCAN  Single  Fastener  Analysis 

•  SAMCJ  Multi-Fastener  Analysis 

•  CREPAIR  Multi-row  Bolted  Joint 

Repair 

•  SVELT  Single  Fastener  Double 

Lap  Bolted  Joint 

•  A4EI  Bonded  Joints  Analysis 

•  PGLUE  Bonded  Joint  Repair 

•  JTSDL/JTSTP Bonded  Single,  Double 

and  Step-Lap  Joints 

•  BONJO  Bonded  Joints  Analysis 

•  MOSAIC  Bonded  Joints  Analysis 

•  A4EK  Bonded  and  Bolted  Joint 

Analysis 


Most  of  the  programs  reviewed  here  are  empir¬ 


ical  or  approximations  of  continuum  solutions. 
More  recently,  interest  in  finite  element  solu¬ 
tions  is  growing,  because  of  their  versatility  in 
modeling  non-traditional  boundary  conditions. 
They  can  also  accommodate  modeling  joints  as 
part  of  large  built-up  structures  when  the  pri¬ 
mary  load  paths  need  not  be  identified  a  priori. 
Above  all  there  is  the  availability  of  numerous 
well  tested  commercial  packages. 

JOINT  ANAI.YSIS  CODE 

JOINT  is  a  composite  joint  analysis  code 
developed  by  the  Douglas  Aircraft  Company 
from  1976  to  1978^^1  The  code  is  capable  of 
analyzing  both  bonded  and  bolted  joints  from 
an  interactive  graphics  terminal.  JOINT  is 
based  on  a  simplified  theory  that  relies  on 
empirical  test  data  for  its  simplicity.  JOINT  is 
capable  of  analyzing  the  following  types  of 
joints;  balanced  double-lap,  supported  single¬ 
lap,  stepped-lap  and  unsupported  single-lap. 
The  code  is  capable  of  performing  a  limited 
type  (brute  force,  trial  and  error)  of  joint  opti¬ 
mization  on  the  following  types  of  infinite 
width  bolted  joints:  double-lap,  supported  sin¬ 
gle-lap,  and  unsupported  single-lap.  For  the 
optimization,  the  code  determines  the  number 
of  bolt  rows,  bolt  diameter,  bolt  spacing  and 
joint  thickness  for  the  lightest  joint  that  will 
carry  the  applied  load.  The  coupling  effects  of 
the  bolt  rows  has  been  neglected  which  can 
cause  severe  error  for  some  types  of  joint  anal¬ 
ysis. 

The  code  assumes  a  bypass  stress  equal  to 

Pt  Pb 

-d)'^  -d) 


and  a  bending  stress  equal  to 


cr 


b 


6Mo 

r2 


(2) 


where  Pj,  =  bolt  bearing  load,  =  bypass  load. 
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Kfi  =  stress  concentration  faetor  for  an  unload¬ 
ed  hole,  Kt2  =  stress  concentration  factor  for  a 
loaded  hole,  d  =  the  bolt  hole  diameter,  t  =  the 
lap  thickness,  tg  =  the  effective  thiekness  react¬ 
ing  bolt  hole  and  Mq  =  the  bending  moment  at 
the  edge  of  the  overlap.  The  stress  concentra¬ 
tion  factors  Kfj  and  Kt2  are  derived  from  test 
data.  Kfi  and  Kt2  are  functions  of  the  diameter 
of  the  bolt  holes  and  widthwise  bolt  spaeing,  w. 
The  constants  in  the  funetions  are  determined 
for  an  AS/3501-6  graphite  epoxy  eomposite 
with  different  percentages  of  0°  plies.  The  code 
only  has  the  functions  calculated  for  eompos- 
ites  with  25%  and  37.5%,  0°  plies.  The  bolt 
load  distribution  depends  on  the  bolt  and  joint 
flexibility,  but  bolt  torque-up  and  bolt  type 
aren't  aceounted  for.  The  code  allows  four  dif¬ 
ferent  failure  modes:  1)  tension  at  the  hole,  2) 
bolt  bearing,  5)  bolt  shear,  and  4)  shear  tear- 
out.  The  bending  stress  is  determined  different¬ 
ly  for  each  type  of  failure.  With  the  bearing 
stress  equal  to,, 

6Mo  t 

=  M„  =  kN^-  (3) 


and 


\+^C  +  h^C^ 
6 


(4) 


(5) 


where  C  =  the  half-distance  between  the 
outer  rows  of  bolts  (for  single  lap  joints),  E  = 
the  modulus  of  elastieity,  v  =  Poisson’s  ratio 
and  the  allowable  joint  load,  N^,  depends  on  the 
failure  mode.  For  a  tensile  mode  of  failure. 


N 


X 


- 21^ - 1 -  (6) 


where  =  the  ultimate  tensile  stress  allowa¬ 
ble  and  K  =  the  bending  moment  coefficient  for 
a  single  lap  joint  Mq.  For  a  bearing  failure. 


N  -  ^  ^ 
^  Pu  W 


(7) 


where  =  the  ultimate  bearing  stress  allow¬ 
able.  For  a  bolt  shear  failure. 


.  _  TiP su^^olt)d  d 

^  2  Py  w 


(8) 


where  F =  the  ultimate  joint  shear  stress 
allowable.  For  a  bolt  tear-out  failure. 


d 

2)  P^  w 


(9) 


where  e  =  the  edge  distance.  The  analysis  is 
performed  for  an  infinite  width  plate  with  a 
specified  bolt  spacing  through  the  width  of  the 
plate. 

The  JOINT  analysis  code  makes  several  sim¬ 
plifying  assumptions  in  the  analysis.  Test  data 
must  be  used  to  obtain  stress  eoncentration 
relief  data  for  the  composite  plates.  After  the 
empirical  data  is  obtained,  the  stress  concentra¬ 
tion  factors  are  found.  These  funetions  are  used 
to  determine  the  stresses  in  the  plate.  Only 
uniaxial  loadings  can  be  applied  to  the  joint. 
JOINT  is  not  capable  of  analyzing  compres- 
sively  loaded  joints  and  the  analysis  assumes 
that  the  fasteners  don't  fail.  For  all  of  the  differ¬ 
ent  types  of  joints  the  JOINT  program  can  ana¬ 
lyze,  the  following  restrictions  apply: 

3  =  3  3<^<  12  t<d 

d  d 


^<d<  1 3  row  pitch  =  6d 
16  2 


Other  limitations  are:  1)  a  choiee  of  two  bolt 
materials,  2)  a  choice  of  two  composite  layups. 
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3)  a  joint  load  limitation  of  40,000.lbs,  and  4)  a 
limitation  on  the  number  of  bolt  rows 

For  a  double-lap  configuration,  the  thickness  of 
the  two  outer  splice  plates  must  be  one-half  the 
thickness  of  the  center  plate.  A  stepped  lap  joint 
configuration  assumes  that  the  bolts  are  at  the 
center  of  the  steps.  Varying  step  lengths,  bolt 
diameters,  and  lengthwise  spacing  between 
bolts  can  be  specified.  All  bolt  row  coupling 
effects  are  neglected  and  the  bolts  are  assumed 
to  be  lined  up  one  behind  the  other.  For  an  opti¬ 
mization  problem,  the  bolts  must  be  the  same 
size  for  every  bolt  row.  Bolt  row  spacing  is 
assumed  to  be  uniform  for  the  whole  joint.  The 
code  echos  all  the  input  data.  In  summary,  the 
code  applies  quite  a  few  constraints  to  problem 
definitions  and  has  a  limited  analysis  and  data 
output  capability.  Problems  do  run  very  quick¬ 
ly  which  allows  many  design  iterations  to  be 
performed  in  a  short  period  of  time. 

A4E.T  ANALYSIS  CODE 

A4EJ  is  a  composite  bolted  joint  analysis  code 
developed  by  the  Douglas  Aircraft  Company 
from  1979  to  1981  A4EJ  has  the  capability 
to  analyze  multi-row  joints  having  a  nonlinear 
load-deflection  characteristic  for  the  fasteners, 
and  linear  or  Ramberg-Osgood  characteriza¬ 
tions  of  the  adherends.  A4EJ  accounts  for  non- 
linearities  in  the  joint  due  to:  1)  fastener  load- 
deflection  characteristics,  2)  fastener  clearance, 
3)  elastomechanical  deformation  of  the  mem¬ 
bers  between  the  fasteners,  and  4)  interaction 
between  bearing  and  bypass  loads.  A4EJ  is 
based  on  continuum  mechanics  techniques, 
requiring  shorter  computer  run  times  than  finite 
element  modeling  techniques.  A4EJ  provides  a 
detailed  definition  of  the  internal  load  transfer 
within  a  joint  and  requires  a  large  amount  of 
input  data. 

The  load  transfer  through  the  fasteners  within  a 
joint  is  characterized  in  terms  of  the  relative 
displacement  between  the  members  at  each  fas¬ 
tener  station.  A4EJ  assumes  a  bi-linear  elastic 


load  deflection  curve.  The  known  boundary 
conditions  are  at  both  ends  of  the  joint.  The 
problem  is  solved  iteratively  by  starting  at  one 
end  of  the  joint  and  assuming  a  value  for  an 
unknown  quantity.  You  can  assume  the  total 
joint  strength  or  the  displacement  at  the  first 
fastener  induced  by  a  specified  load.  By  calcu¬ 
lating  progressively  along  the  joint  and  satisfy¬ 
ing  both  equilibrium  and  compatability 
requirements,  the  reactions  at  the  other  end  of 
the  joint  can  be  determined.  The  initial  assump¬ 
tion  can  be  modified  until  all  the  boundary  con¬ 
ditions  are  satisfied  at  both  ends  of  the  joint. 
The  initial  assumption  must  be  very  close,  oth¬ 
erwise  the  solution  will  diverge. 

Figure  1  shows  how  the  typical  equations  for 
each  step  of  the  joint  are  established.  The  con¬ 
ditions  of  equilibrium  for  member  1  between 
stations  k  and  k+ 1  are 

where: 

T]  =  member  1  internal  load  (+  for  tensile) 

P  =  fastener  load  (+  for  tensile  lap  shear) 

Pi  =  member  1  running  shear  load  (+  in  direc¬ 
tion  of  tensile  load) 

i  =  step  length 

Similarly  for  member  2, 

=  T2^,-P(k)-P2\k)  (11) 

Figure  1  shows  a  joint  in  single  lap  shear.  In  a 
double  shear  joint,  the  two  portions  of  member 
1  or  2  would  be  combined  and  the  fastener  load 
P  would  be  changed  from  single  to  double 
shear  values.  To  make  sure  the  analysis  com¬ 
plies  with  compatability  requirements,  the 
mechanical  and  thermal  properties  of  the  mem¬ 
bers  must  be  used.  The  user  must  input  the  stiff¬ 
ness  of  each  member  between  each  adjacent 
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pair  of  fastener  stations,  allowing  variations  in 
width  and  thickness.  Provisions  are  also  made 
for  thermally  induced  strains.  The  non-linear 
load-deflection  behavior  of  materials  is 
accounted  for  by  using  the  Ramberg-Osgood 
model  for  loading  beyond  the  material  propor¬ 
tional  limit. 

The  extension  of  the  members  between  stations 
k  and  ^  +  1  is  given  by: 

and 

,  ^2^(t:)  (12) 

where: 

6j,  82  =  displacement 

ttj,  a2  =  coefficient  of  thermal  expansion 

AT  =  TQpgj-^^iQ^  -  T^ssembly 

Ej,  £2  =  mechanically  induced  strains 

Any  running  load  is  applied  uniformly  along 
the  length  of  the  joint,  and  in  calculating  the 
strains,  the  deformation  is  that  which  would  be 
associated  with  the  average  member  load  in 
each  segment.  The  average  loads  causing  the 
stretching  of  each  member  between  stations  k 
and  k+1  are 

+  PlW^  (14) 

and 

^2,*.,,)  =  T2^^^  +  P^k)-P2\k)^^  (15) 


The  corresponding  stresses  are 

T, 


a,  = 

ho 


‘(O 


[w,  r.  ] 

ho  ho 


(16) 


and 


>9 


(k) 


(17) 


For  linear  elastic  materials,  the  equivalent 
strains  would  be 


£1 


(O 


and 


(18) 


‘■(k) 


(19) 


For  ductile  materials,  the  Ramberg-Osgood 
model  is  incorporated  and  the  equivalent 
strains  are  calculated  to  be 


(/  =  1,2)  (20) 


where  Fqj  =  the  stress  value  at. 7  x  E  on  the 
stress  strain  curve.  After  determining  the  mem¬ 
ber  strains,  the  relative  displacement  between 
the  members  at  the  next  station  is 

^(k+\)  =  ^2  “^1  (21) 

as  shown  in  Figure  1 .  This  allows  a  new  incre¬ 
ment  of  fastener  load  transfer  to  be  evaluated. 
After  computing  the  bearing  and  bypass  loads 
at  each  station  the  failure  criterion  is  checked  to 
see  if  the  combination  of  the  two  loadings  is 
capable  of  causing  Joint  failure. 

A4EJ  requires  the  user  to  input  a  relatively 
large  amount  of  empirical  data  for  the  materials 
that  are  being  joined.  The  input  of  the  data  is 
not  user  friendly,  requiring  formatted,  non¬ 
interactive  input  of  the  data.  Data  for  composite 
materials  is  input  on  the  laminate  level.  A4EJ 
does  have  short  turnaround  times  and  outputs 
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joint  failure  load,  fastener  station  loads,  deflec¬ 
tion  and  strains,  however  it  is  an  iterative  tech¬ 
nique  and  certain  values  must  be  checked  and 
adjusted  to  get  the  solution  to  converge.  Joints 
in  compression  as  well  as  tension  can  be  ana¬ 
lyzed.  A4EJ  accounts  for  temperature  effects, 
but  only  with  respect  to  each  material’s  coeffi¬ 
cient  of  linear  thermal  expansion;  A4EJ  does 
not  account  for  material  strength  degradation 
with  temperature.  Although  A4EJ  analyzes 
multi-row  bolted  joints,  it  is  not  capable  of  ana¬ 
lyzing  single  fastener  joints  or  joints  with  open 
holes.  A4EJ  performs  the  same  analysis  on  sin¬ 
gle  lap  and  double  lap  joints  and  doesn't 
account  for  single  lap  eccentricities.  The  exact 
fastener  locations  cannot  be  input,  but  are 
accounted  for  by  inputting  the  distances 
between  fastener  stations.  Fasteners  are 
assumed  to  be  evenly  spaced  throughout  a  row. 
A  specific  plate  loading  can  be  input,  and  A4EJ 
can  account  for  running  shear  loads  but  biaxial 
loadings  cannot  be  specified.  Boundary  condi¬ 
tions  can  be  input  but  are  not  required.  A4EJ 
doesn't  output  the  specific  mode  of  failure,  but 
the  mode  can  be  determined  from  the  failure 
location  and  loads.  A4EJ  isn't  capable  of  calcu¬ 
lating  stress  distributions  around  fasteners. 
A4EJ  is  effective  in  analyzing  multi-row  bolted 
joints,  however  users  encounter  difficulties  in 
obtaining  and  inputting  the  required  data. 

SASCJ  ANAT.YSIS 


solution  satisfies  the  compatability  equations 
when: 


44zr  34^ 

‘“57  ■  ^'’'“575^  +  (2^12  +  '*66)3^23^,2 


„  ,  3*^  ^  ,1  3*^"  -  n 

'  '‘-dxdy^  "  dy*  ■ 


'22 


is  satisfied  by  the  Airy  stress  function.  The  lam¬ 
inate  compliance  coefficients,  Ajj,  for  the  lami¬ 
nate  are  given  by 

£  =  M  (23) 


where  the  matrices  8  and  N  are  the  in-plane 
strains  and  stress  resultants,  respectively,  in  an 
anisotropic  plate.  The  complex  stress  function, 
F,  can  be  written  as 

F(x,y)  =  2Re[F,{zO  +  F2iZ2)]  (24) 


The  complex  stress  functions  Fi(zi)  and  F2(z2) 
are  analytic  functions  of  the  complex  character¬ 
istic  coordinates  Zj  and  Z2  respectively.  The 
coordinates  Zj  and  Z2  are  given  by 

Zj  =  x  +  ix^y  Z2  =  x  +  ^2y  (25) 

Using  the  complex  stress  function  the  complex 
functions 


SASCJ  is  an  acronym  for  Strength  Analysis  of 
Single  Fastener  Composite  Joints.  The  code 
was  developed  by  the  Northrop  Corporation 
from  1983-1985.  As  the  name  implies,  the  code 
can  only  perform  an  analysis  on  single  or  dou¬ 
ble  lap  joints  connected  with  one  fastener  or 
plates  with  an  open  hole.  SASCJ  has  the  capa¬ 
bility  to  perform  a  two-dimensional  analysis  of 
a  finite  bolted  composite  plate.  The  two-dimen¬ 
sional  stress  field  in  the  finite  bolted  plate  is 
expressed  in  terms  of  an  Airy  stress  function, 
F(x,y),  that  automatically  satisfies  the  equilib¬ 
rium  equations  in  the  plate.  The  displacement 


^  <^2(^2)  =  ^ 

are  introduced.  The  above  equations  lead  to  the 
following  expressions  for  stresses  and  dis¬ 
placements  in  the  plate: 

=  2Re[\ij<^\iz^)  +  ^l(^2iz2)]  (27) 
(5y  =  2Re[(if\{z^)  +  ^'2{Z2)]  (28) 
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^xy  =  -2/?^[|^i(1>'i(^i)  +  M2(22)]  (29) 

M  =  2Re[pj(l)^(Zi)  +  P2(l>2(Z2)]  (30) 

V  =  2/?e[^j(t)i(zj)  + ^2^1^2(22)]  (31) 

where  Pi,P2,  q\  and  ^2  are  defined  as; 

P\  =  +  >ii2-^i6^ii  (32) 

Pi  =  ^11^^2+^12-^161^2  (33) 

^1  =  (34) 

M-1 

■^22 

^2  =  ^12)^2  +  — -^26  (35) 

The  complex  functions  (j)j  and  ^2  automatical¬ 
ly  satisfy  the  governing  equation.  For  a  finite 
geometry  problem  with  specified  boundary 
conditions,  the  complex  functions  cannot  be 
solved  so  a  Laurent  series  expansion  is  used. 

N 

♦  ift,)  =  a„l„l;,+  2;  +  (36) 

n  =  I 

N 

♦2(^2)  =  (‘o‘"52+  Z  (|3-„^J"  +  “„^2)  (33) 

n  =  I 

Mapping  functions  are  incorporated  into  the 
expansions  to  make  the  series  converge  faster. 
The  rigid  body  rotation  constraint  and  single 
valuedness  of  the  displacement  constraint  are 
imposed  on  the  complex  functions.  The  com¬ 
plex  coefficients  of  the  series  expansions  are 
determined,  and  the  displacements  and  stresses 
can  be  calculated  using  equations  27  through 
31.  To  get  an  accurate  solution,  approximately 
100  collocation  points  are  used  in  the  expan¬ 
sion  at  the  hole  boundary.  These  points  are  suf¬ 


ficient  to  recover  the  imposed  boundary 
conditions  at  the  edges  of  the  plate  and  at  the 
hole  boundary.  With  an  open  hole  the  imposed 
boundary  conditions  are  self-equilibrating. 
With  a  loaded  hole,  a  cosine  bolt  load  distribu¬ 
tion  is  assumed  for  the  hole  boundary.  This  bolt 
load  distribution  is  equilibrated  to  the  imposed 
externally  applied  loads.  The  bolt  in  a  loaded 
hole  plate  is  modeled  as  a  Timoshenko  beam  on 
an  elastic  foundation.  A  finite  difference 
approximation  of  the  governing  equation  is 
used  to  determine  the  loading  distribution  and 
displacements  on  the  plate.  SASCJ  uses  a  pro¬ 
gressive  failure  procedure  that  predicts  local 
ply  failures  and  combines  them  to  get  the  plate 
strength. 

The  SASCJ  analysis  code  considers  many  of 
the  complexities  of  composite  bolted  joints. 
The  symmetry  of  a  double-lap  shear  problem  is 
taken  into  account  in  the  problem  to  reduce  the 
amount  of  input  required  and  computation 
time.  Bilinear  elastic  ply  behavior  is  assumed. 
No  fastener  friction  effects  are  taken  into 
account  in  the  code  but  an  approximation  to  the 
fastener  and  plate  contact  is  incorporated  by  an 
assumed  radial  stress  distribution.  The  user 
must  specify  a  bypass  ratio  for  the  joint.  The 
bypass  ratio  is  the  ratio  of  load  carried  by  the 
plates  to  the  load  carried  by  the  fastener.  This 
quantity  is  dependent  on  how  much  torque  is 
applied  to  a  fastener  when  it  is  tightened.  An 
edge  distance  to  bolt  diameter  ratio  must  be 
greater  than  3  and  the  plate  width  to  bolt  diam¬ 
eter  ratio  must  be  greater  than  4.  SASCJ  allows 
for  protruding  and  countersunk  head  fasteners. 
The  only  difference  the  analysis  makes 
between  the  two  types  of  fasteners  is  in  the 
determination  of  the  boundary  conditions  for 
the  bolt.  The  protruding  head  fasteners  are  giv¬ 
en  fixed  boundary  conditions  at  both  ends.  The 
countersunk  fasteners  are  given  a  free  bounda¬ 
ry  condition  at  the  countersunk  head  and  a 
fixed  boundary  condition  at  the  bolted  end.  The 
analysis  assumes  that  the  fasteners  don't  fail. 
The  failure  criteria  are  checked  at  locations 
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specified  by  the  user.  The  input  data  for  the 
failure  criteria  depends  on  the  failure  option 
chosen;  point  stress,  average  stress,  maximum 
strain  or  Hoffman/Tsai-Hill.  The  same  failure 
prediction  procedure  is  used  for  all  of  the  plates 
in  the  bolted  joint.  The  SASCJ  analysis  code 
outputs  the  following  Joint  properties  upon 
completion  of  the  analysis:  failure  load,  failure 
mode,  joint  loads  at  specified  nodal  points  and 
an  echo  of  a  limited  amount  of  the  input  data. 
The  SASCJ  code  at  Wright-Patterson  AFB  has 
been  modified  to  output  the  stresses,  strains  and 
displacements  at  the  hole  boundary  at  the  fail¬ 
ure  load.  The  code  cannot  determine  stresses  in 
a  joint  for  a  given  load  but  a  tensile  or  compres¬ 
sive  loading  can  be  specified.  The  code  allows 
for  the  analysis  of  finite  geometry  joints  with 
nearby  free  edges.  The  analysis  accounts  for 
the  actual  laminate  stacking  sequence  and 
asymmetric  laminates  can  be  input.  SASCJ 
considers  fastener  bending,  torque  and  shear  in 
the  analysis.  For  most  cases,  the  code  runs  rel¬ 
atively  slowly.  SASCJ  is  a  versatile  code  that 
can  analyze  most  single  fastener  joints. 

R.TSFM  ANAT.YSTS  CQDE^^^’ 

BJSFM  was  developed  by  the  McDonnell  Air¬ 
craft  Company  from  1978  to  1981.  BJSFM  is 
an  acronym  for  Bolted  Joint  Stress  Field  Mod¬ 
el.  BJSFM  can  predict  stress  distributions  and 
perform  failure  analysis  of  an  anisotropic  dou¬ 
ble  lap  plate  with  a  single  loaded  or  unloaded 
fastener  hole.  The  analysis  is  based  on  1)  aniso¬ 
tropic  theory  of  elasticity,  2)  lamination  plate 
theory,  and  3)  a  failure  hypothesis.  The  princi¬ 
ple  of  elastic  superposition  is  used  to  obtain 
laminate  stress  distributions  as  a  result  of  the 
combination  of  bearing  and  bypass  loading. 
The  developed  analysis  can  be  used  with  vari¬ 
ous  failure  criteria  to  predict  laminate  load  car¬ 
rying  capability.  The  derivation  of  the 
equations  used  in  the  BJSFM  and  SASCJ  codes 
are  identical  up  to  equation  35.  BJSFM  uses 
conformal  mapping  techniques  to  obtain  exact 
solutions  for  an  infinite  plate  with  a  circular 


hole  and  uniform  stresses  at  infinity.  A  map¬ 
ping  function  was  used  to  map  the  physical  cir¬ 
cular  boundary  of  radius,  b  in  the  plane 
(k=l,2)  onto  a  unit  circle  in  the  plane.  The 
mapping  function  is  given  by 


The  sign  of  the  square  root  is  chosen  such  that 
the  hole  is  mapped  to  a  unit  circle.  The  above 
equations  contain  unknown  stress  functions 
(j)j  (zj)  and  infinite  plate  these 

functions  will  have  the  general  form: 


<t^l(^l)  -  5jZj  +  In^j  -i-  ^  (39) 

m  =  1 


^2(^2)  “  ^2^2 ^2^^^2  ^  ^2m^2  (^^) 

m  =  2 

Linear  zj  and  Z2  terms  are  required  for  a  uni¬ 
form  stress  at  infinity.  Terms  with  In  and  In 
^2  are  present  whenever  the  resultant  of  the 
applied  stresses  on  the  circular  boundary  are 
nonzero.  Boundary  conditions  on  the  circular 
hole  are  satisfied  by  the  and  the  ^2^  series 

coefficients.  Only  the  linear  terms  and  the  first 
coefficient  of  the  summation  are  used  for  the 
unloaded  hole  solution.  Loaded  hole  analysis  is 
performed  by  specifying  a  radial  stress  bound¬ 
ary  condition  varying  as  a  cosine  over  half  the 
hole.  Boundary  conditions  at  infinity,  required 
to  satisfy  equilibrium,  result  in  stress  free  con¬ 
ditions  since  the  finite  force  required  to  balance 
the  bolt  load  is  applied  to  an  infinite  boundary. 
Thus,  the  linear  terms  are  not  required.  Since 
the  specified  hole  loading  is  not  self-equilibrat¬ 
ing  on  the  boundary,  single-valued  displace¬ 
ment  conditions  are  imposed  to  determine  the 
log  term  coefficients.  The  following  set  of 
simultaneous  equations  are  given  for  the  aj  and 
^2  complex  coefficients. 
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fl,-aj+a2-a2  = 

P\  . 

jJ,jfl!j+)J.2^3!2  —  [^2^2  ~  (42) 

-jl^a]  +|l|«2-f^2^2  = 


~  ^\2P2~  -^lePi 

27C^^22 


(43) 


_  Cl'y 

l^i^i 

1^2 


^2 


A^2P\  ^26P2 

2  7U  2  y4  22 


(44) 


Expressing  the  radial  stress  boundary  condi¬ 
tions  on  the  hole  in  terms  of  a  Fourier  series  and 
equating  the  series  representation  of  the  solu¬ 
tion,  the  unknown  and  a2m  coefficients 
are  obtained.  The  coefficients  are: 

bPi{l  +  i\i2) 

“  [16(P2-|^i)] 


^22 


bPi{l  +  ipj) 
[16(P2-|-Ii)] 


m  =  4,  6,  8.... 


«lm  =  «2m  =  0  ^  ... 


^p/(_l)(/«-l)/2(2-H,mp2) 

^Pj(_l)(/n-l)/2(2  +  /^|Xj) 

[7cm2(m2-4)(p.2-lii)] 


(46) 

(47) 

(48) 


(49) 


These  equations  give  the  complete  elastic  stress 
distribution  in  an  infinite,  two-dimensional, 
anisotropic  material  with  a  circular  hole.  These 
solutions  are  valid  only  for  homogeneous  mate¬ 
rials,  but  are  assumed  to  be  valid  also  for  mid¬ 
plane  symmetric  laminates.  Laminate  strains 


are  calculated  using  material  compliance  con¬ 
stitutive  relations.  Laminate  compliance  coeffi¬ 
cients  Aji^,  are  derived  using  classical 
lamination  plate  theory  with  unidirectional 
material  elastic  constants,  ply  angular  orienta¬ 
tions,  and  ply  thicknesses.  Assuming  that  lami¬ 
nate  strain  remains  constant  through  the 
thickness,  strains  for  individual  plies  along 
lamina  principal  material  axes  are  calculated 
using  coordinate  transformations.  Stress  distri¬ 
butions  resulting  from  an  arbitrary  set  of  in¬ 
plane  loads  are  obtained  using  the  principle  of 
superposition.  To  account  for  inelastic  or  non¬ 
linear  material  behavior  at  the  hole  boundary, 
the  characteristic  dimension’  hypothesis  of 
Whitney  andNuismer  was  adopted^^^l  Various 
material  failure  criteria  can  be  used  with  the 
characteristic  dimension  failure  hypothesis. 
The  failure  criteria  options  are:  Tsai-Hill,  max¬ 
imum  stress,  maximum  strain,  Hoffman  and 
modified  Tsai-Wu.  Finite  width  effects  have  a 
significant  influence  on  the  circumferential 
stress  distribution  around  a  loaded  fastener 
hole.  A  superposition  of  stress  distributions 
from  loaded  and  unloaded  hole  infinite  plate 
solutions  is  used  to  evaluate  the  effects  of  finite 
width.  In  the  loaded  hole  analysis  the  bolt  load 
is  reacted  by  tensile  and  compressive  loads  of 
P/2.  By  superimposing  the  solution  for  an 
unloaded  hole  under  a  remote  tensile  loading  of 
P/2  the  desired  loading  on  the  bolt  and  overall 
equilibrium  is  attained.  The  resulting  stress  dis¬ 
tribution  gives  a  good  approximation  of  the 
state  of  stress  in  a  plate  of  finite  width  but  dif¬ 
fers  from  an  exact  solution  in  that  the  superim¬ 
posed  normal  and  shear  stresses  at  the  "edge" 
of  the  plate  are  non-zero. 

BJSFM  does  not  require  the  user  to  input  a 
large  amount  of  data  and  the  input  procedure  is 
user  friendly.  The  data  is  input  interactively, 
but  if  a  mistake  is  discovered  after  a  response  to 
a  prompt  is  already  entered,  the  user  must  start 
over  from  the  beginning.  BJSFM  has  a  very 
short  turnaround  time  and  offers  a  variety  of 
output  options  and  failure  criteria.  BJSFM  can 
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account  for  material  anisotropy,  general  in¬ 
plane  loadings  (tension,  compression,  biaxiali- 
ty,  shear  bearing),  and  arbitrary  hole  sizes. 
BJSFM  can  also  account  for  composites  that 
are  made  of  more  than  one  type  of  material. 
Only  mechanical  properties  for  the  basic  unidi¬ 
rectional  ply  lamina  are  required  to  obtain 
strength  predictions.  BJSFM  does  not  account 
for  compression  or  temperature  effects,  and  has 
joint  geometry  restrictions.  When  inputting  the 
plate  properties,  BJSFM  uses  the  thickness  of 
each  ply  orientation  normalized  by  the  total 
plate  thickness.  BJSFM  views  a  joint  as  a  single 
plate  with  an  equivalent  loading  from  a  second 
plate.  The  properties  and  geometry  of  the  sec¬ 
ond  plate  never  enter  into  the  analysis. 
Although  BJSFM  accounts  for  the  percentages 
of  plies  of  different  orientations  for  composite 
materials,  it  does  not  account  for  ply  layup 
sequence.  BJSFM  can  output  stresses,  strains 
and  displacements  at  fixed  distances  and  angu¬ 
lar  locations  about  the  bolt  hole.  BJSFM  is  a 
useful  tool  that  can  produce  a  significant 
amount  of  information  about  a  problem. 

SCAN  ANALYSIS  CODE 

SCAN  is  an  updated  version  of  the  BJSFM 
composite  joint  analysis  code.  SCAN  is  an 
acronym  for:  Stress  Concentrations  ANalysis. 
The  code  was  developed  by  the  McDonnell 
Aircraft  Company  from  1985-1986.  The  code 
can  only  analyze  joints  connected  with  one  fas¬ 
tener.  Improvements  have  been  made  to  the 
BJSFM  code,  which  makes  the  analysis  proce¬ 
dure  closely  match  the  SASCJ  analysis.  The 
analysis  is  based  on  anisotropic  theory  of  elas¬ 
ticity,  laminated  plate  theory  and  a  boundary 
collocation  procedure.  The  SCAN  and  SASCJ 
analysis  formulations  are  identical  until  the 
point  where  a  Laurent  series  expansion  is 
assumed  for  the  complex  functions  (j)!  and  (1)2 . 
SCAN  uses  the  following  expansions: 

oo 

(l)i(zi)  =  a^lnzi  +  X  (50) 


“  (51) 

^2(^2)  =  a2^nZ2+  X 

n  zz  -00 

where  and  ^2  ^^e  determined  by  solving 
equations  41  to  44  simultaneously.  No  map¬ 
ping  function  for  the  z  coordinates  is  used  in  the 
SCAN  derivation.  The  constants  and  a2„ 
are  determined  by  using  a  least  squares  bound¬ 
ary  collocation  technique  similar  to  the  one 
used  in  SASCJ.  Using  SCAN,  the  user  can 
obtain  the  stresses  at  any  point  in  a  plate,  given 
a  set  of  internal  and  external  boundary  condi¬ 
tions. 

SCAN  is  capable  of  handling  joints  in  a  double¬ 
lap  configuration.  The  code  can  analyze  a  sin¬ 
gle  plate  with  an  unloaded  elliptical  hole. 
SCAN  can  account  for  any  quadrilateral  plate 
shape  and  bilinear  elastic  ply  behavior  is 
assumed.  A  limitation  on  the  dimensions  of  the 
quadrilateral  plate  is  that  the  aspect  ratio  of  the 
plate  must  be  less  than  2.  The  code  assumes  the 
bolt  bearing  load  acts  in  a  cosinusoidal  distri¬ 
bution  over  one-half  of  the  bolt  hole.  No  fasten¬ 
er  friction  effects  are  considered  in  the  code  but 
their  effects  on  the  joint  can  be  approximated. 
You  can  specify  a  bolt  load,  axial  load,  trans¬ 
verse  load  and  shear  loading.  The  loads  are  giv¬ 
en  in  terms  of  stresses  applied  to  the  plate  edges 
and  the  bolt  hole.  SCAN,  like  BJSFM,  consid¬ 
ers  the  force  of  the  bolt  to  be  just  an  input  force 
on  the  hole.  Typically  the  input  loadings,  espe¬ 
cially  the  bolt  loading,  can  only  be  determined 
experimentally.  The  user  must  also  know  how 
much  load  is  transferred  through  the  bolt  and 
how  much  is  bypassed  around  the  bolt.  The 
failure  criteria  are  checked  at  a  characteristic 
distance  specified  by  the  user.  The  failure  crite¬ 
ria  options  are  as  follows:  Maximum  Strain, 
Maximum  Stress,  Tsai-Hill,  Modified  Tsai- 
Wu,  Hoffman.  The  failure  criteria  is  used  at  the 
laminate  level. 

The  SCAN  analysis  code  has  many  different 
output  options.  The  user  can  print  out  laminate 
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and  ply  stresses  and  strains,  failure  criteria  and 
failure  stresses.  The  analysis  doesn't  account 
for  the  actual  laminate  stacking  sequence  and 
asymmetric  laminates  cannot  be  specified. 
Instead  of  inputting  the  stacking  sequence,  the 
user  inputs  the  percentage  of  plies  for  each  dif¬ 
ferent  orientation.  The  code  is  strictly  valid  for 
homogeneous  anisotropic  flat  plates  and  is 
assumed  to  be  valid  for  mid-plane  symmetric 
laminates.  The  user  can  input  stress  or  displace¬ 
ment  boundary  conditions  for  a  plate  edge.  The 
boundary  conditions  can  be  input  as  a  constant 
or  as  a  quadratic  distribution  over  the  length  of 
the  plate  edge.  To  enforce  equilibrium  on  a 
loaded  hole  joint,  the  bearing  load,  P,  must  be 
equal  to  the  edge  loading,  P^,  divided  by  the 
plate  width,  w.  The  user  can  input  up  to  eight 
different  ply  angular  orientations  and  can  have 
up  to  three  different  materials  for  hybrid  lami¬ 
nates.  SCAN  is  a  versatile  code  for  singly  fas¬ 
tened  composite  bolted  joints.  The  code  runs 
relatively  fast  compared  to  the  SASCJ  and 
SAMCJ  codes  and  has  many  output  options. 

SAMCJ  ANALYSIS 

SAMCJ  was  also  developed  by  the  Northrop 
Corporation  from  1983  to  1985.  SAMCJ  is  an 
acronym  for:  Strength  Analysis  of  Multifasten¬ 
er  Composite  Joints.  As  the  name  implies,  the 
code  can  analyze  joints  connected  by  multiple 
fasteners.  In  addition  to  this  capability,  the 
code  can  also  effectively  model  a  combination 
of  loaded  and  unloaded  holes  and  cutouts. 
SAMCJ  also  performs  a  two-dimensional  anal¬ 
ysis  of  finite  bolted  composite  plates.  SAMCJ 
is  derived  from  SASCJ,  so  the  basic  analysis  is 
the  same.  Many  identical  or  slightly  modified 
subroutines  are  used  for  both  analysis  codes. 
The  main  difference  is  that  SAMCJ  uses  spe¬ 
cial  finite  elements  to  perform  the  analysis.  The 
special  finite  elements  include:  elements  with 
loaded  holes,  elements  with  unloaded  holes, 
regular  plate  elements  and  beam  elements  to 
model  the  bolts.  The  user  is  required  to  input 
the  geometry  of  the  bolted  joint,  the  type  of  ele¬ 


ments,  the  material  properties,  loading  condi¬ 
tion,  and  fastener  geometry.  SAMCJ  applies  a 
1  kip  load  to  the  joint  and  also  applies  the  con¬ 
straints.  The  stiffness  matrices  for  all  of  the  ele¬ 
ments  are  assembled.  The  code  allows  the  user 
to  take  advantage  of  multiple  elements  with 
similar  stiffness  matrices  to  reduce  run  times. 
The  fastener  load  distribution  is  determined 
without  the  aid  of  any  empirical  test  data.  An 
average  stress  failure  criteria  is  used  for  all 
joint  types  in  SAMCJ.  The  failure  criteria 
determines  the  joint  failure  load,  the  location  of 
the  failure,  and  the  failure  mode. 

The  SAMCJ  analysis  code  has  many  of  the 
same  options  as  the  SASCJ  code.  The  code  is 
capable  of  handling  multiply  fastened  joints  in 
a  double  or  single-lap  configuration.  The  sym¬ 
metry  of  a  double-lap  shear  problem  is  taken 
into  account  to  reduce  the  amount  of  input 
required  and  computation  time.  The  code  can't 
analyze  a  single  plate  with  an  unloaded  hole, 
but  it  can  analyze  joints  with  only  one  bolt.  A 
two-dimensional  analysis  is  performed  on  any 
finite  anisotropic  joint.  SAMCJ  can  account  for 
finite  geometries  which  include  cutouts,  nearby 
free  edges,  and  tapered  or  stepped  plates.  Bilin¬ 
ear  elastic  ply  behavior  is  assumed.  The  code 
assumes  the  bolt  bearing  loads  act  in  a  cosinu¬ 
soidal  distribution.  No  fastener  friction  effects 
are  taken  into  account  and  there  is  no  way  to 
specify  a  bypass  ratio  in  the  SAMCJ  code.  The 
code  internally  calculates  the  bolt  load  distribu¬ 
tion.  The  edge  distance  to  bolt  diameter  ratio 
must  be  greater  than  3.  The  plate  width  to  bolt 
diameter  ratio  must  be  greater  than  4.  The  user 
can  specify  a  protruding  or  countersunk  head 
fastener  as  in  SASCJ.  All  of  the  fasteners  are 
assumed  to  be  made  of  the  same  material  and 
are  identical  in  type  and  size.  The  analysis 
assumes  that  the  fasteners  don't  fail.  The  failure 
criteria  are  checked  at  locations  specified  by 
the  user.  The  SAMCJ  analysis  code  outputs  the 
following  joint  properties  upon  completion  of 
the  analysis:  failure  load,  failure  mode,  joint 
loads  in  the  elements,  element  forces  and  an 
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echo  of  a  limited  amount  of  the  input  data.  Like 
S  ASCJ,  the  code  cannot  determine  stresses  in  a 
joint  for  a  given  load.  The  analysis  accounts  for 
the  actual  laminate  stacking  sequence  and 
asymmetric  laminates  can  be  specified.  SAM- 
CJ  accounts  for  fastener  bending,  torque  and 
shear.  Run  times  for  the  analysis  can  be  very 
long  depending  on  the  number  of  elements  that 
make  up  the  joint. 

COMPARISONS  AND  RRCOMMENDED 
USAGE  OF  BOLTED  JOINTS  PROGRAMS 

The  authors  decided  to  examine  and  compare 
the  six  composite  bolted  joints  analysis  codes 
by  performing  analysis  on  various  types  of 
joints  using  as  many  different  codes  as  possi¬ 
ble.  We  began  by  selecting  various  joint  test 
cases  for  which  data  from  actual  experimental 
strength  tests  already  existed.  A  test  program  of 
joint  geometries  which  had  already  been  exper¬ 
imentally  tested  in  References  5  and  8,  were 
compared  to  the  calculations  of  each  of  the 
bolted  joint  analysis  programs  described  above. 
Nine  typical  joint  geometries  were  chosen  to 
demonstrate  some  of  the  capabilities  and  limi¬ 
tations  of  each  code.  The  assumptions  that  were 
made  are;  1)  One  of  the  plates  being  joined 
(inner  plate  for  the  double  lap  joints)  is  made  of 
graphite/epoxy  with  the  properties  shown  in 
Table  1.  2)  The  outer  plate  of  each  double  lap 
joint  and  one  plate  for  single  lap  joints  is  made 
of  steel  with  the  properties  also  shown  in  Table 
1.  3)  The  fasteners  used  for  each  joint  are  steel 
bolts  with  protruding  heads.  Some  of  the  fas¬ 
teners  had  bushings,  but  they  were  not  account¬ 
ed  for  in  the  analyses.  4)  The  fasteners  were 
assumed  to  fit  exactly  and  no  fastener  clearance 
was  considered.  5)  No  fastener  torque-up 
effects  were  considered,  however  it  was  exper¬ 
imented  with  in  adjusting  the  bearing/bypass 
loads  for  some  of  the  analysis  codes.  6)  For  the 
experimental  tests,  the  average  of  the  failure 
loads  for  each  joint  geometry  is  considered  to 
be  the  actual  failure  load  for  that  geometry.  7) 
All  joint  loadings  are  uniaxial.  SCAN,  SASCJ, 


SAMCJ  and  BJSFM  check  for  joint  failure  at  a 
characteristic  distance  which  is  away  from  the 
edge  of  the  hole.  The  standard  distance  which 
was  used  for  this  effort  was.02  inches.  For  all 
joints  with  bolts  that  carry  a  load,  the  bypass 
ratio  plays  a  role  in  the  definition  of  the  prob¬ 
lem.  SASCJ  requires  the  user  to  input  the 
bypass  ratio;  SAMCJ,  A4EJ  and  JOINT  inter¬ 
nally  calculate  a  bypass  ratio.  The  SCAN  and 
BJSFM  codes  require  that  the  user  know  the 
bolt  loading,  which  in  turn  implies  the  bypass 
ratio  for  the  joint.  For  the  SASCJ  code,  the 
bypass  ratio  was  adjusted  to  get  a  feel  for  the 
correct  bypass  ratio.  For  the  JOINT  analysis 
code,  the  percentage  of  0°  plies  was  assumed  to 
be  37%  instead  of  the  actual  50%  because  of 
the  limitations  of  the  code.  Table  2  gives  the 
laminate  ply  orientations  for  the  three  layups 
used.  The  following  discussion  gives  an  expla¬ 
nation  of  the  results  summarized  in  Table  3. 

Open  Hole 

BJSFM,  SCAN  and  SASCJ  are  capable  of  ana¬ 
lyzing  open  holes.  The  output  from  all  of  the 
analyses  is  very  close  as  shown  in  the  graph  in 
Figure  2,  even  though  the  composite  laminate 
stacking  sequence  is  not  considered  in  the  BJS¬ 
FM  and  SCAN  codes.  The  BJSFM  and  SCAN 
codes  are  quicker,  require  less  and  more  funda¬ 
mental  input  data,  provide  more  output  data, 
and  are  unique  in  their  capability  to  analyze 
biaxial  loadings.  SCAN  is  also  the  only  code 
capable  of  analyzing  elliptical  holes  and  quad¬ 
ratic  loadings.  Both  the  SCAN  and  SASCJ 
codes  can  perform  an  analysis  for  a  non-rectan- 
gular  quadrilateral  plate  shape.  SCAN  or  BJS¬ 
FM  are  the  recommended  codes  to  use  if  you 
are  analyzing  plates  with  open  holes. 

Single  Bolt.  Double  Lap 

All  of  the  codes  except  A4EJ  are  capable  of 
analyzing  double  lap  joints  with  a  single  fasten¬ 
er.  Actually  the  JOINT  analysis  code  isn't  capa¬ 
ble  of  doing  an  analysis  of  a  single  bolt  joint 
either  because  the  code  assumes  an  infinite 
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width  plate  with  uniform  bolt  spacing  through 
the  width  of  the  plate.  The  JOINT  analysis  was 
included  in  this  section  to  give  you  a  feel  for 
how  the  capabilities  of  the  code  can  be 
stretched. 

If  the  bolt  loading  is  already  known  from 
another  analysis  or  through  testing,  and  stress 
or  strain  displacement  data  is  desired,  then 
BJSFM  and  SCAN  are  the  recommended  codes 
to  use.  If  the  bolt  loading  is  not  known,  the  user 
can  look  at  trend  data  or  case  studies  to  get  a 
feel  for  how  the  joint  is  reacting  to  varying 
loading  conditions.  SASCJ  should  be  used  if 
you  simply  want  the  failure  load  of  the  joint  for 
a  particular  bypass  ratio.  The  compressively 
loaded  joint  shows  that  SAMCJ  tends  to  predict 
an  unconservative  value  for  the  failure  load. 

Single  Bolt.  Single  Lap 

JOINT,  SASCJ  and  SAMCJ  are  capable  of  ana¬ 
lyzing  single  lap  joints  with  a  single  fastener. 
Again,  the  JOINT  analysis  code  performs  an 
infinite  width  plate  analysis  so  the  results 
should  be  used  with  this  in  mind.  The  SASCJ 
and  SAMCJ  codes  run  relatively  slowly  but 
they  are  only  codes  capable  of  performing  an 
analysis  on  single  lap  joints.  SASCJ  requires 
the  user  to  input  a  bypass  ratio  or  to  look  at  a 
worst  case  situation.  SAMCJ  doesn't  require 
the  user  to  input  a  bypass  ratio  and  it  internally 
calculates  this  value.  Both  SASCJ  and  SAMCJ 
do  well  at  determining  the  failure  load  if  the 
user  has  a  good  understanding  of  the  problem 
and  the  joint  parameters.  There  is  no  capability 
to  output  stresses,  strains  or  displacements  in 
the  SASCJ  or  SAMCJ  codes. 

Multiple  Bolted  Joints 

A4EJ,  JOINT  and  SAMCJ  are  capable  of  ana¬ 
lyzing  multiply  fastened  joints.  A4EJ  and 
SAMCJ  are  capable  of  accounting  for  compres¬ 
sive  loadings.  In  all  codes,  the  magnitude  of  the 
error  tended  to  increase  as  the  number  of  fas¬ 
teners  increased.  A4EJ  has  a  relatively  short 


run  time,  but  can  only  analyze  joints  containing 
at  least  two  rows  of  fasteners  with  at  least  two 
fasteners  per  row.  A4EJ  is  recommended  for 
use  in  design  studies  of  multiply  fastened 
joints.  JOINT  has  a  relatively  quick  run  time 
and  although  the  code  assumes  an  infinite 
width  plate,  the  code  produced  good  results  for 
some  cases.  JOINT  is  limited  in  the  amount  of 
output  it  can  produce  so  it  is  recommended  for 
preliminary  design  studies.  SAMCJ  is  capable 
of  analyzing  many  types  of  multiply  fastened 
joints  because  of  its  finite  element  based  for¬ 
mulation. 

CREPAIR  PROGRAM^^^^ 

The  CREPAIR  (Composite  Bolted  Repair)  pro¬ 
gram  was  developed  by  McDonnell  Douglas 
Corporation  (T.  Hinkle  and  G.  Hoehn)  on  a 
contract  from  Wright  Laboratory,  Flight 
Dynamics  Directorate’s  Structures  Division. 
The  purpose  of  this  program  is  for  the  evalua¬ 
tion  (strength)  of  composite  skins  (damaged  or 
undamaged)  with  an  axisymmetric  cutout,  and 
subjected  to  inplane  biaxial  and  shear  loads. 
The  program  accounts  for  thermal  loads 
induced  by  a  material  mismatch.  It  includes  a 
tapered  patch  analysis  as  well.  CREPAIR  pre¬ 
dicts  strain  distributions  and  fastener  loads  for 
a  finite-width  orthotropic  skin  having  an 
axisymmetric  cutout  and  a  mechanically- 
attached,  tapered,  orthotropic  patch.  The  pri¬ 
mary  loads  on  the  repaired  area  are  assumed  to 
be  inplane,  biaxial  and  shear  loads  accounting 
for  the  thermal  loads  induced  by  the  material 
mismatch.  The  CREPAIR  program  was 
derived  from  an  earlier  program  called 
BREPAIR  developed  by  the  Navy*'^^^  The  the¬ 
oretical  approach  in  BREPAIR  was  based  on 
the  boundary  collocation  method.  The  purpose 
of  BREPAIR  was  to  evaluate  the  strength  of 
repair  patches  mechanically  fastened  to 
repaired  (or  unrepaired)  skin  having  a  circular 
cutout  formed  after  smoothing-out  the  dam¬ 
aged  area.  The  CREPAIR  extensions  include 
elliptical,  slotted,  or  rectangular  cutouts  with 
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tapered  patches  and  thermal  mismatch  consid¬ 
erations.  Also  the  theoretical  basis  was  modi¬ 
fied  to  the  boundary  element  method. 

SVELT^  17-19) 

SVELT,  Spline  Variation  Elastic  Laminate 
Technology,  currently  under  development  at 
the  University  of  Dayton  Research  Institute  is 
sponsored  by  Wright  Laboratory,  Materials 
Directorate.  The  program’s  objective  is  to 
obtain  a  detailed  (three-dimensional)  strength 
analysis  of  bolted  joints  by  modeling  an  open 
elastically  filled  through-the-thickness  opening 
(loaded  or  unloaded  holes)  in  laminated  plates. 
It  is  based  on  a  Ritz  analysis  procedure  based 
on  a  mixed  variational  energy  principle.  The 
distribution  of  displacements  and  interlaminar 
stress  components  in  each  layer  are  independ¬ 
ently  approximated  in  terms  of  cubic  B -spline 
functions  to  assure  continuity  of  displacements 
and  stresses.  This  is  one  of  the  few  research 
efforts  addressing  accuracy  issues  in  joint 
strength  analysis.  The  computer  program  is 
intended  primarily  for  numerical  validation  of 
the  method. 

A4EI  -  BONDED  JOINTS^^^ 

This  program  was  developed  by  Hart-Smith  of 
McDonnell  Aircraft  Company,  and  it  was 
sponsored  by  the  U.S.  Air  Force  Wright  Labo¬ 
ratory’s  Structures  Division.  A4EL  A4EJ  and 
A4EK  are  three  programs  developed  undr  this 
effort.  A4EI  is  a  bonded  joints  analysis  pro¬ 
gram.  It  is  intended  for  the  nonlinear  analysis  of 
adhesively  bonded  stepped-lap  joints  and  dou¬ 
blers.  It  is  based  on  a  continuum  mechanics 
approach  combined  with  empirical  estimates 
from  tests.  A4EJ  is  a  multi-row  bolted  joints 
(mechanically  fastened)  analysis  program  in 
composite  structures.  The  A4EK  program  ana¬ 
lyzes  joints  in  which  both  bonding  and 
mechanical  fasteners  are  used. 


PGLIJE-  BONDED  JOINT  REPAIR^^^^ 

The  PGLUE  program  was  developed  by  Foga¬ 
rty  and  Saff  of  McDonnell  Aircraft  Company. 
The  purpose  of  the  program  was  to  evaluate  the 
strength  characteristics  of  adhesively  bonded 
repair  patches.  The  program’s  input  are  the 
geometry,  material  properties  and  loading  con¬ 
ditions.  The  output  consists  of  stresses  and 
deflections  in  the  skin,  the  patch  and  the  adhe¬ 
sive.  Some  of  the  salient  features  of  PGLUE 
are:  a)  performs  three-dimensional  analysis  of 
bonded  repairs,  b)  accommodates  bilinear  as 
well  as  elastic/perfectly  plastic  material  models 
for  the  adhesive,  and  c)  analyses  tapered  patch¬ 
es  with  variable  thickness.  It  is  a  finite  element 
analysis  program  with  solid  (eight  node  hexa¬ 
hedron)  elements. 

■ITSDL/JTSTP^^^^ 

This  program  was  developed  in  the  early  70s  by 
Grimes  et.  al.  for  the  U.S.  Air  Force  Flight 
Dynamics  Laboratory.  Its  purpose  was  the 
analysis  of  bonded  single,  double  and  step-lap 
joints.  The  analysis  method  is  based  on  a  elastic 
continuum.  The  material  model  for  the  adhe¬ 
sive  and  the  adherend  is  based  on  the  Ramberg- 
Osgood  three  parameter  stress-strain  curves. 
The  number  of  simplifying  assumptions  limits 
the  utility  of  the  program  to  relatively  lightly 
loaded  conservative  designs. 

BON.TO  PROGRAM^^^^ 

The  programs  BONJOIG,  BONJOIS  and 
BONJO  were  developed  under  Air  Force  Flight 
Dynamics  Laboratory  sponsorship  during  the 
early  70s.  Although  the  BONJO  series  of  pro¬ 
grams  addresses  both  bolted  and  bonded  joints 
analysis,  only  the  bonded  joints  issues  are  dis¬ 
cussed  in  this  review.  The  BONJOIG  program 
analyzes  single-lap  and  double-lap  joint  con¬ 
figurations.  The  adhesive  material  model  is 
assumed  to  be  linearly  elastic.  The  BONJOIS 
analysis  is  limited  to  single-lap  bonded  joints 
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with  identical  adherends  with  a  linearly  elastic 
adhesive.  BONJO  is  simply  an  expansion  of  the 
BONJOIG  program  with  a  bilinear  elastic,  per¬ 
fectly  plastic  material  model.  For  additional 
details  refer  to  the  reference  cited  above. 

MOSIAC^^^^ 

The  MOSAIC  program  is  currently  under 
development  at  ADTECH  Corporation  under 
partial  funding  from  the  Air  Forces’  SBIR 
(Small  Business  Innovative  Research)  Phase  II 
program.  The  purpose  of  the  program  is  to  per¬ 
form  an  accurate  three-dimensional  stress  anal¬ 
ysis  of  multi-layered  structures  having  material 
property  variations  in  all  three  orthogonal 
directions.  It  is  an  ambitious  undertaking  under 
development,  and  the  current  status  is 
described  in  the  cited  reference. 

A4EK  PRQGRAM^^^ 

This  program  is  part  of  a  three  program  series 
(A4EI,  A4EJ  and  A4EK)  discussed  earlier.  The 
purpose  of  its  development  was  to  investigate 
the  advantages  (if  any)  in  using  both  bonding 
and  bolting  of  composite  elements.  These  three 
programs  are  extremely  popular  and  have  been 
widely  distributed  over  the  years.  For  more 
details  the  reader  is  referred  to  the  cited  refer¬ 
ences. 

CONCLUSIONS 

The  programs  cited  in  this  review  were  devel¬ 
oped  primarily  under  the  sponsorship  of  the 
Air  Force  and  other  U.S.  government  agencies. 
There  were  a  number  of  joints  analysis  and 
testing  programs  funded  during  the  1970s  and 
1980s.  Fundinghas  been  relatively  scarce  dur¬ 
ing  the  1990s,  as  a  result,  both  industry  and 
research  organizations  are  concentrating  on 
enhancements  and  innovative  use  of  the  exist¬ 
ing  programs.  The  current  trend  is  to  treat  the 
joint  design  issue  as  a  integral  part  of  the  over¬ 
all  service  life  prediction  of  composite  struc¬ 
tures.  This  attitude  makes  sense,  because 


issues  such  as  delamination,  debonding, 
fatigue  life,  and  impact  damage  affect  joints 
design  as  well.  The  reviewer  is  aware  of  at 
least  two  or  more  SBIR  (Small  Business  Inno¬ 
vative  Research)  efforts  devoted  to  the  devel¬ 
opment  of  a  user  friendly  software 
environment  for  joints  analysis  and  their 
design  optimization.  Adtech  Systems 
Research,  Inc.  in  Dayton,  Ohio  is  working  on 
an  SBIR  -  Phase  II  program,  funded  by  the 
Flight  Dynamics  Directorate  at  Wright-Patter- 
son  Air  Force  Base.  The  primary  objectives  of 
this  project  are  as  follows: 

•  Develop  a  computer  infrastructure  (both  on  a 
PC  and  a  workstation  environment)  for  using 
any  or  all  of  the  public  domain  (government 
funded)  joint  analysis  programs  with  com¬ 
mon  input  and  output  features  wherever  pos¬ 
sible. 

•  Bench-mark  the  programs  with  common/ 
duplicate  features. 

•  Survey  the  aerospace  industry  and  identify 
desirable  features  beyond  those  available  and 
enhance  the  infrastructure  to  the  extent 
resources  allow  or  seek  government  and/or 
industry  funding. 

•  Plan  for  high-temperature  applications  with 
the  new  metal  and  ceramic  matrix  compos¬ 
ites. 

•  Develop  a  marketing  plan  for  technology 
transfer  in  the  context  of  the  Integrated  Prod¬ 
uct  Development  initiatives  of  DoD  (Depart¬ 
ment  of  Defense),  NASA  and  other 
government  agencies. 

Similar  SBIR  PHASE  II  and  PHASE  III  efforts 
are  underway  at  the  American  Joining  Institute, 
Oak  Ridge,  Tennessee.  The  funding  agency  for 
this  effort  is  AREA  (Advanced  Research  Agen¬ 
cy).  The  thrust  of  this  effort  is  commercial 
applications  as  opposed  to  the  previous  effort 
whieh  is  intended  for  military  applications. 
However,  a  significant  overlap  is  anticipated  in 
these  two  programs.  Steven  Hall  of  Celaris 
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However,  a  significant  overlap  is  anticipated  in 
these  two  programs.  Steven  Hall  of  Celaris 
Aerospace  Corporation  has  undertaken  a  simi¬ 
lar  effort  in  Canada  with  partial  support  or  at 
least  moral  support  from  the  National  Research 
Council  of  Canada. 

In  addition  to  the  reviewed  programs  industry 
is  using  commercial  finite  element  (FE)  pro¬ 
grams  for  joint  analysis.  The  following  features 
are  necessary  for  a  FE  analysis: 

•  Non-linear  material  modeling  such  as  a 
piecewise  linear  analysis. 

•  Non-linear  springs  and/or  fastener  elements 
for  modeling  fasteners  and  adherends. 

•  Extensive  bench-marking  for  validating  FE 
analysis. 

In  conclusion  industry  appears  to  be  in  good 
shape  for  joint  analysis,  but  training  and  mode¬ 
ling  guidlines  are  needed  for  effective  use. 
Additional  research  efforts  are  necessary  to 
address  new  material  systems  and  high  temper¬ 
ature  issues. 
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Table  1:  MATERIAL  PROPERTIES 

Graphite  Epoxy  Steel 

E\  =  18.9xl0V«  E  =  30.0xl0V« 

E\  =  \%.2x\0^psi  V  =  0.3 

E2  -  1-9  X  lO^psi 
Gj2  =  0.85  X  lO^psi 
V12  =  0.3 

Table  2:  SYMMETRIC  PLY  LAYUPS 

44  ply  symmetric  laminate: 

(45,  O2,  -45,  (0,  45)2,  90, (-45,  0,  0,  45,0,  -45)2,  0)s 
44  ply  layup  has: 

50.0%  -  0°  plies 
22.7%  -  45°  plies 
22.7%  -  -45°  plies 
4.6%  -  90°  plies 

40  ply  symmetric  laminate: 

(45,  O2,  -45,  90,  (0,  45)2,  90,  -45,  O4,  45,  (-45,  0)2)5 

20  plv  symmetric  laminate: 

(45,  O2,  -45,  O2,  90,  -45,  45,  0)s 
20  and  40  ply  layups  have: 

50.0%  -  0°  plies 
20.0%  -  45°  plies 
20.0%  -  -45°  plies 
10.0%  -  90°  plies 


23.  Bogdanovich,  A.  E.  and  Rastogi,  N.,  "3-D 
Variational  Analysis  of  Bonded  Composite 
Plates,"  Proceedings  of  ASME  Winter  Annual 
Meeting,  Atlanta  GA,  November  1966  (Submitted 
for  presentation). 
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Tahir  3;  C'OMrOSITE  DOTTED  JOINT  EROBLEM  RESULTS 


Joint 

Type 

Analysis 

Code 

Bypass  Ratio 
0.-fu!l  bearing 
l.-open  hole 

Predicted 

Failure 

Load 

(lbs) 

Cross 

Section 

Area 

(in2) 

Predicted 

Failure 

Mode 

Failure 

Cniena 

.Actual 

Failure 

Mode 

diff 

.Actual 

Failure 

Load 

(lbs) 

OH» 

SASCJ 

N/A 

27800 

0.431 

N/A 

HTH 

NS 

-^lO*^ 

25033 

OH° 

SCAN 

N/A 

30444 

0.431 

N/A 

HTH 

NS 

-el8‘." 

25033 

OH“ 

BJSFM 

N/A 

24138 

0.431 

N/A 

HTH 

NS 

-4'^ 

25033 

dlu 

JOINT 

0.0 

1675.3 

0.9385 

B 

N  'A 

SO 

-22*f 

21525 

DLU 

BJSFM 

N/A 

17768 

0.9385 

N/A 

MS 

so 

•  17% 

21525 

DLl*' 

SCAN 

N/A 

28800 

0.9385 

N/A 

MS 

so 

425% 

21525 

DLl* 

SASCJ 

0.6 

19375 

0.9385 

B/SO 

AS 

so 

-10% 

21525 

DLl* 

SAMCJ 

N/A 

20956 

0.9385 

B 

AS 

so 

-3% 

21525 

DLlC* 

BJSFM 

N/A 

22656 

0.938 

N/A 

MS 

B 

-10% 

25183 

DLlC* 

SCAN 

N/A 

26100 

0.988 - 

N/A 

MS 

B 

44% 

25183 

DLlC* 

SASCJ 

0.5 

25595 

0.938 

SO/B 

AS 

B 

4  2% 

25183 

DLlC* 

SAMCJ 

N/A 

32418 

0.938 

B 

AS 

B 

422% 

25183 

SLl 

JOINT 

0.0 

5072 

0.467 

TN 

N/A 

SO/B 

•44% 

8980 

SLl 

SASCJ 

0.6 

9915 

0.467 

NS/B 

AS 

SO/B 

49% 

8980 

SLl 

SAMCJ 

N/A 

10479 

0.467 

B 

AS 

SO/B 

414% 

8980 

DL2 

JOINT 

0.0 

15392 

0.626 

TN 

N/A 

SO/B 

-28% 

21475 

DL2 

SAMCJ 

N/A 

13660 

0.626 

B 

AS 

SO/B 

-36% 

21475 

DL2C 

SAMCJ 

N/A 

18721 

0.312 

NS 

AS 

B 

424% 

14165 

DL4 

JOINT 

0.0 

15653 

0.521 

TN 

N/A 

NS 

-39% 

25613 

DL4 

A4EJ 

N.'A 

6786 

0.521 

N.'A 

N/A 

NS 

-74% 

25613 

DL4 

SAMCJ 

N/A 

14236 

0.521 

B 

AS 

NS 

-44% 

25613 

SL2 

SAMCJ 

N/A 

7120 

0.313 

B 

AS 

SO/B 

-39% 

11640 

SL2 

JOINT 

0.0 

4141 

0.313 

TN 

N/A 

SO/B 

-64% 

11640 

SL4 

JOINT 

0.0 

7415 

0.521 

TN 

N/A 

SO/B 

-70% 

24963 

SL4 

A4EJ 

N/A 

6859 

0.521 

N/A 

N/A 

SO/B 

-73% 

2496S 

SL4 

SAMCJ 

N/A 

14258 

0.521 

B 

AS 

SO/B 

-43% 

24963 

Analysis  Codes: 


F'aiiure  Criteria: 


Joint  Types: 


1  -  JOINT 

2  -  A4EJ 

3  -  BJSFM 

4  -  SCAN 

5  -  SASCJ 

6  -  SAMCJ 

°  -  44  ply  layup 
-  40  ply  layup 

all  Others  ■  20  ply  layup 


HTH  -  Hoffman /Tsai-Hill 
AS  -  Average  Stress 
MS  -  Maximum  Stress 

SO  -  shear  out 
B  -  bearing 
NS  -  nei  section 
TN  -  tension  at  hole 


OH  -  open  hole 

DLl  -  double  lap  1  bolt 

DLlC  -  double  lap  1  bolt,  compression 

SLl  -  single  lap  1  bolt 

DL2  -  double  lap  2  bolts 

DL2C  -  double  lap  2  bolts,  compression 

DL4  -  double  lap  4  bolts 

SL2  -  single  lap  2  bolts 

SL4  -  single  lap  4  bolts 


X  STRESS  AT  HOLE  BOUNDARY 
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Figure  1:  Loads  and  Deformations  on  Elements  of  Bolted  Joint 
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Figure  2:  COMPARISON  OF  ANALYSIS  CODES 
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Stress  Analysis  of  Open  and  Fastener  Hole  Composites  Based  on  Three- 
Dimensional  Spline  Variational  Technique 

Endel  V.  larve 

University  of  Dayton  Research  Institute 
300  College  Park 
Dayton  OH  45469-0168 

and 

Jeffery  R.  Schaff 

Wright  Laboratory  Materials  Directorate 
2941  P,  Street  Bldg  654  Ste  1 
Wright-Patterson  AFB  OH  45433-7750 


1.  SUMMARY  A  three-dimensional  stress 
analysis  method  has  been  developed  and  verified 
for  open  and  fastener  hole  laminated  composites. 
This  method  is  based  on  independent  spline 
approximation  of  displacement  and  interlaminar 
stress  components.  Spline  approximation  offers 
continuity  of  displacement,  strain  and  stress 
fields  within  homogeneous  domains,  preserving 
at  the  same  time  the  advantages  of  local 
approximation,  such  as  sparcity  of  the  resulting 
system  of  equations.  Verification  of  the  spline 
approximation  solution  for  a  fber  dominated  28 
ply,  IM7/5250-4,  laminate  with  an  open  hole  was 
performed  through  comparisons  with 
experimentally  obtained  surface  strain 
measurements  using  the  moire  interferometry 
technique.  For  the  filed  hole  case,  the  contact 
problem  describing  the  interaction  between  a 
composite  plate  with  a  circular  hole  and  an 
elastic  fastener  has  been  solved  with  three- 
dimensional  spline  approximation  of  displace¬ 
ments  and  using  the  Lagrangian  multiplier 
method.  Direct  comparisons  are  made  with  an 
asymptotic  solution  of  the  three  body  contact 
problem  appearing  at  the  elastic  fastener  hole 
edge  in  a  composite  laminate.  Good  agreement 
between  the  singular  term  of  the  asymptotic 
solution  and  spline  variational  solution  for  all 
stress  components  was  observed  in  the  open  and 
filed  hole  tension  problems.  The  power  of 
singularity  at  a  ±45  ply  interface  in  a  [±45], , 
AS4/3501  -6  laminate  with  a  filled  hole  was 
calculated  for  different  stiffnesses  of  the  fastener. 


2.  INTRODUCTION 

Although,  the  principal  method  for 
assembling  composite  structures  is  the  use  of 
mechanical  fasteners,  no  method  exists  capable 
of  accurately  predicting  the  strength  of  resulting 
joints.  Admittedly,  the  analysis  of  composite 
bolted  joints  is  a  complex  task  in  which  material, 
lay-up,  hole  diameter,  loading  type,  clearance, 
bolt  torque,  etc.  influence  the  local  response.  For 
this  reason,  the  design  of  such  joints  in 
composite  structures  is  based  primarily  on 
experimental  test  data  (Shyprykevich,  1995). 
Clearly,  the  first  step  in  the  development  of  an 
improved  design  methodology  is  the  accurate 
determination  of  stresses  in  close  proximity  of 
the  fastener  in  each  ply  of  a  laminate. 

Stress  analysis  of  composite  laminates  with 
elastic  fasteners  has  evolved  starting  with  the 
original  works  of  Lehknitskii  (1954)  who 
obtained  a  two-dimensional  elasticity  solution 
for  an  infinite  anisotropic  plate  with  an  inclusion. 
More  recent  developments  which  utilize  complex 
variable  techniques  for  calculating  two- 
dimensional  stress  fields  in  a  finite  anisotropic 
plate  resulted  in  several  composite  bolted  joint 
analysis  programs  and  is  described  by  Snyder,  et 
al.  (1990).  A  limitation  of  these  methods  is  due 
to  simplifications  that  were  made  in  order  to 
avoid  solving  the  contact  problem  between  the 
plate  and  the  bolt,  that  is,  the  mechanical 
response  of  the  fastener  is  simulated  by  imposing 
a  contact  stress  which  varies  as  a  cosine  function 
over  half  the  hole  circumference. 

Advancements  in  addressing  the 
plate/fastener  contact  were  made  by  applying  the 
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finite  element  method  to  solve  the  plane  strain 
problem  for  an  orthotropic  plate  with  a  fastener 
hole  where  material  properties  were  averaged 
through  the  thickness.  Using  finite  element 
analysis  to  determine  the  contact  region  and  to 
solve  for  the  contact  stresses  in  a  two- 
dimensional  formulation,  Crews  et  al.  (1981) 
showed  that  the  cosine  distribution  assumption  is 
very  accurate  for  isotropic  plates.  However  it 
under-predicts  the  amplitude  of  the  contact  stress 
by  about  40%  for  an  orthotropic  plate  with  Ei/ 
E2=  13.5. 

A  three-dimensional  analysis  is  required  to 
properly  account  for  stacking  sequence  effects, 
non-uniform  contact  regions,  and  bolt  clamping 
effects.  The  critical  stage  in  the  development  of 
such  capability  is  thorough  verification  of  stress 
predictions  at  ply  interfaces  in  the  vicinity  of  the 
hole  edge.  larve  (1996)  concluded  that  direct 
comparisons  with  existing  analytical  solutions 
are  inadequate  due  to  wide  discrepancies  of 
results  reported  in  the  literature  for  interlaminar 
stresses  even  at  the  mid-surface  of  a  symmetric 
cross-ply  laminate. 

Relatively  few  papers  are  devoted  to  three- 
dimensional  stress  analysis  in  composite 
laminates  with  fastener  holes.  Chen  et  al.  (1995) 
utilized  the  eight-node  brick  finite  element 
approach  for  the  plate  and  elastic  fastener.  All 
possible  factors  (friction,  clamp-up  force, 
clearance,  stacking  sequence  and  fastener 
stiffness)  have  been  included  in  the  analysis. 
However,  the  only  verification  of  the  results, 
consists  of  a  comparison  between  surface  strains 
measured  experimentally  away  from  the  hole 
edge,  for  a  thin  CFRP  [45/0/-45/90]s  laminate. 
No  verification  of  interlaminar  stress  results  is 
presented. 

Marshall  et  al.  (1989)  calculated  interlaminar 
stresses  by  utilizing  a  20-node  isoparametric 
finite  element  model  for  stress  analysis  of  pin 
loaded  and  fastener  holes  in  [0/90]  s  and  [90/0]s 
laminates.  Inside  the  contact  zone,  which  was 
assumed  uniform  through-the-thickness,  the 
radial  displacement  of  the  plate  were  assumed  to 
be  zero  to  simulate  contact  with  a  rigid  fastener. 
Interlaminar  normal  stresses  calculated  at  the 
edge  of  a  rigid  fastener  hole  in  [0/90]s  and  [90/0]s 
laminates  were  compared.  According  to  the 
authors,  however,  the  finite  element  mesh  was 
not  suitably  refined  to  accurately  predict  normal 
and  shear  interlaminar  stresses  at  the  free  edge. 

Independent  spline  approximation  of 
interlaminar  stress  components  and 
displacements  proposed  by  larve  (1996,  1993) 
allow  for  accurate  three-dimensional  stress 
prediction  in  practical  composites  containing 
open  holes.  Spline  approximation  offers  a  simple 


solution  to  inter-element  incompatibility  of 
finite  element  methods  by  eliminating  artificial 
field  discontinuities  within  homogeneous 
domains.  Spline  approximation  shape  function 
can  be  defined  to  have  an  arbitrary  number  of 
continuous  derivatives  at  the  nodes  inside  the 
homogeneous  domain,  ensuring  continuity  of 
both  displacement  and  strain  fields.  Furthermore, 
the  advantages  of  local  approximation  resulting 
in  a  sparse  rigidity  matrix  are  maintained  by 
utilizing  basic  spline  functions  with  local 
supporters.  This  makes  the  spline  approximation 
approach  ideally  suited  for  boundary  value 
problems  for  multi-layer  domains  containing 
regions  of  singular  stress  behavior.  This 
approach  was  extended  for  the  case  of  a  plate 
with  a  rigid  fastener  and  verified  for  [+45]sand 
[90/0]s  laminates  (larve,  1995). 

In  this  work,  the  accuracy  of  surface  strain 
predictions  for  a  28-ply,  IM7/5250-4,  laminate 
with  an  open  hole  is  evaluated  based  on  a 
comparison  with  moire  interferometry 
measurements  in  the  hole  vicinity.  An 
asymptotic  solution  was  developed  for  analytical 
verifications  of  a  composite  laminate  results  with 
an  open  hole  or  an  elastic  fastener.  Based  on  a 
comparison  of  all  stress  components  including 
interlaminar  stresses,  good  agreement  was 
obtained  using  a  common  value  of  the  stress 
intensity  factor.  Due  to  a  highly  non-uniform 
through  the  thickness  stress-strain  field,  a 
rigorous  automated  algorithm  was  developed  for 
explicit  contact  zone  definition  at  all  locations 
through  the  thickness. 

3.  PROBLEM  STATEMENT 

Consider  a  rectangular  orthotropic  plate 
containing  a  circular  hole  having  a  diameter  D, 
as  shown  in  Figure  1.  The  plate  consists  of  N 
plies  of  total  thickness  H  in  the  z-  direction  and 
has  a  length  L  in  the  x-direction  and  width  A  in 
y-  direction.  A  circular  isotropic  elastic  fastener 
of  diameter  d  is  situated  at  the  center  of  the  hole. 
The  length  of  the  fastener  in  the  z  direction  is 
equal  to  the  plate  thickness  H. 

A  general  three-dimensional  contact 
interaction  problem  between  the  fastener  and  the 
plate  is  considered.  Bypass  loading  conditions 
are  imposed  in  the  x-direction.  At  the  opposite 
edges  of  the  plate:  x=0,L,  constant  displacement 
in  X-  direction  is  prescribed,  other  displacement 
components  at  these  edges  are  presumed  to  be 
zero: 

Ux  (0,  y,  z)  =  Mq  ,  Uy  (0,  y,  z)  =  (0,  y,  z)  =  0 

Ux(L,y,z)  =  Uy(L,y,z)  -  u^(L,y,z)  =  0. 
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Figure  1.  Plate  with  a  fastener  hole  and  the 
coordinate  systems. 

An  important  loading  case  is  the  filled  hole 
tension  problem  when  =  — Mq  >  0.  We  will 

distinguish  the  bearing  loading  conditions  for  the 
plate  when  the  bypass  load  is  equal  to  zero  and 
the  side  x=L  is  free: 


to  solve  the  problem.  Frictionless  contact  is 
considered.  First  variation  of  the  following 
functional  is  required  to  be  equal  to  zero: 


<5np+n.  +  jjA(0,z)x 


(6) 


{Ur  (DI2,e,z)-v^idl  2, e, z)  +  AR)ds)  =  0 


The  potential  energy  of  the  plate  is  denoted  as 
Hp  and  the  potential  energy  of  the  elastic 

fastener  as  Iljj.The  size  and  location  of  the 
contact  zone  is  unknown  initially.  Functional  (6) 
suggests  a  simple  interpretation  for  the 
Lagrangian  multiplier  as  the  value  of  the  contact 
stress  at  the  contact  surface  ,  i.e. 

(D  /  2,  e,  z)  =  ^  (d  /  2,  G,  z)  = 

^X{d,z)Mz)en{e,z). 

In  the  following  sections  the  spline 
approximation  of  the  functions  included  in 
functional  (6)  will  be  constructed. 

4.  SPLINE  APPROXIMATION  OF  THE 
DISPLACEMENT  AND  INTERLAMINAR 
STRESS  COMPONENTS  IN  THE  PLATE 


Ux{L,y,z)  =  Uj^,  Uy(L,y,z)  =  u^(L,y,z)  =  0, 

<Txx(0>y)Z)  =  crxy(0i}'>2)  =  <7x^(0)}')^)  =  0 
A  cylindrical  coordinate  system  is  defined 
originating  from  the  center  of  the  hole: 

X  =  rcosG  +  X(;,y  =  rsmG  +  yc,Z  =  z.  (3) 
where  Xc ,  yc  are  the  coordinates  of  the  center  of 
the  hole.  The  fastener  displacements  will  be 
denoted  as  Vr  ,  Vg  and  Vz.  The  fastener  is  fixed  at 
two  points:  at  the  top  and  bottom  surfaces  z=0 
and  z=H,  so  that  in  cylindrical  coordinates  the 
boundary  conditions  are  as  follows: 

v^(O,0,O)  =  Vg(0, 9,0)  =  v  ^(0,6,0)  =  0, 

v^(0,  e,  H)  =  vg(0, 6,  H)  =  v^(0, 6,  H)  =  0. 

For  small  displacements  and  deformations  the 
nonpenetration  condition  can  be  simplified  as 

Ur{DI2,G,z)-yridl2,e,z)  +  ^R>0  ,  (5) 

where  AR=D/2-d/2  -  is  the  clearance  between 
the  hole  and  the  fastener.  Relationship  (5) 
becomes  an  equality  over  the  contact  region 
Q.{G,z). 

Minimum  potential  energy  principle  along 
with  the  Lagrangian  multiplier  method  was  used 


A  detailed  description  of  the  spline 
approximation  procedure  and  the  properties  of 
spline  functions  is  given  by  larve  (1996).  The  x,y 
plane  was  mapped  into  a  rectangular  region  p,  (]) , 
where  0<p<l  and  0<(t)<27i.  The 
transformation  was  defined  as  follows: 


X  = 

}'  = 


—  (p)  cos  <!)  +  L  -  F2  (p)cx(<p)  +  Xq 
Y  Fj  (p)  sin  +  A  •  F2  {p){i{^)  +  yc 


(7) 


Functions  F  j  and  F2  were  defined  as 


(P)  = 


l  +  Kp,p<p^ 

(1  +  ^  P/i)(l-P),P.<P<l 
^-Ph 


7^2  (P)  = 


'^’P^Ph 

<  P-Ph  ,P^<P<1 
.  ^-Ph 


This  transformation  was  defined  so  that  the 
coordinate  line  p=0  describes  the  contour  of  the 
hole,  and  the  coordinate  line  p=l  describes  the 
rectangular  contour  of  the  plate.  Inside  the  near 
hole  region  D/2  <r  <(1+k)D/2,  which 
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corresponds  to  0<p<ph,  a  simple  relationship 
between  the  polar  coordinates  and  the  curvilinear 
coordinates  p,  (|)  exists: 


r 


D 

2 


and  6=(t). 


q  =  l  +  U  ~  +  3)  +  (/  -  1)(«5  + 

I  =  +3,;  =  1,...,^,/  =  l,...,m  +  3. 


The  width  of  this  region  is  typically  two  hole 
radii,  i.e.  Kp^=2.  Beyond  this  region  a 

transition  between  the  circular  contour  of  the 
opening  and  the  rectangular  contour  of  the  plate 
is  performed.  Functions  a((]))  and  P((|))  describing 
the  rectangular  contour  of  the  plate  boundary 
were  given  in  larve  (1996).  These  functions  are 
introduced  so  that  parametric  equations 
x=a((l))+Xc,  y=p((l))+yc  describe  the  rectangular 
contour  of  the  plate,  and  0<(!)<(t)''’  corresponds 
to  0<x  <L,y=A,  (|)^'^<(t)<(t)^^^  corresponds  to  x=0, 
0<y  <  A,  (|)^^k(t)<(l)^^^  corresponds  to  0  <  x<L,  y=0 
and  <  (])<27t  corresponds  to  x=L,  0  <y<A. 

Spline  approximation  of  displacement  and 
interlaminar  stress  components  in  curvilinear 
coordinates  was  utilized.  Subdivisions  were 
introduced  through  the  thickness  of  each  ply 

z  —  4q  <  ^  ^2  ^  ^  ^ 


where  s=l,...,N-total  number  of  plies.  The  s-th 

(i'— 1) 

ply  occupies  a  region  <  z  ^  z  ,  and  ng- 
is  the  number  of  sublayers  in  s-th  ply.  Nodal 
points  are  also  introduced  in  the  p  and  (|) 
directions  as  follows: 


0  —  pQ  <  Pj  <  ....  <  Pffi  1, 

0  =  0Q  <  0^  <  ....  <0^  -iTt.  The  subdivision 

of  the  p  coordinate  is  essentially  nonuniform. 
The  interval  size  increases  in  geometric 
progression  beginning  at  the  hole  edge.  The 
region  0<p<p,  in  which  the  curvilinear 
transformation  is  quasi  polar  is  subdivided  into 
mq  intervals,  so  that  p^  =  p^^ .  Sets  of  basic 

r  1  m+3 

B-type  cubic  spline  functions  > 


along  each 


coordinate  are  built  according  to  recurrent 
procedures  given  by  larve  (1996).  Splines  along 
the  0  coordinate  have  periodical  properties  at  the 
ends  of  the  interval.  The  three-dimensional 
approximation  of  displacement  components  was 
written  using  tensor  product  of  three  one 
dimensional  sets  of  splines.  The  vector  of  the 
three-dimensional  spline  approximation 
functions  was  defined  as: 


Since  the  orthotropic  material  properties  become 
location  dependent  in  the  curvilinear  coordinate 
system,  the  displacement  components  were 
considered  relative  to  x,  y  and  z  as  functions  of 
p,  (|)  and  z.  The  following  approximation  was 
used  inside  each  ply: 


.«e/ 


+x' '^0  -i  “L' 

uy  = 


(8) 


Bold  type  will  be  used  to  distinguish  vectors  and 
matrices,  superscript  star  means  transpose 
operation.  Vectors  U,V,W  contain  unknown 
displacement  spline  approximation  coefficients. 

Non  square  boundary  matrices 


and  constant  vectors  Eo  ,  El  are  defined  so  that 
the  approximation  (8)  provides  a  kinematically 
admissible,  i.e.  satisfying  boundary  conditions 
(1)  or  (2),  displacement  field  for  any  coefficients 
U,V,W.  The  components  of  vectors  Eo  ,  El  are 

equal  to  1  if  the  same  components  of  are 

nonzero  at  p=l,  (x=0)  and  p=l, 

(])^%(j)<2;i  (x=L)  respectively.  All  other 

components  of  the  vectors  Eo  ,  El  are  equal  to 
zero.  The  boundary  matrices  are  obtained  by 
deleting  a  number  of  rows  from  the  unit  matrix. 
The  deleted  rows  have  a  nonzero  scalar  product 
with  Eo  or  El. 

Using  the  same  spline  approximation 
functions  the  interlaminar  surface  traction  spline 
approximation  at  the  lower  z=z^®''^  and  upper 
z=z^^’  surface  of  the  s-th  ply  was  introduced 


(^i) 

Pi  ^ 


(^1 )  (^1 ) 
)P,-  ^  - 


(9) 


i  =  1,2,3,  =  s  -  l,^. 

The  potential  energy  of  the  ply  may  be  expressed 
as 
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l(^) 


1  In 


=  \dp  \ 
0  0 


(■S') 

^  1 

j  -G..e..dz 
(.  -1)2 


"  (s,)  is.) 

X  p.  u.  ip,<p,Z  ^  ) 


del  Jdp  -  (10) 


j  T.u.ds 
J  i  i 

ijrjf 


5.  SPLINE  APPROXIMATION  OF  THE 
DISPLACEMENT  AND  INTERLAMINAR 
STRESS  COMPONENTS  IN  THE 
FASTENER 

A  spline  approximation  is  used  for  the 
displacement  approximation  in  the  fastener  as 
well.  Due  to  its  isotropic  elastic  properties,  it  is 
reasonable  to  use  relatively  coarse  subdivisions 
for  the  displacement  approximation.  A  set  of 
curvilinear  coordinates  (p,  ^  is  introduced 


where  summation  is  implied  upon  y-1,2,3. 
Indexes  i  and  j  correspond  to  directions  x,y,z  in 
the  order  1,2,3  respectively.  T/-  are  tractions 
which  can  be  prescribed  at  lateral  sides  y=0  and 
y=A,  denoted  in  equation  (10)  as  surface  ^t.  J-is 
the  Jacobean  matrix  of  the  curvilinear 
transformation  (7).  Displacement  components  in 
equation  (10)  are  substituted  by  expressions  (8) 
and  the  traction  components  by  expressions  (9). 
Strain  components  are  also  expressed  through 
the  displacement  spline  approximation 
coefficients  by  taking  the  partial  derivatives  of 
(8)  symbolically.  Thus  the  strain  components  are 
expressed  through  the  displacement  components 
in  each  point  directly.  Stress  components  are 
calculated  at  each  point  through  Hooke's  law 

O') 


where  AT  -  is  uniform  temperature  change. 


are  the  stiffness  coefficients,  and  are  thermal 

expansion  coefficients  of  the  s-th  ply.  After  all 
parameters  entering  equation  (10)  are  expressed 
through  the  displacement  and  traction  spline 
approximation  coefficients,  the  ply  equations 
allow  one  to  calculate  the  unknown  displacement 
components  if  the  interlaminar  traction 
coefficients  are  given  and  vise  versa  can  be 
obtained.  The  potential  energy  of  the  plate  is 
calculated  as 


n 


n 

=  X  n 

5=1 


is) 


Due  to  displacement  and  traction  continuity 
conditions  at  the  interlaminar  surfaces  the 
potential  energy  Tip  will  only  contain  traction 
spline  approximation  vectors  at  the  bottom  plate 

surface  and  the  top  plate  surface  . 


r  =  -^,  d  =  (p,  z  =  ^. 

2 

The  fastener  occupies  the  region 
0  <  (^  <  1, 0  <  9  <  2;r,  0<z<H.  A  spline 

approximation  of  fastener  displacements  as 
functions  of  is  considered.  Nodal  points 

are  introduced  as  follows: 
0  =  =1  (nt,  -  number 

b 

of  sublayers  through  the  fastener  thickness); 

0  =  Co  ^^1  ^^2  =1’ 

0  =  (Pq  <  (p^  <  (p^  <  ...  <  cpfyi^  =  In.  The 

numbers  of  intervals  of  subdivisions  mj^  and 
k|3  are  independent  of  those  in  the  plate.  Basic 
systems  of  cubic  spline  functions  have  been  built 

(<^)| .  ^  , 

|o^((iC))|,^^  ,|z^f’(0}.^j  .  Similar  to  the 

plate  displacement  approximation,  periodic 
properties  of  the  spline  approximation  upon  cp 

are  assured.  Due  to  isotropic  elastic  properties, 
the  fastener  displacement  components  were 
considered  in  polar  coordinates  as  functions  of 
^,(p,^ ,  so  that 


where 


(12) 


I);*},  = 

q  =  l  +  {j-  l)(n^  +3)  +  (i  -  l)(n^  +  3)k^,l  = 
l,...,n^  +3,;  =  l,...,/:^,/  =  l,...,m^  +3. 


Vectors  U^,V^,W^ contain  the  unknown  spline 
approximation  coefficients.  Boundary  matrices 
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have  to  be  defined  to  satisfy  the  boundary 
conditions  (4)  and  the  condition  of  displacement 
field  uniqueness  in  the  origin  of  the  local 
coordinate  system: 


dvri^  =  0,(p,0  = 

d(p  d(p 

d(p 

The  potential  energy  of  the  fastener  can  be 
calculated  as 

1  2k  H  1 

J  T^n-Cj/det  (14) 

^  0  0  0  2  y 

where  strains  are  expressed  through 
displacements  by  direct  differentiation  of 
equations  (8)  and  stresses  are  calculated  by  using 
Hooke's  law.  Jacobean  of  the  coordinate 
transformation  used  in  the  fastener  is  denoted  Jb. 

6.  CONTACT  INTERACTION  PROBLEM 
SOLUTION  IN  SPLINE  APPROXIMATION 
SPACE 

Consider  the  surface  integral  in  the 
variational  equation  (6).  We  shall  introduce 
spline  approximation  of  the  Lagrangian 
multiplier  X(0,z): 


Md,z)  =  X(p^0,(l)  =  e,z)'k*, 

where  ) 

X-  is  an  unknown  vector  of  spline  approximation 
coefficients.  This  vector  defines  both  the  contact 
stress  value  and  the  contact  zone  geometry. 

The  surface  integral  in  functional  (6)  is 
expressed  through  the  components  of  vector 
(15).  Detailed  expressions  are  omitted  due  to 
space  limitations.  The  equations  for  obtaining 
the  unknown  coefficients  are  derived  from  (6). 
Adjustment  of  the  contact  zone  in  each  ply  is 
performed  during  the  Gauss-Zeidel  block 
iterations. 

7.  BASIC  COMPARISON 

Contact  stress  behavior  will  be  studied  on  an 
example  of  a  square  orthotropic  plate  loaded  in 
bearing  through  a  steel  pin.  Elastic  properties  of 
the  orthotropic  material  are  Ei=147  GPa,  E2= 
E3=10.9  GPa,  G2i=  G3i=6.41  GPa,  G3i=3.26  GPa, 
Vi3=  V  12=0.38,  V23=0.45.  Length  to  diameter  ratio 
and  diameter  to  thickness  ratios  are  L/D=20, 


D/H=10  and  L=6.35cm.  The  elastic  properties  of 
the  pin  were  E=220  GPa  and  v=0.34.  The  same 
problem  has  been  solved  in  plane  stress 
approximation  by  Crews  et  al.  (1981)  by  using 
the  finite  element  method.  Radial  normal  stresses 
and  polar  displacements  both  of  the  plate  and  the 
fastener  at  the  hole  edge  as  functions  of  polar 
angle  are  shown  in  Figure  2.  The  results  are 
given  on  the  midsurface  of  the  plate  and  the 
fastener.  The  spline  approximation  was  built  by 
introducing  ni=l  sublayer  through  the  thickness 
and  m=14  intervals  in  the  radial  direction 
[mo  =  12,  (pi+i-pi)/(p.-pi-i)=1.2],  uniform 

subdivision  into  24  and  48  intervals  in 
circumferential  direction  was  considered.  In  the 
fastener:  nb=l,  mb=7,  (^i-^j.i)/(^i+i-^i)=1.2  and 
kb=20  in  all  cases.  Boundary  conditions  (2)  were 
applied.  The  polar  displacements  of  the  bolt  and 
the  plate  are  normalized  by  0.35ul  to  have  the 
same  scale  of  magnitude  as  for  the  radial  stress 
normalized  to  net  tension  stress  Sb=AOo/D, 
where 


H  A 

O'n  =  1  1  Ox(L,y,z)dydz 
0  0 

The  purpose  of  this  graphic  is  to  illustrate  radial 
displacement  and  stress  continuity  between  the 
fastener  and  the  plate  in  the  contact  zone.  Solid 
curves  show  the  plate  displacements  and 
stresses,  and  dashed  curves  show  the  results  for 
the  fastener.  The  radial  stresses  calculated  in  the 
plate  with  24  interval  subdivisions.  Figure  2a, 
show  slight  oscillation  near  zero  value  outside 
the  contact  zone  and  slight  oscillation  around  the 
fastener  radial  stress  inside  the  contact  zone. 
Besides,  there  exists  a  region  marked  as 
“inaccuracy  of  contact  zone  definition”  in  Figure 
2a,  where  both  the  radial  stress  and  the 
difference  between  the  radial  displacement  of  the 
bolt  and  the  plate  are  nonzero.  The  presence  of 
such  a  region  is  inevitable  due  to  contact 
problem  solution  in  finite  dimension 
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Figure  2.  Orthotropic  plate  loaded  in  bearing 
through  a  steel  pin.  Contact  zone  definition 
accuracy:  (a)-  24  intervals,  (b)-  48  intervals 

approximation  space.  However  by  reducing  the 
subdivision  interval  size,  this  region  must 
shrink. The  results  obtained  with  48  intervals  of 
subdivisions  in  Figure  2b  confirm  that. 


Figure  3.  Orthotropic  plate  loaded  in  bearing 
through  a  steel  pin.  (a)-convergence,  (b)-basic 
validation 


At  the  same  time  the  amplitude  of  the  radial 
stress  outside  the  contact  zone  reduces  even 
more,  and  inside  the  contact  zone  the  radial 
stresses  in  the  fastener  and  the  plate  become 
indistinguishable  as  evident  in  Figure  2b.  It  is 
observed  that  rather  coarse  subdivisions  of  the 
fastener  are  acceptable.Figure  3a  compares  the 
results  of  stress  and  displacement  calculation  in 
the  plate  with  the  two  subdivisions  and  shows 
that  the  difference  is  small  and  indicative  of 
convergence.  Figure  3b  compares  the  hoop  and 
radial  stresses  obtained  with  48  intervals  of 
subdivisions  with  the  results  of  the  two- 
dimensional  analysis  performed  by  Crews  et  al. 
(1981). 

8.  ASYMPTOTIC  SOLUTION  OF  THREE 
BODY  CONTACT 


Verification  of  interlaminar  stress  calculation  is  a 
more  complicated  task  due  to  lack  of  established 
baseline  results  in  the  literature.  A  stress 
singularity  is  expected  to  exist  at  the  interface 
between  two  layers  and  the  hole  edge.  The 
present  work  extends  the  asymptotic  analysis  at 
the  orthotropic  ply  interface  and  open  hole  edge, 
performed  by  Iarve(1996),  for  the  fastener  hole 
case.  A  local  coordinate  system  ri,v|/,z  is 
introduced  at  the  interface  between  s  and  s+1 
plies  (Figure  1)  with  the  origin  at  the  point 
r=D/2,  z=z^®^ ,  0  so  that 

D  D  is^  D  . 

r-  —  =  —  ricos\i/,z-z^’=  —  risiny/, 

21  2  (to) 

6  =  6;  -nl2<\if<'il2K,  r]>{),Q<6<2K, 


where  tj  is  a  dimensionless  parameter 
proportional  to  the  distance  from  the  origin  of 
the  local  coordinate  system,  and  \|/  is  an  angle 
defining  the  direction  in  which  the  center  of  the 
coordinates  is  approached:  -7i/2<\|/<0  -  belongs 
to  the  s-  ply,  0<\|/<7t/2  -  belongs  to  the  s+1-  ply, 
and  7t/2<\|/<3/27t  belongs  to  the  fastener.  The 
following  boundary  conditions  are  imposed  at 
the  fastener-composite  surfaces  (hole  edge)  at  \\i 
=±  %I2,  and  the  interlaminar  surfaces  \|r=0: 


,  W 


CT  (/) 
Orr 


rr 


’rz' 

(^+1)  =  ^  (/) 
'-'rr 


=  0 


=  0 
(17) 
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^  (^)  -  cr  (^+^)  a  (•^)  =  a 
(T77  -'^zz  ^'^zr  '-’zr 

is+\) 


(18) 


'ZZ 

\e' 


w  =  0. 


Superscripts  (s),  (s+1)  and  (f)  correspond  to 
displacement  and  stress  components  in  the  s,  s+1 
plies  and  the  fastener  correspondingly. 
Frictionless  contact  is  considered.  The  stress 
components  can  be  represented  as 


^a(i 


(•^j) 


I  4(ew^* 


where  a,{i-r,d,z\  =  5, 5  + 1 . 

The  summation  is  applied  to  all  values  of  X 
found  to  provide  nontrivial  solution  under  the 
given  boundary  conditions.  The  solution 
procedure  developed  by  Iarve(1996)  is  applied. 
The  coefficients  fk(9)  are  not  given  by  the 
asymptotic  solution  and  are  determined  by  the 
far  field  solution.  Special  interest  represents  the 
term  with  X\  0<Re()i)<l.  It  dominates  the 
solution  for  Ti«l  since  the  stresses  tend  to 
infinity.  Therefore  the  numerical  spline 
approximation  solution  is  expected  to  correlate 
with 

o-j  =  {0)7]^  a-j  {\ ,  0)  +  F^j  (0) 

where  Aj  (0  <  Re(Ap  <  l)and  amplitudes 

o  .■{X,,\i/,0)  are  rigorously  defined  by  the 
0  ^ 


K 


asymptotic  solution  and  — ,0)  =  1.  In 


case  of  the  filled  hole,  boundary  conditions  (17) 
and  (18),  we  require:  F^q  =  ^rz 

algorithm  for  calculating  X:  0<Re(A.)<l,  has  been 
described  in  the  reference  paper.  Laguer’s 
algorithm  is  used  to  calculate  the  determinant  of 
the  boundary  condition  matrix  instead  of 
permutation  algorithm  due  to  a  rather  large  size 
of  the  matrix  (18  by  18). 


9.  INTERLAMINAR  STRESS  ANALYSIS 

Filled  hole  tension  of  a  [45/-45]s  laminated  plate 
with  L=6.35cm,  A=L/2,  D=0.1L  is  considered  in 
the  present  section.  The  ply  material  is 
AS4/3501-6  with  elastic  properties  Ei=138GPa, 
E2=E3=10.34GPa,  Gi2=  G,3=5.52GPa, 
G23=3.45GPa,  Vn  =Vi3=0.3  andv23=0.55.  Total 
laminate  thickness  is  H=1.04  mm  and  will  often 
be  used  as  a  unit  of  distance.  The  uniaxial  tensile 


load  was  applied  in  the  x  direction  corresponding 
to  boundary  conditions  (1)  with  -Uo=Ul.  Power  of 
singularity  (0  <  Re(Aj )  <  1)  obtained  by 

using  the  asymptotic  solution  at  the  hole  edge 
and  ply  ±45  interface  as  a  function  of  polar  angle 
9  under  boundary  conditions  (17)  and  (18)  is 
shown  in  Figure  4  for  different  fastener 
stiffnesses.  The  aluminum  fastener  has  E=76 
GPa,  v=0.33,  titanium  E=103  GPa,  v=0.34  and 
steel  E=220  GPa,  v=0.34. 


—  rigid  bolt  —i>  “Steel  — o--alum 

Figure  4.  Power  of  singularity  at  the  +/-45 
interface  vs.  polar  angle  for  different  fastener 
stiffnesses. 

The  power  of  singularity  for  the  open  hole  and 
rigid  fastener  hole  (larve,  1995)  is  also  given.  In 
the  case  of  the  rigid  fastener,  no  roots 
Aj  (0  <  Re(Aj )  <  1)  were  found  at  6  =45  and  0 

=135.  At  most  locations,  except  around  45  and 
135,  the  power  of  singularity  significantly  and 
rapidly  increases  by  increasing  the  fastener 
stiffness.  The  powers  of  singularity  observed  for 
aluminum,  titanium  and  steel  fasteners  are  close; 
they  are  also  much  closer  to  the  rigid  fastener 
case  than  that  for  the  open  hole.  An  artifact 
material  E=2.2GPa,  v=0.34,  one  hundred  times 
more  compliant  than  steel  is  also  shown  on  the 
Figure  4  to  illustrate  how  rapidly  the  power  of 
singularity  grows  with  the  fastener  stiffness. 
Increase  of  the  power  of  singularity  results  in 
more  rapid  stress  amplitude  increase  by 
approaching  the  interface.  Two  limiting  cases  : 
open  and  rigid  fastener  hole  tension  are 
considered  for  illustration.  Stress  distributions  in 
0  =90  direction  in  the  vicinity  of  the  open  hole 
edge  and  ply  interface  in  the  same  plate  under 
uniaxial  tension  where  studied  by  Iarve(1996). 
The  stress  distributions  at  the  same  cross-section 
at  the  edge  of  a  hole  containing  a  rigid  fastener 
with  zero  clearance  will  be  considered  below. 
The  thickness  of  each  ply  was  nonuniformly 
subdivided  into  ni=  n2=6  sublayers  so  that  the 
ratio  of  two  subsequent  sublayer  thicknesses  was 
1.5,  the  thinnest  sublayers  being  near  the 
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interface.  Circumferential  coordinate  (j)  was 
uniformly  divided  into  32  intervals,  p  - 
coordinate  was  subdivided  into  m=20  intervals, 
with  mo=16  and  a  subsequent  interval  length 
ratio  of  1 .4. 

Figure  5  shows  thecr^^  stress,  normalized 

to  the  applied  unidirectional  load  cTq,  as  a 

function  of  the  distance  from  the  hole  edge  r-D/2 
divided  by  half  the  laminate  thickness.  Stresses 
are  shown  at  the  interlaminar  surface  and  two 
parallel  surfaces  in  each  ply,  where  z*=2(z- 
z‘'Vh.  Solid  lines  on  this  and  the  following 
figures  represent  the  spline  approximation 
method  results  and  dashed  lines  represent  the 
asymptotic  solution.  By  comparing  the  stress 
distributions  at  the  interlaminar  surfaces  of  the 
open  hole  (Figure  5a)  and  filled  hole  (  Figure 
5b),  the  gradient  of  the  stresses  approaching  the 
edge  of  the  filled  hole  is  considerably  higher. 
Due  to  weak  singularity  of  the  open  hole  solution 
the  curves  z*=  ±0  on  Figure  5a  are  almost 
horizontal.  The  unknown  multiplicative  factor 
for  the  open  hole  was  determined  to  be  equal  to 
/i/ao=  -  2.231  and  for  the  filled  hole  to  be  equal 
to/i/ao=-0.24.  These  coefficients  were  obtained 


2(r.D/2)/H 


2(r-D/2)/H 

Figure  5.  In  plane  shear  stress  vs.  distance  from 
the  hole  edge  near  the  interface  in  open  and  filled 
hole  tension  problems. 


as  scaling  factors  to  provide  the  amplitudes  of 
the  asymptotic  solution  and  spline  approximation 
solutions  to  be  equal  to  each  other  near  the  hole 
edge.  As  was  mentioned  above,  Fr9=0.  At 
distances  r-D/2>0.1H  from  the  hole  edge,  the 
asymptotic  solution  and  the  spline  approximation 
solutions  for  the  filled  hole  depart  from  each 
other. 

The  interlaminar  stresses  calculated  by  using 
the  spline  variational  approach  for  filled  hole 
tension  with  a  titanium  fastener  will  be  compared 
to  the  asymptotic  solution.  The  stress 
components  will  be  considered  at  a  distance 
0.05H  from  the  point  (r=D/2,  0=90,  z=z*'*)  as 
functions  of  the  local  coordinate  t|/,  in  the  cross- 
section  0=90.  Selecting  an  equidistant  pass  from 
the  singular  point  as  opposed  to  the  radial 
distance  dependencies  similar  to  Figure  5 
provides  a  more  valid  comparison  since  the 
asymptotic  solution  is  expected  to  correlate  with 
the  numerical  solution  only  near  the  ply  interface 
and  hole  edge  intersection. 

The  asymptotic  solution  can  easily  be 
plotted  at  these  locations  by  defining  ri=0.1H/D 
and  plotting  the  stress  amplitude  as  a  function  of 
local  variable  \|r  in  the  range  -7t/2<\|/<37i/2.  In 
the  spline  approximation  solution,  all  functions 
are  defined  in  curvilinear  coordinates  (7).  Since 
the  locations  of  interest  are  in  the  vicinity  of  the 
hole  edge,  the  simplified  relationship  between 
polar  coordinates  and  curvilinear  coordinates  p 
and  ^  may  be  utilized  so  that 


p  -  77  cos  I//,  z  =  z*-^^  -h  ^77sin  i/r,  <p  =  6. 


(19) 


An  extremely  attractive  feature  of  the  spline 
approximation  analysis  is  that  displacements  and 
stresses  can  be  output  at  arbitrary  locations  of  the 
plate  regardless  of  the  meshing.  In  Figures  6  and 
7  are  shown  all  six  stress  components  as 
functions  of  \|/  for  ti=0.1H/D  in  the  plate  and  in 
the  fastener.  The  spline  approximation  solution 
is  shown  by  solid  lines  and  the  asymptotic 
solution  by  dashed  lines.  The  value  of  the 
multiplicative  factor yi/Oo=-0. 35  was  obtained  to 
match  the  a  stress  component  for  the  plate  - 

90<vi/<90  with  the  asymptotic  solution  in 
Figure  6. 

This  factor  is  unique  for  all  stress 
components  inside  the  plate  and  the  fastener. 
Inside  the  fastener,  90<\1/<27O,  the  asymptotic 
solution  gives  zero  (T^g  stress  value  and  the 

spline  approximation  solution  gives  small  but  not 
zero  value  due  to  far  field  effects.  The  same 
factor  provided  an  excellent  match  between  the 
asymptotic  solution  and  spline  approximation 


qq*sv  rq-sv 
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Figure  6.  Comparison  of  stress  prediction 
between  the  asymptotic  solution  and  the  spline 
approximation  solution  in  the  plate  and  the 
fastener.  Components  0rr,  0rz,  CTer. 

solution  for  the  Orz  stress  component  both  in  the 
plate  -90<\j/<90  and  the  fastener  90<v|/<270.  A 
constant  additive  Frr/0o~l-24  was  used  to 
account  for  the  nonsingular  terms  by  comparing 
the  Orr  components.  The  continuity  of  radial 
stress  between  the  fastener  and  the  plate  in  the 
+45  ply  at  vi/=90  and  in  the  -45  ply  Orr  (\|/=-90)= 
arr(il/=270)  can  be  seen  as  well  as  a  satisfactory 
match  between  the  asymptotic  and  spline 
approximation  solution.  The  other  three  stress 
components  for  the  plate  are  shown  in  Figure  7a. 
The  following  additives  were  used  to  account  for 
the  nonsingular  terms  Fg0/Co~'^l-34,  F  /ao=+0.2, 
Fre/0o^'O-17.  The  same  stress  components  inside 
the  fastener  are  given  in  Figure  7b,  and  the 
values  of  the  additives  used  are  Fe9/Oo“'l-44, 
Fzi:/Oo=-0.36,  Fre/0o=O.  Satisfactory  agreement 
for  all  stress  components  is  observed. 


a !  At 

^0  _ 

_ -  ^ 

^  -r 

— — 

CT  /a 

zz  0 

. 

FAS' 

DC 

LD 

Z 

^ _ 

. 

a 

di 

/CT 

0 

_ 1 

— 

— 

— 

90  135  180  225  270 

Local  coordinate  V|f 


Figure  7.  Comparison  of  stress  prediction 
between  the  asymptotic  solution  and  the  spline 
approximation  solution  in  the  plate  and  the 
fastener.  Components  0zz,  0^0,  009.  (a)-  plate,  (b)- 
fastener. 


10.  STRESS  ANALYSIS  OF  A 
STRUCTURAL  COMPOSITE  LAMINATE 

A  common  28-ply,  IM7/5250-4,  laminate 
with  a  symmetric  stacking  sequence  of  [45/0/ 
-45/O2  /45/90/45/02/45/0/-45/0]s  was  eonsidered 
under  uniaxial  tension.  Coupons  were  nominally 
30.48  cm.  [12  inches]  long  and  3.175  cm  [1.25 
inches]  wide  with  a  0.635  cm  [0.25  inch]  hole 
drilled  through  the  center.  The  average  laminate 
thickness  was  0.153  inches.  The  applied  load 
was  P=4,448  N  [1000  lbs].  All  spline 
approximation  results  were  obtained  using  the 
following  materials  properties:  En  =151  GPa, 
E22  =  E33  =  9.45  GPa,  G,2  =  G23  =  5.9  GPa,  Gn  = 
3.26  GPa,v,2  =  V23  =  0.321,  and  Vn  =0.449. 

Detailed  description  of  the  moire 
interferometry  procedure  is  provided  by  Schaff 
et  al.  (1996).  Contour  plots  of  moire 
interferometry  strains  overlaid  with  analytical 
strains  are  shown  in  Figure  8.  A  rectangular 
region  [xc-9. 525mm,  Xc+19.05mm]  by  [yc- 
9.525mm,  yc]  is  considered. 

The  spline  approximation  analysis 
predictions  for  axial  strain,  shown  in  Figure  8  by 
dashed  lines,  agree  quite  well  with  the 
experimental  strains,  indicated  by  the  solid  lines, 
both  far  from  the  hole  and  close  to  the  hole  edge. 
The  major  source  of  discrepancy  appears  at  the 
edge  of  the  lower  right  quadrant  of  the  hole.  In 
that  area,  the  numerical  model  predicts  a  higher 
level  of  strain  than  was  measured.  This  area  of 
discrepancy  extends  approximately  1-2  ply 
thicknesses  away  from  the  edge  of  the  hole. 

Spline  approximation  analysis  results  for  the 
transverse  and  shear  strain  components  also 
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match  quite  well  as  demonstrated  in  Figures  9 
and  10,  respectively.  Again  the  major  regions  of 
discrepancy  are  near  the  hole  edge,  but  this  time, 
the  regions  are  deeper  (2-3  ply  thicknesses)  and 
extend  around  much  of  the  hole. 

A=2E-4,  B=4E-4,  C=6E-4,  D=8E-4,  E=10E-4, 


(solid)  with  spline  approximation  (dashed)  in 
close  proximity  to  an  open  hole. 


One  possible  cause  for  the  discrepancies 
observed  between  the  numerical  and  moire 
results  could  be  a  slight  level  of  drilling  damage 
present  at  the  hole  edge.  The  amount  of  localized 
surface  damage  is  not  an  indication  of  matrix 
cracks  as  no  indication  of  latter  was  observed  in 
X-rays  prior  to  loading,  Schaff  et  al.  (1996). 
These  chipped  out  regions  extend  approximately 
1-2  ply  thicknesses  into  the  top  layer  of  the 
laminate.  Replication  of  the  diffraction  grating 
onto  the  specimen  surface  fills  these  chipped 
regions  with  epoxy.  Overall,  the  comparison  of 
experimental  and  spline  approximation  based 
analysis  results  show  remarkably  good 
agreement.  This  is  especially  the  case  when  it  is 
noted  that  the  analysis  was  developed  and  run 
before  the  experimental  results  were  available. 


A=-9E-4B=-7E-4,  C=-5E-4,  D=-3E-4,  E=-lE-4, 
F=lE-4,  G=3E-4 


spline  approximation  (dashed)  near  the  hole. 
A=-10E-4,  B=-8E-4,  -6E-4,  E=-2E-4,  F=0E-4, 


spline  approximation  (dashed)  near  the  hole. 
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11.  CONCLUSIONS 

The  spline  approximation  based  method  for 
three-dimensional  stress  analysis  in  elastic 
fastener  hole  composite  laminates  including  the 
solution  of  the  contact  problem  between  the 
fastener  and  the  hole  edge  has  been  developed. 

An  asymptotic  solution  of  the  three  body 
contact  problem  arising  at  the  intersection  of  the 
orthotropic  plies  and  the  edge  of  the  hole 
containing  an  isotropic  fastener  has  been 
developed.  The  power  of  singularity  versus 
fastener  stiffness  was  investigated.  Good 
correlation  between  numerical  solution  and  the 
asymptotic  solution  for  a  [+/-45°]s  composite 
under  filled  hole  tension  with  a  titanium  fastener 
was  demonstrated. 

The  accuracy  of  stress  analysis  in  structural 
28-ply  laminate  containing  an  open  hole  was 
verified  by  comparing  the  spline  approximation 
based  predictions  with  moire  interferometry 
measurments  of  surface  strains  in  the  hole 
vicinity.  Remarkable  agreement  between 
numerical  and  experimental  results  was 
observed. 

12.  ACKNOWLEDGMENT 

The  authors  are  greatly  indebted  to  D. 
Mollenhauer  for  development  of  the  moire 
experimental  results  and  N.J.  Pagano  for 
valuable  discussions  at  all  stages  of  the  work. 
This  work  was  funded  by  the  Materials 
Directorate,  Wright  Laboratory,  Wright- 
Patterson  AFB  OH  under  Contract  No.  F33615- 
95-D-5029. 

13.  REFERENCES 

Lekhnitskii,  S.  G.,  1954,”  Stress 
Distribution  in  an  Anisotropic  Plate  with  an 
Eliptic  Elastic  Core  (plane  problem)” 
Inzhenernyy  sbornic,  v.  XIX.,  Moscow. 

Crews,  J.H.  Jr.,  Hong  C.S.  and  Raju 
I. S., 1981,  “Stress  concentration  Factors  for 
Finite  Orthotropic  Laminates  with  a  Pin-Loaded 
Hole,”  NASA  Technical  Paper  1862 

Snyder,  D.S.,  Burns,  J.G.,  Venkayya, 
V.B.,  1990,  ’’Composite  Bolted  Joints  Analysis 
Programs,”  J.  of  Composite  Technology  & 
Research,  Spring,  Vol.  12  (1),  p.  41-51. 

Shyprykevich,  P.,  (1995), 

“Characterization  of  Bolted  Joint  Behavior: 
MIL-HDBK-17  Accomplishments  at 
Standardization,”/,  of  Composite  Technology  & 
Research,  July,  Vol.  17  (3),  pp.  260-270. 


Chen,  W.-H,  Lee,  S.-S.,  Yeh,  J.-T., 
1995,  “Three-dimensional  Contact  Stress 
Analysis  of  a  Composite  Laminate  with  Bolted 
Joint,”  Composite  Structures,  Vol.  30,  pp  287- 
297. 

Marshall,  I.H.,  Arnold,  W.S.,  Wood,  J., 
Mousley,  R.F.,  1989,  “Observations  on  Bolted 
Connections  in  Composite  Structures,” 
Composite  Structures,  \o\.  13,  pp.  133-151. 

Folias,  E.  S.,1989,  "On  the  Interlaminar 
Stresses  of  a  Composite  Plate  Around  the 
Neighborhood  of  a  Hole,"  Int.  J.  Solids 
Structures,  Vol.  25,  pp.  1 193-1200. 

larve,  E.  V.,  1996,  "Spline  Variational 
Three-dimensional  Stress  Analysis  of  Laminated 
Composite  Plates  With  Open  Holes,"  Int. 
Journal  of  Solids  and  Structures,  Vol. 33,  No.  14, 
pp.2095-2171. 

larve,  E.  V.,  1995,  “Three-dimensional 
Stress  Analysis  of  Fastener  Hole  Composites,” 
Proceeding  of  the  ASME  Materials  Division, 
MD-Vol.  69-1,  1995  IMECE,  ASME. 

larve,  E.  V.,  1993,  "Interlaminar  Stress 
Analysis  in  Compression  Loaded  Composite 
Plates  Containing  Open  Hole,"  Proceedings  of 
the  ASC  Eighth  Technical  Conference, 
Technomic  Publishing  Company,  Cleveland  OH, 
October  19-21,  pp.  1025-1034. 

Schaff,  J.R.,  Mollenhauer  D.H.  and 
Rose  D.  H.,  1996,  “Stress  Analysis  and 
Experimental  Testing  of  a  Structural  Composite 
Laminate  with  a  Hole,"  Proceedings  of  the  ASC 
Eleventh  Technical  Conference,  Atlanta,  GA, 
October  7-9, 


5-1 


DEVELOPMENT  OF  A  STRESSING  METHOD  FOR  BOLTED  JOINTS 

J.  Bauer.  E.  Mennle 


Daimler  Benz  Aerospace  AG 
Militar)-  Aircraft 
D-81663  Muenclien,  Germany 


SUMMARY 

This  paper  describes  the  various  steps  for  the 
development  of  a  stressing  method  for  bolted 
joints  in  Polymeric  Composites.  First  a  semi- 
empirical  anlysis  was  generated  correlating  test 
results  and  the  corresponding  anal>1ical  data. 
Subsequently  this  predictive  technique  was  used  to 
derive  carpet  plots  and  diagrams  which  then  form 
the  basis  for  the  stressing  method.  In  order  to  cover 
arbitrary  loading  conditions  the  information  from 
the  diagrams  is  incorporated  into  an  algorithm  for 
final  determination  of  the  laminate  strength. 


INTRODUCTION 

During  the  early  1980's  the  subject  of  stressing 
bolted  joints  was  discussed  intensively  by  several 
authors  in  the  Composite  Materials  community.  At 
that  time  the  basic  methodolog>"  and  computer 
codes  have  been  generated.  In  particular  the 
strength  of  the  Composite  adherends  represented 
the  focal  point  of  interest.  One  of  the  mostly 
discussed  predictive  techniques  calculates  the  stress 
distribution  around  the  hole  and  evaluates  the 
stresses  point  by  point  around  it  with  the  target  to 
predict  the  ultimate  strength  of  the  CFRP  laminate. 

Based  on  the  perception  that  it  is  absolutely 
necessary'  for  the  design  of  primary  Composite 
aircraft  structure  to  have  solved  this  problem 
satisfactoring.  the  Military'  Aircraft  Division  of 
Dasa.  former  MBB,  decided  to  spend  the  effort  and 
to  develop  some  sophisticated  computer  codes  and 
to  collect  experience  with  the  so-called  ..Point 
Stress  Criterion"  (ref  3  and  4).  Since  that  time  this 
prediction  method  had  to  show  its  applicability  in 
real  life  i.e.  during  the  design  of  the  Eurofighter 
2000  (Figure  1).  This  project  is  an  international 
cooperation  between  the  4  nations  Great  Britain, 
Italy,  Spain  and  Germany.  This  implies  that  the 
industrial  Partners  BAe,  Alenia,  Casa  and  Dasa 
checked  all  details  in  a  collaborative  manner  and 
agreed  to  apply  the  herein  detailed  prediction 
method  to  stress  their  part  of  the  airframe. 

This  paper  goes  back  to  the  research  work 
performed  in  1984  to  1987.  Furthermore  it  details 
the  additional  e.xperiences  and  the  subsequent 


amendments  during  the  design  phase  of  the 
Eurofighter  and  tries  to  sum  up  all  the  conclusions 
for  future  consideration. 


GENERAL  METHODOLOGY  AND 
DEVELOPMENT  STEPS 

The  overall  purpose  is  to  be  able  to  predict  the 
strength  of  a  single  hole  in  any  CFRP  laminate 
loaded  with  any  type  of  loading.  This  includes  for 
example  a  bolt  load  in  any  direction  acting  alone  or 
passing  stresses  around  an  open  hole  or  the  most 
common  case  when  both  loading  possibilities  act 
superposed  together.  Figure  2  details  these 
conditions.  Test  methods  are  available  to  test  the 
interaction  of  a  bolt  load  and  longitudinal  tensile 
and  compressive  stresses  but  these  general  loading 
conditions  are  not  affordable  to  be  simulated 
systematically. 

Figure  3  presents  in  an  overview  the  individual 
modules  of  the  development  steps.  It  indicates  that 
one  important  part  are  test  results.  The  other  parts 
are  of  theoretical  nature  and  either  pure 
mathematics  or  engineering  efforts.  The  latter  is 
necessary  to  correlate  test  data  w'ith  analytical 
ones.  Such  a  semi-empirical  point  stress  analysis 
computer  code  was  generated  which  subsequently 
was  used  to  derive  diagrams  or  data  sheets.  These 
are  forming  then  the  information  which  is  given 
into  the  stress  offices  to  be  used  to  design  the 
aircraft. 

In  principle  the  flow'  chart  of  Figure  3  indicates 
that  two  predictive  techniques  have  been 
developed.  The  first  is  represented  as  a  pure 
computer  tool  and  the  second  is  based  on  diagrams. 
The  question  arises  why  not  using  the  most 
convenient,  the  computer  tool,  instead  of 
continuing  by  deriving  plots?  The  answer  can  be 
found  in  the  complexity  of  the  problem  and  the 
ftirther  chance  to  incorporate  engineering 
judgement  based  on  the  experience  from  tests.  It 
was  this  step  which  finally  generated  the 
confidence  which  is  required  in  international 
cooperations. 

Using  the  identical  scheme  of  Figure  3  Figure  4 
outlines  more  details  and  gives  an  impression  of 
the  complexity  of  the  problem  to  develop  a 
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stressing  method  for  bolted  joints.  The  basic 
mathematical  solution  for  the  stress  distribution 
around  a  hole  is  restricted  to  a  linear-elastic 
material  behaviour  and  is  valid  for  orthotropic 
plates  from  infinit  extension.  In  the  case  of  bolt 
loaded  holes  the  fit  between  the  bolt  and  the  hole  is 
analjlically  regarded  as  ideal,  i.e.it  is  not  existing. 
Regarding  the  situation  in  reality  some 
discrepancies  become  obvious  and  none  of  these 
conditions  remain  valid  regarding  the  technical 
application  when  Composite  parts  are  jointed  by 
bolts.  To  overcome  these  discrepancies  semi- 
empirical  measures  are  determined  which  provide 
a  satisfactoring  correlation  of  the  analjlically 
determined  data  with  the  test  data.  Having 
achieved  this,  it  is  possible  to  fill  by  analysis  all  the 
gaps  which  even  a  comprehensive  test  programme 
leaves  open.  Then  it  is  possible  to  generate  carpet 
plots,  interaction  diagrams  and  an  algorithm 
combining  all  data  for  the  derivation  of  the 
strength  of  the  bolted  joint. 


TEST  RESULTS 

According  to  Figure  4  it  is  one  essential  of  the 
stressing  method  to  adapt  the  closed  solution 
analysis  to  the  test  results.  5  different  tjpes  of  tests 
are  necessary': 

•  Filled  hole  tension 

•  Filled  hole  compression 

•  Double  shear  pin  bearing 

•  Single  shear  pin  bearing 

•  Interaction  of  pin  bearing  and  passing  stresses 

The  quantity  of  test  points  is  of  major  interest 
having  in  mind  the  accuracy  of  the  predictive 
technique.  Considerable  effort  may  be  saved  if 
these  are  selected  favourable.  It  is  one  of  the  major 
experiences  that  the  restriction  of  the  lay-up  to 
allowed  boundaries,  in  terms  of  fibre  direction 
percentages,  decreases  the  effort  to  find  fav'ourable 
semi-empirical  measures.  How  these  limitations 
may  be  shown  graphically  can  be  seen  in  Figure  5 
and  the  allowed  laj'-up  configurations  are  given  in 
the  so-called  „Design  Space“.  The  recommended 
Design  Space  of  laminates  to  be  used  in  the  areas 
of  bolted  joints  is  included  in  Figur  5. 

Together  with  the  common  test  parameters,  like 
environmental  conditions,  off-axis,  thickness,  hole 
size,  edge  distancy,  type  of  bolt,  plain  or 
countersunk,  a  considerable  number  of  specimen 
is  summing  up  to  a  large  test  programme. 


DETERMINATION  OF  THE  STRESS 
DISTRIBUTION  AROUND  HOLES 

To  develop  a  computer  code  for  the  analysis  of 
stresses  in  an  orthotropic  plate  and  in  the  vicinity 
of  a  hole  is  a  pure  mathematical  task.  Two 
individual  analjlical  solutions  have  to  be 
superposed,  the  first  is  the  solution  for  open  holes 
and  the  second  for  bolt  loaded  holes.  This  is 
illustrated  in  Figure  6.  The  formulas  and  the 
procedure  are  given  in  the  literature,  e.g.  Ref  1  and 
Ref  4,  but  even  more  details  and  considerations 
may  be  found  in  the  work  of  Theo  de  Jong  (Ref  5). 
The  effort,  which  has  to  be  spent  for  the  generation 
of  such  a  computer  programme  should  not  be 
underestimated.  But  having  gone  through  this,  it  is 
possible  to  determine  the  stress  conditions  at  any 
point  in  the  vicinity  of  an  arbitrarily  loaded  hole  in 
an  infinite  orthotropic  plate  from  linear  elastic 
properties.  These  conditions  represent  the  usual 
mathematical  ones  and  therefore  naturally  do  not 
coincide  with  the  real  technical  ones. 

In  principle  the  stress  determination  may  be 
performed  as  well  with  the  Finite  Element  Method. 
Such  the  mathematical  complexity  is  reduced  to  a 
minimum,  but  it  is  doubtful  that  this  reduces  the 
effort.  Nevertheless  the  FEM  is  a  perfect  tool  to 
confirm  that  the  computer  code  under  development 
is  calculating  correctly. 


SEMI-EMPIRICAL  POINT  STRESS 
ANALYSIS 

The  actual  technical  conditions  incorporate  size 
limitations,  pseudo-plastical  effects  at  the  edge  of 
the  hole  and  tolerances.  All  these  influences  have 
to  be  taken  into  account.  Taking  the  closed  solution 
analysis  as  the  basis  this  can  be  achieved  by 
suitable  semi-empirical  measures.  The  most 
common  one  is  the  trick  with  the  Characteristic 
Distance  (CA).  The  stresses  are  analysed  at  a 
certain  distance  away  from  the  hole  edge  and 
interpreted  by  a  failure  criterion.  Doing  this  point 
by  point  along  the  Characteristic  Distance,  the 
highest  loaded  location  can  be  selected.  If  its 
failure  load  is  regarded  to  be  responsible  for  the 
failure  of  the  laminate,  then  two  items  of 
information  are  received:  the  location  where  first 
failure  occurs  and  the  strength  of  the  CFRP 
laminate. 

It  would  be  ideal  if  this  Characteristic  Distance 
would  be  a  material  property.  For  the  materials 
Dasa  investigated  and  gathered  experience,  this  is 
not  the  case.  For  each  type  of  loading,  tension  or 
compression,  and  also  dependent  on  the  content  of 
+/-45°  fibres,  a  different  characteristic  distance 
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leaded  to  satisfactoring  correlation  with  the  test 
results.  In  Figure  7  is  shown  how  this  semi- 
empirical  measure  was  therefore  extended.  Firstly 
it  became  dependent  on  the  +/-45°  fibre  content 
and  secondly  more  than  one  was  determined,  each 
referring  to  one  of  the  cases:  Open  hole  tension, 
filled  hole  tension,  filled  hole  compression  and 
double  shear  pin  bearing  strength.  Having  in  mind 
the  accurate  prediction  of  the  arbitrary  loading 
conditions,  these  Characteristic  Distancies  are  used 
as  detailed  in  Figure  7. 

The  failure  criteria  can  cause  some  problems  which 
become  obvious  if  plots  are  generated.  The  failure 
criteria  Dasa  generally  is  using,  the  so-called  ZTL 
criteria,  is  a  modified  Tsai-Hill  one.  In  certain 
areas  better  correlation  with  the  test  results  were 
achieved,  when  the  failure  prediction  was  done 
with  the  Yamada  criteria  (Ref  6).  It  could  be 
beneficial  and  reduce  the  development  effort  if 
further  investigations  include  trials  of  other  failure 
criterias. 

During  the  numerous  tests  of  the  analysis  another 
semi-empirical  measure  gave  better  correlation 
between  test  results  and  theoretical  data  and  this  is 
to  increase  slightly  the  unidirectional  compression 
strength  for  the  calculation  of  pin  bearing 
strengths.  This  measure  may  be  justified  by  the 
clamping  effect.  The  bolt  introduces  into  the  laps  a 
lateral  force,  especially  in  the  vicinity  of  the  bolt 
hole,  which  then  is  providing  a  better  support  of 
the  fibres  and  the  effect  to  increase  the  compressive 
strength. 

Finally  it  has  to  be  pointed  out,  that  each 
indi\adual  semi-empirical  measure  may  be 
favourable  for  a  certain  material  but  unfavourable 
for  the  next  one.  Not  enough  experience  was 
collected  up  to  now  to  extract  those  which  lead 
quickly  to  success.  Finding  out  promising  semi- 
empirical  measures  is  always  an  action  of  tiy'  and 
error.  Bearing  in  mind  this,  the  whole  computer 
code  should  be  prepared  such  that  the  calculation 
trials  are  performed  with  minimum  effort.  It  is 
Dasa  's  experience  that  a  large  number  of  trials  are 
necessarj’  making  a  considerable  amount  of 
compromises  necessary. 

Having  generated  the  semi-empirical  point  stress 
analysis  the  ability  is  generated  to  study  the 
influence  of  off-axis  loading,  bolt-load  to  passing 
stress  interaction  and,  may  be  most  important,  the 
variation  originated  from  the  lay-up's.  I.e.  all  gaps 
can  be  closed  which  every  test  programme 
naturally  leaves  open.  In  addition  carpet  plots  can 
be  generated  showing  graphically  the  strength  of 
notched  laminates  and  the  double  shear  pin  bearing 
strength. 


DERIVATION  OF  DATA  SHEETS  / 
DIAGRAMS 

The  core  of  the  stressing  method  for  bolted  joints  is 
detailed  on  Figur  7.  There  the  normalized 
interaction  curv'e  of  pin  bearing  and  passing  tensile 
and  compressive  stresses  is  presented.  On  the 
ordinate  the  pin  bearing  strength  is  scaled  and  on 
the  negativ  and  positiv  abszissa  the  filled  hole 
compression  respectively  tension  strength. 
Together  with  the  3  carpet  plots,  presenting  the 
double  shear  pin  bearing,  the  filled  hole 

compression  and  the  filled  hole  tension  strength, 
this  diagram  defines  the  CFRP  laminate  strength  in 
the  case  of  on-axis  bolt  load  interacting  with  on- 
axis  passing  stresses.  The  interaction  curve  itself 
resulted  from  analjlical  investigations  with  the 
semi-empirical  point  stress  analysis  computer  code. 
During  these  investigations  the  curve  w'as 

determined  such  that  it  represents  all  lay-ups 
within  the  limitations  of  the  previously  defined 
design  space.  This  is  resulting  naturally  to  some 
conservatism  for  specific  laj'-ups,  but  this  effect  is 
of  a  small  magnitude  and  such  was  judged 
acceptable.  The  case,  when  bolt  load  and  passing 
stress  are  both  directed  in  longitudinal  direction 
can  still  be  confirmed  by  test  results. 

Focussing  the  more  complex  loading  conditions  of 
Figure  2  more  considerations  are  necessar\'.  Three 
different  interaction  diagrams  are  necessary  to 
cover  the  arbitrary  loading  conditions  in  a 
reasonable  manner  for  further  considerations: 


Pin  bearing 
stress 

Longitudinal 
eompressive  and 
tensile  stress 

Shear  stress 

Pin  bearing 
stress 

Longitudinal 
compressive  and 
tensile  stress 

Transverse 
tensile  stress 

Pin  bearing 
stress 

Longitudinal 
eompressive  and 
tensile  stress 

Transvers 

compressive 

stress 

To  generate  these  curv'es  the  analytical  tool  is  the 
only  one  which  remains  to  give  advices.  Tests  are 
not  feasible  taking  into  account  funding  and 
research  limitations.  Following  the  same  principles 
as  for  the  easiest  case  of  interaction,  the  more 
complex  loading  conditions  have  been  handled  and 
the  Figure  9  details  the  conditions  which  have  been 
determined  when  bolt  load,  longitudinal  stress, 
transvers  stress  or  shear  stress  are  acting  together. 

All  these  interaction  diagrams  are  normalized 
using  the  RF  values  for  the  pure  bearing  strength 
on  the  ordinate  and  the  filled  hole  strength  on  the 
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abscizza.  Taking  these  RF  values  reciprocal  has  the 
effect  that  the  area  internally  of  the  interaction 
curv'e  represents  the  allowed  conditions  of  RF  > 
1.0.  Any  fiirther  parameter,  like  environmental 
conditions,  off-axis,  edge  and  width  corrections 
etc.,  are  possible  to  be  considered  on  the  basis  of 
the  carpet  plots  in  combination  with  separate  data 
sheets  or  plots.  In  general  these  dependencies  have 
to  be  derived  from  test  results.  In  the  specific  case 
of  the  off-axis  influence,  the  semi-empirical  point 
stress  analysis  may  be  helpfull  in  addition. 

The  single  shear  pin  bearing  strength  is  less 
dependent  on  the  lay-up  and  therefore  the  semi- 
empirical  point  stress  analysis  is  not  feasible  for  its 
prediction.  A  more  simple  plot  can  be  derived 
directly  from  test  results  and  then  be  used  in 
combination  with  the  interaction  curves.  Such  the 
application  of  the  stressing  method  is  extended  to 
single  shear  bolted  joints. 


DETERMINATION  OF  THE  RF 

Assuming  the  most  general  case  of  a  bolt  loaded 
hole  and  superimposed  passing  stresses  then  tw'O 
Reserve  Factors  can  be  built  from  the  three 
interaction  diagrams  of  Figure  9,  one  referring  to 
the  combination  of  longitudinal  and  shear  stresses 
and  the  other  one  combining  longitudinal  and 
transvers  stresses.  These  two  RF's  then  have  to  be 
combined  with  the  target  to  create  the  final  one. 
w'hich  then  is  representative  for  the  actual  loading 
conditions.  Once  more  the  semi-empirical  point 
stress  analysis  provided  the  guidance  for  the 
development  of  a  procedure  to  determine  the 
overall  RF.  l.e.  it  was  a  target  to  achieve  with  the 
information  from  the  diagrams  similar  results  as 
the  master  compiler  based  technique.  As  shown  in 
Figure  10,  this  aim  leaded  to  an  unconventional 
method  for  the  detemiination  of  the  RF  from  the 
interaction  diagrams.  Even  more  sophisticated  is 
the  formula  for  the  determination  of  the  final  RF 
taking  the  two  previously  determined  as  the  basis 
as  stated  in  Figure  11. 


SUMMARY  AND  CONCLUSIONS 

A  stressing  method  for  bolted  Composite  joints  w  as 
developed  which  is  based  on  diagrams  and  which 
was  generated  with  the  support  of  a  semi- 
empirical,  test  results  correlated  point  stress 
analysis.  The  effort  to  create  all  this  must  be 
regarded  as  massif  and  has  in  principle  to  be 
repeated  for  each  new  fibre/resin  combination.  In 
particular  this  statement  is  valid  regarding  the  test 


effort  which  is  required  although  e.xtensive 
analjtical  progress  w^as  achieved. 

In  principle,  deriving  from  a  computer  programme 
diagrams  and  plots,  may  be  regarded  as  a  step 
back.  But  the  complexity  of  the  problem,  originated 
by  the  large  number  of  variables,  gave  the  direction 
to  derive  a  stressing  method  which  directly 
indicates  all  those  dependencies  which  have  to  be 
considered.  Showing  these  effects  by  plots,  the 
required  level  of  confidence  arised.  Nevertheless 
this  was  not  possible  to  achieve  without 
compromises  and  a  certain  degree  of  conservatism. 

The  methodology,  to  generate  a  semi-empirical 
point  stress  analysis  for  each  new  Composite 
material  under  respect,  will  afford  a  certain  effort. 
The  more  often  this  effort  will  be  spent  in  the 
future,  the  more  e.xperience  will  be  gathered  and 
the  more  the  whole  procedure  will  tend  to  a 
standardised  process.  An  alternativ  to  this  is.  for 
the  time  being,  not  seen  by  the  authors,  since  no 
stressing  method  came  to  their  knowledge  w'hich 
would  be  compatible,  f.e.  assuming  a  stressing 
method  for  a  new  material  needs  to  be  created  now', 
then  the  same  methodology  would  be  followed. 

The  above  described  stressing  method  could  be 
used  for  standardization.  It  is  presented  by 
diagrams,  like  carpet  plots,  data  sheets  covering 
corrections,  normalized  interaction  diagrams  and 
an  algorithm  for  the  final  determination  of  the  joint 
strength.  The  grafical  presentation  of  the  various 
strengthes  allow's  an  effective  and  easy  comparison 
betw-een  different  materials.  With  more  experience 
from  different  materials  potentially  it  would  be 
feasible  to  create  a  conservative  standardised 
stressing  procedure  for  bolted  joints  and  valid  for 
certain  classes  of  fibre/resin  combinations. 


RECOMMENDATIONS 

In  the  future  the  effort  to  create  a  semi-empirical 
point  stress  analysis  will  be  reduced  due  to  the 
e.xperience  which  is  available.  Furthermore  the 
following  guidelines  will  serv'e  to  keep  the  effort 
near  the  necessaiy  minimum: 

•  Define  a  Design  Space  and  restrict  the 
predictive  technique  accordingly 

•  Select  the  test  points  of  the  test  programme 
such  that  the  Design  Space  is  covered 
satisfactoring 

•  Use  a  simple  failure  criteria 

•  Prepare  and  use  a  specific  computer  code  for 
the  computation  trials  during  the  development 
phase.  This  shall  ease  to  find  out  the  most 


favorable  semi-empirical  measures  and  their 
referring  values. 
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Figure  2:  Loading  Conditions:  In-plane  Stresses  and  Bolt  Load  Figure  4:  Items  to  l)e  generated  or  developed 


Joint  Configuration:  Doubie,  Single  Shear 
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and  BOLT-LOADED  HOLE- 
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Figure  8:  Interaction  of  Pin  Bearing  and  Longitudinal  Passing  Stresses 


Figure  9:  Interaction  Curves  of  Pin  Bearing  and  Passing  Longitudinal,  Transverse  and  Shear 
Stresses 
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Figure  10:  Determination  of  the  RF  from  the  Interaction  Diagrams 
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Development  of  Failure  in  Bolted  Joints  in  Woven  CFRP  Laminates 

J.  L.  Oakeshott 
M.  Gower 
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Centre  for  Composite  Materials 
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SUMMARY 

A  recent  project  at  Imperial  College  was 
concerned  with  the  development  of  finite 
element  procedures  for  predicting  the  failure  of 
bolted  joints  in  composite  laminates.  Both  2-D 
and  3-D  analyses  were  undertaken,  one 
objective  of  the  latter  being  to  correlate  the 
stress  distributions  around  a  fastener  with  the 
failure  modes  observed  experimentally. 

In  support  of  the  FE  work  an  extensive  test 
programme  was  carried  out  on  single  fastener 
joints  loaded  at  increasing  fractions  of  the 
ultimate  load.  The  nominally  2mm  thick 
laminates  were  fabricated  from  prepreg  which 
consisted  of  balanced  satin  weave  fabric 
impregnated  with  epoxy  resin.  For  each  load 
level  specimens  were  dissected  and  examined 
under  an  optical  microscope.  A  "map"  of 
damage  growth  was  obtained  for  specimen 
configurations  exhibiting  either  bearing  or  net 
tensile  failure.  The  principal  failure  modes 
observed  were  fibre  microbuekling  and 
through-thickness  matrix  shear  cracking. 

LIST  OF  SYMBOLS 

d  fastener  diameter 

w  joint  width 

£  joint  end  distance 

t  laminate  thickness 

Px  applied  load 

X  crosshead  displacement 

1  joint  length 

hx  hole  elongation 

ab  bearing  stress 

On  net-tension  stress 

T  bolt  torque 

Pt  bolt  load 

1.  INTRODUCTION 

This  paper  deseribes  and  presents  the  results 
from  two  consecutive  programmes  of 
experimental  work  in  which  the  development  of 


failure  in  bolted  joints  made  from  composite 
laminates  was  investigated.  Tests  were  carried 
out  using  a  carbon  fibre-reinforced  epoxy  resin 
laminate  material  which  was  composed  of  eight 
layers  of  satin  weave  fabric  in  a  balanced  quasi - 
isotropic  stacking  sequence.  The  laminate  was 
2.25mm  thick.  Samples  of  the  laminate  were 
loaded  in  double  shear  by  single  fasteners  using 
an  experimental  set-up  similar  to  that  of  Kretsis 
and  Matthews  [1].  The  first  programme  of  work 
concerned  the  development  of  bearing  failures 
[2]  and  the  second  programme  of  work  the 
development  of  net-tension  failures.  The  failure 
mode  was  controlled  through  the  use  of  one  of 
two  different  sample  widths. 

Initial  samples  were  loaded  to  failure  and 
subsequent  samples  to  intermediate  fractions  of 
the  average  failure  loads.  Through-thickness 
sections  were  taken  of  the  samples  after  loading 
close  to  the  fastener  holes  and  the  sections  were 
examined  under  the  optical  microscope.  The 
progression  of  failure  and  failure  mechanisms 
were  monitored  with  the  intention  that 
appropriate  criteria  could  be  selected  for 
incorporation  into  a  3-D  finite  element  model 
of  a  region  around  the  fasteners.  The  3-D  model 
constituted  a  substructure  analysis  of  a  2-D 
finite  element  model  of  the  experimental  set-up, 
which  in  turn  was  based  on  earlier  finite 
element  representations  of  multi-fastener  joints 
in  composite  laminates  [2]. 

2.  PROCEDURE 

The  laminate  samples  were  loaded  in  double 
shear  using  a  loading  mechanism  similar  to  that 
of  Kretsis  and  Matthews  [1].  This  is  symmetric 
about  the  centre  line  length  and  designed  for 
samples  with  fastener  holes  located  at  either 
end.  The  outer  laps  are  of  6mm  thick  steel  and 
there  are  6mm  thick  steel  links  to  the  test 
machine  grips.  The  links  ensure  that,  once  a 
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small  initial  preload  is  applied,  the  samples  can 
be  aligned  axially. 

The  tests  were  carried  out  using  a  carbon  fibre 
(T300)/epoxy  resin  (914)  laminate  composed  of 
eight  woven  (5-harness  satin  weave)  plies  of 
continuous  carbon  fibres  impregnated  with 
epoxy  resin.  A  balanced,  quasi-isotropic, 
[(0/90)(+45/-45)]2s  stacking  sequence  was  used 
and  the  laminate  was  2.25mm  thick.  The 
material  was  supplied  by  Westland  Aerospace 
as  four  600mm  by  600mm  panels  and  is  typical 
of  that  used  in  the  aerospace  industry.  Prior  to 
cutting  the  panels  were  examined  for  defects 
using  ultrasonic  C-scan.  No  non-uniformities 
were  found. 

Sample  Preparation 

Sets  of  approximately  ten  samples  (see  Figure 
1)  were  cut  from  the  panels  to  examine  the 
bearing  and  net-tension  failure  modes  of  failure 
and  also  the  effect  of  sample  orientation.  All 
samples  were  200m  long  and  the  bearing 
samples  were  36mm  (6d)  wide  and  the  net- 
tension  samples  24mm  (4d)  wide.  The  bearing 
samples  were  oriented  at  0°,  45°  and  90°  to  the 
laminate  axis  (warp  weave  direction)  and  the 
net-tension  samples  at  0°and  45°  to  the 
laminate  axis. 

The  samples  were  cut  using  a  diamond  saw  and 
6mm  diameter  holes  were  drilled  at  36mm  (6d) 
from  either  end.  The  36mm  end  distance  was  to 
prevent  shearout  or  cleavage  modes  of  failure 
and  the  128mm  distance  between  the  holes  to 
ensure  the  two  ends  of  the  joint  acted 
independently. 

Joint  Tests 

The  rig  was  assembled  using  steel  fasteners, 
brass  washers  and  steel  nuts.  The  fasteners  had 
a  diameter,  d,  of  6mm,  no  thread  in  the  region 
of  the  composite  and  were  greased  with  a  net 
fit.  The  washers  had  an  outer  diameter,  D,  of 
13mm  (2. 2d),  an  inner  diameter  of  6mm  and  a 
thickness,  t,  of  2mm.  The  washers  were  placed 
between  the  composite  specimen/steel  links  and 
the  steel  outer  laps  as  well  as  beneath  the  bolt 
head  and  nut.  In  addition  two  extra  washers  (2  x 
2mm  thick)  were  placed  on  either  side  of  the 
composite  (2mm  thick)  to  act  as  spacers.  The 
extra  washers  ensured  that  the  outer  laps  ran 
parallel  to  the  inner  laps  and  steel  links  (6mm 
thick). 

The  assembled  rig  was  mounted  in  an  Instron 
testing  machine,  fitted  with  a  10-tonne  load 
cell,  and  an  initial  preload  of  approximately 


lOOkN  was  applied.  Once  the  mechanism  had 
been  aligned  axially  the  bolts  were  tightened  to 
a  15Nm  torque.  Subsequent  loading  of  the 
samples  was  at  nominal  rates  of  2.5mm/min  or 
5.0mm/min.  The  applied  loads  versus 
displacements  were  recorded  with  the 
displacements  read  from  the  relative  crosshead 
movement.  Bearing  stress  and  net-tension  stress 
versus  hole  elongation  graphs  were  calculated 
from 

ab  =  Px/dt  (1) 

ctn  =  Px/(w  -  d)t  (2) 

hx  =  x/d  (3) 

For  each  set  of  samples  three  were  loaded  to 
failure  and  the  average  bearing  or  net-tension 
failure  load  for  that  orientation  determined.  The 
failure  loads  were  read  from  the  peaks  in  the 
load  displacement  plots.  Subsequent  0°,  45° 
and  90°  samples  were  loaded  to  30%  (in  the 
case  of  the  net-tension  failure  samples),  60%, 
75%  (in  the  case  of  the' bearing  failure 
samples),  90%  and  95%  of  the  average  bearing 
or  net  tension  failure  loads.  Some  samples 
remained  untested  for  comparative  purposes 
and  for  use  as  spares. 

One  of  each  of  the  spare  0°  and  45°  net-tension 
samples  were  loaded  to  failure  with  no  washers 
or  through-thickness  clamping  applied.  This 
was  to  obtain  failure  loads  and  load- 
displacement  plots  for  the  equivalent  pin- 
loaded  samples. 

Observation  of  Failures 

After  unloading,  the  damage  to  the  holes  and 
the  location  of  the  failed  hole  (top  or  bottom) 
was  noted.  For  the  bearing  samples  this 
included  observations  of  the  damage  caused  by 
the  washers  and  measurements  of  the  final  hole 
elongations.  The  washer  damage  was 
photographed  at  low  magnifications  under  the 
optical  microscope.  Some  of  the  bearing  failure 
specimens  were  also  sectioned  parallel  to  the 
net-tension  plane,  gold  plated  and  examined 
under  the  scanning  electron  microscope.  All 
observations  were  referred  to  similar 
examinations  of  the  untested  samples. 

Subsequently  representative  samples  were  cut 
along  the  bearing  plane  in  the  case  of  the 
bearing  samples  and  along  the  net-tension  plane 
in  the  case  of  the  net-tension  samples  (see 
Figure  2).  For  the  fully  failed  samples  sections 
were  taken  of  the  failed  and  unfailed  holes. 
After  cutting  the  sections  were  mounted  in 
epoxy  resin,  polished  and  examined  under  the 
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optical  microscope.  Micrographs  of  the 
unloaded  samples  were  taken  for  comparative 
purposes. 

For  three  of  the  fully  failed,  0°  orientation 
bearing  samples  the  entire  failed  ends  were 
mounted  in  epoxy  resin.  These  were  cut  and 
oriented  parallel  to  the  bearing,  net-tension  and 
45°  plane  (see  Figure  2)  and  progressively 
ground  by  1mm  increments.  For  the  fully  failed 
net-tension  failure  samples  additional  sections 
were  taken  along  the  bearing  and  shearout 
planes.  In  these  ways  maps  of  the  damage 
growths  were  obtained. 

3.  RESULTS 

Bearing  Failure  Tests 

The  samples  loaded  to  failure  in  bearing 
typically  showed  a  non-catastrophic  mode  of 
failure  (see  Figure  3)  with  little  acoustic 
emission.  The  majority  of  the  samples  failed  at 
the  top  hole  with  just  one  of  the  45°  samples 
which  failed  at  the  bottom  hole.  Average  failure 
loads  of  15074N  (1092MPa)  for  the  0° 
orientation  samples,  15042N  (1090MPa)  for  the 
90°  orientation  samples  and  15352N 
(1 1 12MPa)  for  the  45°  orientation  samples 
were  calculated.  No  discernible  difference  was 
noted  between  the  strength  and  failure 
behaviour  of  the  0°  and  90°  samples  but  the  45° 
samples  appeared  to  be  marginally  stronger,  by 
approximately  300N  (20MPa).  For  this  reason 
only  0°  and  45°  samples  were  tested  in  the  net- 
tension  programme  of  work. 

The  fully  failed  samples  showed  significant 
damage  on  the  bearing  side  of  the  fastener  (see 
Figure  4)  where  the  laminate  had  been  forced 
over  the  washer.  This  occurred  as  splits  and 
delaminations  at  the  washer  edge.  Surface 
cracks  were  seen  to  emanate  from  the  hole 
boundary  at  an  angle  from  the  hole  centre  of 
between  45°  and  90°to  the  applied  load.  The 
cracks  propagated  roughly  parallel  to  the 
applied  load  towards  the  splitting  at  the  washer 
edge.  It  appeared  that  as  a  result  of  the  damage 
at  the  washer  edge  a  plug  of  material,  contained 
between  the  washers  on  the  bearing  side  of  the 
fastener  and  of  width  approaching  the  diameter 
of  the  fastener,  translated  in  the  direction  of  the 
applied  load.  This  caused  the  holes  to  elongate. 
Hole  elongations  measured  directly  from  the 
fully  failed  samples  were  in  the  range  15-32% 
of  the  hole  diameter.  Similar,  although  less 
pronounced  damage,  was  noticed  in  the  case  of 
the  samples  loaded  to  95%  and  90%  of  failure, 
but  with  no  significant  washer  damage  or  hole 


elongations  in  the  case  of  the  samples  loaded  to 
less  than  90%  of  failure.  Slight  impressions 
only  of  the  washer  were  apparent. 

Observations  of  the  bearing  samples  under  the 
scanning  electron  microscope  gave  very  little 
indication  of  the  failure  mechanisms.  The 
individual  plies  were  hard  to  distinguish  and 
enlarged  views  were  useful  only  for  showing 
the  splitting  and  delamination  at  the  washer 
edge. 

Net-Tension  Failure  Tests 

The  samples  loaded  to  failure  in  net-tension 
showed  a  more  catastrophic  mode  of  failure 
(see  Figure  5)  with  significant  amounts  of 
acoustic  emission  associated  with  fibre 
breakage.  Average  net  tension  failure  loads  of 
12320N  (304MPa)  for  the  0°  orientation 
specimens  and  1 1569N  (286MPa)  for  the  45° 
orientation  specimens  were  calculated.  The  45° 
samples  appeared  to  be  marginally  weaker  than 
the  0°  samples,  by  approximately  SOON 
(20MPa).  Examination  of  the  failed  samples 
showed  the  failure  to  occur  by  fibre  breakage 
and  pull-out  of  the  0°  and  ±45°  tows  across  the 
entire  net-section. 

Pin-Loaded  Tests 

The  0°  and  45°  net-tension  samples  which  were 
loaded  with  no  through-thickness  clamping 
applied  both  failed  in  bearing.  Unfortunately 
the  load-displacement  data  for  the  0°  sample 
was  not  recorded  but  the  data  for  the  45° 
sample  showed  failure  to  occur  at  a  load  of 
3905N,  approximately  34%  of  the  failure  load 
(1 1569N)  of  the  equivalent  clamped  samples. 
As  for  the  other  bearing  failure  samples  the 
failure  was  non-catastrophic  (see  Figure  3). 
Examinations  of  the  samples  showed  there  to 
be  total  disintegration  of  the  laminate  on  the 
bearing  side  of  the  hole  with  widespread 
splitting  and  delamination.  This  was  similar, 
but  more  pronounced,  than  that  observed  at  the 
washer  edge  in  the  case  of  the  clamped  bearing 
failure  samples. 

Optical  Microscopy  Work 

Optical  micrographs  were  taken  of  the  potted 
bearing  and  net  tension  sections  to  show  the 
progression  of  failure. 

Bearing  Failure  Samples 
The  bearing  failure  sections  showed  damage 
from  60%  of  final  failure  load.  This  consisted 
of  fibre  microbuckling  and  matrix  shear 
cracking  in  the  region  where  the  composite  was 
constrained  by  the  washers.  The  fibre 
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microbuckles  were  apparent  in  the  tows  which 
were  aligned  with  the  loading  direction  and  the 
matrix  shear  cracks  in  the  tows  which  were  at 
-i-45/-45°  to  the  loading  direction.  The  0°  and 
45°  orientations  of  the  samples  had  the  effeet  of 
changing  the  particular  layers  in  which  the 
different  types  of  failure  occurred.  Figure  6 
shows  a  typical  example  of  the  damage  as  seen 
on  the  bearing  plane  of  a  45°  specimen. 

The  fibre  microbuckles  formed  as  kink  bands  at 
angles  of  approximately  +45°  through  the 
thickness  of  the  0°  oriented  tows  of  fibres. 
Single  and  multiple  kink  bands  were  noted  as 
the  microbuckles  arrested  at  interfaces  with 
adjacent  90°  or  ±45°  tows  and  propagated  back 
through  the  0°  tows.  Similarly  the  matrix  shear 
cracks  formed  at  angles  of  approximately  +45° 
through  the  thickness  of  the  ±45  oriented  tows. 
In  this  case  the  matrix  shear  cracks  arrested  at 
the  interfaces  with  adjacent  0°  or  90°  tows  but 
propagated  through  adjacent  ±45°  tows.  Little 
damage  was  observed  in  the  90°  tows  although 
due  to  the  darker  image  of  the  90°  tows  damage 
was  less  easy  to  diseern. 

The  damage  initiated  at  approxiamtely  60%  of 
final  failure  at  the  hole  edge  and  with 
increasing  load  spread  outwards  to  the  washer 
edge.  As  the  density  of  fibre  microbuckles  and 
matrix  shear  cracks  increased  the  microbuckles 
and  cracks  tended  to  from  a  continuous  line  at 
45°  through  the  thickness  of  the  laminate 
(Figure  6).  In  many  instanees  the  kink  bands  in 
the  0°  tows  were  conneeted  directly  to  matrix 
shear  cracks  in  adjacent  ±45°  tows  (Figure  6). 

In  a  few  cases  craeks  ran  along  tow  interfaces 
such  that  damage  in  adjacent  plies  was 
connected  indirectly,  however,  very  little 
damage  was  noticed  in  the  resin  rich  regions 
between  tows.  This  indicates  how  the  tow 
geometry  can  affect  the  precise  path  of  the 
damage  propagation. 

Onee  the  damage  had  spread  to  the 
unconstrained  region  beyond  the  washer  edge 
final  bearing  failure  occurred  with  widespread 
splitting  and  delamination.  The  outer  plies 
delaminated,  buckled  and  split,  whilst  the  inner 
plies  buckled  and  crushed. 

The  spread  of  damage  was  determined  from  the 
fully  failed  samples  which  were  progressively 
ground  at  angles  of  0°,  45°  and  90°  to  the 
direction  of  the  applied  load.  The  damage  was 
shown  to  be  eoncentrated  around  the  bearing 
plane  (Figure  7a)  with  a  spread,  on  the  bearing 
side  of  the  fastener,  to  minimal  damage  on  the 


net-tension  plane.  No  failure  mechanisms  other 
than  fibre  microbuckling,  matrix  shear  cracking 
and  delamination  and  splitting  at  the  washer 
edge  were  observed.  The  fibre  microbuckles 
were  restricted  to  the  6mm  wide  compressed 
region  on  the  bearing  side  of  the  fastener  whilst 
the  delaminations  and  splits  at  the  washer  edge 
extended  on  the  bearing  side  of  the  fastener  to 
the  net-tension  plane.  Significant  damage  was 
observed  on  the  shearout  plane  which  consisted 
mainly  of  matrix  shear  cracking  with  little  fibre 
microbuckling.  These  matrix  shear  cracks  were 
concentrated  at  the  hole  edge  (on  the  net- 
tension  plane)  and  extended  up  to  the  washer 
edge  on  the  bearing  side  of  the  fastener  and  by 
the  fastener  radius  (3mm)  on  the  non-bearing 
side  of  the  fastener  (Figure  7b). 

The  fully  failed  sample  which  was  ground  at 
45°  to  the  applied  load  showed  the 
microbuckles  to  form  in  the  tows  oriented  at 
±45°  to  the  applied  load  as  well  as  in  the  0° 
oriented  tows.  Similarly  matrix  shear  cracks 
were  found  in  the  0°  oriented  tows  as  well  as  in 
the  ±45°  oriented  tows.  See  Figure  8. 

Net-Tension  Failure  Samples 
The  net-tension  failure  sections  showed  initial 
damage  on  the  net  tension  plane  at  95%  of  final 
failure.  This  was  minimal  and  consisted  of 
through-thickness  matrix  shear  craeks  in  the 
±45°  tows  close  to  the  hole  edge.  On  the 
bearing  plane  at  net-tension  failure  similar 
damage  to  that  observed  for  the  partially  loaded 
bearing  failure  specimens  was  seen  (Figure  9). 
This  would  be  expected  since  the  net-tension 
failures  occurred  at  approximately  82%  of  the 
bearing  failure  loads.  The  damage  on  the 
shearout  plane  at  net-tension  failure  was 
minimal  and  consisted  of  through-thickness 
matrix  shear  cracks  close  to  the  hole  edge. 
Damage  did  not  extend  beyond  the  region 
constrained  by  the  washer  prior  to  failure,  and 
final  failure  was  in  the  net-section  where  the 
laminate  was  unable  to  support  the  high  net- 
tension  stresses.  This  failure  occurred  as  fibre 
breakage  in  the  0°  and  ±45°  tows  and  matrix 
cracks  in  the  ±45°  and  90°  tows  across  the 
entire  net-tension  section. 

3.  DISCUSSION 

Comparison  with  Previous  Studies 

The  effect  of  the  15Nm  torque  applied  to  the 
bolts  in  the  joints  tested  was  to  produce  a 
76MPa  through-thickness  compression  or 
elamp-up  stress  of  the  composite  in  the  region 
of  the  washer.  Clamp-up  is  known  to 
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significantly  increase  the  strength  of  bolted 
joints  and  has  been  noted  by  Codings  [3]  as  an 
asymptotic  relationship  between  bolt  clamp-up 
and  bearing  strength  for  0°±45°  carbon  fibre- 
reinforced  laminates.  Full  joint  strengths  were 
found  to  develop  at  bolt  clamp-ups  of 
approximately  22MPa.  Thus  it  would  be 
expected  that  the  76MPa  clamp-up  applied  to 
the  joints  tested  here  would  be  well  within  the 
region  of  full  joint  strength. 

2-D  finite  element  models  [4]  of  laminated 
plates  in  tension  which  contain  an  unloaded 
torqued  bolt  have  shown  the  peak  in-plane 
stresses  at  the  bolt-plate  boundary  to  migrate 
from  the  plate  through  the  washer  to  the  bolt, 
with  increasing  clamping  pressure.  The 
clamping  pressures  were  assumed  to  have  no 
effect  on  the  in-plane  stress  distribution.  For 
clamping  ratios  (clamping  pressure/applied  in- 
plane  stress)  from  0  to  1  the  in-plane  strains, 
and  associated  free-edge  effects  at  the  hole 
edge,  were  shown  to  be  relieved  as  the  effective 
contact  between  the  plate  and  bolt  reduced  to 
zero.  Little  effect  was  produced  on  the 
magnitude  of  the  strains  at  the  washer  edge  but 
at  clamping  ratios  of  between  0.4  and  1.0  the 
strain  reductions  at  the  bolt-plate  boundary 
were  sufficient  that  the  peak  strains  moved  to 
the  washer  outer  edge.  For  clamping  ratios  from 
1  to  4  only  small  changes  were  produced  in  the 
strain  distributions  and  maximum  strain  values 
approaching,  at  a  clamping  ratio  of  4,  the  case 
of  a  rigid  inclusion  of  diameter  equal  to  the 
outer  diameter  of  the  washer. 

The  case  of  a  plate  loaded  in  bearing  by  a 
torqued  bolt  is  not  directly  analagous  to  the 
case  of  a  plate  loaded  in  tension  which  contains 
a  torqued  bolt  since  in  the  latter  case  no  bearing 
stresses  are  developed.  However,  from  the 
analyses  described  above,  it  would  be  expected 
that  at  high  clamping  ratios  (low  loads)  the 
peak  stresses  would  move  from  the  hole  edge  to 
the  washer  outer  edge.  This  is  as  the  high 
stresses  and  associated  free  edge  effects  at  the 
hole  edge  are  relieved.  Obviously  in  the  case  of 
the  joints  tested  here  the  relatively  low  stresses 
developed  at  the  washer  edge  are  insufficient  to 
cause  failure.  However,  the  reduction  in 
stresses  at  the  hole  edge  is  sufficient  to  delay 
initial  bearing  failure  from  3905N  (pin-loaded 
bearing  failure  load  of  the  45°  net-section 
sample)  to  921  IN  (60%  of  the  average  clamped 
bearing  failure  load  of  the  45°  bearing 
samples).  Of  most  significance  is  the  reduction 
in  the  strain  in  the  direction  of  the  applied  load 
and  the  associated  free  edge  effects.  It  is  fairly 


obvious  that  the  through-thickness  constraint 
provided  by  the  washer  prevents  delaminations 
and  splits  at  the  hole  edge. 

It  is  also  interesting  to  note  that  the  45°  pin- 
loaded  net-tension  sample  failed  in  bearing  at 
approximately  34%  of  the  net-tension  failure 
stresses  calculated  for  the  equivalent  clamped 
net-tension  samples.  Since  there  is  no  washer  to 
constrain  the  laminate  and  redistribute  the  high 
stresses  at  the  hole  edge  in  the  pin-loaded 
sample  the  strength  in  bearing  is  lower  than  the 
strength  in  net-tension. 

3-D  finite  element  models  of  bolted  joints  [5]  in 
laminated  composites  have  shown  that  at  bolt 
tensions  of  lOkN  through-thickness 
compressive  stresses,  G/z,  are  generated  in  the 
region  constrained  by  the  washer  and 
interlaminar  shear  stressses,  Gzx.  at  the  washer 
edge.  In  comparison  the  15Nm  torque  applied 
to  the  bolts  in  the  joints  for  which  the  results 
are  presented  here  corresponds  to  a  bolt  tension 
of  8kN.  Thus  it  would  be  expected  that  at  a  8kN 
bolt  tension  a  similar  distribution  of  through - 
thickness  direct  and  shear  stresses  would  be 
developed. 

Summary  of  Results 

Bearing  Failure 

The  effect  of  the  through-thickness  stress,  Czz, 
is  to  prevent  delamination,  splitting  and 
buckling  within  the  region  constrained  by  the 
washer.  However,  as  the  applied  load  increases, 
and  the  clamping  ratio  decreases,  large 
compressive  stresses  are  developed  in  the 
direction  of  the  applied  load,  Gxx-  These 
eventually  cause  damage  to  the  laminate  in  the 
form  of  fibre  microbuckles  and  through¬ 
thickness  matrix  shear  cracks.  The  effect  is 
aggravated  by  the  prevention  of  Poisson's 
expansions  in  the  through-thickness  direction. 

The  damage  initiates  at  approximately  60%  of 
the  final  bearing  failure  load  on  the  bearing 
plane  at  the  hole  edge.  As  the  load  increases  the 
damage  spreads  outwards  in  the  direction  of  the 
washer  edge  and  becomes  more  dense.  The 
fibre  microbuckles  and  through-thickness 
matrix  shear  cracks  tend  to  align  at  a  45°  angle 
through  the  thickness.  The  fibre  microbuckles 
are  concentrated  on  the  bearing  plane  whilst  the 
matrix  shear  cracks  occur  across  the  entire 
6mm  width  of  the  fastener  on  the  bearing  side. 
The  overall  effect  is  to  allow  a  small  amount  of 
through-thickness  stress  relief  through  non- 
catastrophic  micro-failures. 
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Eventually  the  damaged  region  spreads  to  the 
washer  edge  where  there  are  significantly 
reduced  through-thickness  compressive 
stresses,  a^z,  and  significantly  increased 
through-thickness  shear  stresses,  Czx-  At  this 
point  ultimate  bearing  failure  occurs  as  the 
laminate  at  the  washer  edge  delaminates, 
buckles  and  splits.  This  implies  that  final  failure 
could  be  initiated  by  the  micro-failure  events. 
Associated  with  the  failure  at  the  washer  edge 
are  cracks  which  emanate  from  the  hole  edge  at 
between  45°  and  90°  to  the  applied  load  and  run 
parallel  to  the  applied  load  towards  the  washer 
edge.  These  result  from  the  high  shear  stresses 
which  are  generated  at  the  hole  edge  in  this 
region.  Their  effect  is  to  cause  a  plug  of 
laminate  to  translate  into  the  delaminated 
material  and  thus  elongate  the  hole. 

Micrographs  of  the  failed  bearing  samples 
along  the  shearout  planes  showed  extensive 
through-thickness  matrix  shear  damage  close  to 
the  hole  edge. 

Net-Tension  Failure 

For  the  net-tension  samples  the  tensile  strength 
of  the  plies  is  exceeded  on  the  net-tension  plane 
before  final  bearing  failure  occurs.  Damage  on 
the  net-tension  plane  prior  to  net-tension  failure 
is  minimal  and  initiates  at  approximately  95% 
of  the  final  net-tension  failure  load.  The 
damage  occurs  as  matrix  cracks  in  the  ±45° 
plies  close  to  the  hole  edge.  Final  net-tension 
failure  occurs  across  the  entire  net-tension 
section  with  fibre  pull-out  and  breakage  in  the 
0°  and  ±45°  tows  and  matrix  cracking  in  the 
±45°  and  90°  tows. 

Choice  of  Failure  Criteria 

From  the  failure  mechanisms  observed  in  the 
joint  tests  it  is  apparent  that  a  3-D  finite 
element  model  of  the  region  surrounding  a 
loaded  fastener  would  need  to  include  failure 
criteria  for  fibre  microbuckling,  matrix  shear 
cracking  and  fibre  breakage/pull-out.  It  would 
seem  reasonable  to  include  the  fibre 
microbuckling  and  matrix  shear  cracking  as 
progressive  failure  events  in  the  region 
constrained  by  the  washer  and  catastrophic 
failure  events  at  the  washer  edge  and  the  fibre 
breakage/pull-out  as  a  catastrophic  failure  event 
on  the  net  tension  plane. 

As  an  initial  estimate,  ply  failures  could  be 
approximated  by  a  maximum  stress  criterion 
which  uses  strengths  of  a  [(0/90)4]s  laminate. 
For  example,  fibre  breakage/pull-out  could  be 
approximated  by  the  laminate  tensile  strength, 
fibre  microbuckling  by  the  laminate 


compressive  strength  and  through-thickness 
matrix  shear  cracking  by  the  laminate 
interlaminar  shear  strength.  Once  all  the 
elements  on  the  net-tension  plane  had  failed 
due  to  fibre  breakage/pull-out,  final  net-tension 
failure  could  be  assumed  and  once  one  element 
beyond  the  washer  edge  had  failed  due  to  fibre 
microbuckling  or  matrix  shear  cracking,  final 
bearing  failure  could  be  assumed. 

The  maximum  radial  stress  and  circumferential 
stress  around  the  hole  edge  for  an  isotropic 
material  pin-loaded  by  a  fastener  can  be 
calculated  from  the  failure  load,  Px  as  follows 
[6]. 

Maximum  radial  stress  =  4Px/Ttdt  (4) 

Maximum  circumferential  stress  =  Px/dt  (5) 

The  maximum  radial  stress  occurs  on  the 
bearing  plane  and  the  maximum  circumferential 
stress  on  the  net-tension  plane. 

The  above  equations  give  a  good  approximation 
for  the  case  of  the  quasi-isotropie  laminate 
investigated  here.  Assuming,  for  the  bearing 
failures,  that  the  material  constrained  between 
the  washers  is  totally  degraded,  it  is  reasonable 
to  replace  the  fastener  diameter,  d,  used  in  the 
calculation  of  the  maximum  radial  stress,  by  the 
washer  diameter,  D.  From  these  equations  and 
using  the  failure  loads  of,  15074N  for  the  0° 
bearing  failure  samples  and  12320N  for  the  0° 
net-tension  failure  samples,  a  maximum  radial 
stress  at  the  washer  edge  of  656MPa  (for  the 
bearing  failures)  and  maximum  circumferential 
stress  of  913MPa  (for  the  net-tension  failures) 
is  obtained. 

This  shows  the  maximum  radial  stress  on  the 
bearing  plane  at  the  hole  edge  (656MPa), 
assuming  the  material  within  the  washer  is 
degraded,  to  be  of  the  order  of  the  compressive 
strength  of  the  [(0/90)4]s  laminate  (592MPa). 
Thus  it  might  be  expected  that  a  method  of 
progressive  damage  within  the  washer  region 
would  satisfactorily  model  bearing  types  of 
failures.  The  predicted  value  of  the  maximum 
eircumferential  stress  on  the  net-tension  plane 
(913MPa)  is,  however,  33%  greater  than  the 
tensile  strength  of  the  [(0/90)4]s  laminate 
(687MPa).  In  this  case  it  appears  that  some 
other  mechanisms  are  contributing  to  net- 
tension  failure,  perhaps  due  to  the  (-H45/-45) 
plies  and/or  some  interaction  between  plies. 
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CONCLUSIONS 

Experimental  work  has  shown  initial  damage  in 
composite  bolted  joints  to  occur  at  60%  of  final 
bearing  failure.  The  damage  was  apparent  in 
laminated  samples  loaded  in  double  shear  as 
fibre  microbucking  and  through-thickness 
matrix  shear  cracking.  A  quasi-isotropic 
laminate  comprised  of  eight  layers  of  woven 
carbon  fibre  tows  impregnated  with  epoxy  resin 
was  used.  The  damage  was  concentrated  on  the 
bearing  plane  at  the  hole  edge  and  with 
increasing  load  spread,  on  the  bearing  side  of 
the  fastener,  within  the  region  constrained  by 
the  washer.  The  fibre  microbuckles  were  seen 
in  the  tows  oriented  at  0°  and  ±45°  to  the 
applied  load  and  the  matrix  shear  cracks  in  the 
tows  oriented  at  ±45°  and  0°  to  the  applied 
load.  Similar  initial  damage  was  observed  for 
both  bearing  and  net-tension  modes  of  failure. 

For  samples  with  the  larger  width  (w  =  6d) 
further  increases  in  the  load  caused  the  damage 
to  spread  beyond  the  region  constrained  by  the 
washer.  At  this  stage  final  bearing  failure 
occurred  as  the  composite  delaminated  and  split 
at  the  washer  edge.  The  failure  was  attributed  to 
the  reduced  through-thickness  stresses  and 
increased  interlaminar  shear  stresses  at  the  edge 
of  the  washer  and  was  thought  to  be  initiated  by 
the  microbuckles  and  shear  cracks. 

For  samples  with  the  smaller  width  (w  =  4d)  the 
high  stresses  on  the  net-tension  section  at 
increased  load  caused  the  laminate  to  fail  in 
net-tension  before  bearing  failure  occurred.  The 
net-tension  failure  was  catastrophic  and  damage 
was  not  apparent  on  the  net-tension  plane  prior 
to  95%  of  the  final  failure  load. 

From  the  observed  damage  mechanisms  it  was 
suggested  that  a  3-D  finite  element  model  could 
be  used  to  predict  bearing  and  net-tension 
modes  of  failure.  Progressive  damage  could  be 
assumed  for  fibre  microbuckling  and  matrix 
shear  cracking  within  the  region  constrained  by 
the  washer  and  final  bearing  failure  for 
microbuckling  or  shear  cracking  outside  the 
washer  region.  Net-tension  failure  could  be 
assumed  for  fibre  breakage/pull-out  over  the 
entire  net-tension  plane. 

Calculations  were  made  using  a  simple  2- 
dimensional  analytical  model  and  assuming,  for 
bearing  failure,  the  region  inside  the  washer 
was  totally  degraded.  Fibre  microbuckling  was 


predicted  from  the  compressive  strength  of  a 
[(0/90)4]s  laminate  and  fibre  breakage/pull-out 
from  the  tensile  strength  of  a  [(0/90)4]s 
laminate.  When  compared  to  the  average  failure 
loads  measured  experimantally  bearing  failure 
was  found  to  be  under-predicted  by  10%  and 
net-tension  failure  to  be  under-predicted  by 
33%.  It  was  suggested  that  the  differences  were 
due  to  the  (+45/-45)  plies  and/or  some 
interaction  between  plies.  A  3-dimensional 
finite  element  model  could  incorporate  these 
features. 
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Figure  1 .  Sample  Dimensions 


Figure  2.  Sample  Sections 
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Figure  3.  Deformation  Behaviour  of  45°  Bearing  and  Pin-Loaded  Samples 


Figure  4. 


Damage  in  Fully  Failed  Bearing  Sample  (45°) 
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Figure  5.  Deformation  Behaviour  of  45°  Net-Tension  and  Pin-Loaded  Samples 


Figure  6.  Bearing  Section  at  Hole  Edge  for  45°  Bearing  Sample 


45°  Section  through  Hole  Edge  for  Fully  Failed  Bearing  Sample  (0°) 


e  9.  Bearing  Plane  at  Hole  Edge  for  Fully  Failed  Net-Tension  Sample  (0°) 
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1.  SUMMARY 

A  new  phenomenological  modeling  technique,  called  fatigue 
progressive  damage  modeling,  was  established.  This  new 
modeling  technique  is  capable  of  predicting  the  residual 
strength,  residual  stiffness,  and  fatigue  life  of  pin/bolt  loaded 
composite  laminates.  Stress  analysis,  failure  analysis,  and 
material  property  degradation  rules  are  the  three  major 
components  of  the  model.  A  three-dimensional,  nonlinear, 
finite  element  technique  was  used  for  the  stress  analysis.  Based 
on  the  state  of  stress,  different  failure  modes  were  detected  by  a 
set  of  failure  criteria.  To  remove  the  requirement  of  a  large 
experimental  database  for  the  failure  analysis,  a  normalization 
technique  was  adopted.  By  using  this  technique  the  restriction 
of  the  application  of  the  failure  criteria  to  limited  states  of 
stresses  was  overcome.  Material  properties  of  each  element  in 
the  model  were  degraded  by  using  sudden  and  gradual  material 
property  degradation  rules.  For  this  purpose  an  analytical 
model  was  established  to  predict  the  degradation  of  material 
properties  of  a  unidirectional  ply  under  multiaxial  fatigue 
loading.  Based  on  the  model,  a  computer  code  was  developed 
that  simulates  cycle  by  cycle  behavior  of  composite  laminates 
under  fatigue  loading.  The  modeling  technique  uses 
experimental  data  from  a  unidirectional  ply  under  various  types 
of  uniaxial  loading  to  predict  the  behavior  of  structures 
subjected  to  multiaxial  fatigue  loading.  Fatigue  testing  of 
pin/bolt  loaded  composite  laminates  was  performed  to  validate 
the  modeling  technique. 

2.  LIST  OF  SYMBOLS 


^yy’  ^zz 

Elastic  moduli 

^xx>  ^yy»  ^zz 

Shear  moduli 

R 

Stress  ratio, 

9  ^  ^ 

‘^xys  *-*xz5  ‘^yz 

Shear  strengths 

X,,  X, 

Longitudinal  strengths,  tension  and  compression 

x{ ,  xf 

Longitudinal  fatigue  and  static  strengths 

cf  cS 
’  ‘^xy 

Fatigue  and  static  shear  strengths 

Transverse  strengths,  tension  and  compression 

Zt,  Z(, 

Normal  strengths,  tension  and  compression 

P  P  F 
^xx?  ‘'yyj  ^zz 

Longitudinal,  transverse  and  normal  strains 

^xx  ’  ^xy 

Strength  normalization  functions 

^yy>  ^zz 

Longitudinal,  transverse  and  normal  stresses 

^xy’  ^X2’  ^yz 

Shear  stresses 

Poisson’s  ratios 

3.  INTRODUCTION 

This  research  involves  the  formulation  and  verification  of  a 
three-dimensional  theoretical  model  for  predicting  the  fatigue 
failure  of  pin/bolt  loaded  composite  laminates.  The  capability 
to  simulate  the  mechanisms  involved  in  the  failure  of  such 
joints  in  composite  materials  is  of  paramount  importance  to  the 
aircraft  and  aerospace  industry. 


The  model  was  developed  in  conjunction  with  the 
establishment  of  an  experimental  database.  This  database  of 
basic  fatigue  material  properties  is  necessary  as  input  to  the 
model  and  was  developed  because  a  full  set  of  fatigue  material 
properties  was  not  available  anywhere  in  the  literature.  The 
material  used  in  this  study  was  AS4/3501-6,  a  carbon/epoxy 
composite  material  commonly  used  in  the  aircraft  industry. 

The  theoretical  analysis  presented  here  is  in  the  form  of  a  finite 
element  simulation  of  the  bolted  joint  problem  with  emphasis 
on  the  development  of  a  failure  analysis  consistent  with 
experimental  observation.  The  ultimate  goal  was  to  develop  a 
computer  code  for  designers  to  simulate  the  fatigue  failure  of  a 
pinned/bolted  joint  problem.  With  minor  changes,  any  other 
structural  component  may  also  be  analyzed. 

The  model  can  predict  the  fatigue  failure  of  pinned/bolted 
joints  given  the  geometry,  ply  orientation,  and  cycle  load  level. 
Also  the  model  can  assess  the  extent  of  damage  and  residual 
stiffness  and  strength  for  any  given  load  level  and  number  of 
cycles.  To  analyze  the  problem,  the  fatigue  progressive  damage 
modeling  concept  was  used.  This  recently  developed  technique 
allows  for  isolation  of  failure  modes  of  composites  and  for 
property  degradation  at  appropriate  levels  of  load  and  number 
of  cycles.  This  paper  presents  the  development  of  the  modeling 
technique  and  experimental  verification  of  fatigue  life 
predictions. 

4.  PROBLEM  STATEMENT 

Consider  a  composite  plate  with  a  pin  or  bolt  loaded  hole,  see 
Fig.  1.  The  plate  has  width  w,  length  /,  thickness  t,  edge 
distance  e,  hole  diameter  d,  and  washer  diameter  rf,,,.  The 
eomposite  plate  is  loaded  through  a  pin  or  a  bolt;  pin  load  and 
washer  load  are  P  and  P^,  respectively.  The  plate  is  a 
laminated  composite  with  arbitrary  ply  orientation.  Each  ply  is 
assumed  as  a  transversely  isotropic  material  with  arbitrary 
material  properties. 

At  the  start  of  cyclic  loading,  the  strength  of  the  material  is 
greater  than  the  stress  state,  therefore  there  is  no  static  mode  of 
failure  on  the  plate.  By  increasing  the  number  of  cycles  from 
zero,  based  on  the  stress  states  at  each  point  of  the  plate, 
material  properties  at  those  points  are  degraded  as  a  function  of 
the  number  of  cycles.  By  increasing  the  number  of  cycles  with 
more  degradation  of  the  material  properties  and  redistribution 
of  stresses,  failure  begins  in  regions  where  the  strength  of  the 
material  is  less  than  the  stress  state  at  that  point.  After  failure 
initiation,  stresses  are  redistributed  around  failed  regions.  By 
further  increasing  the  number  of  cycles,  failure  propagates  in 
different  directions.  Finally  after  a  certain  number  of  cycles  the 
laminate  cannot  tolerate  additional  cycles.  At  this  point  the 
maximum  number  of  cycles  is  reached  and  the  laminate  has 
failed  completely.  Although  material  properties  of  the 
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composite  plate  have  been  degraded  as  functions  of  the  number 
of  cycles,  however,  final  mechanisms  of  failure  in  fatigue 
(bearing,  net  tension,  shear-out,  etc.)  are  similar  to  the 
mechanisms  of  failure  in  static  loading. 


delamination  compression.  The  failure  criteria  for  these  modes 
are  as  follows: 

Matrix  tension: 


5.  COMPONENTS  OF  THE  MODEL 

Fatigue  progressive  damage  modeling  is  an  integration  of  three 
major  components.  These  are  stress  analysis,  failure  analysis, 
and  material  degradation  rules.  A  description  of  these 
components  are  in  the  following  subsections. 

5.1  Stress  Analysis 

A  nonlinear,  three-dimensional,  finite  element  technique  was 
used  for  the  stress  analysis  in  order  to  address  material 
nonlinearity  and  three-dimensional  phenomena  such  as  edge 
effects,  delamination,  out-of-plane  buckling,  and  stacking 
sequence  effects.  Assuming  symmetric  geometry,  loading,  and 
ply  lay-up,  suitable  boundary  conditions  were  used,  see  Fig.  2. 
Radial  fixed  displacement  boundary  conditions  were  applied  on 
the  nodes  around  the  hole  at  the  loaded  region  to  simulate  the 
pin  load.  To  simulate  a  fully  tightened  bolt,  a  uniform  pressure 
was  applied  on  the  washer  region.  Moreover,  to  simulate 
friction  between  the  washer  and  the  plate,  fixed  displacement 
boundary  conditions  in  the  radial  and  tangential  directions  were 
applied  on  the  nodes  on  the  surface  of  the  composite  plate  and 
under  the  washer  region.  To  achieve  high  accuracy,  the 
isoparametric  quadratic  20-node  brick  element  was  used.  Also 
by  using  a  large  number  of  elements  near  the  edge  of  the  hole 
and  at  layer  interfaces,  stress  singularities  were  considered. 

In  this  study,  inplane  shear  stress-strain  response  (u^y-s^y)  and 
interlaminar  shear  stress-strain  response  (a^^-^zx)  were 
considered  nonlinear.  The  nonlinear  constitutive  equation  for 
the  inplane  shear  stress-strain  response  (a^y-exy)  was 
established  based  on  the  work  of  Hahn  and  Tsai  [1]. 
Furthermore,  by  means  of  the  transversely  isotropic 
assumption,  the  nonlinear  constitutive  equation  for  interlaminar 
shear  stress-strain  (a^x-^zx)  was  developed  [2].  There  is  a  weak 
nonlinear  behavior  in  the  transverse  direction  for  Oyy-Syy,  and 
by  using  a  transversely  isotropic  assumption,  in  the  normal 
direction  for  However,  the  degree  of  nonlinearity  for 

these  cases  is  not  comparable  to  the  shear  nonlinear  behavior. 
Therefore  stress-strain  responses  in  the  transverse  and  normal 
directions  were  assumed  linear.  Also  because  of  the 
dependency  of  the  transverse-normal  interlaminar  shear 
modulus  (Ey^)  on  the  transverse  modulus  (Eyy),  the 
corresponding  interlaminar  shear  stress-strain  response  (Oy^r 
EyJ  was  also  assumed  linear.  It  should  be  emphasized  that  the 
mentioned  nonlinearities  are  due  to  inelastic  behavior  of  the 
material  before  failure  initiation.  Nonlinearities  due  to  failure 
are  completely  different  phenomena  and  they  are  considered  by 
failure  analysis  techniques  in  this  study.  A  detailed  description 
of  the  formulation  of  the  nonlinear,  three-dimensional,  finite 
element  technique  is  given  in  Ref  2. 

5.2  Failure  Analysis 

Failure  analysis  was  performed  using  a  set  of  stress-based 
failure  criteria.  The  ability  to  distinguish  between  different 
modes  of  failure  is  one  of  the  most  important  requirements  of 
these  failure  criteria.  There  are  different  failure  modes  in 
composite  laminates  under  fatigue  loading,  and  each  mode 
must  be  detected  by  a  suitable  failure  criterion.  These  modes 
are:  matrix  tension,  matrix  compression,  fiber  tension,  fiber 
compression,  fiber-matrix  shear  out,  delamination  tension,  and 
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•xy 


^S,y{N,RX 


SxziN,R) 

For  Oxx  >  0,  failure  is  predicted  when  eF+  >  1. 
Fiber  Compression: 

-V  = 

xan,R)J 

For  CTxx  <  failure  is  predicted  when  ep.  >  1 . 


=  ejry 


Fiber-matrix  shear-out: 


(2) 


(3) 


(4) 


xan,r). 


2  f 
+ 


(A  A). 


Sxz(x,Ry 


-  ^FM-  (3) 


For  Oxx  <  0.  failure  is  predicted  when  epM-  ^  1  ■ 
Delamination  Tension: 

<7  zy 


Z,(N,R) 


S^(N,Ry 


yS,y{N,R\ 


2 

®D+ 


For  Ozz  >  0,  failure  is  predicted  when  eo+  >  1. 
Delamination  Compression: 


Zc{N,R). 


{N,Ry 


S^yiN,Ry 

For  crzz<  0,  failure  is  predicted  when  ep.  >  1. 


el- 


(6) 


(7) 


5.2.1  Application  of  failure  criteria 

Summarizing  the  results,  it  is  evident  that  all  the  strength 
parameters  in  Eqs.  1-7  are  dependent  on  the  number  of  cycles, 
N  and  the  state  of  stress,  R.  In  these  forms,  a  large  database  is 
required  to  determine  these  strength  parameters  for  a  given  N 
and  R.  Application  of  existing  failure  criteria  for  failure 
analysis  of  a  unidirectional  ply  under  multiaxial  fatigue  loading 
is  restricted  to  a  certain  state  of  stress.  The  main  reason  for  this 
restriction  is  the  large  experimental  database  required  to  apply 
the  failure  analysis  for  different  states  of  stresses.  As  an 
example,  the  Hashin  fatigue  failure  criterion  [3],  for  fiber 
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failure  mode  in  tension,  and  for  simplicity,  in  plane  stress 
condition  is  considered  here  in  a  modified  form  from  that 
shown  in  Eq.  3  by  ignoring  the  third  term: 


In  the  denominators  of  Eq.  8,  residual  strengths  are  in  the  form 
of  static  strength  multiplied  by  a  function  which  decreases  with 
the  number  of  cycles.  Using  the  present  case  as  an  example, 
the  longitudinal  tensile  strength  and  the  longitudinal-transverse 
shear  strength  in  fatigue  are  defined  in  Eqs.  9  and  10, 
respectively. 

x{=Xff^{R,N)  (9) 

Siy  -  f,y(R,N)  (10) 

It  has  been  investigated  that  normalized  strengths  as  functions 
of  normalized  number  of  cycles  are  independent  of  the  state  of 
stress  [4,5].  Using  this  approach,  the  strength  parameters 
defined  in  Eqs.  9  and  10  are  normalized  by  the  functions 
defined  in  the  following  equations: 


normalized  curve  shown  in  Fig.  3.  This  process  has  been 
established  and  will  be  explained  in  the  next  section  on  gradual 
material  property  degradation  rule. 

6.  MATERIAL  PROPERTY  DEGRADATION  RULES 

As  failure  occurs  in  a  ply  of  a  laminate,  material  properties  of 
that  failed  ply  are  changed  by  the  material  property  degradation 
rules.  For  each  mode  of  failure,  there  exists  an  appropriate 
sudden  material  property  degradation  rule.  Some  of  the  failure 
criteria  are  catastrophic  and  some  of  them  are  not.  Thus  for 
each  mode  of  failure,  a  suitable  rule  exists.  Moreover,  in  fatigue 
loading,  after  each  cycle,  material  properties  of  each  ply  of  a 
laminate  are  degraded,  even  though  failure  is  not  detected  by 
failure  criteria.  This  type  of  degradation  is  governed  by  the 
gradual  material  property  degradation  rule.  Note  that  in  an 
actual  computer  simulation,  this  degradation  will  take  place 
after  a  fixed  incremental  number  of  cycles,  AA^  . 

6.1  Sudden  Material  Property  Degradation  Rules 

Matrix  tension  and  compression:  For  matrix  tension  and 
compression  failure  in  a  ply  predicted  by  Eqs.  1  and  2,  it  is 
assumed  that  the  matrix  can  no  longer  carry  any  load.  In  the 
failed  ply,  material  properties  which  define  the  stiffness  are 
reduced  as  follows: 


Xt-a^ 


[E  XX  ^  yy  ^  zz  ^  xy  ^  yz  ^  xz  xy  ^  yz  ^  xz  - 
l^xx  0  G^y  Gy,  G^,  0  y  yxVxz] 


^y  ''fj’  c-s 


The  empirical  functions,  and  O^y ,  have  a  value  of  one  at 
zero  cycle  and  decrease  as  damage  accumulates.  This 
normalization  technique  is  shown  schematically  in  Fig.  3.  As  it 
is  seen  from  Eqs.  11  and  12,  because  of  the  normalization, 

cpljj  and  Ojy,  are  not  functions  of  the  state  of  stress,  but  only 
functions  of  the  normalized  number  of  cycles.  By  using  these 
functions  in  the  denominators  of  Eq.  8,  the  following  equation 
is  derived: 


For  the  other  modes  of  failure  there  are  failure  criteria  similar  to 
Eq.  13.  It  must  be  noted  that  for  the  three-dimensional 
condition,  the  forms  of  the  failure  criteria  are  complicated  and 
more  parameters  are  needed,  but  they  are  logical  extensions  of 
the  two-dimensional  case.  Furthermore,  residual  stiffnesses  of 
the  fatigued  material  are  normalized  by  a  similar  procedure  to 
make  them  independent  on  the  stress  states.  Note  that  the 
reverse  process  is  also  required,  that  is,  to  predict  residual 
strengths  and  stiffnesses  under  any  state  of  stress  given  in  the 


Fiber  tension  and  compression:  The  fiber  tension  and 
compression  failure  modes  in  a  ply  are  catastrophic.  When 
these  modes  predicted  by  Eqs.  3  and  4,  it  is  assumed  that  the 
material  in  the  failed  region  cannot  sustain  any  additional  load. 
Thus  the  material  properties  for  the  failed  ply  are  reduced  as 
follows; 

[Exx  Eyy  Gxy  Gy,  G^,  ^  ^y  V  y,  V  x  2  ]  -^ 

[0  000  0000  0] 

Fiber-Matrix  Shearout:  In  fiber-matrix  shearout  failure  mode, 
the  material  can  still  carry  load  in  the  fiber  direction  and  in  the 
matrix  direction,  but  shear  load  can  no  longer  be  carried.  When 
this  mode  is  predicted  by  Eq.  5,  the  material  properties  for  the 
failed  ply  are  reduced  as  follows: 

\.E  XX  Eyy  E  2,  G^y  Gy,  G  ,,  ^  xy  yz  IZ  1 

\E  XX  Eyy  E  ,2  0  G  y2  G  X2  ^  ''  >'Z  ^  ATZ  1 

Delamination  tension  and  compression:  Although  not  yet 
formulated  at  this  time,  it  is  expected  that  the  post-failure 
behavior  in  delamination  should  follow  a  logical  modulus 
degradation  law.  The  degradation  should  be  such  that  the 
interface  failure  affects  properties  above  and  below  the 
interface.  As  a  result,  properties  involving  the  z-direction  are 
reduced; 

[E XX  Eyy  E 22  Gxy  Gy,  G j;,  Vj,^  yz  XZ  ] 

[Exx  Eyy  0  G^^  0  0  0  0] 

6.2  Gradual  Material  Property  Degradation  Rules 

In  fatigue  loading,  after  each  number  of  cycles,  material 
properties  of  each  ply  (strengths  and  stiffnesses)  are  degraded. 
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even  though  failure  is  not  detected  by  any  of  the  above 
mentioned  sudden  failure  criteria.  For  the  purpose,  an  analytical 
technique  was  established  to  predict  the  gradual  degradation  of 
material  properties  of  a  unidirectional  ply  under  multiaxial 
fatigue  loading.  This  technique  is  explained  by  means  of  a 
flowchart  shown  in  Fig.  4.  By  having  material  properties, 
constant  life  diagrams  developed  from  empirical  data,  and 
states  of  stress  of  a  unidirectional  ply  under  uniaxial  fatigue 

loading,  normalized  functions  (<1)^,®;^^,  etc.),  and  the 
number  of  cycles  to  failure  {N j  for cr ,  etc.)  are  found.  By 
substituting  these  into  suitable  failure  criteria,  the  number  of 
cycles  =  fiber  tension,  etc.)  under  multiaxial  fatigue 

loading  are  found.  Then  by  substituting  N*f  for  each  stress 

ratio  into  the  related  constant  life  diagram,  state  of  stress  at 
final  failure  is  found.  Finally,  residual  material  properties  are 

found  by  substituting  N*f  and  state  of  stress  at  final  failure  into 
the  normalized  functions  of  the  material  properties. 

7.  MODELING 

As  was  mentioned,  fatigue  progressive  damage  modeling  is  an 
integration  of  stress  analysis,  failure  analysis,  and  material 
property  degradation  rules.  The  model  is  explained  by  means 
of  the  flowchart  shown  in  Fig.  5.  First,  the  finite  element 
model  must  be  prepared.  During  preparation  of  the  finite 
element  model,  material  properties,  geometry,  boundary 
conditions,  fatigue  load,  maximum  number  of  cycles,  total 
number  of  cycles,  etc.,  are  defined.  Then  the  stress  analysis, 
based  on  the  fatigue  load,  is  performed.  In  this  step,  on-axis 
stresses  for  each  ply  of  each  laminate  of  each  element  are 
calculated.  In  the  next  step,  failure  analysis  is  performed.  In 
this  stage,  based  on  the  maximum  fatigue  load,  stresses  are 
examined  by  a  set  of  failure  criteria.  If  there  is  a  failure,  then 
the  material  properties  of  the  failed  plies  are  changed  according 
to  appropriate  sudden  material  property  degradation  rules.  A 
stress  analysis  is  performed  again,  and  new  stresses  are 
examined  by  the  set  of  failure  criteria.  In  this  step,  if  there  is 
no  failure,  an  incremental  number  of  cycles  are  applied  (e.g., 
AN  =  100).  If  the  number  of  cycles  is  greater  than  the  total 
number  of  cycles,  then  the  computer  program  stops.  Otherwise, 
material  properties  of  the  plies  (strengths,  stiffnesses,  and 
Poisson’s  ratios)  are  changed  according  to  the  gradual  property 
degradation  rules,  see  Fig.  4.  Then  stress  analysis  is  performed 
again  and  the  above  loop  is  repeated  until  catastrophic  failure 
occurs,  or  the  maximum  number  of  cycles  is  reached.  If 
catastrophic  failure  is  reached,  then  fatigue  life  and  the 
mechanisms  of  failure  due  to  fatigue  loading  have  been 
achieved.  However,  if  the  computer  program  stops  because  the 
user-chosen  maximum  number  of  cycles  is  reached,  then  the 
mechanisms  of  failure  due  to  fatigue  loading  are  found  by 
examining  the  final  state  of  damage.  Furthermore,  in  the  latter 
case,  residual  strength  of  the  composite  laminate  is  obtainable 
by  applying  a  static  progressive  damage  modeling  on  the  final 
results  of  fatigue  progressive  damage  model. 

8.  EXPERIMENTS  AND  RESULTS 

In  order  to  run  the  computer  program  developed  for  the  fatigue 
progressive  damage  modeling  of  pin/bolt  loaded  composite 
laminates,  the  mechanical  behavior  of  a  unidirectional  ply 
under  uniaxial  static  and  fatigue  loading  conditions  must  be 
fully  characterized.  For  this  purpose,  both  the  static  and  fatigue 
material  properties  of  a  unidirectional  composite  laminate  in  the 
fiber  and  matrix  directions  were  determined  experimentally 


under  tensile,  compressive,  inplane  shear  and  out-of-plane 
shear  loading  conditions. 

8.1  Static  and  Fatigue  Tests 

In  the  first  step,  all  material  properties  of  a  unidirectional 
laminate  were  measured  under  static  loading  conditions  to 
establish  initial  stiffnesses  and  strengths.  Using  the  results 
from  static  tests  as  normalizing  parameters,  material  properties 
of  a  unidirectional  laminate  under  fatigue  loading  conditions 
were  characterized  experimentally.  From  the  experiments 
conducted  in  fatigue,  the  following  properties  under  uniaxial 
loading  were  determined:  residual  strength,  residual  stiffness 
and  fatigue  life.  To  decrease  the  infinite  number  of  fatigue 
experiments  under  general  stresses  and  stress  ratios,  three 
normalization  techniques  explained  in  Subsection  5.2.3  for 
stiffness  degradation,  strength  degradation  and  fatigue  life  were 
used.  In  order  to  verify  the  simulation  results  obtained  from  the 
fatigue  progressive  damage  model,  a  series  of  static  and  fatigue 
experiments  were  performed  on  different  pin/bolt  loaded 
composite  laminates  with  different  configurations  under 
different  levels  of  fatigue  loading.  The  specimens  used  in  this 
study  were  made  from  AS4/3501-6  graphite/epoxy  material  in 
prepreg  form.  The  specimens  were  manufactured  using  an 
autoclave,  cut  and  drilled  (when  needed)  using  standard 
techniques. 

Tests  were  performed  using  the  MTS  810  test  machine 
equipped  with  hydraulic  grips.  A  personal  computer  was 
connected  to  the  test  machine  for  data  acquisition. 
Displacement,  load  and  strain  were  monitored  in  the  static  tests. 
In  fatigue  tests,  maximum  and  minimum  displacement,  load, 
strain  and  number  of  cycles  were  monitored.  The  strain  was 
measured  by  using  an  extensometer  or  strain  gauges.  To 
transfer  the  results  from  the  strain  gauges  to  the  controller  and 
the  computer,  an  accurate  Wheatstone  bridge  was  made  and 
calibrated.  Static  tests  were  performed  under  displacement 
control,  while  fatigue  tests  were  performed  under  load  control. 
To  avoid  temperature  effects,  which  could  degrade  the  material 
properties,  fatigue  tests  were  performed  at  frequencies  less  than 
10  Hz.  All  tests  were  performed  in  ambient  temperature. 

The  experiments  performed  in  this  study  for  full 
characterization  of  unidirectional  laminates  and  model 
verification  are  summarized  in  Fig.  6.  Tests  were  designed 
based  on  the  required  information  and  data  for  the  fatigue 
progressive  damage  model.  For  all  six  types  of  input  tests,  the 
appropriate  ASTM  test  standards  were  used  except  for  the 
compression  test.  A  new  test  specimen  was  developed  for  static 
and  fatigue  compression  testing  [6].  For  all  six  types  of  static 
tests  performed,  except  for  the  out-of-plane  shear  test,  the  static 
strengths  and  moduli  were  measured.  For  the  out-of-plane  shear 
test,  the  static  strength  was  measured  while  the  stiffness  was 
derived  by  the  transverse  isotropic  material  property 
assumption.  The  fatigue  tests  were  performed  to  measure  the 
residual  moduli,  strengths  and  life.  The  fatigue  load  was 
applied  in  a  sinusoidal  form.  The  maximum  stress  applied 
during  the  fatigue  test  was  based  on  some  percent  of  static 
strength  and  different  stress  ratios  were  applied.  To  determine 
the  residual  properties,  fatigue  load  was  stopped  after  some 
number  of  cycles,  and  then  static  load  was  applied  to  measure 
the  residual  moduli  and  strengths.  To  find  the  life  of  the 
material,  different  states  of  stress  and  stress  ratios  were  applied 
and  tests  were  continued  until  catastrophic  failure.  A  detailed 
description  of  the  input  and  verification  test  procedures  and 
experimental  results  are  given  in  Ref.  2. 
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8.2  Data  Processing 

The  data  obtained  from  the  input  tests  [2]  were  processed  and 
normalized  in  the  form  of  mathematical  equations  to  be  utilized 
in  the  computer  code.  The  theories  behind  all  mathematical 
normalizations  are  explained  in  Subsection  5.2.3  and  Appendix 
A  of  Ref  2.  The  fatigue  life,  residual  stiffness  and  residual 
strength  are  presented  in  normalized  forms  for  a  unidirectional 
laminate  after  data  processing. 

8.2.1  Fatigue  life  master  curves 

The  fatigue  life  of  a  unidirectional  ply  in  longitudinal, 
transverse,  inplane  and  out-of-plane  shear  loading  is  presented 
in  normalized  form.  As  shown  in  Appendix  A  of  Ref  2,  the 
effect  of  mean  stress  ( (a  +  cr  min )  2 )  on  the  fatigue  life 
can  be  presented  efficiently  by  the  constant  life  (Goodman- 
type)  diagrams.  However,  establishing  the  constant  life 
diagrams  for  a  unidirectional  ply  is  time  consuming  and 
expensive.  By  using  the  normalized  fatigue  life  technique,  all 
different  fatigue  life  curves  for  different  mean  stress  conditions 
collapsed  to  a  single  two-parameter  master  curve,  which 
decreased  the  number  of  required  experiments  drastically. 

Based  on  the  results  obtained  from  tension-tension  and 
compression-compression  fatigue  tests  for  unidirectional 
laminates  in  the  longitudinal  and  transverse  directions,  and  by 
using  the  normalized  fatigue  life  technique,  the  fatigue  life 
master  curves  for  a  unidirectional  ply  were  obtained.  These 
master  curves  are  shown  in  Fig.  7  for  loading  in  the 
longitudinal  direction  and  in  Fig.  8  for  loading  in  the  transverse 
direction.  In  a  similar  way,  the  fatigue  life  master  curves  for 
inplane  and  out-of-plane  shear  loading  conditions  were 
obtained,  see  Figs.  9  and  10.  The  required  experimental 
parameters  for  all  master  curves  were  derived  by  using  a  linear 
curve  fitting  approach. 

8.2.2  Master  curves  for  residual  material  properties 

Based  on  the  fatigue  test  results  and  by  using  the  normalized 
residual  strength  and  stiffness  techniques  discussed  earlier,  the 
master  curves  of  a  unidirectional  ply  under  different  loading 
conditions  were  obtained.  The  normalized  residual  strength 
and  stiffness  curves  of  a  longitudinal  ply  under  longitudinal 
tension-tension  fatigue  loading  are  shown  in  Figs  11  and  12, 
respectively.  The  required  experimental  parameters  for  residual 
strength  and  stiffness  were  derived  by  using  a  nonlinear  curve 
fitting  approach.  By  applying  the  same  procedure,  residual 
material  curve  fitting  parameters  were  found  for  the  fiber  in 
compression,  matrix  in  tension  and  compression,  inplane  shear 
and  out-of-plane  shear  conditions. 

8.3  Verification  Tests 

In  order  to  verify  the  results  obtained  from  the  fatigue 
progressive  damage  modeling,  static  and  fatigue  tests  were 
performed  on  different  pin/bolt  loaded  composite  laminates 
with  different  geometries  and  layups  under  different  levels  of 
fatigue  loading.  Static  tests  were  performed  under  stroke 
control  conditions,  while  fatigue  tests  were  performed  under 
load  control  conditions.  First,  a  series  of  static  tests  was 
performed  to  measure  the  strength  of  the  pin  or  bolt  loaded 
composite  laminates  with  different  eld  and  wid  ratios  and 
layups  ([0/90]s,  [90/0]s,  and  [±45]s).  For  the  bolt  loaded  tests  a 
torque  equal  to  4.1  N.m  was  applied.  The  static  test  results  are 
summarized  in  Table  1.  As  shown  in  Table  1,  the  experimental 
and  predicted  results  are  in  good  agreement.  This  finding 
demonstrates  that  the  model  is  capable  of  predicting  the  static 
failure  of  a  composite  laminate  under  pin  or  bolt  loaded 


conditions.  By  comparing  the  maximum  strength  of  [0/90]s 
with  that  of  [90/0]s  in  Table  1,  it  can  be  seen  that  the  [90/0]s  is 
stronger  than  the  [0/90]s  laminate.  The  main  reason  for  this 
behavior  is  that  the  out-of-plane  normal  stress,  the 

[0/90]s  laminate  is  higher  than  that  of  the  [90/0]s  laminate  and 
therefore  the  [0/90]s  laminate  is  more  sensitive  to  delamination. 
This  behavior  was  simulated  successfully  by  the  computer 
code. 

The  results  of  the  fatigue  tests  are  summarized  in  Table  2.  By 
considering  the  scatter,  which  is  unavoidable  in  fatigue  testing, 
the  experimental  and  predicted  results  shown  in  Table  2  are  in 
good  agreement.  In  addition  to  successful  life  predictions,  the 
failure  mode  predictions  by  the  computer  code  are  the  same  as 
the  failure  mode  observed  experimentally. 

By  comparing  the  fatigue  life  of  the  pin  and  bolt  loaded 
composite  laminates  in  Table  2,  it  can  be  seen  that  using  the 
bolt  increases  the  fatigue  life  of  the  composite  laminates.  The 
main  reason  is  that  the  bolt  reduces  the  high  stresses  caused  by 
edge  effects  induced  on  the  edge  of  the  hole  between  different 
plies.  This  behavior  was  successfully  simulated  by  the  fatigue 
progressive  damage  model. 

9.  CONCLUSIONS 

A  phenomenological  modeling  technique,  called  fatigue 
progressive  damage  modeling,  which  is  capable  of  predicting 
residual  strength,  residual  stiffness  and  fatigue  life  of  pin/bolt 
loaded  composite  laminates,  was  established.  To  support  the 
model,  a  complete  static  and  fatigue  characterization  of 
AS4/3501-6  carbon/epoxy  material  was  performed.  The  use  of 
normalization  techniques  allowed  the  fatigue  characterization  to 
be  performed  with  a  minimum  number  of  tests.  The  results 
obtained  from  the  model  were  successfully  verified  against 
experimental  results. 
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Table  1 .  Static  Test  Results  and  Predictions  of  Pin/Bolt  Loaded  Composite  Laminates 


Specimen  Code 

E/D 

W/D 

Layup 

Loading 

Max.  Load  (KN) 

Prediction  (KN) 

%  Error 

787-1 

4 

4 

[0/90]s 

Pin 

5.98 

4.95 

21 

787-2 

4 

4 

mu 

Pin 

.... 

.... 

787-3 

4 

4 

■PBaqf 

Pin 

5.96 

4.95 

20 

787-21 

2 

4 

[0/90]s 

Pin 

2.8 

2.24 

25 

787-22 

2 

4 

[0/90]s 

Pin 

2.63 

2.24 

17 

787-23 

2 

4 

[0/90]s 

Pin 

2.71 

2.24 

21 

787-40 

5 

2 

[0/90]s 

Pin 

5.04 

3.97 

27 

787-42 

5 

2 

■P7ia»ji^ 

Pin 

3.93  (Initiation) 

.... 

.... 

787-41 

5 

2 

[0/90]s 

Pin 

4.17 

3.97 

5 

787-5 

4 

4 

[0/90]s 

Pin 

5.39 

4.95 

9 

788-1 

4 

4 

[90/0]s 

Pin 

6.65 

5.25 

27 

788-2 

4 

4 

[90/0]s 

Pin 

4.2  (Initiation) 

.... 

.... 

788-3 

4 

4 

[90/0]s 

Pin 

6.45 

5.25 

23 

789-1 

4 

4 

Pin 

3.47 

3.23 

7 

789-2 

4 

4 

[±45]s 

Pin 

3.88 

3.23 

20 

789-3 

4 

4 

[±45]s 

Pin 

3.4  (Initiation) 

.... 

.... 

787-4 

4 

4 

[0/90]s 

Bolt 

10.72 

9.2 

16 

787-6 

4 

4 

[0/90]s 

Bolt 

8.0 

9.2 

13 

787-7 

4 

4 

[0/90]s 

Bolt 

8.03 

9.2 

13 

Specime 
n  Code 


787-9 


787-10 


787-11 


787-12 


787-13 


787-16 


793-9 


793-10 


793-11 


Table  2.  Fatigue  Life  Test  Results  and  Predictions  of  Pin/Bolt  Loaded  Composite  Laminates 


E/D  W/D  Layup 


[0/90]s 


[0/90]s 


[0/90]s 


[0/90]s 


Loading 

%  of  Max. 
Strength 

Bi 

Life,  N 
Test 

Life,  N 
Prediction 

%  Error 

Pin 

80 

0.1 

6,114 

5,100 

20 

Pin 

80 

0.1 

6,000 

5,100 

18 

Pin 

80 

0.1 

1,882 

5,100 

63 

Pin 

70 

0.1 

59,792 

71,000 

16 

Pin 

70 

0.1 

94,482 

71,000 

33 

Bolt 

80 

0.1 

133,804 

110,000 

22 

Bolt 

80 

0.1 

129,411 

110,000 

18 

Bolt 

70 

0.1 

358,482 

1,000,000 

64 

Bolt 

70 

0.1 

1,119,266 

1,000,000 

12 
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Figure  1 .  Parameters  for  a  Laminated  Plate  Subjected  to  Pin/Bolt  Fatigue  Loading 


Figure  2.  Finite  Element  Model 


Figure  3.  Normalization  of  the  Strength  Function 


Figure  4.  Flowchart  of  Gradual  Material  Property  Degradation  Rules 


Figure  5.  Flowchart  of  Fatigue  Progressive  Damage  Modeling 


Type  of  test 

Standards 

(Static  or 
Fatigue) 

Test  Specimens 

Notes 

Fiber 

Tension 


Fiber 

Compression 


Matrix 

Tension 


3  Matrix 
e  Compression 


In-Plane 

Shear 


Out-of-Plane 

Shear 


a  30  off-axis 
^  specimen 


S  Pin/Bolt 

!s  Loaded 

Composites 


D  3039-76 
D  3479-76 


With 

Hydraulic 

Grips 


With 

Hydraulic 

Grips 


With 

Hydraulic 

Grips 


Figure  6.  Specifications  of  Specimens  Used  in  Static  and  Fatigue  Tests 


Unidirectional  ply  under  longitudinal 
fatigue  loading  conditions 


I  I  I  I  i  I 

0  2  4  6  8  1  0 


Log(N^) 


Unidirectional  ply  under  transverse 
fatigue  loading  conditions 


0  2  4  6  810 

Log  (N^) 


Figure  7.  Master  Curve  for  Fatigue  Life  under 
Longitudinal  Loading 


Figure  8.  Master  Curve  for  Fatigue  Life  under 
Transverse  Loading 
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Unidirectional  ply  under  in-plane 


Figure  9.  Master  Curve  for  Fatigue  Life  under 
Inplane  Shear  Loading 


Figure  1 1 .  Normalized  Residual  Strength  of  a 

Unidirectional  Ply  under  Longitudinal 
Tension-Tension  Fatigue  Loading 


Unidirectional  ply  under  out-of-plane 
shear  fatigue  loading  conditions 


Log  (N  ) 


Figure  10.  Master  Curve  for  Fatigue  Life  under 
Out-of-Plane  Shear  Loading 


Fiber  Tension 


Figure  12.  Normalized  Residual  Stiffness  of  a 

Unidirectional  Ply  under  Longitudinal 
Tension-Tension  Fatigue  Loading 
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Analysis  Methods  for  Bolted  Composite  Joints 
Subjected  to  In-Plane  Shear  Loads 

Dr.  L.  J.  Hart-Smith 

Douglas  Aircraft  Company 
McDonnell  Douglas  Corporation 
Long  Beach,  California 


1.  SUMMARY 

New  analysis  methods  are  developed  for  predicting  the 
strength  of  bolted  joints  in  fibrous  composite  laminates  for 
geometries  other  than  the  standard  test  coupons,  particularly 
in  regard  to  in-plane-shear  loads.  The  methods  build  on  the 
author’s  earlier  works,  using  the  same  technique  of 
accounting  for  the  stress-concentration  relief  permitted  by  the 
heterogeneous  nature  of  fibre-polymer  composites.  Similar 
linear  bearing/bypass  curves,  terminated  by  a  bearing-stress 
cut-off,  are  predicted  for  these  new  joint  geometries.  The 
interactions  have  the  same  form  as  those  which  are  now  well 
accepted  for  the  conventional  case  of  parallel  bearing  and 
bjfpass  loads,  only  with  different  slopes.  The  theory  has 
been  developed  ahead  of  any  relevant  test  data  in  the  hope  of 
encouraging  an  appropriate  test  program,  so  that  these  new 
solutions  could  be  validated  or  refined  and  then  added  to 
existing  joint-analysis  computer  codes  with  appropriate 
boundary  conditions  and  failure  criteria. 

2.  INTRODUCTION 

Analysis  methods  already  developed  for  predicting  the 
strength  of  single-row  and  multi-row  mechanically  fastened 
joints  in  composite  laminates  have,  almost  without 
exception,  been  formulated  and  validated  only  for  tensile  or 
compressive  loads  parallel  to  the  primary  fibre  direction, 
and  usually  perpendicular  to  a  splice.  These  methods,  for 
example  Ref’s  1  through  6,  have  been  of  inestimable  value 
in  furthering  the  applications  of  composite  structures  during 
the  past  20  years  or  so.  The  Douglas  method,  the  A4EJ 
computer  code  in  conjunction  with  the  “C -factor”  to  account 
for  varying  degrees  of  stress-concentration  relief  for  different 
fibre  patterns  and  hole  sizes,  was  used  in  the  work  described 
in  Ref  7  to  design  what  are  still  today  the  most  efficient 
highly  loaded  bolted  composite  joints  -  in  1-inch  thick 
laminates  to  a  gross-section  strain  level  of  0.005  [345  MPa 
(50  ksi)  gross-section  stress]  in  a  (37.5%  0°,  50%  ±45°, 
12.5%  90°)  carbon-epoxy  laminate  suitable  for  primary  wing 
skins.  The  McDonnell  BJSFM  model,  Ref’s  3  and  4,  was 
used  to  size  all  of  the  bolted  joints  in  the  F/A-18  and  AV-8B 
composite  wing  skins,  with  great  success  except  for  the 
wing-fold  area  in  the  development  test  structures  for  the  first 
F-18  in  which  the  countersinks  were  initially  too  deep  and 
the  bearing  stresses  too  high.  (This  should  be  looked  upon 
more  as  the  result  of  the  time  needed  to  fully  understand  the 
importance  of  designing  to  low  bearing  stresses  than  any 
shortcoming  of  the  analysis  method,  however.) 

Even  so.  these  earlier  methods  do  not  cover  all  realistic 
boundary  conditions  for  bolted  joints  in  composite  structures. 
The  McDonnell  BJSFM  model  permits  the  bearing  load  to 
be  inclined  at  any  direction  to  the  fibres  in  the  laminate,  at 


least  for  infinite  plates.  The  author  attempted  to  formulate 
an  extension  of  his  earlier  works.  Ref’s  2  and  6,  to  cover 
additional  load  components  orthogonal  to  the  primary  load, 
see  Ref  8.  Both  of  these  developments  have  been  limited  by 
the  virtual  absence  of  any  data  with  which  to  validate  or 
identify  the  need  for  improvements  to  the  models.  The  same 
handicap  faces  the  new  model  to  be  presented  here. 
Nevertheless,  this  new  model  is  presented  in  the  hope  that, 
since  the  basic  model  can  now  be  extended  to  in-plane-shear 
load  transfer  in  multi-row  bolted  or  rivetted  joints,  a  case 
will  have  been  presented  to  justify  relevant  testing  to  validate 
or  refine  the  theory. 

Certain  key  characteristics  have  already  been  firmly 
established  by  the  analyses  cited  above,  as  well  as  by  the 
works  of  other  researchers,  such  as  Eisenmann,  Ref  9  and 
Crews,  Ref  10.  The  first  is  that  there  is  significant  stress- 
concentration  relief  for  small  hole  diameters,  with  respect  to 
what  linear  elastic  analysis  would  predict.  (This  is 
confirmed  by  the  use  of  a  universal  characteristic  offset 
dimension  with  the  BJSFM  method,  regardless  of  the 
fastener  diameter,  and  by  the  treatment  of  hole-size  effects  in 
Ref  11.)  The  second  is  that  there  is  a  linear  interaction 
between  bearing  and  tensile  bypass  loads  for  tension- 
through-the-hole  failures,  truncated  by  purely  bearing 
failures  once  some  critical  bearing  stress  has  been  attained. 
(The  origin  of  this  linear  interaction  can  be  traced  back  to 
experiments  performed  at  General  Dynamics  during  the 
1970s.)  There  are  so  few  test  data  for  compressive 
bearing/bypass  interactions  that  the  confidence  level  in  what 
has  already  been  developed  is  not  as  great  as  for  tensile 
loads.  This  has  not  been  a  critical  deficiency,  however, 
because  compressive  loads  can  be  transmitted  through 
fasteners  in  the  holes,  while  tension  loads  must  go  around 
them,  being  confined  to  the  net  section.  Consequently, 
tensile  loads  are  usually  the  more  critical  for  aircraft 
structures. 

A  far  more  serious  problem,  albeit  largely  unrecognized,  has 
been  the  use  of  physically  unrealistic  failure  criteria  for  fibre- 
polymer  composites  when  the  fibres  were  not  subjected  to 
purely  longitudinal  loads.  This  deficiency  of  many  failure 
criteria  was  not  a  problem  for  those  standard-geometry 
bolted  joints  in  which  tensile  failures  occurred  at  positions 
around  the  fasteners  where  there  was  no  significant  bearing 
stress,  or  in  which  bearing  failures  occurred  in  conjunction 
with  little  hoop-tension  stress.  However,  it  can  be  a  very  real 
problem  for  other  joint  and  load  geometries,  in  which  the 
fibres  can  be  stressed  by  significantly  orthogonal  loads  of 
different  signs. 

Ref  8  contains  an  “error”  in  the  sense  that  beanng  forces 
should  not  be  resolved  into  components  for  so-called  contact 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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problems,  because  the  area  of  contact  is  changed  in  the 
process.  (Nevertheless,  the  degree  of  conservatism  intro¬ 
duced  by  this  physically  unjustifiable  empirical  simplifying 
technique  was  not  .  crucial,  even  though  this  earlier  work 
should  now  be  considered  largely  superseded  by  the  present 
one.)  The  more  significant  limitation  is  that,  when  Ref  8 
was  prepared,  the  author  had  yet  to  recognize  the  need  for, 
let  alone  formulate,  a  generalization  of  the  maximum-shear- 
stress  failure  criterion  to  fibrous  composite  laminates.  Also, 
several  more  years  were  to  pass  before  the  importance  of 
expressing  this  failure  criterion  on  the  strain,  rather  than 
stress,  plane  was  recognized.  Only  now  is  it  possible  to  do 
justice  to  the  bearing/bypass  interaction  for  what  have  in  the 
past  been  considered  non-standard  joint  geometries.  The  key 
breakthrough  in  this  regard  is  the  derivation  in  Ref  12  of  an 
expression  relating  the  transverse  strain  in  a  lamina  to  that  in 
its  fibres.  This  solution  is  extended  here  to  relate  the  stresses 
in  a  laminate  to  the  transverse  strain  in  the  critical  fibres, 
enabling  the  two  fibre-stress  components  needing  to  be 
interacted  in  terms  of  bearing/bypass  loads  to  be  realistically 
characterized  for  the  first  time. 

The  techniques  developed  are  illustrated  for  carbon-epox}" 
laminates,  but  when  modified  as  indicated,  can  also  be 
applied  to  glass-fibre-reinforced  laminates.  This  distinction 
is  needed  because  the  strongest  bolted  joints  in  carbon-epoxy 
laminates  fail  in  tension-through-the-hole,  while  it  is 
extremely  difficult  to  avoid  bearing  failures  in  fibreglass- 
epoxy  laminates.  This  initial  derivation  is  also  limited  to 
quasi-isotropic  laminates,  both  to  simplify  the  development 
and  because  laminates  with  fibre  patterns  close  to  this  make 
the  strongest  bolted  composite  structures.  The  modifications 
needed  to  account  for  different  C-factors  for  other  laminates 
may  be  addressed  later,  if  they  prove  to  not  be  self  evident. 

3.  THE  STRESS  FIELD  AROUND  A  LOADED  BOLT 
HOLE 


Here,  the  focus  will  be  on  fibre  patterns  in  the  standard  (0°, 
±45°,  90°)  family  now  used  throughout  most  of  the 
aerospace  industry,  so  only  the  values  of  the  hoop  stresses  at 
those  angles  will  be  of  concern.  The  initial  challenge  is  to  so 
characterize  the  variation  in  the  hoop  stress  that  the  same 
assessment  is  produced  after  the  fastener  load  has  been 
replaced  by  two  “equivalent”  increments  inclined  at  ±45°  to 
the  true  orientation  of  the  bearing  load.  This  is  done  in 
Figure  2,  which  shows  that  this  superposition  is  flawed.  The 
“error”  in  this  technique  is  that  the  sum  of  the  two  resolved 
components  of  the  bearing  load  makes  contact  with  the  hole 
over  some  270°,  instead  of  the  assumed  180°  for  a  tightly 
seated  non-interference-fit  bolt.  Consequently,  the  super¬ 
position  of  these  two  components  results  in  an  apparent 
bearing  load  on  each  side  of  the  hole  as  well,  as  shown  in 
Figure  3.  Remarkably,  the  bearing-stress  distribution 
remains  precise  throughout  an  angle  of  ±45°  with  respect  to 
the  resultant  bearing  force,  so  resolving  the  bearing  load 
does  not  introduce  errors  in  those  areas  in  which  a  bearing 
failure  is  most  likely.  This  lateral  bulging  in  Figure  3  is 
equilibrated  by  the  application  of  remote  transverse 
compressive  loads  of  sufficient  intensity  to  counteract  this 
effect  and  make  the  combination  of  the  resolved  bearing  load 
and  the  compensating  transverse  compression  equivalent  to 
applying  the  bearing  load  in  isolation.  (The  need  for  such 
transverse  compression,  based  on  an  unfilled  hole,  had  been 
overlooked  in  Ref  8.)  The  match  in  regard  to  hoop  stresses 
is  not  perfect,  but  is  reasonable  and  easy  to  apply. 
Corresponding  calculations  not  reported  here  have  confirmed 
that  if  the  load  components  had  been  resolved  by  ±22.5° 
instead  of  ±45°,  the  same  kind  of  superposition  would  work 
with  1/4  as  much  added  transverse  compression.  However, 
away  from  the  area  of  highest  bearing  stresses,  the 
distribution  is  far  better  represented  by  the  single  resultant 
load  than  by  summing  the  contributions  of  resolved 
components. 


The  basis  of  the  linear  beanng/bypass  interaction  for  the 
classical  lug  joint  is  that,  for  a  homogeneous  elastic  isotropic 
plate,  the  peak  tension  stress  alongside  the  bolt  hole  in  an 
infinite  plate  is  roughly  equal  to  the  average  bearing  stress, 
as  shown  in  Figure  1.  This  result  was  first  established  by 
Bickley  in  Ref  13.  The  hoop  stress  varies  around  the 
circumference  as  shown,  being  only  about  half  as  high  in  the 
region  of  the  most  intense  bearing  stress. 


BEARING 

STRESSES 


ACTUAL  DISTRIBUTION 

HOOP-STRESS  PROM  SUPERPOSITION 

DISTRIBUTION  OF  COMPONENTS 


FIG.  2  REPRESENTATION  OF  HOOP  STRESSES  CAUSED  BY 
A  BEARING  LOAD  AS  TWO  RESOLVED  COMPONENTS 
AND  ASSOCIATED  TRANSVERSE  COMPRESSION 


Failure  at  a  loaded  bolt  hole  in  an  infinitely  wide  quasi¬ 
isotropic  carbon-epoxy  plate  is  by  bearing.  Tension-through- 
the  hole  failures  occur  only  in  relatively  narrow  strips  -  w/d 
less  than  4  or  5  to  1  -  or  in  a  seam  of  closely  spaced 
fasteners. 


FIG.  1  BEARING  AND  HOOP-TENSION  STRESSES  AROUND 
A  LOADED  BOLT  HOLE 


It  should  now  be  possible  to  combine  this  set  of  equivalences 
for  a  bearing  load  with  bypass  loads  in  the  same  manner  as 
has  worked  successfully  in  the  past  for  the  simpler  load 


8-3 


ACTUAL  DISTRIBUTION 

BEARING-STRESS  FROM  SUPERPOSITION 

DISTRIBUTION  OF  COMPONENTS 


FIG.  3  REPRESENTATION  OF  BEARING  STRESSES  CAUSED 
BY  A  SINGLE  BEARING  LOAD  AS  TWO  RESOLVED 
COMPONENTS 

cases.  Some  progressively  more  complex  cases  are  exam¬ 
ined  in  turn,  starting  with  infinitely  wide  plates  containing  a 
single  loaded  bolt  hole  and  progressing  to  finite-width  and 
finite-pitch  effects  in  multi-fastener  joints. 


the  panel  (3.0  in  this  case,  but  varying  with  the  dlw  ratio  for 
finite-width  panels),  is  the  apparent  stress  concentration 
at  failure,  and  C  is  the  stress-concentration  relief  factor.  The 
mechanism  of  this  stress-concentration  relief,  and  why  it  is 
governed  by  ply  thickness  rather  than  by  hole  diameter  is 
explained  in  Ref  1 1 .  This  nonlinearity  is  unlike  yielding  of 
metals;  it  stems  from  the  heterogeneity  of  fibre-polymer 
composites.  Throughout  this  article,  C  is  assigned  the  value 
0.25,  which  is  representative  of  0.25-inch  (6.35  mm)  holes  in 
quasi-isotropic  carbon-epoxy  laminates.  Since  ^te  and  k^c  are 
both  infinite  for  a  bearing  load  on  an  infinitely  wide  panel, 
itte  =  C  X  in  this  case.  Equation  (1)  would  then  be 
modified  to  read 

(l  +  ^C^cr bypass  +  C  X  cr bearing  —  ^tu  •  (3) 

In  the  form  in  which  it  is  more  usually  seen,  this  is 
transformed  into  the  relation 


4.  THE  BASIC  BEARING/BYPASS  INTERACTION 

It  is  appropriate  to  briefly  explain  the  basic  linear 
bearing/bypass  interaction  by  the  classic  case  of  parallel  load 
components.  For  simplicity,  edge  (finite-width  or  -pitch) 
effects  are  omitted  initially,  since  they  have  already  been 
adequately  covered  in  Ref’s  2  and  6.  For  the  infinite  elastic 
isotropic  plate  described  in  Figure  4,  the  interaction  between 
stresses  is  thus  that  between  three  times  the  remote  stress  in 
the  plate  (Arte  =  3)  and  the  average  bearing  stress,  with  the 
critical  conditions  for  tensile  failures  of  the  laminate 
developing  alongside  the  bolt  hole,  where  the  bearing  stress 
is  nominally  zero. 


tXbypaM 

FIG.  4  CLASSICAL  BEARING/BYPASS  CURVE,  SHOWING 


DECREASE  IN  OPERATING  STRESSES  UNTIL 
BEARING  FAILURES  OCCUR 

In  the  absence  of  any  stress-concentration  relief  failure 
would  not  occur  until 

3.0  X  (Tbypass  +1-0^  i^beaiing  ~  >  (^) 

in  which  Fju  is  the  ultimate  tensile  strength  of  the  laminate. 
(The  stress-concentration  factors  3  and  1  would  be  different 
for  orthotropic  plates  and  for  finite-width  strips  or  seams  of 
fasteners.)  Using  the  C-factor  approach  for  characterizing 
stress-concentration  relief  via  the  heterogeneous  nature  of  the 
fibre-polymer  composites, 

(k„-l)  =  C(k,e-l)  ,  (2) 

vvhere  A'te  is  the  theoretical  elastic  stress-concentration  factor 
(peak  tension  stress  /  average  net-section  tension  stress)  in 


bypass  - 


(1-I-2C) 


(4) 


showing  how  the  addition  of  bearing  stress  imposes  a  linear 
reduction  in  the  remote  stress  which  can  be  withstood  by  the 
laminate  prior  to  failure.  Given  that  the  value  of  C  can  range 
fi'om  1.0  for  very  large  holes  for  which  there  is  no  stress- 
concentration  relief  down  to  0.25  for  quarter-inch  holes  in 
quasi-isotropic  carbon-epoxy  laminates,  the  effect  of  the 
heterogeneous  behaviour  of  the  laminates  can  be  very 
significant.  A  similar  linear  reduction  applies  for  finite- 
width  strips  and  a  seam  of  adjacent  fasteners  in  a  panel.  The 
linear  reduction  in  remote  laminate  strength  as  progressively 
more  bearing  load  is  added  is  eventually  truncated  by  a 
bearing-stress  cut-off  of  the  type  shown  in  Figure  5,  which  is 
the  classic  bearing/bypass  interaction  for  mechanically 
fastened  fibrous  composite  structures.  (The  sum  of  these  two 
loads  is  the  total  joint  or  laminate  strength.)  Illustrative 
property  values  used  here  for  high-strength  carbon-epoxy 
laminates  are  Ftu  =  690  MPa  (100  ksi)  and  Fbrg  =  965  MPa 
(140  ksi).  The  bypass  stresses  can  be  converted  to  strains  by 
dividing  by  the  Young’s  modulus  for  the  laminate;  in  this 
case,  iFiaminate  =  55  GPa  (8  X  10*  psi).  The  in-plane  shear 
modulus,  likewise,  is  Gjammate  =  21  GPa  (3  x  10*  psi). 
Additional  material  properties  needed  for  later  formulae  and 
diagrams  are  the  major  Poisson’s  ratio  vlt,  which  has  a 
value  of  0.3,  and  the  laminate  compressive  strength  Feu  of 
483  MPa  (70  ksi). 


BEARING  STRESS  (MPa) 


FIG.  5  BEARING/BYPASS  INTERACTION  FOR  A  LOADED 
HOLE  IN  AN  INFINITE  PLATE 
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The  traditional  analyses  characterized  above  refer  to  tensile 
failure  in  the  absence  of  bearing  stress  or  to  bearing  failure 
in  the  presence  of  a  small  hoop-tension  stress,  which  is 
neglected.  It  is  appropriate  to  re-examine  the  bearing-stress 
failure,  taking  proper  account  of  possible  interaction  with  the 
actual  hoop-tension  stress  in  that  area,  the  presence  of  which 
is  shown  in  Figure  1 . 

Because  we  are  concerned  here  with  carbon  fibres  failing 
under  longitudinal  and  transverse  stresses  of  opposite  sign, 
the  truncated  maximum-strain  failure  model  can  be 
characterized  by  the  simple  formula 

^longitudinal  —  ^transverse  ~  =  (l -I- >  (5) 

where  fo  is  the  greater  of  the  tensile  and  compressive 
longitudinal  strains-to-failure.  (For  simplicity  here,  this 
distinction  between  tensile  and  compressive  strains-to-failure 
is  ignored  and  the  reader  is  referred  to  the  author’s  papers  on 
failure  criteria  for  clarification.)  Strictly,  Equation  (5)  should 
be  applied  at  the  fibre  rather  than  at  the  lamina  level,  but  it  is 
shown  in  Ref  1 3  that,  for  carbon-epoxy  type  laminates,  no 
significant  error  is  introduced  by  assuming  that  the 
transverse  stress  within  each  lamina  is  constant  throughout 
both  fibre  and  matrix.  What  small  error  there  does  exist  is 
conservative  in  regard  to  the  strengths  predicted.  The  same 
analysis,  however,  shows  that  the  distinction  between  the 
transverse  strains  in  the  fibres  and  matrix  is  critical  for 
fibreglass-reinforced  polymer  composites,  for  which  the 
original  (untruncated)  maximum-strain  failure  model  is 
superior  to  the  truncated  model  described  in  Ref  14,  albeit 
slightly  unconservative. 

If  we  overlook  the  precise  accounting  of  compatibility  of 
deformations  caused  by  Poisson  effects  for  clarity,  while 
acknowledging  that  the  longitudinal  load  alone  will  induce 
transverse  strains.  Equation  (5)  can  be  expressed 
approximately  in  terms  of  stresses  in  the  form 


(l  ±  Vlj )o'|ongitudinal  Oaminate) 

1 

^transverse  (laminate) 

^longitudinal  (laminate) 

Rs 

^transverse  (laminate) 

(l  -I-  Vlj  )Ft|j  (laminate) 
c 

^longitudinal  (laminate) 


in  which  is  the  amplification  ratio  between  transverse 
strains  in  the  lamina  and  those  in  the  fibres.  Calculations  for 
two  different  carbon-epoxies  in  Ref  12  found  the  value  to  be 
very  close  to  1.5.  (It  was  found  to  be  closer  to  5  for 
fibreglass-epoxy  laminates  in  which  the  isotropic  fibres  have 
a  far  greater  transverse  modulus.)  The  actual  transverse 
stress  in  the  specific  plies  of  interest  in  the  laminate  is  far 
less,  in  the  ratio  EjlEi  for  the  lamina.  Here,  we  simplify  the 
work  by  restricting  it  to  quasi-isotropic  laminates,  so  the 
laminate  Young’s  modulus  E  is  constant  throughout, 
permitting  Equation  (6)  to  be  further  simplified  to  the 
following. 


‘^transverse  m 
c^longitudinal  + 


(7) 


The  limiting  strength  equivalent  to  Equation  (1)  would,  in 
the  present  context,  then  be 


(o.4x 


^ bearing  I 


(l  -I-  vlt)R, 


bearing 


(8) 


[The  change  in  sign  between  Equations  (7)  and  (8)  results 
fi-om  the  inherently  compressive  bearing  stress.]  The  factor 
(4/n)  relates  the  peak  to  average  bearing  stress  in  the  most 
critical  location. 

The  nature  and  characterization  of  the  stress-concentration 
relief  in  the  region  of  highest  hoop  stresses  is  well  known 
and  the  need  to  include  it  in  the  analysis  accepted.  The  same 
cannot  be  said  for  any  stress-concentration  relief  in  the  area 
of  highest  bearing  stress.  Nevertheless,  the  bearing  strength 
is  known  to  improve  with  through-the-thickness  clamp-up, 
from  roughly  the  basic  laminate  compression  strength  for 
pin-loaded  holes  to  roughly  twice  that  strength  for  finger- 
tight  nuts  and  bolts  -  and  to  even  higher  strengths  for 
torqued  fasteners.  Without  claiming  any  more  than  that 
there  probably  is  some  form  of  stress-concentration  relief  in 
this  region  also,  we  shall  assume  here  that  it  can  be 
characterized  by  the  ratio  of  laminate  compression  strength 
Feu  to  ultimate  bearing  strength  Fbrg  and  await  the  generation 
of  test  data  to  improve  on  the  assessment. 

Allowing  for  stress-concentration  relief.  Equation  (8)  would 
then  become 


0.4C  + 


4  /  ;r 


(1  +  v^lt)F. 


i  Fbrg  J 


•^bearing  —  ^tu 


(9) 


It  is  convenient  to  define  a  coefficient  K,  where 
4/;r 

(1-1- Vlt)F£  I  Fbrg  ^ 


(10) 


has  a  typical  value  of  0.3265  for  the  quasi-isotropic  carbon- 
epoxy  properties  given  earlier.  We  would,  therefore,  expect  a 
hoop-tension  failure  in  the  peak  bearing  stress  region  only 
when 

^bearing  =  (^;^^]f,u=(^^]f,u  =  2.3447F,u  ,  (11) 


over  67  percent  higher  than  needed  to  cause  a  bearing  failure 
at  the  same  location  in  a  quasi-isotropic  carbon-epoxy 
laminate.  However,  Equation  (11)  also  makes  it  quite  clear 
that,  for  a  highly  orthotropic  laminate  containing  too  few  90° 
fibres,  it  would  be  quite  easy  to  initiate  tension  failures  in  the 
high-bearing-stress  region  before  the  net  section  became 
critical.  This  may  be  confirmation  of  the  well-known  need 
for  a  minimum  percentage  of  such  plies  (between  1 0  and  1 5 
percent)  to  make  efficient  bonded  fibrous  composite  joints. 

It  is  also  possible  to  use  the  present  theory  to  check  against 
the  likelihood  of  failure  in  the  ±45°  fibres,  half-way  between 
the  preceding  analyses.  Significantly,  there  is  zero  local 
bypass  stress  at  these  locations  from  any  bypass  load  aligned 
with  the  bearing  load,  so  the  following  result  is  of  even  more 
universal  applicability.  Without  repeating  the  entire 
derivation,  it  should  be  self  evident  that  Equation  (11)  can  be 
modified  for  this  new  potential  tensile  failure  site  to  read  as 
follows. 
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O-bearing  [o.75C +0.7071^]^'“  (0.4184)^'“  ’ 

(12) 

making  this  site  even  less  critical  in  tension  than  either  of  the 
other  two  possibilities  -  at  the  points  of  maximum  hoop 
tension  and  of  maximum  bearing  stress.  However,  Equation 
(12)  predicts  the  ±45°  sites  to  be  only  imperceptibly  less 
likely  to  fail  by  hoop-tension  loads  than  the  fibres  at  90°. 
The  empirical  wisdom  that  close-to-isotropic  laminates  make 
the  strongest  bolted  joints  is  not  without  foundation,  even  if 
other  analyses  have  not  predicted  this  to  be  so. 

5.  ORTHOGONAL  BEARING  AND  BYPASS  LOADS 
IN  AN  INFINITE  PLATE 


Consider,  next,  the  case  of  an  infinite  plate  subjected  to  a 
uniform  remote  unidirectional  stress  and  a  concentrated 
transverse  load  at  a  central  bolt  hole,  as  shown  in  Figure  6. 
The  average  remote  transverse  load  will  be  zero  and, 
therefore,  is  not  involved  in  this  assessment.  (The  addition 
of  such  a  bypass  load  can  easily  be  handled  by  this  method, 
as  was  done  in  Ref  8,  provided  that  all  three  load 
components  contributed  to  a  tensile  laminate  failure  at  the 
location  being  considered  somewhere  around  the  perimeter 
of  the  hole.  But  this  step  is  omitted  here  for  clarity.) 


Obypais 


H  t  f  M  H  +  H  U 


ZERO 

AVERAGE 

REMOTE 

STRESS 


tTbypass 


FIG.  6  COMBINATION  OF  ORTHOGONAL  BEARING  AND 
BYPASS  LOADS  IN  AN  INFINITE  PLATE 


At  the  location  alongside  the  bolt  hole,  where  the  bypass 
load  alone  would  cause  tension-through-the-hole  failures 
(Point  B),  the  lateral  bearing  load,  orthogonal  to  the 
longitudinal  remote  stress  in  the  laminate,  adds  two 
components  of  stress  to  the  peak  stress  caused  by  the  bypass 
load.  At  that  location,  the  bypass  load  is  amplified  by  a 
nominal  stress-concentration  factor  of  3.0,  which  remains  the 
same  as  for  the  analysis  above.  The  transverse  bearing  load 
causes  a  hoop-tension  stress  at  that  same  location  which  is 
only  some  40  percent  as  high  as  in  the  preceding  analysis, 
but  there  is  now  also  a  transverse  bearing  stress  acting  on 
these  same  fibres. 


The  equation  equivalent  to  Equation  (1)  would  be 

4  /  rr 


(\  ^  /  71 

30  X  cr  bypass  -I-  0.4  x  O' bearing  )  +  Yi  bearing 


=  F',u 

(13) 


at  failure.  Allowing  for  stress-concentration  relief  Equation 
(13)  would  then  become 


(1  2C)<7bypass  (0.4C  +  ^jo'bearing  ~  ^tu  (14) 

The  final  result,  corresponding  with  Equation  (4)  then 
follows. 


bypass  —  (O'lC  ■^)o'bearing]  (13) 

The  adverse  effect  of  the  transverse  bearing  load  is  predicted 
to  be  more  severe  than  for  a  bearing  load  aligned  with  the 
bypass  load,  as  is  revealed  by  comparing  Equations  (4)  and 
(15),  but  the  failure  sites  can  be  different.  If  for  the  present 
problem,  only  a  small  bypass  load  were  combined  with  a 
dominant  bearing  load,  tensile  failure  in  the  laminate  would 
be  predicted  to  occur  at  Points  A  above  and  below  the  bolt 
hole  in  Figure  6  instead  of  at  the  sides.  For  such  a  case,  the 
elastic  analysis  would  predict  that  tensile  failure  would  not 
occur  so  long  as 

X  cr bearing  ~  ^  ^  bypass )  ■*‘(®  ^ ‘^bearing)  —  ^lu  >  (16) 


there  being  nominally  zero  bearing  stress  at  this  site  and  a 
compressive  component  caused  by  the  bypass  stress. 
Allowing  for  the  stress -concentration  relief  from  the 
heterogeneity  of  the  composite  laminate.  Equation  (16) 
predicts  that  the  critical  bearing  stress  for  a  tensile  failure 
must  be  as  high  as 


^bearing  “ 


Ffu  ■'■•^bypass 

c 


(17) 


At  this  location,  the  bypass  stress  is  acting  as  benign  preload 
to  enhance  the  intrinsic  strength  of  the  laminate.  (An  excess 
of  bypass  would  cause  failure  somewhere  else,  at  point  B.) 
This  means  that  tensile  failure  in  an  infinitely  wide  strip  is 
even  less  likely  than  in  the  absence  of  the  bypass  load. 

There  are,  thus,  two  answers  needed  for  this  problem  - 
Equation  (15)  for  dominant  bypass  loads,  and  Equation  (17) 
for  dominant  bearing  loads.  Equation  (15)  is  plotted  in 
Figure  7,  but  is  somewhat  misleading  because  of  the  absence 
of  finite-width  (or  bolt  pitch)  effects  needed  to  enable  tensile 
failures  caused  by  bearing  loads  to  precede  the  predicted 
failures  in  bearing.  This  omission  is  even  more  serious  for 
Equation  (17).  Nevertheless,  the  linear  and  predictable 
bearing/bypass  interactions  can  easily  be  modified  to  account 


FIG.  7  INTERACTION  BETWEEN  ORTHOGONAL  BEARING 
AND  BYPASS  LOADS  IN  AN  INFINITE  PLATE 
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for  such  effects.  A  comparison  between  Figures  5  and  7,  for 
longitudinal  and  transverse  bearing  loads,  shows  the  latter  to 
be  more  critical,  as  the  result  of  the  biaxial  stressing  of  the 
carbon  fibres. 

There  is  a  strong  bearing/bypass  interaction  for  the  problems 
characterized  in  Figure  6.  For  fibreglass-epoxy  laminates, 
on  the  other  hand,  there  would  be  very  little  interaction,  and 
the  slope  in  Figure  7  would  then  be  less  than  in  Figure  5. 
The  {4/f7c(l+viT)-RE]}  factor,  K,  would  drop  to  almost  zero 
because  the  transverse  strain  in  each  lamina  would  occur 
mainly  in  the  matrix,  with  virtually  none  in  the  fibres. 


|(4-0  X  Tbypass)  x  (Tbearing)j  ‘ 


0.7071 


4  /  ;r 


(1 


1‘^bearing  -  ^tu 


(18) 


for  hoop-tension  failures,  assuming  no  stress-coneentration 
relief  Accounting  for  this  effect  in  the  same  manner  as  in 
the  earlier  analyses.  Equation  (18)  is  transformed  to  read 

|((1  +  3C)  X  Tbypass)  (0-75  X  C  X  CTbearinglj 

0.707ircrbearing  =  'P;u  >  (19) 


6.  CONCENTRATED  BEARING  LOAD  IN  AN 
INFINITE  PANEL  LOADED  BY  SHEAR 

If  an  infinite  panel  is  loaded  by  in-plane  shear  with  respect  to 
horizontal  and  vertical  axes,  a  vertical  or  horizontal  bearing 
load  would  be  offset  from  the  locations  of  the  peak  stresses 
at  the  bolt  hole  caused  by  the  shear  load.  The  stresses 
induced  by  the  bearing  load  could  be  directly  superimposed 
on  these  because,  in  this  case,  there  has  been  no  need  to 
resolve  the  bearing  load  into  components.  Figure  8  defines 
the  boundary  conditions  for  this  particular  analysis, 
assuming  a  vertical  bearing  load  half  way  between  the  k^e  = 
±4  axes  (Points  C  and  D).  Surprisingly,  two  potential  most 
critical  locations,  at  the  bottom  (Point  B,  bearing)  and  sides 
(Points  A,  tension-through-the-hole)  of  the  bearing  load,  are 
all  associated  with  zero  bypass  stresses.  There  would  be  no 
interactions  there;  the  panel  would  either  fail  by  bearing  or 
by  tension  fi-om  the  remote  (bypass)  shear  stress  at  an 
apparent  stress-concentration  factor  of  1.75,  in  accordance 
with  Equation  (4),  exactly  as  in  Figure  5.  A  hoop-tension 
failure  on  one  of  the  45°  diagonals  (Point  C  or  D  in  Figure  8) 
would  appear  to  be  a  more  interesting  (and,  as  it  transpires, 
more  critical)  potential  failure  site,  there  being  an  interaction 
between  two  significant  hoop-stress  components  and  a 
compressive  bearing  stress  locally  0.  90  times  the  average 
(see  Figure  3). 


I 

t 
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t 
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FIG.  8  GEOMETRY  FOR  ANALYSIS  OF  A  SHEAR-LOADED 

INFINITE  PLATE  CONTAINING  A  LOADED  BOLT  HOLE 


where  K  is  defined  in  Equation  (10).  Hence 

^bypass  -  ^  3cj  ~  ^  C)  +0.707I^r)crbearing]  > 

^brg  —  ^brg  ■  (^9) 

The  next  analyses  are  for  the  bearing  load  parallel  to  the 
equivalent  compressive  and  tensile  remote  stresses  in  the 
plate,  corresponding  with  the  applied  shear  load,  (the  load 
through  Point  B  in  Figure  8  rotated  to  D  and  C,  in  turn). 

Aligning  the  bearing  load  with  the  D-D  axis  first,  it  is 
apparent  that  the  initial  failure  would  occur  in  the  high- 
bearing-stress  region,  because  the  shear  load  induces  major 
compressive  hoop  loads  where  the  bolt-bearing  loads  caused 
the  highest  hoop-tension  stresses.  Equation  (7)  would  now 
predict  that  failure  would  occur  once  the  following  condition 
was  satisfied. 

1^4.0  X  rjjypass)  +(0-4  x  <T[)earing)| 

4/ 7C 

(1  + 

After  accounting  for  stress-concentration  relief  from  the 
heterogeneous  nature  of  the  fibre-polymer  composites,  this 
equation  would  become 

^bypass  -  “((0-4  x  C)  -t-  aring]  > 

(o-brg<Fbrg)  (22) 

If  the  bearing  load  were  rotated  through  the  C-C  axis  in 
Figure  8,  so  that  the  peak  bearing  load  occurred  in  an  area  of 
compressive  hoop  stresses  caused  by  the  remote  in-plane 
shear  stress,  the  peak  tensile  stresses  from  both  sources 
would  combine  along  one  side  of  the  bolt,  at  the  lower-right 
Point  D,  where  there  would  be  no  bearing  stress.  The 
solution  equivalent  to  Equation  (21)  would  then  be. 

4.0  X  r bypass  ^  *^bearing  — -^tu  (23) 


<^bearing 


=  F,„ 


(21) 


The  hoop-tension  stress  at  the  lower-right  location  D 
consists  of  an  increment  4.0  times  as  high  as  the  nominal 
remote  shear  stress,  in  conjunction  with  a  hoop-stress 
increment  equal  to  75  percent  of  the  average  bearing  stress. 
In  addition  to  these  hoop-tension  stresses,  there  is  also  a 
bearing  stress  at  Point  D,  of  an  intensity  (1/V2)  times  as  high 
as  the  peak.  Equation  (7)  would  then  predict  no  failure  until 


After  introducing  the  appropriate  expressions  for  stress- 
concentration  relief  and  re-arrangement  in  the  customary 
marmer,  this  equation  becomes 

f  bypass  -  ^C)  ^  ^'bearing  )]  > 

(•^brg  -  -^brg  ) 


(24) 
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Equations  (20),  (22)  and  (24)  are  all  plotted  in  Figure  9, 
using  the  same  typical  properties  for  carbon-epoxy  laminates 
used  in  Figure  6.  All  predict  tensile  failure  at  the  same  site 
(Point  D  on  the  lower  right  in  Figure  8);  all  are  similar  in 
form  and  subject  to  bearing-stress  cut-offs.  The  only  visible 
difference  is  in  the  slopes  of  the  interactions.  The 
predictions  of  Equations  (20)  and  (22)  are  almost  identical, 
representing  slightly  different  combinations  of  hoop  and 
bearing  stresses. 


FIG.  9.  BEARING/BYPASS  INTERACTIONS  FOR  IN-PLANE 
SHEAR  LOADS  ON  AN  INFINITE  PLATE 


A  significant  conclusion  to  be  drawn  from  Figure  9  is  that 
the  orientation  of  the  bearing  load  in  a  shear  panel  is  predict¬ 
ed  not  to  have  a  substantial  influence  on  the  shear  strength. 
(The  effect  would  be  even  less  for  fibreglass-reinforced  lam¬ 
inates.)  This  is  surprising,  given  the  very  great  variation  in 
magnitude  and  sign  of  the  hoop  stress  around  the  bolt  hole 
resulting  from  the  in-plane-shear  bypass  load.  The  similarity 
in  form  of  the  three  solutions  lends  some  credence  to  a  popu¬ 
lar  empirical  analysis  technique  used  to  design  bolted  comp¬ 
osite  joints  with  geometries  for  which  there  are  no  directly 
relevant  test  data,  whereby  the  bearing  load  is  realigned  with 
the  local  principal  bypass  load  and  both  are  oriented  with  the 
nearest  principal  fibre  axis.  Having  converted  the  problem  to 
one  for  which  there  are  test  data  and  design  coefficients  for 
stress-concentration  relief,  a  straightforward  answer  is  then 
derived.  However,  Figure  9  suggests  that  rotating  the  peak 
bearing  and  bypass  loads  until  they  are  collinear  may  not 
always  yield  a  conservative  solution,  because  doing  so 
excludes  interactions  between  longitudinal  tension  and 
transverse  compression  stresses  acting  on  the  critical  fibres. 

7.  LOAD  TRANSFER  THROUGH  A  SINGLE  ROW 
OF  BOLTS  ON  THE  PERIPHERY  OF  A  SHEAR 
PANEL  (OR  THE  ENDS  OF  TORSIONALLY 
LOADED  TUBES) 

One  problem  of  major  importance  remains  within  the  scope 
of  the  present  investigation.  This  is  the  case  of  an  infinitely 
long  joint  between  two  panels  loaded  by  in-plane  shear.  The 
fastener  loads  are  now  parallel  to  the  edge  instead  of 
orthogonal  to  it,  as  in  standard  tensile  test  coupons.  This  is 
the  first  of  the  present  problems  requiring  that  the  bolt  loads 
be  resolved  into  orthogonal  components  parallel  to  tension 
and  compression  loads  which  are  equivalent  to  the  in-plane 
shear  loads.  Unlike  the  immediately  preceding  analyses  for 
infinite  plates,  the  in-plane  shear  stress  drops  to  zero  on  one 
side  of  the  fastener  seam. 


If  the  fastener  loads  are  resolved  into  two  orthogonal 
components,  as  shown  in  Figure  10,  one  component  would 
be  reacted  by  direct  compressive  bearing  and  the  other  by 
tensile  bearing  passing  around  the  fastener.  This  model 
would  correctly  have  zero  net  load  on  the  fastener  perpen¬ 
dicular  to  the  edge  of  each  panel,  and  there  would  be  no 
prediction  that  the  resolved  fastener  loads  would  try  to 
spread  the  hole  apart  perpendicular  to  the  edge  of  the  panel  - 
and  no  need,  therefore,  to  invoke  the  closing  increment  of 
transverse  compression  that  would  be  needed  if  the  reactive 
loads  had  been  of  the  same  sign.  The  effective  “width”  to  be 
associated  with  each  fastener,  for  each  resolved  load 
componenL  is  />/V2,  where  p  is  the  fastener  pitch.  The 
equivalent  tensile  and  compressive  stresses  at  ±45°  to  the 
fastener  seam  are  numerically  equal  to  the  remote  shear 
stress,  per  a  Mohr-circle  assessment  of  the  stresses. 


FIG.  10  JOINT  GEOMETRY  FOR  IN-PLANE-SHEAR  LOADED 
SPLICE 

The  critical  location  around  the  bolt  hole,  for  tension- 
through-the-hole  failures,  is  inclined  at  45°  to  the  edge  of  the 
panel,  where  the  peak  hoop-tension  load  interacts  with  the 
compression  bearing  stress  from  the  other  load  component. 
The  effective  net  section  for  the  tensile  loads  is 
[(p/V2)  -  d\,  on  which  the  elastic  stress  concentration  factor 
kxe  can  be  approximated  as  (pIcNl),  equivalent  to  the 
approximation  wld  cited  in  Figure  22  of  Ref  15. 

[Actually,  provided  that  the  edge  distance  e  is  sufficiently 
long,  i.e.  e  >  w,  Equation  (12)  in  Ref  2  for  a  narrow  strip 
isolated  from  a  wide  panel  can  be  replaced  by  the  much 
simpler  expression  for  the  net-section  stress  concentration, 

^te=5  •  (25) 

a 

Later  work  might  provide  a  correction  term  for  the  higher 
stresses  caused  by  short  edge-distances,  equivalent  to  that 
included  in  Ref  2.  Likewise,  a  new  simpler  formula  is 
proposed  here  to  replace  Equation  (1 1)  in  Ref  2,  for  bypass 
loads.  The  stress  concentration  factor  on  the  net  section  for  a 
narrow  strip  isolated  from  a  wide  panel  with  many  equally 
spaced  holes  can  be  given  by 


(26) 


The  origin  of  this  new  formula,  presented  here  for  the  first 
time,  is  that  it  is  similar  in  form  to  Heywood’s  equation  for 
finite-width  strips.  Ref  16, 
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+  ,  (27) 

with  different  limiting  values  as  the  hole  diameter 
approaches  either  the  strip  width  or  hole  pitch,  but  precisely 
the  same  slope  for  proportionally  very  small  holes,  so  that 
the  two  expressions  coalesce  as  d  ->  0. 

Equations  (1),  (2),  (5),  and  (9)  in  Ref.  2  are  not  superseded 
by  these  new  formulae.  Neither  are  any  of  the  equations 
derived  from  them.  The  new  Equations  (25)  and  (26) 
proposed  here  replace  Equations  (11)  and  (12)  in  Ref  2, 
along  with  solutions  derived  from  them.  The  results  will  be 
numerically  equivalent;  the  new  equations  are  just  far  easier 
to  work  with.  A  separate  article  will  be  prepared  in  which 
joint  efficiency  charts  equivalent  to  Figure  26  in  Ref  2  will 
be  established  for  the  new  formulae.] 

If  the  average  shear  stress  in  the  skin  is  r  and  the  bolt  pitch  is 
p,  the  average  bearing  stress  on  each  fastener  of  diameter  d  is 

where,  here,  the  entire  shear  flow  is  reacted  by  bearing  on 
the  single  row  of  fasteners.  The  peak  elastic  hoop-tension 
stress  induced  by  the  resolved  component  of  the  bearing  load 
would  then  be 


^brg 


{p/S) 


^brg  ^ 

1-^2^ 


(29) 


The  orthogonal  bearing  stress,  from  the  other  resolved 
component  of  the  total  bearing  load  would  be 


^brg 

^ radial  compression  “ 


(30) 


which,  being  the  same  whether  arrived  at  as  the  actual  local 
bearing  stress  or  the  peak  of  the  resolved  component,  needs 
no  correction  because  of  errors  in  the  distribution  of  the 
resolved  bearing  stresses.  (This  perfect  match  would  not  be 
achieved  at  some  other  orientations,  as  explained  in  Figure  3. 
For  instance,  the  bearing  stresses  predicted  by  superposition 
at  right  angles  to  the  tme  bearing  axis  would  differ 
appreciably  from  the  nominally  zero  value  it  should  be. 
Even  if  the  hoop  stresses  are  formulated  as  the  superposition 
of  two  components,  use  of  the  real  bearing  stress  distribution 
would  always  be  more  reliable  than  the  combination  of 
resolved  components.) 

It  remains  to  convert  these  to  equivalent  stress  increments  in 
the  fibrous  composite  laminate  and  to  interact  them  in  the 
manner  of  Equation  (7).  The  stress  concentration  factor  in 
Equation  (20)  is  reduced  in  accordance  with  Equation  (2)  to 
become 


(31) 


[As  indicated  earlier,  attention  is  focussed  here  on  0.25-inch 
(6.35  mm)  holes  in  quasi-isotropic  carbon-epoxy  laminates  ] 
Hence,  the  effective  peak  hoop-tension  stress  in  the  laminate 
is 


<^1,0 


‘^brg 

4^^2 


(32) 


The  associated  effective  peak  radial  stress  is 
•^®’brg 


(33) 


where  K  is  defined  in  Equation  (10),  so  that  the  absence  of 
failure  of  the  laminate  by  tension  through  the  bolt  hole 
requires  that 


<^brg 

1  ^ 

V2 

(^brg  —  ^brg) 


(34) 


where,  for  a  quasi-isotropic  carbon-epoxy  laminate,  K  is 
taken  to  be  0.3265,  as  indicated  earlier.  The  usual  bearing- 
stress  cut-off  applies.  The  corresponding  remote  shear  stress 
carmot  exceed 


P 


1  (p) 

(3V2+W</)^0653| 

(p/d-^)  J 

(35) 


The  maximum  gross-section  shear  stress  sustainable  can  be 
shown  to  occur  when 


opt 


:^/2  -I-J2+Y 


6-4^ 


+2K 


3.6141  , 


(36) 


which  is  remarkably  similar  to  the  optimum  proportion  of 
exactly 


which  can  be  derived  using  the  same  logic,  and  Equation 
(25)  for  a  single-row  bolted  joint  loaded  by  tension  rather 
than  by  in-plane  shear.  These  solutions  are  obtained  by 
differentiating  the  denominator  of  Equation  (35),  and  its 
equivalent  for  the  tensile  remote  loads,  with  respect  to  (d/p). 
(Note  that  both  of  these  solutions  are  for  carbon-epoxy 
materials  like  AS4/3501-6  and  would  be  expected  to  be 
different  for  glass-fibre-reinforced  polymers,  for  example,  or 
for  other  composite  materials.  Indeed,  it  is  not  clear  that  a 
stationary  value  exists  at  the  strongest  bolted  joints  in 
fibreglass  laminates;  in  many  such  cases  the  joint  is  equally 
critical  in  tension  and  bearing.) 

If  d/p  is  small,  as  when  the  fasteners  are  far  apart,  Equation 
(34)  reduces  to 

(0.7071  X  Cx  o'brg)  +  (0.7071  x  A:  x  cr  brg)<F,u 


(38) 
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These  stress-concentration  factors  make  no  account  of  short- 
edge-distance  effects  and  there  would  still  need  to  be  the 
customary  bearing-failure  cut-off 

<^brg  -^brg  (39) 


optimized  in  terms  of  the  (pid)  and  (obrg/Fbrg)  ratios  in 
exactly  the  same  manner  as  was  done  in  Figure  (26)  of 
Ref  2  for  tensile  loads  on  multi-row  joints.  The  relevant 
equation  here  is 


Tensile  failure  of  the  laminate  would  thus  be  predicted  to 
occur  when 


o-bra  = - ^ - T  =  2.4570  (40) 

‘’'3  0.7071(C+/:) 

for  a  quasi-isotropic  carbon-epoxy  laminate.  Since  Equation 
(40)  would  not  be  satisfied  before  Equation  (39),  tensile 
failures  would  not  be  predicted  to  occur  for  this  situation; 
instead,  the  bearing  failures  typical  of  a  loaded  fastener  in 
the  middle  of  an  infinite  plate  would  prevail.  As  a  point  of 
comparison,  the  corresponding  factor  for  predicted  tensile 
failures  reacted  by  a  direct  tension  load  rather  than  by  in¬ 
plane  shear.  Equation  (11)  predicts  almost  the  identical 
strength,  with  a  coefficient  of  2.3447. 

8.  ANALYSIS  OF  SHEAR-LOADED  MULTI-ROW 
BOLTED  COMPOSITE  JOINTS 


This  same  analysis  is  easily  modified  to  account  for  linear 
interactions  with  a  shear  flow  passing  around  this  seam  of 
fasteners  as  one  row  of  a  multi-row  joint.  This  bypass  load 
would  not  be  associated  with  any  bearing  stresses  and  would 
have  a  linearly  elastic  stress -concentration  factor  of  -t-4.0  at 
the  same  critical  location,  for  widely  separated  holes.  For 
holes  which  are  close  enough  for  there  to  be  a  significant 
difference  between  the  gross  and  net  sections,  this  factor 
would  be  applied  to  the  net-section  stress.  For  holes  which 
are  almost  touching,  the  ligament  between  the  holes  would 
bend  severely  under  in-plane  shear  loads,  making  it  most 
unlikely  that  the  stress  concentration  factor  would  asymptote 
to  1  as  it  does  for  tensile  loads.  In  the  absence  of  any  better 
data,  it  is  assumed  here  that,  for  practical  pitch-to-diameter 
ratios,  the  net-section  stress  concentration  factor  will  remain 
at  4. 


Tension-through-the-hole  failure  of  the  laminate  would  be 
predicted  to  occur  when 


(l  +  3C)r  bypass  + 


‘^brg 


+  c 


“^brg 

V2 


X  K 


(41) 


where  rbypass  is  the  wet-section  shear  stress.  The  total  remote 
in-plane  shear  load  is  equal  to  the  sum  of  this  bypass  stress, 
corrected  for  the  hole-out  factor,  and  {d/p)  times  the  bearing 
stress. 


^total  “  ^J^bypass  bearing  (^2) 

Here,  the  total  shear  flow  refers  to  the  gross  section. 

The  maximum  operating  remote  (total)  shear  stress  can  be 
established  by  eliminating  the  bypass  stress  between 
Equations  (41)  and  (42),  to  yield  the  following  strength  to  be 


^  total  • 


P 


1  +  3C 


/ 

p 

1 

l-f3C 

V  / 

\\d  ) 

+  C  +  K 


m 


which  is  subject  to  two  cut-offs.  The  total  shear  flow 
obviously  cannot  be  less  than  the  load  carried  by  bearing, 
and  the  bearing  stress  carmot  exceed  the  bearing  strength. 
Thus,  Equation  (43)  needs  to  evaluated  in  conjimction  with 
the  following  constraints. 


O'brg  --(^brg  ■ 


(44) 


Equations  (43)  and  (44)  are  plotted  in  Figure  11,  using  the 
same  material  properties  as  in  earlier  examples  for  0.25-inch 
(6.35  mm)  holes  in  quasi-isotropic  carbon-epoxy  laminates, 
to  characterize  the  bearing/bypass  curves  for  this  new  class 
of  problems. 


GROSS 

SECTION 

SHEAR 

STRESS 

(MPa) 


FIG.  11  BEARING/BYPASS  INTERACTION  FOR  IN-PLANE 
SHEAR  LOADS  IN  A  MULTI-ROW  SPLICE  JOINT 


A  separate  straight  line  is  established  for  each  particular 
(pId)  ratio,  just  as  was  shown  in  Ref  17  for  tensile  loading. 
The  reason  why  none  of  the  lines  extend  to  the  bearing-stress 
cut-off,  the  first  half  of  Equation  (44),  is  the  minimum 
strength  specified  by  the  second  half  of  the  same  equation. 
The  minimum-strength  requirement  is  manifest  as  the  series 
of  radial  cut-offs  in  Figure  11.  Multi-row  joints  in  carbon- 
epoxy  laminates  are  usually  more  critical  in  tension  than  in 
bearing.  Figure  1 1  has  similar  features  to  those  in  Figure  4 
of  Ref  17.  There  is  a  powerful  loss  of  strength  with 
increasing  bearing  stress,  and  only  a  mild  influence  of  the 
(pid)  ratio  throughout  the  range  of  practical  interest.  Figure 
11  contains  the  same  important  message  as  equivalent 
analyses  of  multi-row  bolted  joints  loaded  in  tension  have 
already  established.  This  is  that,  at  the  most  critical  row  of 
fasteners  in  the  joint,  it  is  necessary  to  minimize  the  bearing 
stress  while  keeping  the  fasteners  far  apart.  These  are 
normally  mutually  exclusive  objectives.  Satisfying  these 
goals  requires  careful  tailoring  of  the  member  thicknesses 
and  fastener  diameter  at  each  station  in  such  a  way  as  to 
minimize  the  load  transferred  through  the  fasteners  at  the 
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most  critical  row  in  each  skin,  even  if  it  requires  a  heavier- 
than-normal  splice  plate  to  do  so.  (Future  work  will  include 
joint  efficiency  charts  to  more  completely  establish  the 
influence  of  joint  geometry,  particularly  in  multi-row  joints.) 

9.  CONCLUDING  REMARKS 

While  these  new  analyses  have  yet  to  be  confirmed  by 
experiment,  there  can  be  little  doubt  that  linear 
bearing/bypass  curves  could  be  generated  for  these  non- 
classical  joint  geometries  also. 

The  use  of  a  generalized  maximum-shear-stress  failure 
criterion,  or  the  similar  truncated  maximum-strain  failure 
model,  for  carbon-epoxy  laminates  results  in  a  predicted 
substantial  interaction  whenever  the  peak  tension  hoop 
stresses  coincide  with  appreciable  radial  bearing  stresses. 
This  interaction  would  be  far  milder  for  fibre-glass- 
reinforced  laminates,  for  which  the  original  maximum-strain 
failure  model  is  more  appropriate  because  most  of  the 
transverse  strain  occurs  in  the  matrix,  even  though  it  would 
be  slightly  unconservative  for  this  class  of  problems. 

The  linearity  of  the  pre\aous  bearing/bypass  analyses  for 
multi-row  joints  has  involved  contributions  only  to 
longitudinal  fibre  stresses,  from  two  sources,  in  the  virtual 
absence  of  any  transverse  stresses  at  that  site  alongside  the 
bolt.  The  linear  interaction  in  the  new  analyses  here  involves 
a  combination  of  longitudinal  (hoop)  and  transverse 
(bearing)  stresses  in  the  fibres.  The  new  predicted  inter¬ 
actions  are  linear  only  because  of  the  form  of  composite 
failure  criterion  used  here.  They  would  not  be  predicted  to 
be  linear  for  tensor-polynomial  interaction  curves,  for 
example. 

The  characteristic  form  of  these  new  bearing/bypass 
interactions  suggests  that,  if  experiments  were  run  to  confirm 
or  refine  these  formulae,  and  particularly  the  stress- 
concentration  formulae  and  relief  factors  for  the  bearing 
stresses,  the  results  could  be  adapted  to  the  existing 
nonlinear  A4EJ  multi-row  bolted-joint  computer  code. 

The  successftil  adaptation  in  Ref  17  of  the  earlier  standard 
bolted  composite  joint  analysis  methods  for  consideration  of 
fatigue  in  metallic  structures,  particularly  concerning  the 
importance  of  restricting  the  bearing  stresses  and  optimum 
w/d  ratios,  suggests  that  if  these  new  analyses  are  validated, 
they  should  likewise  be  extended  to  metallic  stractures.  The 
new  formulae  presented  for  the  elastic  stress  concentration 
factors  for  wide  panels  with  many  equally  spaced  fasteners, 
as  contrasted  with  the  slightly  different  ones  better  suited  to 
single-hole  test  coupons,  could  also  be  integrated  into  this 
prior  work  on  bolted  or  rivetted  metallic  joints. 
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SUMMARY 

The  behavior  of  bonded  composite-to-metal  joints  is  examined 
based  on  the  results  of  stress  analysis  and  failure  prediction 
using  a  quasi  two-dimensional  analytical  model.  Two  joint 
configurations  are  considered  which  simulate  the  problems  of 
bonded  composite  patch  repair  such  as  fatigue  enhancement 
and  crack  patching.  The  metallic  substrate  is  of  uniform 
thickness,  while  the  composite  patch  has  a  tapered  region  at  its 
edges.  Several  typical  failure  modes  associated  with  the 
adherends  and  adhesive  are  considered  including  substrate 
yielding,  adhesive  shearing,  interface  peeling,  patch  fiber 
breaking,  patch  ply  shearing,  and  patch  ply  peeling.  The  effects 
of  the  thermal  residual  stresses  after  curing  on  the  load  transfer 
between  the  adherends  are  discussed.  Various  geometric 
configurations  are  examined  from  an  optimal  design  point  of 
view. 

LIST  OF  SYMBOLS 

b  half  length  of  bonded  joint 

C;,  C2  undetermined  constants  in  solutions 
e  tapered  distance  of  bonded  joint 

Ep  longitudinal  elastic  modulus  of  patch  fibers 
Young’s  modulus  of  isotropic  substrate 
G„  shear  modulus  of  adhesive 

G„  equivalent  shear  modulus  of  adhesive 

knockdown  factor  for  patch  matrix  properties 
peel  stress  on  patch-adhesive  interface 
p^p  peeling  strength  of  patch-adhesive  interface 

peel  stress  on  substrate-adhesive  interface 
peeling  strength  of  substrate-adhesive  interface 

A*,  safety  margin  of  the  A-th  failure  mode 
Sp  shear  strength  of  patch  matrix 

Sp  knockdowned  shear  strength  of  patch  matrix 

4  thickness  of  adhesive  (uniform) 

edge  thickness  of  patch 
T„  far  field  stress  resultant  in  substrate 

if  failure  load  of  joint 

failure  load  of  joint  in  adhesive  shearing 
t/‘*  failure  load  of  joint  in  patch-adhesive  peeling 
failure  load  of  joint  in  patch  fiber  compression 
failure  load  of  joint  in  patch  fiber  tension 
tJ’’’  failure  load  of  joint  in  patch  interlaminar  peeling 
failure  load  of  joint  in  patch  interlaminar  shearing 
if"*  failure  load  of  joint  in  substrate-adhesive  peeling 

failure  load  of  joint  in  substrate  yielding 
tp  full  thickness  of  patch 

Tp  stress  resultant  in  patch 

tg  thickness  of  substrate  (uniform) 


T,  stress  resultant  in  substrate 

[/,  shear  strain  energy  of  adhesive 

Xp  tensile  strength  of  patch  ply  in  fiber  direction 
X’p  compressive  strength  of  patch  ply  in  fiber  direction 
Yp  tensile  strength  of  patch  ply  in  transverse  direction 

Yp  knockdowned  tensile  strength  of  patch  ply  in 

transverse  direction 
y  axial  coordinate  of  joint 

z  transverse  coordinate  of  joint 

a  patch  tapered  angle 

thermal  coefficient  of  patch 
a,  thermal  coefficient  of  substrate 

P  stiffness  ratio  parameter 

AT  temperature  difference  between  operation  and  curing 
conditions 

r|  thermal  effect  parameter 

maximum  elastic  strain  of  adhesive 
y„^  maximum  failure  strain  of  adhesive 
6"*  maximum  stress  of  the  A:-th  failure  mode 

a  *ax  strength  allowable  of  the  k-ih  failure  mode 

cr/  yield  stress  of  substrate 

rSpp  axial  stress  in  patch 

CTj,,  axial  stress  in  substrate 

cSjp  transverse  normal  stress  in  patch 

transverse  normal  stress  in  substrate 
T„  shear  stress  in  adhesive 

fjj  shear  strength  of  adhesive 

x’ equivalent  maximum  shear  strength  of  adhesive 
x^pp  shear  stress  in  patch 

x^,^  shear  stress  in  substrate 

1.  INTRODUCTION 

Bonded  composite  patch  repair  is  a  developing  technology  that 
has  been  used  in  the  aerospace  industry  for  the  purpose  of 
enhancing  the  fatigue  resistance  of  structure  and  restoring  the 
stiffness  and  strength  of  damaged/cracked  structure,  see,  e.g., 
[1~3].  In  the  application  of  this  technology  to  aircraft 
structures,  the  design  and  analysis  of  bonded  patch  repair  are 
important  steps  [4].  Two  phases  are  involved  in  the  analysis  of 
a  patch  repair.  One  is  the  global  stress  analysis  which 
determines  the  effect  of  the  bonded  patch  on  the  global  stress 
redistribution.  This  is  usually  done  by  finite  element  methods 
for  complex  geometries  and  by  analytical  modeling  such  as  the 
hard  inclusion  analogy  [5]  for  simple  geometries.  The 
effectiveness  of  the  patch  on  reducing  the  stress  intensity  or 
concentration  factor  in  a  cracked  or  damaged  substrate  is  also 
examined  in  this  phase  of  the  work  [6].  The  other  phase  is  the 
local  stress  and  failure  analysis  of  the  joint  focusing  on  the 
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behavior  of  the  bondline.  This  latter  phase  is  the  subject  of  the 
present  paper. 

The  objective  of  the  present  work  is  to  develop  an  efficient 
analytical  model  for  the  stress  analysis  and  failure  prediction  of 
bonded  composite-to-metal  joints.  The  problems  under 
consideration  simulate  such  bonded  composite  patch  repairs  as 
fatigue  enhancement  and  crack  patching  [4].  The  model  must 
be  capable  of  dealing  with  patch  thickness  tapering, 
mechanical  and  thermal  stresses,  and  various  joint  failure 
modes  associated  with  the  patch  and  adhesive.  Emphasis  is 
placed  on  ease  of  use  in  a  PC  environment. 

Bonded  composite  joint  analysis  has  been  studied  quite 
extensively  and  capabilities  exist  from  simple  analytical 
models  to  complex  3D  finite  element  methods.  The  main 
advantages  of  analytical  approaches,  due  to  various 
assumptions,  include  the  efficiency  and  the  avoidance  of  the 
stress  singularities  at  the  bi-material  interfaces  so  that 
consistent  results  can  be  obtained,  see  the  original  work  of 
Goland  and  Reissner  [7].  The  efficiency  of  analysis  is  very 
important  in  the  stage  of  preliminary  design.  In  contrast, 
numerical  procedures  such  as  finite  element  methods  [8,  9], 
although  capable  of  dealing  with  various  material  and 
geometry  effects  on  the  joint  performance,  are  not  ideal  for 
parametric  studies  or  design  optimization  iterations, 
particularly  in  a  PC  environment,  because  of  the  requirement 
for  extensive  labor  and  computing  time.  In  addition,  numerical 
difficulties  may  arise  when  modeling  the  thin  layer  of  adhesive 
because  of  the  high  aspect  ratios  of  elements  and  the  stress 
singularities  at  the  bi-material  interfaces  may  cause 
inconsistent  results  from  models  of  various  meshes. 

In  1970’s  and  80’s,  Hart-Smith  proposed  a  series  of  analytical 
approaches  to  deal  with  various  material  behavior  and 
geometry  configurations  of  bonded  joints  [10~15].  The  work  by 
Hart-Smith  based  on  closed-form  solutions  and  the  associated 
PC  software  A4EI  [16]  have  been  widely  used  in  the  aerospace 
industry.  The  program  A4EI  predicts  load  transfer  between 
adherends  and  adhesive  and  shear  failure  strength.  Elastic- 
plastic  behavior  of  the  adhesive  has  been  taken  into  account. 
However  it  does  not  consider  the  interface  peeling  between 
adherends  and  adhesive  and  within  the  composite  adherend.  In 
addition,  the  data  input  phase  for  A4EI  involves  many  manual 
calculations  which  is  inconvenient,  particularly  for  joints  with 
a  tapered  thickness. 

Two  dimensional  stress  analysis  approaches  have  been 
proposed  by  Allman  [17],  Chen  and  Cheng  [1 8],  and  by  Adams 
and  Mallick  [19]  for  single-  or  double-lap  bonded  joints 
without  tapered  thickness.  These  two  dimensional  models  have 
good  accuracy  in  stress  calculations  including  the  effects  of 
bending,  stretching,  shearing  and  peeling  but  they  are 
cumbersome  in  theoretical  derivations  and  thus  in  computer 
implementations.  The  effects  of  different  assumptions  in 
several  analytical  approaches  were  discussed  by  Carpenter 
[20]. 

A  quasi  two  dimensional  model  has  recently  been  developed  at 
the  Institute  for  Aerospace  Research  [21].  The  conventional  ID 
beam  model  is  employed  for  calculating  the  load  transfer 
between  the  substrate  and  the  patch  via  the  adhesive.  After  the 
axial  normal  stresses  in  the  adherends  and  the  shear  stress  in 
the  adhesive  are  calculated,  a  general  two  dimensional  stress 
state  is  considered  for  both  the  substrate  and  the  patch.  By 
solving  the  two  dimensional  equilibrium  equations  and  using 


appropriate  boundary  conditions,  the  transverse  stresses  in  the 
substrate  and  patch  as  well  as  the  peel  stresses  on  the 
interfaces  are  determined.  With  these  stress  results  and 
appropriate  material  strength  allowables,  the  joint  failure  load 
is  predicted.  Safety  margins  are  determined  for  eight  typical 
failure  modes  which  are  substrate  yielding,  patch  fiber 
breaking  in  tension,  fiber  failing  in  compression,  adhesive 
shearing,  substrate-adhesive  peeling,  patch-adhesive  peeling, 
patch  interlaminar  peeling,  and  patch  interlaminar  shearing. 

In  the  discussion  below,  the  joint  configuration  and 
assumptions  are  first  described.  A  brief  outline  of  the  quasi-2D 
analysis  model  is  given.  Case  studies  and  parametric  studies 
are  conducted  and  some  conclusions  are  made. 

2.  JOINT  CONFIGURATION  AND  ASSUMPTIONS 

The  problems  under  consideration  originate  from  the  bonded 
composite  patch  repair  of  a  metallic  substrate  for  fatigue 
enhancement  and  crack  patching.  For  the  stress  analysis  along 
the  bondline,  a  strip  of  the  bonded  region  with  irait  width  is 
considered,  as  shown  in  Figure  1,  which  is  under  a  far  field 
tensile  or  compressive  load,  To.  The  joint  is  single-lap  in 
configuration,  symmetric  wilh  respect  to  the  mid-span  and  the 
bonded  region  consists  of  both  tapered  and  un-tapered 
portions.  The  distinction  between  fatigue  enhancement  and 
crack  patch  is  shown  in  Figure  1  by  a  vertical  dashed  line  at 
the  mid-span  of  the  substrate  which  demonstrates  a  central 
crack  in  the  case  of  crack  patching. 

The  half  length  of  the  bonded  region  is  b  and  the  distance  for 
the  tapered  portion  is  e.  The  substrate  is  of  uniform  thickness 
ts,  while  the  patch  has  a  tapered  thickness  specified  by  tp  and 
U  The  thickness  of  the  adhesive  is  G.  The  patch  tapering  is 
also  characterized  by  the  taper  angle  a. 

To  simplify  the  problem,  the  following  assumptions  are  made: 
(i)  the  materials  of  all  joint  members  are  linearly  elastic;  (ii) 
the  patch  fibers  are  uni-directional  along  the  loading  direction; 
(iii)  the  patch  and  substrate  are  perfectly  bonded  together;  (iv) 
the  adhesive  layer  is  so  thin  that  the  shear  stress  is  constant 
through  the  thickness;  and  (v)  the  secondary  bending  due  to 
load  eccentricity  is  ignored.  Tire  impact  of  these  assumptions  is 
discussed  in  later  sections. 

3.  QUASI-2D  ANALYTICAL  MODEL 
3. 1  Half  of  Joint  Model 

Because  of  the  symmetry,  only  half  of  the  joint  needs  to  be 
modeled.  The  applied  load  and  stress  resultants  acting  on  this 
half  model  are  shown  in  Figure  2.  For  fatigue  enhancement  the 
stress  resultants,  which  are  fimctions  of  coordinate  y,  will  be 
dependent  of  the  stiffness  ratio  between  the  substrate  and 
patch.  To  determine  these  stress  resultants,  the  symmetry 
conditions  are  used  which  are  written  as: 

Tp(y)=Tp(-y) 

Ts{y)=T,i-y)  (i<y<b 

where  L  and  Tp  are  the  stress  resultants  in  the  substrate  and 
patch,  respectively.  For  crack  patching  these  stress  resultants 
are  readily  determined  as: 
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7^(0  )=r„.  7;(0)=0  (2) 

Because  of  the  tapered  patch  thickness,  the  bonded  region  is 
divided  into  n  segments,  as  shown  in  Figure  3.  In  each  of  these 
segments,  the  patch  thickness  is  assumed  to  be  uniform, 
denoted  by  tpi,  in  order  to  derive  closed-form  solutions.  For 
accurate  computations,  a  relatively  small  length  is  used  for  the 
segments  close  to  the  edges  and  the  juncture  between  the 
tapered  and  un-tapered  portions 

3.2  Axial  Forces  and  Shear  Stress 

Consider  the  load  transfer  from  the  substrate  to  the  patch  via 
the  adhesive.  The  conventional  one  dimensional  model  is 
employed  which  simulates  the  adherends  as  one  dimensional 
beams  and  assumes  imiform  axial  stresses  in  the  cross 
sections.  The  axial  normal  stress  in  the  adhesive  is  ignored. 
Solving  the  differential  equations  established  for  the  i-th 
segment,  closed-form  solutions  are  obtained  for  the  axial  stress 
resultants  in  the  patch  and  substrate,  respectively,  as: 

r;  (^)=ci  Sinh(/?;  j;)+C'  Cosh(y9,  y)+ii  (3) 

Tl  iy)-T„ -ci  Sinh(/?;  j)-C'  Cosh(A-  y)-T]  (4) 

and  for  the  shear  stress  in  the  adhesive  as: 

<{y>Pi  [Ci  Cosh(A-  y)+ci  Sinh(^,.  y)]  (5) 

where 


ffjL  +  ^Ij2L  =  Q  ^'^xys  ^  ^<y‘zs 

dz  ’  3y  dz 

where  andcr^j  are  transverse  shear  and  normal  stresses  in 
the  substrate,  respectively. 

Integrating  Eqs.  (7)  with  respect  to  z  and  satisfying  the 
condition  that  Ty^^  andcr'y  vanish  at  the  bottom  face  (z  =  0)  of 

the  substrate,  the  transverse  shear  and  normal  stresses  in  the 
substrate  are  obtained  as: 

T‘y:siy,z)=^[ci  cosHfiiy)+c‘2smPiy)] 

h 

o<z<t, 

<Tliy,z)=-^[CiSmh(,fiiy)+ciCosh(fiiy)] 

Q<Z<ts 

It  is  seen  that  the  shear  stress  on  the  top  face  of  the  substrate  is 
identical  to  that  in  the  adhesive,  see  Eq.  (5).  The  peel  stress  on 
the  substrate-adhesive  interface  is  readily  obtained  from  Eq. 
(9)  as: 

pL(F)=-^[CiSinh(>^.3')+C'Cosh(AF)]  (10) 

In  a  similar  procedure,  the  transverse  shear  and  normal  stresses 
in  the  patch  are  derived  as: 


1 


Pi=—i- 

ta 


Ep  t  pi 


»7=- 


—  {a,-a„)AT 


(6) 


and  Es  and  U  denote  the  Young’s  modulus  and  thickness  of  the 
substrate,  Ep  and  tp  are  the  elastic  modulus  in  the  fiber 
direction  and  the  thickness  of  the  patch,  respectively,  Ga  is  the 
shear  modulus  of  adhesive,  Os  and  Up  are  the  thermal 
coefficients  of  the  substrate  and  patch,  respectively,  and  AT  is 
the  temperature  difference  between  the  operating  and  curing 
conditions. 


The  two  constants  in  Eqs  (3~5),  Cj  and  Cz,  are  to  be 
determined  by  the  boundary  conditions  at  the  ends  of  the 
segment.  For  a  division  of  n  segments,  there  are  2n  constants 
to  be  determined.  Using  the  boundary  conditions  at  the  two 
ends  of  the  joint  and  the  continuity  conditions  at  the  junctures 
of  segments,  a  recurrence  process  is  established,  see  Ref.  [21] 
for  details. 


Cosh(;^.  j;)+C' Sinh(yS;  y)], 
Zpi 

0<z<tpi 

(11) 

[c;  Sinh(yg;  j;)+C- Cosh(y^.  y)], 

ztpi 

0<z<tpi 

(12) 

These  stresses  satisfy  the  vanishing  conditions  on  the  top  face 
of  the  patch.  Also  the  shear  stress  on  the  bottom  face  of  the 
patch  is  identical  to  that  in  the  adhesive,  see  Eq.  (5).  On  the 
same  face,  the  transverse  normal  stress  in  the  patch  is  the  same 
as  the  peel  stress  on  the  patch-adhesive  interface  which  is 
obtained  as: 


[C'Sinh(,fl].>-)+C‘Cosh(y3;j;)] 


(13) 


3.3  Transverse  Stresses  in  Patch  and  Peel  Stresses 

Consider  now  the  transverse  stresses  in  the  substrate  and 
patch.  The  major  concerns  are  the  peel  stresses  on  the 
substrate-adhesive  and  patch-adhesive  interfaces  and  the 
transverse  stresses  in  the  patch.  Consider  the  substrate  first. 
Assume  a  general  2D  stress  state  which  satisfies  the  following 
equilibrium  equations: 


Note  the  difference  in  the  peel  stresses  on  the  two  interfaces 
due  to  the  adhesive  shear  stress.  That  is  the  peeling  failure  of  a 
bonded  joint  under  load  can  be  either  substrate-adhesive  or 
patch-adhesive  separation.  Eqs.  (3~5,  8~13)  are  the  analytical 
solutions  for  a  representative  segment.  Running  through  /  =  1, 
2,  ...,  n,  the  solutions  for  the  whole  bonded  region  are 
obtained. 
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3.4  Failure  Loads  and  Modes 


With  the  stress  solutions  at  hand,  the  failure  load  of  the  bonded 
joint  can  now  be  predicted  against  the  strength  allowables  of 
the  joint  member  materials.  Since  the  quasi-2D  model 
developed  is  capable  of  calculating  all  stress  components  of 
concern,  eight  different  failure  modes  are  considered. 
Associated  with  these  failure  modes  is  the  margin  of  safety 
which  is  defined  as: 


Si  =1 


(14) 


where  and  ^  *  are  the  maximum  stress  and  the  strength 
allowable,  respectively,  corresponding  to  the  A:-th  failure  mode. 
The  value  of  S^  represents  the  degree  of  safety  of  the  joint 

under  the  applied  load.  A  negative  value  of  S^  indicates  that 
the  joint  has  exceeded  the  strength  allowable  and  has  therefore 
“failed”. 


For  the  purpose  of  convenience,  the  failure  prediction  in  the 
present  discussion  is  constrained  to  the  cases  with  applied  load 
To  alone.  The  failure  load  of  the  joint  to  be  predicted  is  the 
maximum  applied  load  (To)mm  that  the  joint  can  carry  without 
failure.  The  eight  failure  modes  are  examined  below: 


t  Pzp  /max  Pzp  ^  ,  i  \  if 

^  Pzp  -'max  ^  ^  0 


(20) 


(vii)  patch  interlaminar  peeling  when  the  transverse  normal 
stress  in  a  patch  ply  is  in  tension  and  exceeds  the  matrix 
tensile  strength  of  a  ply  Yp. 

(a'  )  =Y  ^  ^ _  (21) 

I  ^zp  -'max  ^  0 


(viii)  patch  interlaminar  shearing  when  the  shear  stress  in  a 
patch  ply  exceeds  the  matrix  shear  strength  of  a  ply  Sp\ 


i<zn) 


_  c 

yzp  -'max  ^p 


jPH  _ 


(  '^vw  )max  ^ 


(22) 


The  actual  joint  failure  load  and  mode  are  determined  by  the 
minimum  of  the  values  from  Eqs.  (15-22),  that  is: 


Ti  =Min{rr.  r/''-' ,  r/'""  ,rr ,  K‘',Tr } 


^PFT  rpPFC  T^AS  r^SA  rpPA  rpPP  fPS- 

‘  o 

(23) 

3.5  Failure  Strength  Allowables 


(i)  substrate  yielding  when  the  maximum  axial  normal  stress  in 
substrate  exceeds  its  yielding  strength  o/: 


(‘^'v.)r 


pSY  _ 

•*  /I  '  “ 


(15) 


(ii)  patch  fiber  breaking  in  tension  when  the  axial  normal 
stress  in  patch  is  in  tension  and  exceeds  the  tensile  strength  of 
a  ply  in  the  fiber  direction  Xp'. 


(cr‘) 


Y 

yp  ^  max 


Xr 


(16) 


It  is  noted  that  joint  failure  predictions  rely  on  the  strength 
allowables  associated  with  various  failure  modes  and  are 
affected  by  many  factors.  Ideally  all  the  strength  allowables 
should  be  obtained  from  test  work  conducted  specifically  for 
the  joint  materials  and  configuration  under  consideration. 
Unfortunately  this  kind  of  test  data  is  not  readily  available. 
Most  analytical  work  uses  manufacturer  suggested  values. 
These  values  are  generated  from  idealized  test  specimens  and 
conditions  which  may  be  different  from  those  of  a  joint. 
Therefore  discrepancies  occur  between  analysis  and  test 
results.  To  pursue  accurate  predictions,  some  failure  criteria 
need  to  be  modified. 

3. 5. 1  Equivalent  adhesive  shear  properties 


(iii)  patch  fiber  failing  in  compression  when  the  axial  normal 
stress  in  the  patch  is  in  compression  and  exceeds  the 
compressive  strength  of  a  ply  in  the  fiber  direction  X’p. 


^PFC 


X\ 


(17) 


(iv)  adhesive  shearing  when  the  shear  stress  in  the  adhesive 
exceeds  its  shear  strength  : 


(  )max 


'^AS 


(18) 


Adhesive  shearing  is  one  of  the  most  common  failure  modes 
predicted  for  a  bonded  joint.  It  has  been  realized  that  the 
adhesive  shear  failure  strength  predicted  by  pure  elastic 
analysis  is  well  below  the  actual  failure  strength  because  of  the 
elastic-plastic  behavior  of  the  adhesive.  To  take  into  account 
the  adhesive  plasticity  without  losing  the  simplicity  of  an 
elastic  analysis,  a  shear  failure  criterion  based  on  the  shear 
strain  energy  is  employed.  Consider  an  elastic-pure  plastic 
behavior  for  the  adhesive,  as  shown  by  line  OAB  in  Figure  4. 
The  energy  criterion  states  that  the  adhesive  fails  when  the 
shear  strain  reaches  its  maximxun.  In  this  case,  the  maximum 
strain  energy  is  the  area  xmder  line  OAB  in  Figure  4  which  can 
be  written  as: 


(v)  substrate-adhesive  interface  peeling  when  the  peel  stress  on  ^ 

this  interface  exceeds  the  corresponding  peeling  strength  p^^ :  U ^  ~  2  max  “Xe  7e  (24) 


^Pzs  )max  -Pz. 


'T'SA 
^  o 


(PzJmax/ro 


(19) 


(vi)  patch-adhesive  peeling  when  the  peel  stress  on  this 
interface  exceeds  the  corresponding  peeling  strength  : 


where  and  ymax  are  the  elastic  and  failure  shear  strain  of  the 
adhesive,  respectively.  An  equivalent  elastic  behavior  is  then 
assumed  for  the  adhesive  described  by  line  OC  in  Figure  4 
with  which  the  adhesive  has  the  same  amount  of  shear  strain 
energy  at  the  failure  state.  That  is  the  area  under  line  OC  is 
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equal  to  that  under  line  OAB.  Based  on  this,  an  effective  shear 
modulus  of  the  adhesive  can  be  derived  as: 

(25) 

7  max  7  max 

and  the  equivalent  maximum  failure  shear  stress  is  determined 
as: 

^max  ”  ^ a  7 max 

This  effective  maximum  shear  stress  is  used  in  Eq.  (18)  for 
adhesive  shear  failure  mode  replacing  .  Equation  (15)  is  a 
maximum  shear  stress  criterion,  it  is  now,  with  this 
replacement,  a  maximum  strain  criterion.  It  has  been  realized 
that  for  ductile  adhesives,  the  maximum  strain  criterion  gives 
more  accurate  predictions  than  the  maximum  stress  criterion 
[22]. 

3.5.2  Knockdown  factor  for  patch  matrix  properties 
Great  variations  exist  in  the  strength  allowables  of  composite 
patches.  For  a  cocured  patch  repair,  these  allowables, 
particularly  for  matrix  failure,  can  be  reduced  by  as  much  as 
40%  from  those  in  manufacturer’s  specifications  [23], 
Therefore  a  knockdown  factor  is  employed  in  this  work  for  the 
matrix  tensile  and  shear  strength  allowables  of  the  patch,  i.e. 

Y;  =  KfYp,  S*p=KjSp  (27) 

The  value  of  the  knockdown  factor  K/  is  to  be  determined  case 
by  case.  The  factored  matrix  tensile  strength  allowable  is  also 
used  for  the  interface  peeling  failure  prediction  in  this  paper 
because  the  peeling  strength  allowables  are  not  available. 

4.  CASE  STUDIES 

The  above  analytical  approaches  for  stress  analysis  and  failure 
prediction  of  bonded  joints  have  been  evaluated  through  case 
studies. 

4.1  Fatigue  Enhancement  Under  Compression 

This  is  a  fatigue  enhancement  case  simulating  the  test  work 
presented  in  [23]  with  a  cocured  patch.  The  substrate  was 
Aluminum  7075-T651  with  a  uniform  thickness.  The  patch 
was  fabricated  with  23  plies  of  uni-directional  Textron  5521/4 
boron  prepreg  with  a  single  ply  drop-off  and  a  1.25°  taper 
angle.  Two  layers  of  an  epoxy  nitrile  structural  adhesive  — 
Cytec  FM73M  OST,  were  used  to  bond  the  patch  in  place.  The 
joint  was  under  an  axial  compressive  stress  of  -67  Ksi.  This  is 
equal  to  the  yield  strength  of  the  substrate,  that  is,  the 
substrate  under  this  load  will  be  in  a  yield  state.  Since 
substrate  yield  is  not  a  catastrophic  failure  mode,  the 
discussions  below  will  focus  on  other  failure  modes  associated 
with  the  patch  and  adhesive.  The  geometry  data  of  the  joint 
are:  b  =  5.49  in,  e  =  4.49  in,  U  =  0.334  in,  ta  =  0.018  in,  tp  = 
0.1196  in,  te  =  0.0052  in.  Material  properties  from  [23]  are 
listed  in  Table  1. 

The  stresses  along  the  bondline  calculated  using  the  baseline 
material  properties  listed  in  Table  1  are  displayed  in  Figure  5 
and  Figure  6,  respectively.  The  most  critical  location  is  at  or 
close  to  the  tapered  edge  where  high  stress  concentrations 


occur  and  the  possible  failure  modes  are  adhesive  shearing, 
patch  matrix  shearing,  and  patch  fiber  failure  as  well  as 
substrate  yielding.  The  interfacial  peeling  is  not  a  problem  in 
this  case  because  of  the  edge  tapering.  The  thermal  residual 
stresses  after  curing  due  to  the  thermal  mismatch  between  the 
substrate  and  patch  have  unfavorable  effects  on  the  possible 
failure  modes  associated  with  the  patch  and  adhesive.  The 
effects  of  the  thermal  stresses  would  be  reversed  if  the  applied 
load  were  in  tension,  as  demonstrated  in  Figure  7  and  Figure  8. 


Table  1.  Material  properties 


To  examine  how  the  material  properties  affect  the  failure 
behavior  of  the  same  joint,  stresses  are  calculated  and  the 
safety  margins  associated  with  various  failure  modes  are 
determined.  Three  material  property  options  are  used: 

1 )  the  baseline  properties, 

2)  effective  adhesive  properties  without  knockdown  of  the 
patch  properties,  and 

3)  effective  adhesive  properties  with  a  knockdown  factor  of 
0.6  for  the  patch  properties. 

The  results  are  shown  in  Table  2.  It  is  seen  that  only  the 
analysis  using  the  material  property  option  3  predicts  matrix 
shearing  in  the  patch  as  the  dominant  failure  mode.  This  agrees 
with  the  experimental  observations  [23]  and  indicates  the 
necessity  of  using  effective  adhesive  properties  in  a  simple 
elastic  analysis  and  knocking  down  the  patch  properties.  It  is 
also  noted  in  Table  2  that  patch  fiber  failure  in  compression 
can  be  a  potential  mode  since  the  safety  margin  of  this  mode  is 
significantly  lower  than  those  of  other  modes.  This  is  because 
of  the  high  compressive  stress  in  the  patch  ply  close  to  the 
tapered  edge,  see  Figure  5. 


Table  2.  Safety  margins  of  fatigue  enhancement 


Failure  mode 

Material  properties 

option  1 

option  2 

option  3 

substrate  yield 

0.00 

0.00 

0.00 

adhesive  shear 

(-0.96) 

(0.26) 

0.26 

patch-adhesive  peel 

0.96 

0.97 

0.95 

substrate-adhesive  peel 

1.00 

1.00 

1.00 

patch  matrix  peel 

0.96 

0.97 

0.95 

patch  matrix  shear 

0.34 

0.55 

(0.24) 

patch  fiber  in  tension 

1.00 

1.00 

1.00 

patch  fiber  in  compression 

0.28 

0.40 

0.40 

4.2  Crack  Patching  Under  Tension 

For  the  same  joint  materials  and  geometry  configuration, 
assume  a  central  crack  existing  in  the  substrate  which  is 
subject  to  an  axial  tensile  stress  of  67  Ksi.  This  is  a  case  called 
crack  patching.  The  stresses  along  the  bondline  calculated 
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using  the  baseline  material  properties  are  displayed  in  Figure  9 
and  Figure  10,  respectively.  It  is  seen  that  in  this  case,  the 
most  critical  location  is  at  the  crack  surface  rather  than  at  the 
tapered  edge  as  in  the  fatigue  enhancement  application 
discussed  above  because  there  is  no  edge  tapering  at  the  crack 
location.  The  possible  failure  modes  are  adhesive  shearing, 
patch  matrix  shearing,  patch  fiber  failure  in  tension,  patch- 
adhesive  interface  peeling,  and  substrate-adhesive  peeling  if 
the  substrate  yielding  is  not  considered.  The  thermal  residual 
stresses  after  curing  due  to  the  thermal  mismatch  between  the 
substrate  and  patch  have  mixed  effects  on  the  possible  failure 
modes.  While  the  axial  stress  in  the  patch  and  the  substrate- 
adhesive  peel  stress  are  reduced  due  to  the  thermal  mismatch, 
other  stresses  are  increased. 

Similarly  the  safety  margins  associated  with  various  failure 
modes  are  determined  using  the  three  material  property 
options.  The  results  are  shown  in  Table  3.  Again,  the  patch 
matrix  shearing  is  predicted  as  the  dominant  failure  mode 
when  the  material  option  3  is  used.  Patch  fiber  failure  in 
tension  is  predicted  as  a  very  possible  mode  using  all  the  three 
material  options. 


Table  3.  Safety  margins  of  crack  patching 


Failure  mode 

Material  properties  | 

option  1 

option  2 

option  3 

substrate  yield 

0.00 

0.00 

0.00 

adhesive  shear 

(-2.46) 

(-010) 

-0.10 

patch-adhesive  peel 

0.60 

0.81 

0.69 

substrate-adhesive  peel 

0.75 

0.92 

0.87 

patch  matrix  peel 

0.60 

0.81 

0,69 

patch  matrix  shear 

-0.16 

0.32 

(-0.13) 

patch  fiber  in  tension 

0.03 

0.03 

0.03 

patch  fiber  in  compression 

1,00 

1.00 

1.00 

5.  PARAMETRIC  STUDIES 

The  behavior  of  a  bonded  joint  is  dependent  of  various 
parameters  related  to  the  materials  and  geometry 
configurations.  The  quasi-2D  model  can  be  used  for  material 
selection  and  for  parametric  studies.  This  section  is  devoted  to 
discussions  of  several  parametric  studies. 

5.1  Effects  of  Edge  Thickness  te 

Consider  the  case  of  fatigue  enhancement  under  compression 
and  examine  the  effects  of  the  edge  thickness  te  on  the  axial 
stress  in  the  patch  and  the  shear  stress  in  the  adhesive.  The 
design  variable  te  varies  in  the  range  of  0  <te<tp  ,  while  other 
parameters  remain  unchanged.  The  axial  stress  in  the  patch 
and  the  adhesive  shear  stress  are  plotted  in  Figure  11  and 
Figure  12,  respectively.  It  is  seen  that  while  the  maximum 
axial  compressive  stress  in  the  patch  decreases  as  the  edge 
thickness  becomes  larger,  the  maximum  shear  stress  in  the 
adhesive  as  well  as  in  the  patch  increases  by  a  similar 
percentage.  The  optimum  value  of  te  should  be  determined  by 
considering  all  stresses  of  concern.  This  is  discussed  below. 

5.2  Failure  Loads  and  Modes  of  Fatigue  Enhancement 

Parametric  studies  with  respect  to  the  failure  loads  and  modes 
are  conducted  by  taking  the  edge  thickness  te  and  the  tapered 
distance  e  as  the  design  variables.  For  convenience  of  this 


discussion,  thermal  stresses  have  not  been  considered  in 
calculating  the  failure  loads  and  determining  the  modes. 

The  edge  thickness  te  and  the  tapered  distance  e  vary  in  the 
ranges  of  0<te  <  tp  and  0.1  b  <  e  <  0.99  b,  respectively.  The 
failure  loads  and  modes  for  the  case  of  fatigue  enhancement 
under  compression  discussed  in  4.1.  are  determined  using  the 
material  property  option  3  and  are  shown  in  Table  4.  The 
numbers  in  the  parenthesis  indicate  the  failure  mode  as 
discussed  in  Section  3.3.  The  substrate  yielding  is  not  included 
in  the  results  because  it  is  not  a  catastrophic  failure  mode  as 
mentioned  earlier.  It  is  seen  that  the  joint  may  fail  in  patch- 
adhesive  interface  peeling  when  the  tapered  distance  and  the 
edge  thickness  are  small,  while  the  dominant  failure  mode  of 
the  joint  in  most  of  the  cases  is  patch  matrix  shearing.  The 
results  are  also  shown  graphically  in  Figure  13.  The  failure 
load  increases  with  the  edge  thickness  when  the  tapered 
distance  is  relatively  small  (below  20%  of  the  half  length  of 
the  joint).  This  trend  is  reversed  when  the  tapered  distance 
becomes  larger  than  about  20%  of  the  half  length  of  the  joint, 
'fhe  highest  failure  load  of  41.6  k-lb/in  in  compression  is 
achieved  when  the  tapered  distance  e  reaches  the  half  length  of 
the  joint  with  the  patch  thickness  tapered  down  to  one  ply  of 
fibers  at  the  edge. 

A  similar  parametric  study  has  been  conducted  for  the  case  of 
fatigue  enhancement  with  a  thinner  full  patch  thickness,  i.e,,  tp 
=  12  plies  of  fibers.  The  full  patch  thickness  is  usually 
determined  by  the  required  degree  of  enhancement.  This  study 
examined  the  behavior  of  different  patch  thicknesses.  The 
predictions  of  the  failure  loads  and  modes  are  shown  in  Table 
5  and  the  change  trends  of  the  failure  load  with  the  tapered 
distance  e  and  the  edge  thickness  te  are  graphically  shown  in 
Figure  14.  It  is  seen  that  when  the  tapered  distance  is  small, 
the  failure  load  is  not  sensitive  as  the  edge  thickness  changes, 
but  when  the  tapered  distance  is  large,  a  thin  edge  thickness  is 
required  for  a  strong  joint.  It  is  also  noted  that  the  highest 
failure  load  in  this  case  is  43.9  k-lb/in  in  compression  which  is 
larger  than  that  for  the  above  case.  This  is  because  less  load  is 
transferred  from  the  substrate  to  the  patch  via  adhesive  in  a 
joint  with  a  thinner  patch.  In  general,  joint  failure  load 
increases  with  the  full  patch  thickness  tp  when  it  is  relatively 
thin  (less  than  10  plies  in  this  case),  as  shown  in  Figure  15. 
However  when  the  patch  thickness  is  increased  (more  than  10 
plies  in  this  case),  the  failure  load  decreases  with  tp.  Further 
increase  of  the  patch  thickness  will  have  unfavorable  effects 
from  the  joint  failure  point  of  view.  It  is  also  noted  in  Figure 
15  that  the  tapered  angle  a,  which  gives  the  maximum  failure 
load,  is  about  1,1  degrees  when  the  full  patch  thickness  is 
greater  than  10  plies. 

6.  CONCLUSIONS 

Stress  and  failure  analysis  of  bonded  composite-to-metal  joints 
are  discussed  in  this  paper.  The  development  of  a  quasi  two 
dimensional  model  for  the  analysis  is  outlined.  The  salient 
features  of  this  model  include  an  ability  to  (i)  handle  tapered 
composite  patches,  (ii)  calculate  interface  peel  stresses  and 
transverse  stresses  in  the  patch  as  well  as  adhesive  shear 
stress,  (iii)  determine  thermal  residual  stresses  after  curing  due 
to  thermal  mismatch,  and  (iv)  predicte  joint  failure  load  and 
safety  margin  for  eight  typical  modes.  Because  of  the  closed- 
form  solutions  in  the  model,  parametric  studies  can  be  carried 
out  efficiently  on  the  joint  failure  load  with  respect  to  materials 
and  geometry  configurations.  Equivalent  shear  properties  of  the 
adhesive  have  been  examined  in  order  to  account  for  the 
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plastic  behavior  using  an  elastic  analysis.  In  addition,  the 
degradation  of  patch  matrix  properties  is  discussed. 

Case  studies  and  parametric  studies  were  conducted  for  fatigue 
enhancement  and  crack  patching  applications  using  different 
material  property  options.  Some  conclusions  can  be  drawn 
from  these  studies. 

(i)  In  the  case  of  fatigue  enhancement  imder  compression,  the 
most  critical  location  is  at  the  tapered  edge  and  the 
possible  failure  modes  are  adhesive  shearing,  patch 
matrix  shearing,  and  patch  fiber  failure.  The  thermal 
residual  stresses  have  unfavorable  effects  on  these  failure 
modes. 

(ii)  Predictions  of  failure  load  and  mode,  particularly  the 
dominant  failure  mode,  are  dependent  of  the  selection  of 
material  property  options.  The  equivalent  adhesive  shear 
properties  result  in  higher  failure  load  which  is  more 
realistic.  The  knockdown  of  the  patch  matrix  properties  is 
necessary  particularly  when  the  edge  thickness  is  small. 

(iii)  In  the  case  of  crack  patching  under  tension,  the  most 
critical  location  is  at  the  crack  edge  rather  than  the 
tapered  edge.  The  possible  failure  modes  are  adhesive 
shearing,  patch  matrix  shearing,  and  patch  fiber  failure  in 
tension,  patch-adhesive  peeling,  and  substrate-adhesive 
peeling.  The  thermal  residual  stresses  have  mixed  effects. 
The  dominant  failure  mode  is  patch  matrix  shearing  if  the 
equivalent  adhesive  properties  and  the  degraded  patch 
matrix  properties  are  used. 

(iv)  Tapered  patch  thickness  is  desirable  to  reduce  the  shear 
stress  concentration  at  the  tapered  edge.  However  a  thin 
edge  thickness  may  result  in  high  axial  tensile  or 
compressive  stress  in  patch  plies  close  to  the  edge. 

(v)  Appropriate  edge  thickness,  tapered  distance  and  full 
patch  thickness  need  to  be  determined  by  considering  all 
stresses  of  concern.  The  full  patch  thickness  is  usually 
determined  by  the  amount  of  enhancement  required  and, 
in  general,  the  maximum  joint  failure  load  is  achieved  at 
an  edge  thickness  of  one  ply  of  fibers.  Therefore  the 
tapered  distance  is  a  key  variable  specifying  the  taper 
angle  in  the  design  of  an  optimum  bonded  joint.  In  the 
case  of  the  fatigue  enhancement  application  discussed 
above,  the  best  taper  angle  is  about  1.1  degrees. 

Three  issues  require  further  examination;  (i)  bending  effects 
due  to  load  eccentricity,  (ii)  elastic-plastic  behavior  of 
adhesive,  and  (iii)  debonding  at  the  joint  extremities. 
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Table  5.  Failure  loads  (k-lbAn)  and  modes  of  fatigue  enhancement  ( tp  =  12  plies  ) 


Axial  stresses  In  adherends  f<$/) 
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Figure  1.  A  composite-to-metal  joint  with  tapered  edges 


The  i-th  segment 


^tpi 

1^4 


Vi  ^ 

Figure  3.  Segmentation  of  bonded  region 


Figure  4.  Effective  shear  behavior  of  adhesive 


Distance  from  center  of  Joint  [In] 


Figure  3.  Axial  stresses  along  bondline  in  adherends  of 
fatigue  enhancement  under  compression 


Figure  6.  Shear  and  peel  stresses  along  bondline  of  fatigue 
enhancement  under  compression 
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Figure  7.  Axial  stresses  along  bondline  in  adherends  of 
fatigue  enhancement  under  tension 
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Figure  8.  Shear  and  peel  stresses  along  bondline  of  fatigue 
enhancement  under  tension 


Distance  from  center  of  Joint  [In) 


Figure  9.  Axial  stresses  along  bondline  in  adherends  of 
crack  patching  under  tension 


Figure  10.  Shear  and  peel  stresses  along  hondline  of  crack 
patching  under  tension 


Distance  from  center  of  joint  [In) 


Distance  from  center  of  Joint  (In) 


Figure  11.  Effects  of  edge  thickness  on  axial  stress  in  patch 
of  fatigue  enhancement  under  compression 


Figure  12.  Effects  of  edge  thickness  on  shear  stress  in 
adhesive  of  fatigue  enhancement  under  compression 
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Figure  13  Failure  load  of  fatigue  enhancement  under  compression  (tp  =  23  plies  ) 
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Figure  14  Failure  load  of  fatigue  enhancement  under  compression  (  /„  =  12  plies  ) 
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SUMMARY 

The  performance  of  carbon  fibre  /  epoxy  repair  joints 
bonded  with  an  epoxy  film  adhesive,  under  static  and 
fatigue  loading  has  been  investigated.  The  joints  have 
been  immersed  in  water  at  50°C  for  a  period  of  16 
months  and  the  effect  of  the  hot/wet  environment  on  the 
static  and  fatigue  strengths  was  evaluated.  In  addition, 
residual  strength  tests,  i.e.  static  tests  of  pre-fatigued 
repair  joints  were  performed.  The  mechanical  properties 
of  the  substrate  and  the  adhesive  forming  the  joint  were 
also  determined.  Apart  from  the  experimental  study,  it 
was  also  desirable  to  determine  a  failure  criterion  which 
will  accurately  predict  the  experimental  strength  of  this 
joint.  A  parallel  study  on  double  lap  joints  prepared  from 
the  same  substrate  and  adhesive  as  the  repair  joints,  was 
performed.  Static  tests  on  lap  joints  of  various  overlap 
lengths  were  conducted.  The  experimental  failure  loads 
were  used  in  conjunction  with  finite  element  analysis  to 
examine  the  validity  of  proposed  failure  criteria. 

1 .  INTRODUCTION 

The  use,  development  and  understanding  of  adhesive 
joints  has  been  continually  growing  during  the  last  50 
years  due  to  the  many  advantages  they  offer  compared 
with  other  techniques  for  fastening  materials.  However, 
there  is  a  great  concern  about  possible  performance 
degradation  when  the  joints  are  subjected  to  a  hot/wet 
environment.  In  the  current  study,  the  fatigue  as  well  as 
the  static  performance  of  environmentally  conditioned 
repair  joints  is  examined.  In  addition,  there  is  a  great 
need  for  a  failure  criterion  to  be  developed  for  use  in 
design.  For  the  criterion  to  be  of  any  use,  it  has  to  be 
applicable  to  a  wide  range  of  joint  geometries  and 
materials.  In  the  current  research  programme,  it  was 
decided  to  test  both  repair  and  double  lap  joints.  The 
intention  is  that  the  failure  criterion  has  to  successfully 
predict  the  experimental  failure  loads  for  both 
geometries.  The  stress  analysis  is  performed  with  the  aid 
of  the  ABAQUS  Finite  Element  software  package 
(Ref.  1). 

EXPERIMENT  AI. 

In  this  section,  the  details  of  specimen  geometries  and 
test  methods  are  first  given,  followed  by  the 
experimental  results. 

2. 1  Test  methods 

The  materials  used  throughout  were  Ciba  Geigy  carbon 


fibre  /  epoxy  composite  (T300/914)  and  epoxy  film 
adhesive  (Redux  319).  The  effect  of  the  hot/wet 
environment  on  the  performance  of  the  repair  joints  was 
studied  by  immersing  the  specimens  in  distilled  water 
heated  at  50°C  for  various  periods. 

The  repair  specimen  geometry  is  shown  in  Figure  1 .  One 
of  the  adherends,  i.e.  the  parent,  was  precured  according 
to  the  manufacturer’s  specifications.  This  represents  the 
original  material  that  has  undergone  damage  and  is  in 
need  of  repair.  After  autoclave  curing,  the  parent  plate 
was  machined  at  an  angle  of  2°,  sanded  and  degreased. 

The  adhesive  and  the  other  adherend,  i.e.  the  repair,  were 
then  co-cured  under  vacuum  pressure  only,  simulating  a 
typical  repair  procedure  used  in  industry.  The  lay-up  of 
the  repair  is  such  that  the  same  slope  (1:30)  is  obtained. 
The  lay-up  of  the  parent  and  the  repair  was  quasi¬ 
isotropic,  (±45/0/90)2s,  with  two  extra  adhesive  layers 
and  two  0°  plies  on  the  upper  and  lower  surfaces  of  the 
repair  joint.  The  adhesive  thickness  was  0.17  mm  and 
the  joint  width  was  25  mm. 

The  composite  adherends  of  the  double  lap  joints  had  a 
unidirectional  lay-up  and  were  cured  in  an  autoclave 
according  to  the  manufacturer’s  specifications.  The  joints 
were  symmetric,  i.e.  the  thickness  of  the  outer  adherends 
was  half  the  thickness  of  the  central  adherend,  as  shown 
in  Figure  2.  The  central  adherend  thickness  was  4  mm, 
the  adhesive  thickness  was  0.1  mm  and  the  joint  width 
was  20  mm.  The  areas  of  the  composite  panels  to  be 
bonded  were  sanded  and  degreased  prior  to  bonding. 

Dumbbell  specimens,  0.25  mm  thick  and  7  mm  wide, 
were  used  to  measure  the  tensile  properties  of  the  film 
adhesive.  Thick  -  adherend  lap  -  shear  specimens  (Ref.  2) 
were  also  manufactured  to  enable  measurement  of  the 
shear  properties  of  the  adhesive.  Steel  substrates  of 
dimensions  110  x  25  x  6.5  mm  were  used.  The  glue  line 
thickness  was  0. 1  mm  and  the  length  of  the  lap  test 
section  was  5  mm. 

The  longitudinal,  transverse  and  shear  properties  of  the 
unidirectional  composite  were  obtained  from  tensile  tests 
on  coupon  specimens,  as  specified  by  the  CRAG  test 
methods  (Ref.  3).  Composite  coupon  specimens  of 
quasi-isotropic  layup  were  also  made.  These  were  tested 
in  fatigue,  so  that  a  comparison  could  be  made  between 
the  performance  of  the  repair  joint  and  the  parent 
material. 

For  reasons  which  will  be  obvious  in  a  later  section  of 
this  paper,  the  failure  locus  of  the  adhesive  had  also  to  be 
determined.  For  this.  Mode  I  (opening)  and  Mode  II 
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(shear)  Double  Cantilever  Beam  (DCB)  tests  are  needed 
(Ref.  2).  Once  the  critical  Mode  I  (Gjc)  and  Mode  II 
(Gjic)  strain  energy  release  rates  are  determined,  the 
failure  locus  can  be  approximated  with  a  straight  line 
passing  through  the  two  points  (Ref.  10).  DCB  joints 
were  prepared  with  2  mm  thick  unidirectional  carbon 
fibre  epoxy  substrates.  The  glue  line  thickness  was  0.1 
mm  and  the  joint  width  was  20  mm.  A 
polytetrafluoroethylene  film  of  12.5  pm  thickness  was 
inserted  between  the  two  substrates  at  one  edge  of  the 
joint  before  curing  to  act  as  a  starter  crack.  After  curing, 
two  aluminium  end  blocks  were  bonded  on  the  sides  of 
the  specimen  which  provided  the  means  for  applying  the 
load.  Finally,  one  edge  of  the  specimen  was  coated  with 
a  white  typewriter  correction  fluid  and  fine  marks  were 
inscribed  at  5  mm  intervals.  This  enabled  monitoring  of 
the  crack  length  during  the  test. 

All  static  tests  were  performed  using  an  INSTRON 
tensile  testing  machine  at  a  constant  crosshead  rate. 
Extensometers  were  used  to  record  the  displacement  of 
the  joints,  dumbbells  and  transverse  composite  test 
specimens.  Strain  gauges  were  used  for  the  longitudinal 
and  shear  composite  tests.  The  fatigue  experiments  were 
performed  under  tensile  load  control,  at  a  frequency  of  5 
Hz  and  a  stress  ratio  of  0. 1 ,  using  a  servo-hydraulic 
fatigue  machine. 

2.2  Results 

Typical  tensile  stress  -  strain  curves  obtained  from  the 
“dry”  adhesive  dumbbells  are  shown  in  Figure  3.  The 
results  from  all  series  of  tests,  i.e.  “dry”  and 
“conditioned”  are  tabulated  in  Table  I.  By  comparing  the 
results,  it  is  apparent  that  there  is  no  significant  change 
in  the  Young’s  modulus  and  0.1%  offset  yield  stress  and 
strain.  However,  a  notable  decrease  is  observed  in  the 
ultimate  tensile  stress  and  strain  to  failure  of  conditioned 
samples. 

Figure  4  shows  the  shear  stress  vs.  shear  strain  curve  as 
obtained  from  the  thick  -  adherend  lap  -  shear  tests. 

Tests  on  “dry”  joints  only  were  performed. 

Tables  II,  III,  IV  show  the  longitudinal,  transverse  and 
shear  properties  of  the  unidirectional  composite.  In  Table 
II,  there  are  no  changes  observed  as  a  result  of 
conditioning.  This  was  expected  since  the  longitudinal 
properties  are  governed  by  the  carbon  fibres  which  should 
not  be  affected  by  conditioning  in  water.  The  transverse 
properties  are  also  unaffected.  The  shear  properties  show 
a  noticeable  increase  in  strength  and  failure  strain  after 
the  4  month  conditioning  period.  This  was  also  observed 
by  Joshi  (Ref.  5)  who  suggested  that  the  reason  for  this 
increase  could  be  related  to  the  release  of  residual  strains 
induced  during  the  cooling  of  the  composite  from  its  cure 
temperature. 

The  static  test  results  of  the  repairs  are  shown  in  Table 
V.  A  small  increase  in  the  failure  load  was  observed  in 
the  "4  month  conditioned"  specimens.  Thereafter,  the 
strength  starts  falling  to  the  original  "dry"  values.  The 
failure  loads  can  be  converted  to  failure  "stresses"  by 


dividing  by  the  cross  sectional  area  of  the  parent  side. 

For  comparison  purposes,  the  failure  stress  of  the  parent 
composite  was  measured  to  be  61 1  MPa.  All  static 
failures  occurred  in  the  parent  side  of  the  joint  and  most 
seemed  to  have  originated  from  the  end  of  the  longest  of 
the  overlapping  plies. 

The  fatigue  data  are  shown  in  Figure  5,  in  the  form  of  S- 
N  curves.  The  maximum  stress  was  calculated  using  the 
cross  section  of  the  parent  side  of  the  repair.  Only  four 
samples  conditioned  at  8  and  1 1  months  were  tested,  at 
240  MPa  maximum  stress.  Fatigue  data  for  the  parent 
material  are  also  plotted  on  the  same  graph,  for 
comparison  purposes.  It  is  obvious  that  there  are  no 
significant  changes  between  the  "dry"  and  the 
"conditioned”  repairs  whereas  there  is  a  noticeable 
decrease  in  fatigue  life  when  compared  to  the  parent  data. 

"Dry"  repair  joints  were  tested  in  fatigue  at  a  maximum 
stress  of  240  MPa.  The  cycling  was  stopped  at  various 
fractions  of  the  expected  number  of  cycles  to  failure,  i.e. 
before  the  specimens  failed.  Static  tests  were  then 
performed  on  the  pre-fatigued  specimens  to  determine 
their  residual  strength.  The  results  are  shown  in  Figure 
6.  It  is  observed,  that  fatigue  did  not  have  an  effect  on 
the  static  strength  of  the  joints.  The  tests  were  repeated 
for  joints  conditioned  for  4  months  and  similar  results 
were  obtained.  A  video  camera  fitted  with  a  macro  lens 
was  used  to  magnify  and  record  the  static  tests.  During 
the  majority  of  the  tests,  small  cracks  were  observed  in 
the  area  marked  by  the  ellipse  in  Figure  1 .  Specifically, 
the  cracks  originated  from  the  end  of  the  longest 
overlapping  adhesive  and  0°  ply.  Figure  7  shows  a 
photograph  of  one  such  crack  at  the  instant  just  before 
joint  failure.  The  average  crack  length  from  all  the  tests 
was  2.6  ±  0.8  mm. 

The  results  from  the  double  lap  static  tests  are  shown  in 
Figure  8  where  the  load  per  unit  width  at  joint  failure  is 
plotted  against  the  overlap  length.  The  trend  shown  in 
Figure  8,  i.e.  increasing  strength  with  increasing  overlap 
until  a  plateau  value  is  reached,  has  been  observed  and 
explained  before  by  other  researchers  (Ref  6).  The  double 
lap  joint  failures  were  predominantly  cohesive  in  the 
adhesive. 

The  average  Mode  I  critical  energy  release  rate  (Gjc)  of 
the  adhesive  was  found  to  be  335  J/m^. 

3.  FINITE  ELEMENT  ANALYSIS 

Two  dimensional  Finite  Element  Analysis  (FEA)  was 
performed  on  the  scarfed  repair  and  the  double  lap 
geometries.  The  ABAQUS  software  package  was  used 
with  plane  strain  quadratic  elements  (Ref  1 ). 

3.1  Repair  joint 

One  end  of  the  repair  joint  was  clamped.  The  other  was 
restrained  in  the  vertical  direction  whereas  its  horizontal 
nodal  deflections  were  prescribed  to  be  equal.  The  total 
load  as  measured  from  the  static  tests  was  then  applied 
on  one  of  these  nodes. 
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Two  models  were  used  for  the  repair  joints.  In  the  first 
one,  the  composite  substrates  were  modelled  as  a  single 
material  with  linear  elastic  orthotropic  properties.  This 
will  be  referred  to  as  the  "single  material"  model.  In  the 
second,  one  row  of  elements  was  used  to  represent  each 
of  the  composite  plies.  The  0°  and  90°  plies  were 
modelled  as  orthotropic  and  the  -i-45°  and  -45°  were 
modelled  as  anisotropic.  This  model  will  be  referred  to  as 
the  "ply”  model. 

The  data  shown  in  Tables  II,  III  and  IV  together  with 
laminate  analysis  were  used  to  determine  all  the 
composite  material  constants  required  by  the  ABAQUS 
orthotropic  and  anisotropic  material  models.  The 
adhesive  was  modelled  as  a  Linear  Elastic  material. 

3.2  Double  lap  joint 

For  the  double  lap  geometry,  only  one  half  of  the  joint 
was  modelled  due  to  symmetry.  One  end  of  the  joint  was 
clamped  and  the  other  was  restrained  in  the  vertical 
direction  and  loaded  through  a  fixed  displacement  in  the 
horizontal  direction.  The  applied  displacement  was  such 
that  the  resulting  load  reactions  were  equal  to  the  failure 
loads  measured  experimentally. 

The  composite  was  modelled  as  a  linear  elastic 
orthotropic  material  using  the  data  in  Tables  II,  III  and 
IV.  The  adhesive  was  modelled  as  a  linear  elastic  -  plastic 
material.  The  Raghava’s  pressure  dependent  yield 
criterion  was  used  (Ref.  7).  The  full  stress  -  strain  curve 
as  measured  from  the  tensile  and  shear  tests  was  used  in 
the  modelling,  i.e.  work  hardening  was  included  (Ref.  8). 
The  Young’s  modulus  and  yield  stress  values  of  Table  I 
were  used.  Comparisons  between  the  experimental  and 
the  numerical  approximations  of  the  tensile  and  shear 
stress  -  strain  curves  are  shown  in  Figures  3  and  4.  A 
close  agreement  is  observed. 

4.  FAILURE  CRITERIA 

Failure  criteria  have  been  the  subject  of  many  research 
projects.  More  work  has  been  published  on  lap  than 
repair  joint  geometries.  In  the  first  subsection  some  of 
these  criteria  are  employed  to  get  failure  load  predictions 
for  the  double  lap  joints  of  the  current  work.  The  second 
subsection  summarises  the  prediction  results  concerning 
the  repair  joint. 

4.1  Double  lap  joint 

The  most  widely  used  and  simplest  criterion  that  appears 
in  many  design  analyses  is  that  the  joint  will  fail  when  a 
certain  stress  or  strain  component  reaches  a  critical  value 
(e.g.  Ref.  5).  The  latter  is  usually  measured  from  simple 
uniaxial  tensile  or  shear  tests.  In  this  study,  the  FE 
analysis  for  the  shortest  overlap  (L  =  10  mm)  was  used 
to  define  the  critical  values  of  the  proposed  stress  or 
strain  criterion.  This  was  then  used  in  conjunction  with 
the  analysis  of  the  longest  overlap  (L  =  80  mm)  to 
predict  the  failure  load  for  the  L  =  80  mm  overlap.  The 
validity  of  the  argument  was  examined  using  various 
parameters:  von  Mises  stress,  maximum  principal  strain. 


equivalent  plastic  strain,  shear  strain  and  shear  stress. 
\\^en  the  critical  values  of  these  parameters,  deduced 
from  the  L  =  10  mm  analysis,  were  used  in  the  L  =  80 
mm  analysis  errors  of  55  -  60  %  in  the  predicted  failure 
loads  were  observed. 

Other  proposed  failure  criteria  are  based  on  values  of 
stress  or  strain  acting  over  a  finite  distance.  For  example, 
such  a  criterion  was  proposed  in  Ref.  9.  It  states  that  the 
largest  distance  measured  normal  to  the  mean  direction  of 
the  maximum  principal  stress,  in  the  zone  bounded  by 
the  ultimate  tensile  strength  of  the  adhesive,  reaches  a 
critical  value  when  the  adhesive  fails  catastrophically. 

The  ultimate  tensile  strength  of  65  MPa  (Figure  3)  was 
used  in  the  analyses  of  the  shortest  (L  =  10  mm)  and 
longest  (  L  =  80  mm)  overlaps.  A  spew  fillet  was 
introduced  in  the  model  in  order  to  be  consistent  with  the 
work  described  in  Ref.  9.  The  critical  distance  was 
determined  from  the  L  =  10  mm  analysis.  This  was  used 
in  conjunction  with  the  L  =  80  mm  analysis  to  predict 
the  failure  load,  i.e.  the  load  corresponding  to  the  same 
critical  distance.  The  error  in  the  predicted  load  for  the  L 
=  80  mm  joint  was  68  %.  This  error  did  not  improve 
when  different  fillet  sizes  and  different  values  of  ultimate 
tensile  strength  were  used. 

An  alternative  criterion  based  on  Fracture  Mechanics  was 
examined.  A  micro-crack,  or  flaw,  is  assumed  to  be 
present  in  the  adhesive  halfway  through  its  thickness  and 
at  the  most  severely  loaded  end  of  the  joint.  The 
submodelling  option  of  ABAQUS  (Ref.  1)  was  used  to 
create  a  fine  mesh  at  the  crack  area.  Figure  9  shows  a 
schematic  of  the  submodelled  region.  The  J-integral  is 
then  calculated,  as  a  function  of  the  crack  length,  for 
both  short  and  long  overlaps.  The  results  are  shown  in 
Table  VI.  The  aim  is  to  compare  the  calculated  J-integral 
values  of  Table  VI  with  the  failure  locus  of  the  adhesive. 
However,  mode  II  tests  have  yet  to  be  performed. 
Preliminary  observations  can  be  made  regarding  the 
results  from  this  analysis  so  far.  The  calculated  J-integral 
is  much  larger  for  the  longer  overlap.  It  was  apparent 
that  a  higher  Mode  II  component  was  present  in  the  long 
overlaps.  Therefore,  some  of  the  observed  discrepancy 
between  the  J-integral  values  corresponding  to  the  short 
and  long  overlaps,  might  be  accounted  for  once  the  exact 
failure  locus  of  the  adhesive  is  determined. 

4.2  Repair  joints 

Following  the  inaccurate  failure  load  predictions  from  the 
maximum  stress/strain  and  the  stress  over  a  distance 
criteria  for  the  double  lap  joint,  it  was  decided  to  use  a 
Fracture  Mechanics  based  criterion  for  the  repair  joint. 

As  stated  in  the  earlier  seetion,  cracks  were  obvious  in 
the  parent  side  of  the  pre-fatigued  joints.  Since  the 
residual  strength  of  these  joints  were  very  similar  to  the 
static  strength  of  joints  that  had  not  been  fatigued,  a 
crack  of  2  mm  was  introduced  to  both  “single  material” 
and  “ply”  models  in  the  area  indicated  by  the  ellipse  in 
Figure  1 .  The  crack  was  assumed  to  lie  between  the  first 
+45°  and  -45°  plies  and  the  area  around  this  crack  was 
again  submodelled,  so  as  to  obtain  accurate  J-integral 
values  from  the  finer  mesh.  Figure  10  shows  a  schematic 
of  this  submodel  with  the  crack  line  indicated  by  a  black 
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solid  line.  The  Vitrual  Crack  Closure  Method  (VCCM) 
(Ref.  10)  was  also  used  to  calculate  the  fracture  energy 
and  this  was  found  to  be  identical  to  the  J-integral  value, 
as  expected  for  a  linear  elastic  material.  The  advantage  of 
the  VCCM  method  is  that  it  can  determine  the  mode 
mix,  i.e.  the  ratio  of  Gi  to  Gij.  The  numerically 
calculated  fracture  energy  was  then  plotted  on  the  failure 
locus  obtained  from  T300/914  DCB  specimens  with  the 
crack  running  between  -1-45°  and  -45°  plies  (Ref.  11).  The 
results  are  shown  in  Figure  1 1  where  the  black  solid  line 
indicates  the  failure  locus.  It  is  obvious  that  the  more 
detailed  “ply”  model  yields  a  more  accurate  prediction 
than  the  simplified  “single  material”  model. 

In  order  to  obtain  the  actual  error  in  the  failure  load 
prediction,  the  mode  mix  as  calculated  from  the  “ply” 
model  was  used  to  determine  the  “correct”  fracture 
energy,  i.e.  the  fracture  energy  that  lies  on  the  failure 
locus  of  the  composite  (point  A  in  Figure  11).  This  was 
found  to  be  823  J/m^  compared  to  the  numerically 
calculated  J-integral  of  950  J/m^  (point  B  in  Figure  11). 
The  “ply”  model  was  then  run  with  various  applied  loads 
so  as  to  get  a  plot  of  J-integral  vs.  corresponding  applied 
load.  The  results  are  shown  in  Figure  12,  where  the 
applied  load  is  normalised  with  the  experimentally 
measured  load.  At  a  J-integral  of  823  J/m^,  the 
corresponding  ratio  of  applied  to  experimental  load  is 
0.93.  This  means  that  the  fracture  mechanics  based 
criterion  used  with  a  crack  length  of  2  mm  in  the  parent 
side  of  the  repair,  results  in  a  7%  error  in  the  predicted 
failure  load.  This  is  an  acceptable  error. 

In  order  to  find  out  how  the  accuracy  of  the  prediction 
varies  with  the  assumed  crack  length,  two  additional 
“ply”  models  were  run  with  cracks  lengths  of  1  and  5 
mm.  These  correspond  to  the  minimum  and  maximum 
crack  lengths  that  were  observed  during  the  residual 
strength  static  tests.  The  same  submodelling  procedure 
was  followed  as  above.  The  calculated  J-integral  for  both 
cases  was  within  3%  of  the  J-integral  corresponding  to 
the  2  mm  crack  length  case.  The  mode  mix  was  also 
very  similar.  Therefore,  the  error  in  the  load  predictions 
is  once  again  very  small.  It  is  not  clear  at  this  stage  why 
the  fracture  energy  is  insensitive  to  the  crack  length 
when  the  latter  varies  between  1  and  5  mm. 

5.  r.ONCT.TJSTON.S 

From  the  experimental  data,  it  is  concluded  that 
conditioning  for  16  months  in  water  heated  at  50°  C  has 
no  noticeable  effect  on  the  static  and  fatigue  performance 
of  the  repair  joints.  Whilst  the  static  properties  of  the 
repair  joints  are  not  significantly  different  from  those  of 
the  parent  composite,  the  fatigue  performance  is 
significantly  inferior. 

The  failure  criteria  studies  on  the  double  lap  joint  showed 
that  both  “critical  stress  or  strain”  and  “critical  distance” 
criteria  result  in  very  large  errors  in  the  predicted  failure 
loads.  Note  that  the  “critical  stress  or  strain”  criterion 
inherently  suffers  from  mesh  dependent  results,  since  the 
maximum  values  of  stresses  or  strains  occur  at  the  comer 
of  the  adhesive,  i.e.  the  singularity  point.  In  this  study 


the  mesh  density  was  kept  constant  for  both  the  short 
and  the  long  overlap  models.  However,  even  then,  the 
predictions  are  not  reliable.  Following  the  unsuccessful 
use  of  the  above  criteria  to  predict  the  correct  failure  load, 
an  alternative  analysis  based  on  fracture  mechanics  was 
used.  Preliminary  results  showed  that  for  the  same  crack 
length,  the  longer  overlap  results  in  a  larger  J-integral 
than  the  shorter  overlap. 

The  fracture  mechanics  based  criterion  was  also  applied 
to  the  repair  joint.  The  “ply”  model  resulted  in  more 
accurate  predictions  than  the  “single  material”  model. 

The  error  in  the  predicted  load  when  the  “ply”  model  is 
used  is  7%.  Very  similar  predictions  were  obtained  when 
the  assumed  crack  length  was  changed  to  1  or  5  mm.  The 
reason  for  this  was  that  the  calculated  J-integral  was 
insensitive  to  the  crack  length. 
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Conditioning 

E  (GPa) 

UTS  (MPa) 

^max.  (^) 

Cy  (0.1%) 

Ev  (0.1%) 

"dry” 

3.783  ±  0.2 

64.5  ±  2.6 

2.31  ±  0.04 

34.7  ±  3.4 

1.03  +  0.13 

4  months 

3.995  ±  0.5 

46.7  ±  2.4 

1.67  ±  0.38 

35.6  +  3.3 

1.01  ±  0.13 

12  months 

3.466  ±  0.4 

38.5  ±  3.6 

1.53  +  0.20 

30.6  +  3.4 

0.98  +  0.16 

16  months 

3.822  ±  0.4 

38.7  ±  4.3 

1.28  +  0.18 

30.3  +  4.6 

0.88  +  0.15 

Table  I:  Adhesive  tensile  properties. 


Conditioning 

Ell  (GPa) 

Strength  (MPa) 

£^max.  (*^) 

Vl2 

"dry" 

141.5  ±  2.68 

1733  ±  199 

1.24  ±  0.09 

0.31  +  0.01 

4  months 

140.4  ±  6.38 

1584  +  201 

1.15  +  0.08 

0.31  ±  0.01 

16  months 

141.3  ±  2.42 

1544  ±  131 

1.14  +  0.09 

0.30  +  0.01 

Table  II:  Longitudinal  properties  of  unidirectional  composite. 


Conditioning 

E22  (GPa) 

Strength  (MPa) 

^max.  (^) 

"dry" 

8.37  ±  0.29 

36.8  ±  4.00 

0.44  +  0.04 

4  months 

9.92  ±  0.66 

38.2  +  2.71 

0.40  +  0.04 

16  months 

7.92  ±  0.26 

32.7  ±  0.48 

0.42  ±  0.01 

Table  III:  Transverse  properties  of  unidirectional  composite. 


Conditioning 

Gi2  (GPa) 

Strength  (MPa) 

£max.  (%) 

"dry" 

103  ±  3.30 

14.2  ±  2.3 

4  months 

4.31  ±  0.17 

120+  1.73 

17.3  ±  2.2 

16  months 

4.21  ±  0.29 

107  ±2.12 

17.4  ±  0.8 

Table  IV:  Shear  properties  of  unidirectional  composite. 


Conditioning 

"dry" 

26.32  ±  1.25 

131.13  ±  3.52 

526 

4  months 

29.69  ±  1.41 

125.27  ±  5.34 

594 

11  months 

28.65  ±  0.49 

546 

16  months 

26.16  ±  2.30 

103.3  ±  14.6 

523 

Table  V:  Static  test  results  of  repair  joints. 


Overlap  (mm) 

Crack  length  (mm) 

J-integral  (J/m^) 

10 

0.05 

358 

80 

0.05 

2115 

10 

0.025 

184 

80 

0.025 

976 

Table  VI:  Numerically  calculated  J-integral  values. 
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Figure  1:  Repair  specimen  geometry;  ellipse  shows  submodelled  region  for  Finite  Element  Analysis. 
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Figure  2:  Double  lap  specimen  geometry. 
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Figure  3:  Tensile  stress  -  strain  curves  of  adhesive  and  comparison  with  numerical  approximation. 
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Figure  9;  Schematic  of  submodel  region  for  double  lap  joint. 
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Figure  10:  Schematic  of  submodel  region  for  repair  joint. 
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Figure  1 1:  Fracture  energy  predictions  from  "single  material"  and  "ply"  models;  comparison  with  failure  locus  of 

composite  obtained  from  DCB  specimens  (Ref.  11). 
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SUMMARY 

Numerical  tools  have  been  developed  in  order  to  improve  the 
strength  prediction  of  adhesively  bonded  multimaterial 
joints.  At  first,  a  specific  elastoplastic  model  based  on  the 
Raghava  yield  criterion  is  introduced  for  adhesives.  Further¬ 
more,  in  order  to  evaluate  the  strength  reserve  of  a  joint  after 
local  failure  initiation,  a  simple  smeared  2-D  and  3-D  crack 
propagation  model  is  developed.  Then,  to  improve  this 
simple  failure  model,  a  new  isotropic  damage  model  for 
adhesives  is  presented,  which  is  coupled  with  the  specific 
elastoplastic  one.  Finally,  the  accuracy  of  this  approach  is 
illustrated  by  numerical  strength  and  failure  mode  predictions 
of  several  single  and  double-lap  joints. 

1.  INTRODUCTION 

During  the  last  decade,  structural  adhesive  bonding  has 
become  a  major  joining  technique  which  can  replace 
successfully  conventional  fasteners  like  bolts  and  rivets  for  a 
wide  range  of  industrial  applications.  Adhesive  bonding  is  of 
particular  interest  in  the  case  of  multimaterial  joining  and  of 
lightweight  structures  made  of  composite  materials  since 
stress  concentrations  due  to  drilled  holes  can  be  so  avoided. 

To  correctly  design  an  adhesive  joint,  mathematical  tools  are 
needed  which  can  predict  accurately  the  stress/strain  state  of 
the  joint,  but  also  its  load-bearing  capacity.  A  recent  review 
[1]  of  several  analytical  and  numerical  models  developed  in 
the  past  in  order  to  evaluate  the  stresses  in  the  adhesive  layer 
of  a  single  or  double  lap-joint  has  clearly  pointed  out  the 
necessity  to  develop  a  special  non-linear  adhesive  model  in 
our  finite  element  program  for  the  numerical  prediction  of  the 
stress/strain  state,  the  strength  and  the  failure  modes  of 
adhesive  joints. 

In  order  to  take  into  account  the  different  yield  behaviour  of 
adhesives  in  tension  and  compression,  a  specific  elasto¬ 
plastic  model,  based  on  the  Raghava  yield  criterion  [2],  has 
been  developed.  This  model,  briefly  recalled  in  section  2,  has 
been  introduced  in  the  2-D  and  3-D  volume  finite  elements  for 
the  numerical  analysis  of  any  kind  of  adhesive  joints. 

Then,  in  order  to  evaluate  the  joint  strength  reserve  after 
local  failure  initiation,  more  realistic  failure  criteria  for 
triaxial  extension  states  and  a  simple  smeared  2-D  and  3-D 
crack  propagation  model  [1]  have  been  developed  in  relation 
with  the  elastoplastic  adhesive  model.  In  this  local  failure 
approach  a  virtual  crack  normal  to  the  direction  of  the 
maximum  principal  stress  or  strain  is  assumed  to  exist 
locally  in  each  failed  Gauss  point. 

A  significant  improvement  of  this  model  is  only  possible  by 
considering  the  main  micro-mechanical  toughening 
mechanisms  of  the  epoxy  adhesives  ameliorated  either  by 
rubber  or  inorganic  particles. 

Actually,  only  few  micro-mechanical  adhesives  models  [3] 
exist  in  order  to  describe  such  phenomena,  but  they  are  not 
linked  with  a  structural  stress/strain  and  damage  analysis.  So, 
in  order  to  improve  the  simple  local  failure  model,  a  new 


isotropic  damage  model  for  adhesives  is  presented  in  section 

4.  This  model  is  based  on  Continuum  Damage  Mechanics 
(CDM)  [4]  and  coupled  with  our  specific  elastoplastic  model. 
Its  mean  feature  is  that  each  principal  micro-mechanical 
deformation  mechanism  is  characterised  by  a  specific  scalar 
damage  variable. 

In  order  to  validate  these  models  and  to  quantify  their  accura¬ 
cy,  several  numerical  strength  and  failure  mode  predictions 
on  single  lap-joints  with  spew  fillet  are  presented  in  section 

5.  These  joints  are  built  of  a  great  variety  of  adhesives  in 
combination  with  the  same  high  yield  aluminium  [1,5]. 

Finally  in  section  6,  an  other  more  practical  point  is 
discussed  ;  the  choice  of  the  non-linear  adhesive  reference 
curve.  It  can  be  either  deduced  from  an  uniaxial  tensile  test  or 
from  a  pure  shear  one.  In  order  to  determine  its  influence,  two 
numerical  strength  and  failure  mode  predictions  of  a  mixed 
double-lap  joint  with  spew  fillet  are  compared  with 
experimental  results.  This  joint  is  built  of  two  interior 
bevelled  steel  pieces  and  a  carbon-epoxy  laminate. 

2.  ELASTOPLASTIC  MODEL  FOR  ADHESIVES 

2.1.  Adhesive  mechanical  behaviour  and  choice 
of  the  non-linear  reference  curve 

Structural  adhesives,  like  epoxy  resins,  present  a  pronounced 
non-linear  behaviour  even  at  low  load  levels.  This  behaviour 
is  different  in  uniaxial  extension,  compression  and  pure 
shear.  It  is  mainly  due  to  the  fact  that  the  plasticity  of  many 
polymers  depends  on  both  the  deviatoric  and  the  hydrostatic 
stress  components.  This  behaviour  induces  a  difference 
between  the  uniaxial  yield  stress  in  tension  T  and  com¬ 
pression  C.  The  corresponding  ratio  S  =  C/T  is  nevertheless 
relatively  constant  and  close  to  1.3  for  epoxy  resins. 

In  order  to  connect  these  experimental  curves  to  a  3-D  elasto¬ 
plastic  model,  an  equivalent  stress  (Raghava),  an  equivalent 
strain  (equivalent  plastic  strain)  and  a  non-linear  reference 
curve  must  be  defined.  Classically,  the  uniaxial  extension 
curve  is  used  as  reference  :  for  example,  for  metals  and  brittle 
adhesives.  But,  for  ductile  adhesives,  it  is  not  the  best 
choice.  Indeed,  as  illustrated  at  figure  1  for  an  epoxy  resin 
modified  by  rubber  particles,  its  failure  behaviour  is  very 
different  in  uniaxial  extension  and  pure  shear.  This  different 
behaviour  is  mainly  due  to  fact  that  different  deformation 
micro-mechanisms  govern  the  failure  in  tension  and  shear  :  a 
stability  phenomenon  coupled  with  a  localisation  one 
(necking  of  the  test  specimen)  are  the  origin  of  tensile 
failure,  but  only  damage  accumulation  leads  to  shear  failure 
[1].  Therefore,  the  experimental  pure  shear  curve  is  preferred 
as  reference  curve  for  the  strength  prediction  of  toughened 
adhesive  joints. 

2.2.  The  Raghava  yield  criterion 

Raghava  &  al.  [2]  suggest  for  polymers  the  following 
modified  von  Mises  yield  criterion,  depending  on  both  the 
deviatoric  and  the  hydrostatic  stress  components  : 
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Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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Figure  1  :  Uniaxial  (a)  and  equivalent  (b)  stress/strain  curves  of  a  modified  epoxy  resin  in  uniaxial  extension  and  pure 
shear. 


F(a)  =  o^q-T  = 

- V - T  =  0 

2S 

where:  -  J]  is  the  first  invariant  of  the  stress  tensor  ay 

-  J2D  is  the  second  invariant  of  the  deviatoric  stress 
tensor  sy 

-  Ogq  is  the  equivalent  stress. 

This  yield  criterion  defines  a  convex  surface  which  describes 
in  the  3-D  stress  space  a  paraboloid  and  in  2-D  one  an  ellipse 
whose  centre  is  given  by  [T-C,  T-C].  This  yield  surface  is  in 
good  agreement  with  several  biaxial  tests  results  for 
polymers  like  PVC,  PS,  PC  and  epoxy  resins.  Note  that  this 
criterion  reduces  to  von  Mises  one,  when  S  =  1 . 

2.3.  Model  features  :  flow  rule,  hardening  be¬ 
haviour 

As  polymers  are  standard  materials,  an  associated  flow  rule  is 
used  to  describe  the  plastic  strain  increase.  Its  expression  i  s 
given  by  : 


where  d/^  is  a  proportional  factor  and  the  Kronecker 
symbol. 

In  order  to  model  the  adhesive  hardening  behaviour,  an 
additional  assumption  has  been  introduced  :  the  ratio  S  =  C/T 
is  independent  of  the  hardening  parameter  h.  In  this  model, 
the  equivalent  plastic  strain  notion  is  used  to  characterise 
the  hardening  behaviour. 

The  main  feature  of  this  elastoplastic  model  is  the  possi¬ 
bility  to  choose  between  three  different  hardening  laws  :  an 
isotropic  one,  a  linear  kinematic  one  (the  yield  surface  trans¬ 
lation  is  either  governed  by  Prager's  rule  or  by  Ziegler's  one) 
or  a  mixed  hardening  law. 


The  establishment  of  the  corresponding  elastoplastic  consti¬ 
tutive  equations  and  their  introduction  in  an  explicit  subin¬ 
crement  integration  scheme  is  more  detailed  at  reference  [1]. 

2.4.  Finite  element  library  for  structural  adhe- 
si  ves 

This  elastoplastic  model  has  been  integrated  in  all  2-D  and  3- 
D  volume  elements  of  the  SAMCEF  code,  building  so  a  F.E. 
library  for  adhesives  which  allow  to  model  any  kind  of 
adhesively  bonded  structures.  This  library  contents  : 

-  quadrangular  and  triangular  2-D  isoparametric  volume 
elements; 

-  a  cubic  isoparametric  volume  and  thick  shell  element; 

-  an  isoparametric  pentahedron  and  tetrahedron. 

3.  SMEARED  CRACK  PROPAGATION  MODEL 

Instead  of  classical  fracture  mechanic  tools,  a  local  failure 
approach  [1,4]  has  been  chosen  in  order  to  localise  the 
failure  initiation  and  to  predict  the  joint  strength  and  the 
failure  mode.  This  choice  is  mainly  governed  by  the  fact  that 
ameliorated  adhesives  present  important  inelastic  strains 
before  their  ductile  failure. 

In  this  paper,  successively  an  uncoupled  local  failure 
approach,  a  simple  crack  propagation  model,  and  a  coupled 
one,  a  new  isotropic  damage  model,  are  presented  in  order  to 
describe  the  failure  behaviour  of  any  kind  of  adhesives 
(brittle  or  ductile  ones). 

3.1.  Failure  criteria 

As  there  exists  no  critical  damage  value  in  this  uncoupled 
approach,  a  macroscopic  failure  criterion  is  needed  to  decree 
local  initiation  of  a  macro-crack.  Actually,  as  suggested  by 
Harris  &  Adams  [5],  the  following  5  simple  failure  criteria  are 
available  : 

-  maximum  equivalent  plastic  strain  criterion 
corresponding  to  the  last  point  of  the  uniaxial 
reference  curve; 

-  maximum  principal  stress  criterion  combined  with  the 
precedent  one; 

-  maximum  principal  strain  criterion  combined  with  the 
first  one; 

-  the  precedent  two  simple  failure  criteria  not  combined 
with  the  first  one. 
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3.2.  Model  assumptions 

Locally,  in  each  failed  Gauss  point,  a  virtual  crack  is  assumed 
to  exist  normally  to  the  direction  of  the  maximum  principal 
stress  (s')  or  strain  (e'),  according  to  the  chosen  failure 
criterion.  This  crack  induces  locally,  in  the  principal  stress 
or  strain  axis  system,  an  anisotropic  stress  relaxation  and 
stiffness  reduction.  Furthermore,  only  at  the  crack  initiation 
time,  the  strains  are  assumed  to  be  unaltered. 


3.4.  Post-degradation  constitutive  equations 

Defined  by  the  angle  a  (see  fig.  2),  the  rotation  matrix  A 
permits  to  evaluate  the  degraded  Hooke  matrix  in  the 
structural  axis  system.  Furthermore,  as  the  strains  are 
assumed  to  be  unaltered,  the  adhesive  post-degradation 
behaviour  is  governed  by  the  following  expression  : 


deg  r  „  mec 
“  Qstr  •  ^str 


(5) 


According  to  the  adopted  2-D  or  3-D  finite  element  model, 
two  different  cases  must  be  considered,  but  only  the  2-D  one 
will  be  described  here  (see  fig.  2). 


Figure  2  :  2-D  virtual  crack  in  the  principal  stress  or 
strain  axis  system. 

The  virtual  local  crack  induces  the  following  new  stress 
state; 

s'  =  0  ;  s^  =  0  (plane  stress) 
or  s^  =  0  (plane  strain) 
only  s'  is  different  from  zero. 


3.3.  Definition  of  the  degraded  Hooke  matrix 

In  order  to  describe  this  anisotropic  stress  relaxation  and  to 
identify  the  equivalent  Hooke  matrix,  two  numerical  stiffness 
reduction  parameters,  P]  and  P2,  are  introduced  in  the  Hooke 
matrix  of  the  principal  stress  or  strain  axis  system. 
Furthermore,  the  Poisson's  coefficients  are  assumed  to  be 
reduced  to  zero,  so  that  all  coupling  between  the  stress  and 
strain  components  disappear.  Moreover,  the  Young  and  shear 
modulo  become  insignificant  except  the  modulus  in  the  crack 
direction,  which  is  reduced  but  still  significant.  So,  for  a 
plane  strain  state,  the  mechanical  behaviour  of  the  cracked 
zone  is  governed  by  the  following  equivalent  Hooke  matrix  ; 


where: 


H 


degr 

12 


Ed  0  0  0 

0  PjE  0  0 
0  0  Ed  0 

0  0  0  Gd 


Ed=Pi.E  ; 


Gd  = 


Pj-E 
2(1 +  v) 


(3) 


(4) 


The  degraded  modulus  Ej  is  very  small  but  different 
from  zero  in  order  to  avoid  numerical  mechanisms 
due  to  zero  pivots  in  the  structural  stiffness 
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matrix  .  Pj  is  always  chosen  equal  to  JO  . 

The  main  adjustable  parameter  is  P2,  which  charac¬ 
terises  the  residual  stiffness  in  the  crack  direction. 
Numerical  correlation  tests  with  experimental 
strengths  must  be  achieved  respectively  for  brittle 
and  ductile  adhesives  in  order  to  determine  its 
specific  validation  domain  and  its  standard  value. 


This  relation  defines  a  pseudo-linear  behaviour  with  a  con¬ 
stant  Hooke  matrix  during  the  crack  propagation. 

Remark  : 

The  main  weakness  of  this  simple  crack  propagation  model 
is  its  constant  Hooke  matrix  after  crack  initiation,  which  is 
not  related  to  an  internal  damage  variable.  So,  it  does  not 
take  into  account  further  stress  relaxations  during  crack 
growth. 

4  .  COUPLED  ISOTROPIC  DAMAGE  MODEL  FOR 
ADHESIVES 

4.1.  Micromechanical  deformation  mechanisms 

In  order  to  develop  for  brittle  and  tough  adhesives  a  new 
macroscopic  damage  model  coupled  with  the  specific 
elastoplastic  one,  it  is  important  to  identify,  at  first,  the 
different  micro-deformation  mechanisms  which  dissipate  the 
most  energy.  As  reviewed  by  Garg  &  Mai  [3],  the  fracture 
behaviour  of  rubber  modified  epoxy  resins  involves  the 
following  micro-deformation  mechanisms  : 

-  strain  localisation  in  shear  bands  near  the  inclusion 
particles; 

-  nucleation,  growth  and  coalescence  of  microvoids 
around  the  inclusions; 

-  stretching,  tearing  and  debonding  of  rubber  particles; 

-  plastic  zone  at  the  crack  tip  and  diffuse  shear  yielding. 

The  two  most  energy  dissipating  deformation  mechanisms 
are  ;  shear  band  yielding  (a  pure  deviatoric  process)  and 
nucleation,  growth  and  coalescence  of  microvoids  (a  pure 
dilatatoric  process).  Furthermore,  in  resins  ameliorated  by 
inorganic  particles,  the  crack  front  pinning  mechanism 
contributes  also  significantly  to  their  fracture  toughness. 

4.2.  Model  assumptions  and  features 

As  the  macroscopic  mechanical  behaviour  of  adhesives  is 
isotropic  in  a  first  approximation,  its  damage  behaviour  is 
also  assumed  to  be  isotropic.  This  implies  that  scalar  damage 
variables,  which  are  easier  to  identify  by  experiments  than 
tensorial  ones,  are  introduced. 

Classical  isotropic  damage  models  [4]  and  also  Edlund  & 
Klarbring's  recent  adhesive  damage  model  [6]  are 
characterised  by  only  one  scalar  damage  variable  D,  which  is 
able  to  describe  the  variation  of  the  Young  modulus  with  the 
damage  progress  but  not  the  variation  of  the  Poisson's 
coefficient.  So,  we  prefer  to  develop  a  new  isotropic  damage 
model  based  on  two  scalar  damage  variables  d  et  5  :  the  first 
one,  d,  defines  the  deviatoric  component  of  the  damage  and 
the  second  one,  8,  its  hydrostatic  component. 

Moreover,  this  choice  allows  to  represent  each  principal 
failure  micro-mechanism  by  its  own  specific  damage 
variable  : 

the  damage  variable  d,  associated  with  the  devia¬ 
toric  stress  tensor,  characterises  well  the  shear  band 
formation,  mainly  governed  by  deviatoric  stresses; 
the  variable  6,  linked  to  the  hydrostatic  stress 
component,  describes  well  the  nucleation,  growth 
and  coalescence  of  microvoids,  mainly  governed  by 
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This  model  is  an  extension  and  application  to  the  adhesives 
of  the  isotropic  version  of  Ladeveze's  model  [7],  initially 
introduced  to  describe  the  anisotropic  damage  behaviour  of 
composite  materials.  This  damage  model  is  based  on  the 
equivalence  of  the  total  deformation  energy  between  the 
virtual  undamaged  material  and  the  real  damaged  one. 

4.3.  Thermodynamic  formulation 

1.  In  this  model  the  equivalent  plastic  strain  e'’\  the  dama¬ 
ge  variables  6,  d  and  w,  defining  a  cumulative  damage,  are 
adopted  as  internal  variables.  The  homogenised  free  energy 

e^*,d,5,  w)  is  chosen  as  thermodynamic  potential. 

efj’  are  there  the  elastic  strains  and  e*’'  the  equivalent  plastic 

one.  This  potential  must  be  convex  and  verify  the  following 
Clausius-Duhem's  inequality  : 

Oij  de?’  -  RdeP'  -  Yjdd  -  Ygda  -  Bdw  >  0  (6) 

where  the  following  thermodynamic  forces  has  been  intro¬ 
duced  : 

-  R  :  measures  the  increase  of  the  plastic  yield  surface 
due  to  hardening; 

B  :  by  analogy,  measures  the  increase  of  the  damage 
surface  due  to  w; 

Y(j  and  Y5  :  respectively  associated  to  d  and  8 
correspond  to  the  total  energy  release  and 
dissipation  rate. 

2  .  Dissociation  of  the  free  enerev  :  as  the  plastic  strains 
contribute  also  to  damage  accumulation  in  ductile  materials 
[1],  it  is  important  to  introduce  in  this  formulation  a  strong 
coupling  between  the  dissipative  terms  :  plasticity  and 
damage.  This  coupling  is  realised  by  the  following  original 
dissociation  of  the  free  energy  : 

'rfey  ,  e’’* ,  d,  8,  wj  =  W®*  |ey  ,  d j  -t-  Wy  (e^ ,  8) 

(7) 

+T^‘(w)  +  'Tp,(eP‘.d,8) 

_  I 

-  is  the  deviatoric  part  and  W^j  is  the  hydrostatic 
part  of  the  elastic  deformation  energy; 

-  is  the  elastic  free  energy  due  to  w  and  is  the 


Figure  3:  Damage  influence  on  the  Raghava  yield  surface  : 


plastic  one,  which  depends  explicitly  from  d  and  5  and 
implicitly  from  w. 

Consequently,  T(j  and  ^5  include  not  only  the  classical  ela¬ 
stic  energy  release  rate  but  also  a  plastic  dissipation  term  [1]. 
3 .  Dissipation  potentials  :  as  plastic  flow  could  occur 
without  damage  and  otherwise  damage  could  exist  without 
significant  plastic  flow,  the  damage  and  plastic  dissipations 
must  separately  verify  Clausius-Duhem's  inequality  (6)  : 

aydeP'-Rd£p'>0  ;  -Yjdd-Ygd8-Bdw>0  (8) 

An  elegant  way  to  ensure  these  inequalities  is  to  assume  the 
existence  of  a  dissipation  potential  0  and  its  dual  ([)  com¬ 
posed  of  two  independent  parts  Fp]  and  F(j : 

‘P*  =  FplK.R)  +  Fd(Yd>Y5-B)  (9) 

Finally,  the  expressions: 

Fpi  =  0  et  Fd  =  0  (10) 

define  respectively  the  plastic  yield  surface  and  the  damage 
one. 

4.4.  The  plastic  and  damage  yield  surfaces 

The  plastic  yield  surface  defined  by  the  Raghava  criterion  (1) 
depends  on  both  damage  variables  d  and  8  and  not  only  on 
the  deviatoric  one,  as  the  von  Mises  criterion.  Their 
influence  on  the  Raghava  criterion  is  illustrated  at  figure  3  : 
the  deviatoric  damage  variable  d  reduces  the  initial  threshold 
and  the  ratio  S  but  the  hydrostatic  one  ,  8,  still  increases  the 
initial  ratio  S. 

As  damage  yield  surface,  we  adopt  Ladeveze's  energy 
expression  [7]: 

Fd=-Yd-^)Y5-Bo-B(w)  =  0  (11) 

where  (t)  =  —  forO[^>0  ;  (t)  =  0  fora)^<0  (12) 
d 

B()  is  the  initial  damage  threshold  and  B(w)  defines  the 
increase  of  this  threshold  due  to  the  cumulative 
damage  w. 


(a)  pure  deviatoric  damage  (b)  pure  hydrostatic  damage. 
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The  parameter  <T>  indicates  that  a  compressive  hydrostatic 
state  does  not  contribute  to  the  damage  evolution,  but  well  a 
tensile  one.  So,  a  different  hydrostatic  damage  behaviour  is 
introduced  in  tension  and  compression. 

4.5.  Damage  evolution  and  incremental  consti¬ 
tutive  equations 

As  the  damage  criterion  is  expressed  by  energy  quantities, 
the  damage  evolution  equations  are  naturally  deduced  from  the 
principle  of  maximum  damage  dissipation,  like  as  tor 
plasticity.  Their  expressions  are  given  at  reference  [1].  The 
incremental  constitutive  equations  of  our  model  are  then 
established  by  using  the  consistency  condition  of  the  two 
yield  surfaces  :  dF^,  =  0  and  dFj  =  0. 

This  coupled  adhesive  damage  model  has  been  then 
introduced  in  an  implicit  integration  scheme,  the  closest- 
point-projection  algorithm.  In  order  to  take  into  account  a 
strong  coupling  between  plasticity  and  damage,  a  coupled 
damage/plasticity  corrector  phase  has  been  adopted  in  this 
algorithm.  Finally,  the  consistent  incremental  Hooke  matrix 
is  evaluated  by  a  simple  perturbation  technique. 


Figure  5 :  Uniaxial  tensile  curves  of  bulk  structural 
adhesives. 

5.1.  Semi-brittle  adhesive  AY-103 


5  .  NUMERICAL  STRENGTH  PREDICTION  OF 
SINGLE-LAP  JOINTS 

In  order  to  validate  our  simple  crack  propagation  model  and 
to  quantify  its  accuracy,  several  numerical  strength  and 
failure  mode  predictions  have  been  realised  on  single-lap 
joints  with  spew  fillet  (see  figure  4).  These  joints  correspond 
to  the  ASTM  D1 002-72  specifications  and  are  built  of  a  great 
variety  of  adhesives  (see  figure  5)  in  combination  with  the 
same  high  yield  aluminium  adherent  (2L73). 


F 


1.G2t.125 

T - 
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-63.5 

101.6 


gKp  area 


12.7 1.25 


SINGLE-LAP  XlINT 


Figure  4 :  Single-lap  joint  corresponding  to  the  ASTM 
D1 002-72  specifications. 

In  this  paper,  strength  results  will  only  be  presented  for  the 
semi-brittle  adhesive  AY-103  and  the  ductile  one  MY-750  + 
15%  CTBN.  Results  for  the  other  adhesives  will  be  found  in 
reference  [1].  Material  properties  of  the  retained  adhesives 
and  the  aluminium  adherent  can  be  found  in  references  [1]  and 
[5].  Their  uniaxial  non-linear  stress/strain  curve  is  given  at 
figure  5. 

In  order  to  estimate  the  influence  of  the  F.E.  mesh  on  the 
strength  predictions,  two  different  2-D  plane  strain  F.E. 
meshes  are  adopted  : 

the  reference  mesh:  the  same  as  Harris  &  Adams  [5]. 
This  mesh  has  only  one  2**  degree  element  over  the 
glue  thickness,  which  leads  to  a  model  with  1367 
D.O.F.; 

the  refined  mesh  (see  ref.  [1])  :  it  has  three  l  "  degree 
elements  over  the  glue  thickness  but  only  1133 
D.O.F. 


A  first  numerical  investigation  phase  [1]  has  been  realised 
with  the  reference  model  in  order  to  define  a  correct  value  of 
the  stiffness  reduction  parameter  P2.  It  leads  to  following 
recommendations  for  Pj : 

2 

values  below  10  have  no  influence  on  the 

.2 

predicted  joint  strength,  but  values  above  6.10 
have  a  significant  but  bad  influence; 
so,  its  validation  domain  for  brittle  adhesives  is  : 
10^  <  P2  ^  6.10^  and  P2=3.10^  is  adopted  as 
standard  value. 

As  suggested  by  Harris  &  Adams  [5],  the  combination  of  the 
maximum  principal  stress  criterion  and  is  adopted  as 

the  most  appropriate  failure  criterion  for  this  semi-brittle 
adhesive.  Our  numerical  strength  predictions  are  reported  at 
table  1,  where  they  are  compared  with  Harris  &  Adams 
numerical  and  experimental  results.  These  results  need  some 
comments  : 

as  the  failure  initiation  already  overestimates  the 
experimental  strength  by  6.8  %,  our  strength 
predictions  with  the  reference  mesh  are  really  too 
stiff.  So,  the  reference  mesh  is  not  appropriate  to 
predict  accurately  failure  initiation  and  joint 
strength; 

the  influence  of  the  F.E.  mesh  on  the  joint  strength 
is  really  significant.  Indeed,  the  use  of  a  finer  mesh 
where  the  critical  Gauss  point  is  at  a  distance  of 
22.8  p  from  the  singular  point  (corner),  gives 
excellent  predictions  :  only  an  error  of  1.7  %  is 
observed  !; 

for  this  refined  mesh,  the  choice  of  the  parameter  P2 
in  its  validation  domain  has  no  significant 
influence  on  the  joint  strength  prediction; 
these  results  justify  the  development  of  the  simple 
failure  model  and  indicate  clearly  that  Harris  & 
Adams  assumption  [5]  of  instantaneous  cohesive 
failure  with  no  further  load  increase  after  local 
failure  initiation  is  inconsistent  for  this  assembly. 

The  predicted  failure  mode,  which  corresponds  to  mode  III 
(see  Harris  &  Adams  notations  [5])  is  illustrated  at  figure  6 . 
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models 

crack  initiation 

strength 

value 

error 

value 

error 

a)  experience  5.9  kN  ±  1.03  kN 

b)  reference  mesh 

P2  =  10''’ 

6.3  kN 

6.8  % 

8.4  kN 

42.4  % 

P2==5.10'^ 

6.3  kN 

6.8  % 

9.2  kN 

55.9  % 

Harris  &  Adams 

5.5  kN 

-6.8  % 

c)  refined  mesh 

!l 

0 

4.97  kN 

-15.7  % 

5.8  kN 

-1.7  % 

P2  =  5.10'^ 

4.97  kN 

-15.7  % 

5.8  kN 

-1.7  % 

Table  1  :  Strength  predictions  of  the  AY-1 03  /  2L73  joint. 


FAILURE  PREDICTION  OF  A  SINGLE- LAP  JOINT  WITH  SPEW-FILLET 


t 


Figure  6  :  Predicted  failure  mode  of  the  AY-1 03  /  2L723  joint. 


At  first,  the  crack  spreads  along  the  adherent  boundary  of  the 
spew  fillet  and  through  the  glue  thickness  in  the  critical  area 
and,  then,  only  in  the  adhesive  layer.  This  mode  III  has  been 
also  observed  experimentally  by  Harris  &  Adams. 

5.2.  The  ductile  adhesive  MY-750  +  15%  CTBN 

The  addition  of  rubber  particles  in  the  proportion  100:15 
leads  the  brittle  epoxy  resin  MY-750  (see  figure  5)  to  a 
ductile  and  tough  behaviour.  Indeed,  the  uniaxial  tensile  test 
curve  presents  large  deformations  (>  14  %).  As  suggested  by 
Harris  &  Adams  [5],  the  maximum  principal  strain  criterion 

combined  with  is  the  most  suitable  failure  criterion  for 

these  adhesives. 

The  experimental  strength  and  several  joint  strength 
predictions  with  the  refined  mesh  are  reported  at  table  2. 

These  results  need  some  comments  : 


the  simple  failure  model  with  values  of  the  stiffness 
reduction  parameter  Pj  comprised  between  10'  and 
6.10'^  -  validation  domain  of  brittle  adhesives  - 
underestimates  significantly  i~  17  %)  the  experi¬ 
mental  strength  of  this  tough  joint.  But,  using  values 
of  P2  comprised  between  8.10^  and  10  ',  our  strength 
predictions  become  really  better  and  acceptable  for  an 
engineer.  Indeed,  only  an  error  of  5%  is  recorded  when 
P2  =9.10■^ 

So,  in  order  to  take  implicitly  into  account  the  micro¬ 
mechanical  toughening  mechanisms  of  modified 
epoxy  resins,  an  other  specific  validation  domain  of 
P2  is  defined  for  these  adhesives  : 

8. 1 0'^  <  P2  ^  1 0’  *  (standard  value  ;  P2  =  9. 1 0 
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models 

criterion 

failure  initiation 

strength 

value 

error 

value 

error 

a)  experience  15.9  kN  (±  0.53  kN) 

b)  refined  model 

ptnpx  ,  -pi 
tprinc  ^  tmax 

12.9  kN 

-18.9  % 

12.9  kN 

-18.9% 

ptnpx  .  -pi 
fcpnnc  ^  Emax 

12.9  kN 

-18.9  % 

13.4  kN 

-15.7% 

■Him 

■■■ 

.  -Pf 

oprinc  ^  tmax 

12.9  kN 

-18.9  % 

14.4  kN 

-9.4  % 

BB 

efnax 

cprinc 

13.2  kN 

-17  % 

15.1  kN 

-5  % 

Table  2:  Strength  predictions  of  the  MY-750  -i- 15  %  CTBN  /  2L73  joint. 


6  .  STRENGTH  PREDICTION  OF  A  CFRP/STEEL 
DOUBLE-LAP  JOINT 

Double-lap  bonding  is  an  appropriate  technique  to  assembly 
two  metal  pieces  with  a  composite  plate.  Among  the  design 
configurations  tested  experimentally  and  numerically  by 
Adams  &  al.  [8],  the  most  resistant  one  is  here  retained.  This 
design,  illustrated  at  figure  7,  is  characterised  by  an  interior 
bevelled  steel  end  and  a  spew  fillet  of  30°. 

The  central  CFRP  adherent  is  built  up  on  UD  carbon-epoxy 
plies  oriented  at  0°.  Adams  &  al.  [8]  use  as  adhesive,  the 
modified  epoxy  resin  whose  tensile  and  pure  shear  response 
are  given  at  figure  1.  Their  main  difference  occurs  for  the 

equivalent  failure  strain  :  e[ens  again  17.4  %. 

The  material  properties  of  the  retained  adhesive,  steel  and 
composite  adherents  can  be  found  in  references  [1]  and  [8]. 

Aim: 

Determine  the  influence  of  the  choice  of  the  non-linear 
reference  curve  on  the  joint  strength  prediction.  Therefore, 
two  complete  non-linear  analyses  with  strength  prediction 
have  been  achieved  respectively  with  the  uniaxial  extension 
and  the  pure  shear  curve  as  reference  one. 

Experimental  results: 

Adams  &  al.  [8]  observe  that  this  double-lap  joint  fails  at 
3.05  kN  by  transverse  matrix  cracking  of  the  0°  plies  under 
the  spew  fillet  at  the  bevelled  overlap  end. 
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1.5  mm 
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Figure  7  :Interior  bevelled  mixed  double-lap  joint  with  spew 
fillet. 


6.1.  Non-linear  analysis  and  strength  predic¬ 
tion  vfith  the  uniaxial  extension  curve  as 
reference  curve 

The  plasticity  in  the  joint  is  confined  around  the  bevelled 
steel  end  at  low  load  levels  (P  <  2.  kN).  But,  the  yielding  of 
the  steel  adherent  at  P  =  2.4  kN  modifies  completely  the 
plastic  growth  in  the  adhesive  layer  :  it  increases  now  more 
in  the  first  spew  fillet  than  in  the  bevelled  region  [1].  This 
local  plasticity  increase  is  so  pronounced  that  a  macro-crack 
initiation  is  predicted  at  P=  2.6  kN.  This  crack  grows  along 
the  free  boundary  of  the  first  spew  fillet  until  the  ultimate 
load:  P=  2.68  kN.  This  failure  load  underestimates  the 
experimental  one  by  12.1  %.  But  worse,  a  wrong  failure  mode 
-  cracking  of  the  adhesive  layer  -  is  predicted.  Moreover,  at 
this  load  level,  the  Tsai-Wu  criterion  confirms  that  all  0° 
plies  are  always  intact. 

6.2.  Strength  prediction  with  the  pure  shear 
curve  as  reference  curve 

As  the  failure  plastic  strain  is  now  greater,  no  premature 
failure  initiation  occurs  at  P  =  2.6  kN.  Further  load 
increments  are  applied  until  2.8  kN.  At  this  load,  the  Tsai-Wu 
criterion  is  verified  in  the  composite  adherent  under  the 
second  spew  fillet,  as  illustrated  at  fig.  8. a,  and  the  UD  plies 
degrade  by  transverse  matrix  cracking.  Moreover,  the 
adhesive  modelled  with  the  pure  shear  curve  is  always  intact 
at  this  load  level,  as  confirmed  by  the  plastic  flow  diagram 
given  on  fig.  8.b. 

After  matrix  degradation,  the  transverse  stresses  in  a  damaged 
ply  are  assumed  to  be  maintained  at  their  failure  value.  With 
this  simple  post-degradation  behaviour  few  further  load 
increments  have  been  applied  up  to  P=  2.97  kN,  load  at 
which  the  joint  failure  is  decreed.  This  predicted  strength  is 
in  excellent  agreement  with  the  experimental  one  (2.6  % 
error). 

Note  that  at  2.93  kN,  the  plastic  strain  in  the  adhesive 
reaches  also  locally,  in  the  first  spew  fillet,  its  failure  value. 
So  that,  for  the  last  3  increments,  a  complex  failure  mode  is 
predicted  :  matrix  cracking  at  the  bevelled  end  and  adhesive 
crack  propagation  at  the  other  end. 
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(a) 


(b) 


Figure  8  :  a)  Partial  degradation  of  the  composite  adherent  decreed  by  Tsai-Wu  at  P  =  2.8  kN; 
b)  Plastic  flow  in  the  adhesive  layer  near  the  first  overlap  end. 


7.  CONCLUSIONS 

The  new  simple  failure  model,  combined  respectively  with 
the  maximum  principal  stress  or  strain  criterion,  localises 
accurately  the  failure  initiation  and  determines  the  possible 
joint  strength  reserve.  Furthermore,  with  a  judicious  F.E. 
model,  it  predicts  correctly  the  failure  mode  and  the  joint 
strength  of  brittle  adhesives  and  provides  satisfying  results 
for  ductile  and  modified  resins.  As  the  last  predictions  are 
always  conservative,  it  will  be  interesting  to  respect  these 
values  as  bonds  during  the  joint  design  phase. 

In  order  to  improve  and  to  remedy  the  main  drawbacks  of  this 
simple  failure  model  (significant  influence  of  the  F.E.  mesh, 
constant  Hooke  matrix,...),  a  new  coupled  isotropic  damage 
model  for  adhesives  has  been  developed.  This  model  linked 
in  the  future  with  an  appropriate  localisation  technique  [1] 
will  be  able  to  describe  more  physically  and  accurately  all 
adhesive  degradation  mechanisms  until  the  joint  failure. 

Finally,  the  strength  predictions  of  a  mixed  double-lap  joint 
show  obviously  the  superiority  of  the  pure  shear  test  curve 
over  the  uniaxial  extension  one  as  reference  curve  in  the 
adhesive  elastoplastic  model. 
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SUMMARY 

The  recent  introduction  of  composite  materials  in  aircraft 
primary  structures  has  resulted  in  lower  weight  and 
improved  performance.  These  improvements  require  the 
development  of  new  design  concept  and  manufacturing 
techniques  for  weight  and  cost  efficient  structures.  Current 
manufacturing  approaches  are  focused  on  cocurring, 
where  the  skin  and  stiffeners  are  cured  together  in  a  single 
autoclave  cure,  and  secondary  bonding,  where  stiffeners 
and  skin  are  cured  separately  and  then  bonded  together 
with  an  adhesive  film.  For  this  study,  cocurring  and 
secondary  bonding  manufacturing  techniques  were  used  to 
produce  four  stiffened  panels.  Experience  gained  with 
those  techniques  is  discussed.  Ultrasound  C-scan 
inspection  was  carried  out  to  detect  any  defects  in  the 
panels.  These  panels  were  tested  in  compression  to  verify 
their  structural  efficiency  of  assembling  technique. 

This  paper  presents  the  details  of  different  assembly 
methods,  and  identifies  and  discusses  the  advantages  and 
disadvantages  of  each  manufacturing  technique. 

1.  INTRODUCTION 

The  use  of  advanced  composites  in  aircraft  structures  has 
demonstrated  the  potential  for  decreasing  structural  weight. 
Weight  savings  result  from  the  high  stiffness-to-density  and 
high  strength-to-density  properties  of  fibres  such  as  carbon. 
The  technologies  used  for  a  civil  aircraft  may  not  be  the 
same  as  those  used  for  a  military  aircraft  (fighter  type)  since 
the  priorities  are  different.  Performance  is  usually  the  top 
priority  for  military  aircraft  [1].  In  most  cases  this  means 
that  the  structure  must  achieve  a  given  task  with  minimal 
weight.  Life  cycle  cost  which  includes  the  original 
equipment  cost,  direct  operating  cost  and  inspection  and 
maintenance  cost  (including  repair)  is  important  for  any  type 
of  aircraft.  Traditionally,  stiffened  panels  and  shell 
structures  are  designed  to  reduce  the  weight  of  the  aircraft 
[1-7]. 

In  order  to  optimize  the  design  of  stiffened  structures, 
design  concepts  must  be  verified  by  experiments.  In 
addition,  new  fabrication  techniques  have  to  be  developed 
in  order  to  produce  integrally  stiffened  panels.  Integrally 
stiffened  composite  panels  will  result  in  reduced  part  count 
when  compared  to  equivalent  metal  structures,  thus 
reducing  assembly  time. 

This  study  is  concerned  with  the  design,  fabrication  and 
testing  of  stiffened  composite  panels.  Current  manufacturing 
approaches  are  focused  on  cocuring,  where  the  skin  and 


stiffeners  are  cured  together  in  a  single  autoclave  cure,  and 
secondaiy  bonding,  where  stiffeners  and  skin  are  cured 
separately  and  then  bonded  together.  In  this  report,  both 
manufacturing  techniques  are  discussed  on  the  basis  of 
structural  efficiency  and  advantages  and  disadvantages  are 
emphasised. 

2.  STIFFENER-SKIN  ATTACHMENT  DESIGN 

The  influence  of  the  stiffener-skin  attachment  design  on  the 
performance  of  the  stiffeners  on  a  skin  was  investigated  by 
several  researchers  [1-3].  In  reference  [3],  several  different 
attachment  designs  were  evaluated  on  a  static  strength  basis. 
The  test  data  from  this  study  are  summarized  in  Figure  1. 
Among  these  alternate  designs,  the  tailored  flange  and  the 
tailored  flange-skin  designs  seem  to  be  more  efficient, 
especially  for  the  post-buckling  loading  range.  The  tailored 
flange  design  concept  was  also  found  to  contribute  to  longer 
fatigue  life.  The  baseline  design  with  stitching  exhibited 
some  improvement  in  strength,  but  it  is  still  difficult  to  stitch 
the  flange  to  the  skin  due  to  the  lay-up  complexity.  The 
stitching  can  arrest  delamination  growth,  but  the  stitching 
may  also  provide  a  potential  failure  site. 

It  was  found  that  the  use  of  a  smooth  radius  in  joining  the 
web  to  the  skin  maximized  joint  strength  and  also  that  joint 
strength  increased  as  the  radius  of  the  joint  increased  [3,4]. 

3.  MANUFACTURING  CONCEPTS 

The  producibiiity  of  advanced  composite  structures  is  based 
on  a  compromise  between  design  requirements  and  the 
manufacturing  characteristics  and  limitations  of  the 
materials.  Hence,  the  manufacturing  process  is  one  of  the 
most  critical  factors  in  the  successful  use  of  advanced 
composite  materials  in  aircraft  structures.  The  objective  of 
developing  a  manufacturing  process  is  to  establish 
manufacturing  techniques  for  compatible  design  approaches 
and  to  achieve  the  goal  of  cost-effective  manufacture  of 
composite  structures.  For  manufacturing  of  stiffened 
composite  panels,  tooling  and  fabrication  are  considered  to 
be  critical. 

3.1  Tooling 

General  experience  has  indicated  that  certain  characteristics 
are  essential  for  tooling  used  to  cure  large  and  complex 
parts.  The  researchers  [4,5]  have  indicated  that  the  most 
important  parameters  of  tooling  for  large  and  complex 
composite  parts  are; 

a.  thermal  properties 

b.  structural  properties 
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c.  surface  characteristics 

d.  maintenance 

e.  reasonable  costs  and  lead  time 

There  are  two  important  curing  tools  for  stiffened  composite 
structures  such  as  the  skin  of  a  fuselage  or  wing  skin 
components;  one  is  the  caul  plate  (skin  tool)  and  the  other  is 
the  mandrel.  The  caul  plate  is  used  for  the  manufacture  of 
skin  components  while  mandrels  are  used  for  the  fabrication 
of  stiffeners.  The  materials  for  the  caul  plates  and  mandrels 
should  be  selected  according  to  above  parameters. 

It  is  usually  difficult  to  achieve  compatible  thermal 
expansion  between  the  part  and  the  tool  unless  the  tool  is 
composed  of  the  same  material  as  the  part  and  has  the  same 
ply  orientation.  This  is  not  to  say  that  steel,  aluminum  or 
plastic  material  should  not  be  used  to  make  tools  for 
stiffener  and  skin  components.  Tools  made  of  these 
materials  are  also  used  for  making  flat  or  slightly  contoured 
skins  where  thermal  distortion  can  be  controlled  by  design. 

The  latest  investigations  show  that  the  most  suitable  tooling 
materials  for  stiffeners  are  elastomeric  and  foam  materials. 
Carbon  fibre  reinforced  composite  materials  are  suitable  for 
making  caul  plates.  Elastomers  were  found  [1-7]  to  have 
more  of  the  properties  required  for  making  the  tools  for 
open  or  closed  section  stiffeners  than  other  available 
materials.  The  caul  plates  for  the  manufacture  of  fuselage 
and  wing  skin  components  are  generally  manufactured  from 
carbon  fibre  cloth  using  a  wet  lay-up  technique  with  a  high 
service  temperature  curing  resin. 

3.2  Fabrication 

Stiffeners  are  usually  assembled  by  following  the  designed 
ply  orientation  and  stacking  order  for  proper  placement  of 
prepreg  tapes,  ply  by  ply,  on  the  tool.  Open-section 
stiffeners  are  laid  either  on  the  mandrels  directly  or  on  a  flat 
base  plate  and  then  placed  on  the  mandrels.  All  lay-ups  are 
vacuum  bagged  for  compacting  the  plies.  To  enhance  the 
forming  and  to  ensure  conformance  with  the  mandrel,  hot 
air  is  used  in  addition  to  vacuum.  This  is  a  debulking 
process  that  is  sometimes  referred  to  as  hot-forming. 

The  lay-up  technique  for  closed-section  stiffeners  is  almost 
the  same  as  for  an  open-section  stiffeners  except  that  inserts 
(mandrels)  in  combination  with  machined  molds  are  used  to 
form  the  stiffeners.  Similarly,  hot  air  and  steel  rollers  are 
used  to  ensure  that  the  prepreg  layers  conform  to  the  mold. 
After  forming  the  stiffeners  there  are  two  methods  for 
assembling  stiffeners  and  skin  [6]; 

a.  Cocuring:  Stiffeners  are  integrally  cured  with 
the  skin  in  one  cure  cycle,  see  Figure  2. 

b.  Secondary  bonding;  Stiffeners  and  skin  are 
cured  separately  and  bonded  together  with  an  adhesive  film 
in  a  secondaiy  operation ,  see  Figure  3. 

4.  PANEL  SIZE  AND  CONFIGURATION 

The  selection  of  the  appropriate  panel  size  and  configuration 
for  experimental  examination  should  be  based  upon  two 
main  factors.  First,  the  panel  configuration  should  be  such 
that  it  simulates  closely  the  geometry  and  loading  conditions 
in  a  real  structure  such  as  one  might  find  in  fuselages  of  a 
future  V/STOL  airplane,  second,  the  panel  size  should  be 


such  that  it  is  feasible  to  test  it  with  commonly  available  test 
equipment  at  a  reasonable  cost. 

In  this  study,  the  structural  component  that  was  selected 
was  a  J-stiffened  panel  designed  to  perform  in  post- 
buckling.  The  J-sections  were  selected  because  of  structural 
efficiency  over  other  types  of  stiffeners  (except  hat 
stiffeners)  particularly  when  used  as  axial  load  members  to 
carry  fuselage  bending  moments  and  common  use  in 
aerospace  vertical  and  horizontal  stabilizers,  fuselage,  wing 
structures  of  aircraft. 

The  stiffened  panels  were  designed  and  fabricated  at 
National  Research  Council  of  Canada,  Institute  for 
Aerospace  Research.  The  test  panel  consists  of  two  bays 
containing  three  cocured  J-stiffeners  which  simulate 
stringers  on  a  fuselage  skin.  As  an  example  consider  the 
sketch  shown  in  Figure  4. 

In  the  absence  of  any  better  ultimate  stress  criteria  a 
compression  stress  of  225.3  MPa  [1,3]  was  assumed  to  be 
the  ultimate  compression  allowable  for  the  panel.  The 
minimum  panel  thickness  required  to  carry  an  ultimate 
compression  load  of  350  KN/m  will  thus  be  3.14  mm.  Since 
the  nominal  thickness  per  ply  of  1M6/5245C  carbon-epoxy 
prepreg  chosen  is  0.129  mm,  the  laminate  configuration 
requires  twelve  unidirectional  plies  of  tape.  Eight  of  these 
plies  are  chosen  ±  45  degrees  with  respect  to  loading  axis  to 
compensate  shear  loads,  two  plies  are  chosen  zero  degree 
and  two  plies  are  chosen  90  degree  plies  to  get  a  quasi¬ 
isotropic  structure.  Thus  the  panel  configuration  is 
(±45/90/0/±45)s  where  reference  axis  is  in  the  longitudinal 
direction.  It  is  noted  that  this  configuration  is  midplane 
symmetric.  To  prevent  the  stiffener  from  being  buckled  until 
the  total  failure  occurs,  additional  twelve  zero  degree  plies 
were  inserted  to  the  cap  (outer  flange)  of  the  stiffener. 

5.  PANEL  FABRICATION 

Two  manufacturing  process  which  are  cocuring  and 
secondaiy  bonding,  were  used  and  in  total,  four  panels  were 
produced.  Each  panel  was  assigned  a  code  so  that  all  the 
information  and  data  pertaining  to  a  particular  panel  could 
be  retained  and  identified. 

5.1  Material  and  Tooling 

The  composite  materials  used  in  this  study  were 
unidirectional  tape  of  carbon  fibre  pre-impregnated  with 
modified  epoxy  resin  (prepreg).  The  carbon  fibres  were 
Hercules  IM6  and  the  epoxy  resin  was  Narmco  5245C. 
Narmco  IM6/5245C  material  was  chosen  for  this  study 
since  utilized  modified  epoxy-resin  system  with  improved 
resin  toughness..  A  common  characteristic  of  the  tougher 
resin  systems  is  their  greater  ductility  and  higher  strain  to 
failure.  The  prepreg  material  was  relatively  dry  and  lacked 
adequate  tackiness  for  the  lay-up.  To  ensure  that  any  trapped 
air  and  wrinkles  were  removed,  the  prepreg  plies  were 
smoothed  with  a  piece  of  teflon  and  moderate  heat  from  a 
heat  gun  was  applied  to  improve  tack.  Typical  physical  and 
mechanical  properties  of  this  material  can  be  found  in  the 
open  literature. 

A  skin  lay-up  tool  was  machined  from  12.7  mm  thick 
aluminum  plate  stock,  625  mm  wide  and  865  mm  long.  The 
surface  of  the  tool  was  sanded  and  polished.  The  forming 
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and  curing  tools  for  stiffeners  and  three  sets  of  angle 
supports  were  machined  from  aluminum  material  and 
positioned  on  the  lay-up.  The  aluminum  sheets;  0.55  mm 
thick,  635  mm  long  were  used  to  cover  the  skin  lay-up 
which  was  not  occupied  by  stiffener  flanges. 

5.2  Fabrication  of  Cocuring  Panels 

Four  successive  manufacturing  sequence  plans  were 
prepared  for  adaptive  development  with  successive 
modification  efforts  aimed  at  removing  some  steps  and 
consolidating  others  to  reduce  the  total  number  of  sequences 
in  the  manufacturing  process. 

In  the  evolutionary  development  of  the  cocurring 
technology,  all  of  the  tools  for  fabricating  stiffeners  and  skin 
were  coated  with  a  non-silicone  release  agent  prior  to  lay-up 
to  ensure  that  the  cured  composite  parts  would  easily 
separate  from  the  tools.  All  stiffeners  and  skin  plies  were  cut 
in  accordance  with  the  configuration  by  using  templates. 
Following  the  stacking  sequences,  plies  were  placed  on  the 
curing  tools  one  by  one  for  the  U,  Z  and  skin  parts.  The 
plies  were  then  tightly  pressed  against  the  forming  and 
curing  tools  with  a  teflon  block,  The  curing  tools  for  the 
stiffeners  were  assembled  and  secured  with  C-clamps.  Later, 
unidirectional  material  was  cut  to  a  width  of  63.5  mm,  hand 
rolled  into  a  rod  shape  and  then  placed  into  the  cavity  which 
ran  the  full  length  of  the  flange-skin  joint.  Accordingly,  it 
was  compacted  by  means  of  air  heater  and  roller.  All 
stiffener  lay-ups  and  curing  tools  were  then  placed  on  the 
flat  skin  plies  after  aluminum  cover  sheets  for  the  skin  were 
positioned  properly.  A  layer  of  parting  film  and  a  layer  of 
bleeder  were  applied  over  the  whole  assembly.  Also,  one 
ply  of  breather  was  placed  around  the  edges  of  the  laminate. 

The  entire  assembly  was  then  vacuum  bagged  for  the 
autoclave  cure.  The  bagged  assembly  was  pre-compacted 
for  30  minutes  at  a  pressure  of  690  KPa  and  a  temperature 
of  125°C  in  the  autoclave  before  curing.  The  prepreg 
manufacturer’s  recommended  cure  cycle  for  1M6/5245C  is 
then  applied.  Three  stiffened  panels  were  made  using  the 
cocuring  technique  and  were  identified  as  Jl,  J2  and  J3,  see 
Figure  5. 

5.3  Fabrication  of  Secondary  Bonded  Panel 

In  the  lay  up,  tooling  and  curing  techniques  of  the  skin  and 
stiffeners  the  fabrication  process  are  the  same  with  the 
cocurred  ones.  The  only  difference  is  that  the  cured 
stiffeners  were  bonded  with  the  thermally  activated  epoxy 
film  system,  FM  300,  on  the  cured  skin  in  a  second  curing 
operation.  Only  one  panel  was  made  using  the  secondary 
bonding  technique  and  identified  as  J4. 

5.4  Scanning  and  Panel  Preparation 

The  four  panels  were  inspected  in  the  lAR  ultrasonic 
inspection  facility  using  C-scan  in  both  the  pulse-echo  and 
reflection  pulse-echo  modes  of  inspection.  Examination  of 
the  surfaces  of  the  panels  revealed  areas  that  corresponded 
to  the  indications  on  the  C-scan  plots  which  appeared  to  be  a 
small  amount  of  distortion  (warpage).  Since  the  pulse-echo 
technique  is  sensitive  to  surface  distortion  the  inspection 
was  repeated  in  reflection  pulse-echo  in  an  attempt  to 
determine  whether  these  apparent  defects  were 
delaminations.  All  four  panels  exhibited  areas  which  appear 


to  be  distortions,  and  except  a  few  minor  defects  in  one 
stiffener  web,  no  other  defects  were  detected. 

After  trimming  and  cleaning,  the  panels  were  mounted  and 
cast  into  a  steel  U  shape  channels  using  room  temperature 
cured  epoxy  resin.  These  U-shape  channels  act  as  a  mould 
for  potting  the  ends  of  the  panel  and  serve  as  an  end  plate 
for  transferring  the  load  from  the  test  machine  to  the  test 
panel.  Except  one  panel,  which  had  24  strain  gauges  (J2), 
test  panels  were  instrumented  with  20  strain  gauges. 

6.  TESTING  AND  TEST  RESULTS 

Panels  were  tested  in  compression  with  a  2.7  MN  Baldwin 
test  machine.  Loads  were  taken  by  means  of  pressure  a 
transducer  mounted  to  the  hydraulic  system  of  the  machine. 
After  the  panel  was  carefully  centered  in  the  platen  of  the 
test  machine,  the  test  panel  was  axially  loaded  in 
compression  with  constant  increments  of  loads.  The  load 
was  increased  until  the  ultimate  failure  of  the  test  panel 
occurred.  Strains  and  loads  were  gathered  by  a  data 
acquisition  system  (Sciemetric  System  200)  and  recorded 
by  a  computer. 

The  load-strain  curves  for  each  strain  gauge  pair  were 
obtained  from  the  data  recorded  by  the  data  acquisition 
system.  Strain  data  from  longitudinal  back  to  back  strain 
gauges  located  at  the  skin  edges,  bays  between  stiffeners, 
stiffener  caps,  flanges,  and  web  of  the  four  test  panels  are 
shown  in  Figure  6.  Failure  load  and  failure  strains  are  also 
given  in  Table  1. 

7.  DISCUSSION 

Compression  strains  in  the  cap  section  showed  that  the  caps 
did  not  buckle  but  deformed  slightly  prior  to  collapse  of  the 
stiffeners.  The  caps  were  the  basic  load  canying  elements 
of  the  stiffeners  which  was  consistent  with  the  post  buckled 
design. 

The  data  from  the  longitudinal  back-to-back  strain  gauges 
located  on  the  stiffener  flange  are  shown  in  Figure  6.  Higher 
strains  were  recorded  as  the  applied  load  increased  and  this 
indicated  that  the  flange  element  remained  intact  prior  to  the 
ultimate  failure.  Apparently,  these  higher  strains  at  the 
stiffener  flanges  may  have  contributed  to  a  local  failure  in 
the  skin-stiffener  interface  region. 

The  first  three  panels  (Jl,  12,  and  J3),  which  were  fabricated 
by  cocurring  the  skin  with  the  stiffeners,  failed  at  a  average 
load  of  21500  kg.  The  fourth  panel  was  fabricated  by 
secondary  bonding  the  skin  to  the  stiffener  in  a  second 
operation  and  it  failed  at  25360  kg,  which  is  about  18  % 
higher  than  the  cocurred  ones.  Panel  J3  failed  at  lowest  load, 
which  was  20230  kg.  This  might  be  attributed  to  the 
existence  of  some  small  defects  which  were  found  on  the 
stiffener  web.  The  failure  of  this  panel  occurred  at  the 
section  containing  the  defects  . 

The  failure  mode  was  associated  with  compression  failure  of 
the  caps,  local  delamination  in  the  flange-skin  section  and 
failure  along  the  45°  lines  in  the  skin.  The  maximum  strains 
for  all  the  test  panels  were  in  the  range  from  5  %  (5255 
microstrain)  to  6  %  (5911  microstrain),  see  Table  1.  It 
appears  that  the  failure  initially  occurred  due  to  the 
separations  or  delaminations  of  the  stiffeners  from  the  skin. 
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but  it  is  noted  that  the  separations  (delamination)  are  local  in 
nature  and  are  believed  to  have  been  caused  by  the 
compression  failure  of  the  stiffener  caps.  The  global  failure 
modes  of  the  test  panels  are  also  presented  in  Figure  7. 

8.  STRUCTURAL  EFFICIENCY  OF  TEST  PANEL 

To  evaluate  the  structural  performance  of  the  test  panels  a 
structural  efficiency  method  [7]  was  used.  The  structural 
efficiency  of  the  panel  is: 

K  =  {ALIW).{N  /  Lf^ 

where  K  is  the  structural  efficiency  coefficient,  W  is  the 
weight  of  the  panel,  A  is  the  area  of  panel,  L  is  the  length  of 

the  panel  and  N  is  the  applied  load/width.  This  coefficient 
can  serve  as  a  measure  of  relative  merit  for  various 
configurations.  The  efficiency  coefficients  in  Table  1  are 
based  on  experimental  data. 

The  coefficient  of  structural  efficiency  for  the  cocurred 
panels  was  2.39*  10'^  while  the  theoretical  values  for  a  J- 
stiffened  aluminum  panel  and  a  carbon-epoxy  J-stiffened 
panel  from  [7]  are  3.52*10'^  and  2.10*10'^  respectively. 
This  indicates  that  the  panels  manufactured  in  this  study 
would  be  slightly  heavier  than  the  theoretical  carbon-epoxy 
J-stiffened  panel  but  much  lighter  than  the  minimum- 
weight  aluminum  J-stiffened  panel  designed  to  carry  an 
identical  compression  load. 

The  similar  comparison  revealed  that  the  secondarily 
bonded  J-stiffened  panel  which  had  a  structural  efficiency 
coefficient  of  2.26*10'^  would  be  1.07  times  heavier  than 
theoretical  minimum-weight  carbon-epoxy  J-stiffened  panel 
with  the  same  load  carrying  capability.  The  cocurred  J- 
stiffened  composite  panels  had  structural  efficiencies  that 
were  approximately  32  %  greater  than  that  of  the  J-stiffened 
aluminum  panel,  while  for  the  secondarily  bonded  J- 
stiffened  composite  panel  it  is  about  36  %  greater. 

9.  CONCLUSIONS 

1.  Simple  technique  have  been  developed  to  lay  up  plies 
efficiently  for  the  stiffener  elements, 

2.  The  tools  for  the  stiffeners  were  satisfactory,, 

3.  No  significant  separation  between  skin  and  stiffeners  was 
observed  before  failure,  only  local  separation  occurred 
around  the  failure  section, 

4.  Secondary  bonded  stiffened  panels  may  carry  slightly 
higher  loads  than  cocurred  stiffened  panels  but  perhaps  at 
the  expense  of  additional  fabrication  cost, 

5.  Considering  the  data  obtained  ,  it  can  be  concluded  that 
the  secondary  bonding  technique  is  easier  to  apply  than  the 
cocuring  technique  for  complex  structures  and  it  usually 
costs  less  in  tooling  due  to  its  simplicity.  However,  the 
cocuring  technique  offers  the  following  advantages; 


a.  large  one-piece  strucmres  can  be  made,  thus 
eliminating  joints  and  discontinuities  and  improving 
structural  integrity, 

b.  the  manufacturing  process  involves  fewer 
operations,  and 

c.  fewer  fit-up  problems  occur  and  less  sealing  is 
required  in  assemblies  which  reduce  costs. 

6.  The  results  showed  that  J-stiffened  carbon-epoxy  panels 
can  be  designed  to  carry  a  specified  compression  load  with 
32-36  %  less  weight  than  is  required  by  the  most  efficient 
aluminum  J-stiffened  configuration. 

10.  ACKNOWLEDGEMENT 

The  support  of  DND  CRAD-DIRD  through  the  Defence 
Research  Fellowship  Program  is  acknowledged.  The  authors 
would  like  to  thank  Dr.  W.  Wallace,  Director  of  the 
Structures  and  Materials  Laboratory  of  lAR,  for  his  support 
of  this  work  and  also  to  thank  Mr.  C.E.  Chapman,  Mr.  W. 
Ubbink  and  Mr.  P.A.  Adams  for  their  technical  support. 

11.  REFERENCES 

1.  Agarwal,  B.L.,  "Postbuckling  Behaviour  of  Composite 
Shear  Webs",  ATAA  Journal.  19,  No.  7, 933  (1981). 

2.  Cope,  R.D.,  and  R.B.  Pipes,  "Design  of  the  Spar- 
Wingskin  Joint",  Fibrous  Composites  in  Structural  Design. 
E.  Edward,  D.W.  Oplinger,  and  J.J.  Burke,  Eds.,  Plenum 
Press,  New  York  (1980). 

3.  Renieri,  M.P.,  and  R.I.  Garret,  "Stiffener/Skin  Interface 
Design  Improvements  for  Postbuckled  Composite  Shear 
Panels",  NADC-80 134-60,  Naval  Air  Development  Centre 
(1982). 

4.  Starnes,  J.H.Jr.,  N.F.  Knight,  and  M.  Rouse, 
"Postbuckling  Behaviour  of  Selected  Flat  Stiffened  Grp/Ep 
Panels  Loaded  in  Compression",  AlAA  Paper,  No.  82-0777, 
464(1982). 

5.  Bell,  J.E.,  and  l.J.  Muha,  "Integrally  Stiffened  Co-Cured 
Shear  Panel",  Fibrous  Composites  in  Structural  Design  .  M. 
Edward,  D.W.  Oplinger,  and  J.J.  Burke,  Eds.,  Plenum  Press, 
New  York,  187(1980). 

6.  Elaldi,  F.,  S.  Lee,  and  R.F.  Scott,  NRC  LTR-ST-1872, 
p.8,  (April,  1992). 

7.  Williams,  J.G.,  and  M.M.Jr.  Mikulas,  "Amalytical  and 
Experimental  Study  of  Structurally  Efficient  Composite 
Hat-Stiffened  Panels  Loaded  in  Axial  Compression",  Paper 
presented  at  the  16th  Structures,  Structural  Dynamics  and 
Materials  Conference,  Denver,  USA  (May,  1975). 


BASELINE  STATIC  STRENGTH 


4h 


3h 


O 

q: 


2H 


1  -  — 

o' - - 

BASELINE 


SOFTENING 

LAYER 


TAILORED 

SKIN 


TAILORED  TAILORED  STITCHED 

FLANGE  FLANGE 

AND  SKIN 


FIGURE  1.  COMPARISON  OF  STATIC  STRENGTH  FOR  SEVERAL 
STIFFENER-SKIN  INTERFACE  DESIGN 


FIGURE  2.  SCHEMATIC  VIEW  OF  COCURING  TECHNIQUE 
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FIGURE  3.  SCHEMATIC  VIEW  OF  SECONDARY  BONDING  TECHNIQUE 


Section  A-A 
Dimensions  are  in  mm 


FIGURE  4.  STIFFENED  COMPOSITE  PANEL  GEOMETRY  AND  LAY-UP  SEQUENCE 


FIGURE  5.  FABRICATED  STIFFENED  COMPOSITE  PANEL 


STRAIN  vs.  LOAD  FOR  FLANGE-OUT  [J3] 


COMPRESSION  LOAD  IN  KG  (THOUSANDS) 


FIGURE  6.  COMPRESSION  LOAD  VS  AXIAL  STRAIN  FOR  THE  FLANGE 
OF  STIFFENER  /  SKIN  INTERFACE 
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FIGURE  7.  GENERAL  FAILURE  MODELS  OF  THE  TEST  PANELS 


TABLE  1.  FAILURE  LOAD/FAILURE  STRAINS  AND  STRUCTURAL 
EFFICIENCY  OF  THE  PANELS 


Panel 

Type 

Buckling 

Failure 

The  Coefficient  of 

Load(kN) 

fi  strain 

Load(kN) 

|j,  strain 

Structural  Efficiency 

K,  {kN)^'^/m^ 

mm 

Cocured 

54,9 

900 

224,2 

6123 

2.32x10’^ 

Wm 

Cocured 

63,7 

1000 

208,3 

6070 

2.35x10'^ 

■a 

Cocured 

55,9 

1080 

198,7 

5708 

2.48x10'^ 

J4 

Secondary 

Bonded 

51,9 

900 

249,1 

7482 

2.23x10'^ 

Averages 

( )=  An  average  J1 ,  J3,  and  J3  only. 
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1  INTRODUCTION 

The  use  of  structural  adhesives  in  engineering 
applications  can  offer  substantial  benefits  in 
comparison  to  more  traditional  joining  techniques 
such  as  mechanical  fastening  and  welding.  These 
include; 

a.  Improved  fatigue  performance. 

b.  Ability  to  join  dissimilar  materials. 

c.  Ability  to  join  thin  gauge  materials  and 
honeycomb  constructions. 

d.  Simpler  and  cheaper  component  con¬ 
struction. 

Operational  benefits  which  can  result  from  the 
significant  use  of  bonding  include  improved 
equipment  performance,  resulting  largely  from  the 
significant  weight  reductions  which  adhesive 
bonding  can  provide,  together  with  substantial 
reductions  in  both  procurement  and  life-cycle 
maintenance  costs.  In  particular,  the  use  of 
adhesive  bonding  in  the  construction  of  advanced 
lightweight  composite  structures  will  be  of  major 
importance  since  mechanical  fastening  would 
impose  penalties  in  terms  of  mechanical  integrity 
and  weight. 

Traditionally,  engineering  structures  have  been 
produced  from  materials  such  as  steel  and 
aluminium  alloys,  where  adhesive  bonding  has 
often  been  viewed  as  the  preferred  joining  method. 
With  each  material  type,  surface  treatment  is  often 
seen  as  the  vital  prerequisite  to  successful  bonding 
with  various  standard  treatments  emerging  over  the 
years  for  various  alloy  types. 

In  recent  years  a  new  generation  of  materials,  most 
notably  polymer  composites,  have  emerged  for  a 
range  of  potential  applications.  Offering  substantial 


advantages  over  traditional  metal  alloys  in  terms  of 
density  and  fatigue  properties,  in  most  cases  a 
reconsideration  of  surface  treatment  requirements 
has  been  necessary.  With  thermosetting  based  fibre 
composites,  surface  treatment  requirements  have 
been  shown  to  be  relatively  simple  and 
straightforward.  Thus  surface  treatments  designed 
to  essentially  remove  contaminants  e.g.  abrasion 
and  degrease,  have  usually  been  considered 
sufficient.  However,  due  primarily  to  surface 
energetic  considerations,  thermoplastic  based 
composites  are  usually  difficult  to  bond  frequently 
resulting  in  low  joint  strength  and  durability. 
Consequently  more  sophisticated  and/or  aggressive 
treatments  have  been  considered  necessary  for 
successful  bonding  of  these  more  recently 
introduced  materials. 

The  work  described  in  this  paper  is  based  upon  an 
extensive  study  which  has  considered  several 
surface  treatment  approaches  for  thermoplastic 
composites,  with  emphasis  placed  upon  arguably 
the  most  commonly  employed  thermoplastic  matrix 
resin  i.e.  polyether  ether  ketone  (PEEK). 

2  EXPERIMENTAL 

2.1  Materials 

Three  types  of  surface  treatment  were  investigated 
i.e.  plasma,  corona  discharge  and  chemically  based 
treatments.  For  the  plasma  and  corona  discharge 
studies,  amorphous  PEEK  film,  250  pm  thick,  was 
used  as  adherend  whereas  a  carbon  fibre  PEEK 
composite  was  used  for  chemical  treatment  studies. 
With  the  plasma  and  corona  discharge  work  a 
120°C  cure  carried  epoxy  film  adhesive  was 
employed.  Several  adhesive  types  were  considered 
in  the  chemical  treatment  investigation,  all  based  on 
epoxy  resins. 
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2.2  Surface  treatments 

Prior  to  laser  or  corona  discharge  treatments,  PEEK 
film  adherends  were  cleaned  with  acetone  so  as  to 
minimise  surface  hydrocarbon  contamination. 

Theoretically  a  plasma  treatment  can  be  defined  as 
any  form  of  surface  treatment  in  which  material  is 
exposed  to  an  ionised  gas  (plasma).  Corona 
discharge  can  be  included  in  this  definition,  the 
main  difference  between  the  two  techniques  being 
that  plasma  generally  refers  to  low  pressure 
treatments  requiring  vacuum  equipment. 
Depending  on  the  gas  used  to  generate  the  plasma 
and  the  plasma  parameters,  three  different  forms  of 
treatment  are  possible.  The  first  involves  noble  gas 
plasmas,  the  principal  objective  being  the 
elimination  of  weak  boundary  layers.  The  second 
involves  reactive  gas  plasmas  (e.g.  oxygen, 
nitrogen  etc)  where  the  primary  effect  is  the 
introduction  of  functional  groups  onto  the  surface 
based  on  the  chemical  structure  of  the  gas,  with  the 
third  involving  polymerisable  gas  plasmas  capable 
of  depositing  and  developing  a  polymeric  film  on  a 
surface.  The  plasma  types  employed  in  this  study 
were  largely  taken  from  the  second  category  i.e. 
oxygen,  ammonia,  sulphur  dioxide  and  air,  with  just 
one  noble  gas,  argon,  being  employed. 

Plasma  treatments  were  carried  out  in  a  Plasma 
Technology  ‘System  80’  barrel  type  apparatus.  The 
operating  frequency  available  was  10^  Hz  with 
power  availability  up  to  1000  watts.  Processing 
pressures  of  approximately  260mtorr  were  provided 
by  the  use  of  a  rotary  vacuum  pump.  The  above 
mentioned  gases  were  introduced  into  the  chamber 
during  surface  treatment. 

Corona  treatments  were  conducted  in  a  corona 
generator  capable  of  a  power  output  range  of  0  to 
30  Hz.  During  treatment  specimens  were  placed  on 
a  polyethylene  support  plate  installed  between  two 
electrodes.  The  gap  between  electrode  and 
specimens  was  maintained  at  1.1  mm  with  both 
sides  of  the  PEEK  being  treated  separately  under 
identical  conditions.  During  treatment,  gas  was 
injected  into  the  apparatus  from  a  compressed  gas 
cylinder  at  a  constant  flow  rate  of  10/  min'^ 

The  energy  output  per  unit  area  from  the  electrode 
was  determined  from: 


where  E  is  the  energy  output  per  unit  area  (termed 
the  treatment  level)  P  the  power  of  the  generator,  N 
the  number  of  passes  between  electrodes 
experienced  by  the  supporting  plate  and  specimens. 


L  the  electrode  length  and  V  the  velocity  of  the 
supporting  plate. 

The  chemical  surface  treatments  investigated  were: 

a.  Chromic  acid  etch  at  room  temperature 
followed  by  a  20  minute  wash  in  cold 
running  tap  water  with  air  drying  at  60°C. 

b.  Concentrated  sulphuric  acid/  orthophos- 
phoric  acid/water  in  ratio  by  volume  of 
5:2:2  with  and  without  addition  of 
potassium  permanganate,  followed  by 
washing  in  cold  running  tap  water  and  air 
drying  at  60°C. 

In  addition,  for  comparison  purposes  PEEK 
composite  specimens  were  also  subjected  to  simple 
acetone  wipe  and  grit-blast  procedures  prior  to 
bonding. 

2.3  Joint  preparation  and  testing 

Both  T-peel  and  lap-shear  joints  were  employed  to 
characterise  plasma  and  corona  discharge  treated 
PEEK  specimens.  For  the  former,  dimensions  were 
approximately  125  mm  by  25  mm  wide  with  a 
bonded  area  of  75  by  25  mm.  Following  the 
appropriate  surface  treatment  adhesive  was  applied 
and  cured  at  120°C  for  1.5  hours  under  175kPa 
pressure,  followed  by  natural  cooling.  Joint  testing 
was  conducted  at  20‘’C  at  a  crosshead  speed  of  25.4 
cm  min’’. 

Lap-shear  joints  of  unreinforced  PEEK  were 
prepared  according  to  ASTM  D3 164-73.  PEEK 
film,  previously  subjected  to  plasma  or  corona 
discharge  treatment,  was  sandwiched  in  the  overlap 
regions  of  the  joint  between  steel  adherends,  film 
adhesive  being  used  to  bond  PEEK  to  steel. 
Following  assembly,  joints  were  cured  at  120°C  for 
1.5  hours  under  pressure  followed  by  natural 
cooling.  Testing  of  bonded  joints  was  conducted  at 
20°C  at  a  crosshead  speed  of  1.3  mm  min"'. 

Failure  analysis  of  peel  and  lap-shear  specimens 
was  conducted  using  both  visual  examination  and 
scanning  electron  microscopy.  In  addition  both 
untreated  PEEK  film  and  specimens  previously 
plasma  or  corona  treated  were  subjected  to  surface 
analysis  using  contact  angle,  x-ray  photoelectron 
spectroscopy  (XPS)  and  time  of  flight  secondary 
ion  mass  spectroscopy  (TOF-SIMS)  techniques. 
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3  RESULTS 

3.1  Plasma  treatments 

The  extent  of  the  bonding  difficulties  which  exist 
with  thermoplastics  such  as  PEEK  is  demonstrated 
by  the  data  shown  in  Table  1  which  shows  both  lap- 
shear  and  peel  strength  data  for  joints  prepared 
from  PEEK  adherends  previously  subjected  to  a 
simple  solvent  wipe.  As  indicated  the  level  of 
adhesion  between  essentially  untreated  PEEK  and 
adhesive  was  negligible,  with  no  detectable  load 
recorded  during  the  peel  test  procedure.  Locus  of 
failure  was  entirely  interfacial  between  adhesive 
and  PEEK,  indicating  clearly  the  need  for  an 
improved  surface  treatment.  A  moderate  lap-shear 
strength  was  however  obtained,  this  difference 
being  due  to  stress  condition  variations  provided  by 
the  two  test  geometries,  with  the  peel  test  being 
more  revealing  of  adhesive  -  adherend  interface 
weakness. 


highly  beneficial  effect  on  adhesion,  with  extent  of 
treatment  having  no  significant  effect  on  both 
strength  and  locus  of  failure  beyond  an  obvious 
minimum  necessary  treatment  condition. 

Table  6  shows  the  effect  of  different  gas 
environments  on  lap-shear  strength,.  As  indicated, 
the  type  of  gas  employed  i.e.  air,  oxygen,  argon, 
ammonia  or  sulphur  dioxide,  has  little  influence  on 
Joint  strength  and  locus  of  failure  beyond  the 
obvious  improvements  over  the  untreated  PEEK 
systems. 


Table  1 .  Joint  strength  values  and  locus  of  failure 
for  untreated  PEEK  Joints 


T-peel  strength 
N(mm) 

Lap-shear 
strength  (MPa) 

Locus  of 
failure 

0 

- 

I 

- 

16.9±L3 

I+C 

I:  Interfacial  failure  between  adhesive  and  PEEK 
C;  Cohesive  failure  within  adhesive 


Joint  strength  results  obtained  from  the  various 
plasma  treatments  employed  to  surface  modify 
PEEK  are  shown  in  Tables  2  to  4.  The  data  reveals 
clearly  that  all  the  plasma  treatment  variations 
considered  i.e.  gas  type,  treatment  time,  power  level 
and  pressure,  with  the  exception  of  one,  resulted  in 
substantial  increases  in  strength  and,  most 
importantly,  a  transfer  of  the  locus  of  failure  away 
from  the  adhesive  -  PEEK  interface  to  within  either 
the  adhesive  layer  or  the  PEEK.  This  can  of  course 
be  regarded  as  achieving  the  ultimate  objective, 
with  surface  treatment  modifying  the  nature  of  the 
PEEK  surface  to  such  an  extent  that,  upon  bonding, 
failure  is  not  associated  with  that  surface. 

3.2  Corona  discharge  treatments 

Joint  strength  results  obtained  from  the  corona 
discharge  treatments,  with  gas  type  and  treatment 
level  being  the  main  experimental  variables  studied, 
also  revealed  significant  improvements  in  strength 
with  a  similar  change  in  locus  away  from  the 
adhesive  -  PEEK  interface  (Table  5  and  6).  From 
this  data,  corona  treatment  is  clearly  having  a 
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Table  2.  Effect  of  oxygen  plasma  processingparameters  on  the  T-peel  joint  strength  of  PEEK 


Parameters 

T-peel  strength(N/mm) 

Locus  of  failure 

Untreated 

0 

I 

300  w,  0.3  torr,  0.5  min 

0.84±0.04 

I+C 

1  min 

4.23±0.34 

c 

2  min 

4.18±0.09 

C+P 

6  min 

3.90±0.02 

c 

10  min 

3.80±0.35 

C+P 

30  min 

4.07±0.06 

c 

1  min,  0.3  torr,  300w 

4.23±0.34 

c 

400w 

4.29±0.03 

C+P 

500w 

4.64±0.02 

C+P 

600w 

4.84±0.11 

C+P 

10  min,  0.3  torr,  300w 

3.80±0.35 

C+P 

400w 

3.88±0.06 

c 

600w 

3.72±0.29 

C+P 

600w,  1  min,  0.3  torr 

4.84±0.11 

C+P 

0.4  torr 

4.13±0.10 

c 

0.5  torr 

4.42±0.16 

C+P 

600  w,  10  min,  0.3  torr 

3.72±0.29 

c 

0.4  torr 

3.77±0.35 

c 

I;  Interfacial  failure  between  adhesive  and  PEEK  film. 
C:  Cohesive  failure  within  adhesive. 

P:  Failure  within  PEEK  film. 


Table  3.  Effects  of  plasma  treatment  gas  on  the  T-peel  joint  strength 


Treatment  condition 

Peel  strength  (N/mm) 

Locus  of  failure 

O2,  1  min,  500  w,  0.3  torr 

4.64+0.02 

C+P 

1  min,  600w,  0.4  torr 

4.13+0.10 

C 

Ar,  1  min,  500w,  0.3  torr 

3.36+3.36 

C 

5  min,  500w,  0.3  torr 

3.85+0.27 

C+P 

Air,  1  min,  500w,  0.3  torr 

4.19+0.07 

C+P 

1  min,  600w,  0.4  torr 

4.00+0.38 

C 

NH3,1  min,  500w,  0.3  torr 

4.05+0.11 

C 

1  min,  600w,  0.4  torr 

4.00+0.09 

C 
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Table  4.  Effect  of  plasma  treatment  gas  on  the  lap-shear  joint  strength 


Treatment  gas* 

Shear  strength  (MPa) 

Locus  of  failure 

Untreated 

16.9±1.3 

I+C 

Oxygen 

34.0±1.4 

C+P 

Ammonia 

32.2±2.1 

C+P 

Sulphur  dioxide 

32.8±0.9 

C+P 

Air 

29.1±1.8 

C+P 

*  Treatment  condition:  1  min,  500w,  0.3  torr. 


Table  5.  Effect  of  air  corona  discharge  treatment  on  lap-shear  strength  of  PEEK. 


Treatment  level  (J/mm^) 

Shear  strength  (MPa) 

Locus  of  failure 

0 

16.9+1.3 

I+C 

0.05 

28.3+0.9 

C+P 

0.2 

28.9+2.2 

C+P 

0.4 

28.5+1.8 

C+P 

0.6 

29.1+0.4 

C+P 

0.8 

29.5+0.6 

C+P 

2.0 

29.3+0.5 

C+P 

Table  6  Effect  of  gas  injecting  into  the  corona  discharge  on  the  lap-shear  joint  strength  of  PEEK. 


Treatment  level 

Gas 

Shear-strength 

Locus  of  failure 

(J/mm^) 

(MPa) 

0.05 

Air 

28.3+0.9 

C+P 

Oxygen 

29.9+0.5 

C+P 

Argon 

28.1+0.3 

C+P 

0.4 

Air 

28.5+1.8 

C+P 

Oxygen 

30.2+0.7 

C+P 

Argon 

28.8+0.8 

C+P 

Ammonia 

28.0+1.7 

C+P 

Sulphur  dioxide 

32.0+1.2 

C+P 
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Table  7  Boeing  wedge  test  results 


Adhesive 

Pretreatment 

ao'  mm 

Gie'  KJ/in 

Failure 

Epoxy 

GB 

48.77+2.84 

0.08+0.02 

I 

2  min.  CE 

mostly  max. 

0.031+0.026 

I 

30  min.  CE 

mostly  max. 

0.012+0.022 

I 

GB-t-2  min.  CE 

44.65+2.61 

0.313+0.074 

C/I 

GB+30  min.  CE 

42.28+3.29 

0.419+0.122 

C/I 

repeat 

48.44+2.62 

0.206+0.044 

C/I 

GB-I-A 

52.30+2.27 

0.170+0.04 

C/I 

GB-I-A-I-0.5%P 

37.63  +  1.39 

0.610+0.08 

C/I 

GB-fA  -h  1 .0%P 

33.90+1.80 

0.920+0.20 

A 

repeat 

34.99+2.17 

0.810+0.20 

C/I 

Pretreatments:  Failure: 


GB  -  grit  blast 

CE  -  chromic  acid  etch 

A  -  Sulphuric  acid  +  phosphoric  acid 

P  -  +  potassium  permanganate 


C  -  in  adherend 
A  -  in  adhesive 
I  -  at  interface 

C/I  -  in  composite  near  interface 


3.3  Chemical  treatments 

As  stated  previously  a  total  of  five  surface 
treatments  were  considered  namely  acetone  wipe, 
grit-blast,  chromic  acid  etch  and  sulphuric 
acid/orthophosphoric  acid/water  with  and  without 
the  addition  of  potassium  permanganate.  Boeing 
wedge  and  lap-shear  joint  designs  were  employed 
to  assess  joint  behaviour. 

As  expected  the  simple  treatments  i.e.  acetone  wipe 
and  grit-blast  were  ineffective  with  high  crack 
propagation  and  low  fracture  energy  values 
obtained  from  the  wedge  experiments  and  low  joint 
strengths  from  lap-shear  tests.  Although  the 
sulphuric  acid/orthophosphoric  acid/  water  treat¬ 
ments  were  also  ineffective,  the  addition  of  1% 
potassium  permanganate,  a  strong  oxidising  agent, 
resulted  in  strong  bonds  with  failure  predominantly 
away  from  the  interfacial  zone.  Table  7  shows 
representative  data  from  the  chemical  treatment 
study. 

4  DISCUSSION 

4.1  Proposed  mechanisms  for  bondability 

enhancement. 

In  an  attempt  to  develop  mechanisms  which  could 
account  for  the  joint  strength  improvements  and 
locus  of  failure  modifications  noted  above,  three 
main  surface  characterisation  approaches  were 
employed  namely,  wettability  studies,  scanning 
electron  microscopy  and  surface  specific  analytical 
techniques. 


One  of  the  most  important  factors  likely  to 
influence  the  strength  of  an  adhesive  joint  is  the 
ability  of  the  adhesive  to  wet  and  spread  on  the 
adherend  surface.  This  most  important 
characteristic  can  be  quantified  in  terms  of  the 
contact  angle  which  a  liquid  (adhesive)  forms  when 
placed  in  contact  with  a  solid  surface.  Considered 
initially  by  Young  in  1805,  he  related  contact  angle 
to  the  surface  energies  of  the  two  contacting 
materials  e.g.  adherend  and  adhesive,  as  indicated 
in  equation  2. 

7  SV  -  y  SL  LV 

Where  ygv  is  the  surface  free  energy  of  the 
adherend  in  contact  with  the  vapour  of  the  liquid 
(adhesive),  rsi  is  the  interfacial  free  energy  and 
xiy  the  liquid  (adhesive)  surface  free  energy. 
Since  a  contact  angle  of  0°  would  clearly  be  a 
desirable  objective  (demonstrate  spreading  of 
adhesive  across  the  adherend  surface  and  thus 
intimate  molecular  contact  between  the  two 
phases),  equation  2  can  be  employed  to 
demonstrate  a  simple  wetting  criteria  in  which  the 
adhesive  will  spread  on  an  adherend  when, 

ysv-ysL'^yiv 

This  equation  quite  simply  demonstrates  that  to 
enhance  adhesive  wetting  and  spreading  behaviour, 
the  surface  free  energy  of  the  adherend,  / 
should  be  maximised  to  at  least  greater  than  the 
surface  free  energy  of  the  adhesive  phase.  Indeed, 
the  need  for  surface  treatments,  be  they  metals, 
composites  or  plastics  can  be  attributed,  partly  at 
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least  to  the  simple  criterion  indicated  in  equation  3. 
Bearing  in  mind  the  improvements  in  bondability 
which  have  been  shown  from  the  various  treatments 
described  here,  it  is  of  interest  to  determine  whether 
these  trends  can  be  attributed  to  enhancements  in 
surface  free  energy. 

Within  this  context,  although  the  surface  tension  of 
a  liquid,  Ylv  can  be  determined  using  well 
established  techniques,  ysv  the  surface  free  energy 
of  a  solid  is  more  difficult  to  determine.  In  recent 
years  contact  angle  values  exhibited  by  a  range  of 
organic  liquids  on  various  adherend  surfaces  have 
been  used  to  provide  surface  free  energy  values, 
and  this  approach  has  been  adopted  in  this  study  to 
assess  surface  free  energy  effects.  In  this  work  four 
liquids  were  employed  in  the  contact  angle  studies, 
i.e.  liquids  having  differing  inter-molecular  force 
characteristics  necessary  to  achieve  an  accurate 
picture  of  both  the  magnitude  of  solid  surface 
energy  and  the  various  intermolecular  force  types 
which  contribute  to  it. 

For  all  the  liquids  considered,  surface  treatment  of 
PEEK  showed  substantial  reductions  in  liquid 
contact  angle  thereby  indicating  improved 
wettability  from  each  of  the  various  surface 
treatments  employed.  In  order  to  determine  PEEK 
surface  free  energies  from  liquid  contact  angle 
values,  the  concept  of  intermolecular  force 
contributions  to  surface  free  energy  requires 
consideration.  Proposed  initially  by  Fowkes  in  the 
early  1960s,  he  suggested  that  surface  free  energy 
could  be  expressed  by  two  terms,  namely  a 
dispersion  and  a  polar  component  representing  the 
two  principal  types  of  intermolecular  interaction 
present  in  most  materials.  Thus 

Y  =  y‘^  +Y^  W 

where  /  is  the  dispersion  force  component  f  the 
polar  force  component. 

In  an  attempt  to  determine  surface  free  energies  and 
related  dispersion/polar  force  components  for  the 
PEEK  surfaces  studied  in  this  work,  it  is  necessary 
to  consider  the  interaction  energies  which  would 
exist  between  an  adherend  such  as  PEEK  and  an 
adhesive.  Within  this  context  it  has  been  proposed 
that  the  geometric  mean  of  the  dispersion  force 
components  is  a  reliable  predictor  of  the  interaction 
energies  caused  by  this  type  of  force.  Thus  for 
interactions  involving  only  dispersion  forces. 


/  SL  -  7  LV  sv‘^ y  Lv'^  (5) 

However,  in  recognising  that,  with  some 
adherend/adhesive  combinations,  polar  force 
interactions  would  undoubtedly  exist,  equation  5 
can  be  modified  to  express  this  combination  thus, 

ysL  =  ysv  +  yiv  -  2(rsv  yivV  -  2(rsLys/)  (6) 

In  considering  a  solid-liquid  system,  this 
relationship  may  be  combined  with  equation  2  to 
eliminate  the  interfacial  free  energy  term  resulting 
in, 

1 1  ^(rsv^rLV^)^  (7) 

riv  riv 

From  a  knowledge  of  contact  angle,  Ylv**,  Ylv*’,  and 
Ylv  for  two  liquids,  simultaneous  equations  of  (7) 
can  be  solved  to  yield  the  dispersion  component  of 
the  solid  (PEEK)  surface,  Ysv^  and  the  polar 
component  Ysv’’-  From  this  a  value  of  solid  surface 
free  energy  can  be  deduced  simply  from  equation 
(4).  Using  this  approach,  values  for,  Ysv**,  Ysv’’  and 
Ysv  for  the  various  PEEK  surfaces  were  calculated 
from  the  contact  angle  values  together  with 
published  data  for  liquid  Ylv**,  Ylv*"  and  Ylv  values. 
Data  for  both  plasma  and  corona  discharge  treated 
PEEK  are  shown  in  Table  8  and  9  respectively. 
The  surface  polarity  values  indicated  are  simply  a 
quantifiable  expression  of  the  polar  nature  of  the 
surface,  obtained  simply  from  the  expression, 

P 

Surface  polarity  =  2—  (8) 

As  can  be  seen  from  Table  8,  the  three  plasma 
treatments  shown,  namely  oxygen,  ammonia  and 
sulphur  dioxide  plasmas,  resulted  in  significant 
increases  in  both  total  surface  free  energy  Ysv  ^^d 
polar  force  component  Ysv’’,  with  Ysv**  undergoing  a 
modest  decline.  Due  to  the  substantial  increase  in 
Ysv’’,  the  surface  polarity  values  also  underwent 
substantial  increases  following  treatment.  Since 
high  values  of  both  Ysv  and  Ysv’’  would  be  expected 
to  enhance  both  wettability  and  adhesion,  an 
oxygen  plasma  treatment  would  be  expected  to 
yield  the  greatest  joint  strength  results.  The  data 
shown  in  Table  3  reveals  that  this  was  indeed  the 
case. 

Similarly,  corona  discharge  treatments  (Table  9) 
also  resulted  in  increased  levels  of  Ysv,  and  surface 
polarity,  although  not  to  the  extent  of  that  obtained 
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Table  8  Effect  of  plasma  treatment  on  the  surface  free  energy  and  polarity  of  PEEK  films 


Treatment  condition 

Surface  energy  (mJm"^) 

Surface  polarity 

Ys*"  Ys'*  Ys 

Untreated 

7.2±  3.9  31.5±  8.3  38.7 

0.186 

O2,  1  min,  500w,  0.3  torr 

42.5  +  18.1  23.5  +  13.6  66.0 

0.644 

O2,  1  min,  600w,  0.4  torr 

43.5  +  17.6  22.6+12.8  66.1 

0.658 

NH3,  1  min,  500w,  0.3  torr 

32.4  +  11.6  22.7+  9.8  55.1 

0.587 

NH3,  1  min,  600 w,  0.3  torr 

34.6+11.7  23.2+  9.7  57.8 

0.598 

SO2,  1  min,  500w,  0.3  torr 

26.3  +  11.2  26.0+11.3  52.3 

SO2,  1  min,  600w,  0.3  torr 

19.5+  9.7  27.5  +  11.6  47.0 

0.416 

Table  9  Effect  of  corona  discharge  treatment  on  the  surface  free  energy  and  polarity  of  PEEK  films 


Gas 

Treatment  level 

Surface  energy(mJm'^) 

Surface  polarity 

(J/mm^) 

Ys'’ 

Ys 

Ys 

Untreated 

7.2+  3.9 

31.5+  8.3 

38.7 

0.186 

Air 

0.05 

28.6+12.1 

26.5  +  11.7 

55.1 

0.519 

0.2 

22.8+  7.6 

26.9+  8.3 

49.7 

0.460 

0.4 

34.5  +  14.3 

24.0  +  12.0 

58.5 

0.590 

0.6 

30.1  +  11.9 

25.4  +  11.0 

55.5 

0.543 

0.8 

33.0+13.4 

26.4  +  12.1 

59.4 

0.555 

2.0 

33.6+13.8 

26.2  +  12.3 

59.8 

0.562 

Ammonia 

0.05 

24.6+  9.2 

25.2+  9.4 

49.8 

0.494 

0.4 

25.9+  8.7 

25.7+  8.7 

51.6 

0.502 

Sulphur  dioxide  0.4 

24.6+  8.3 

28.0+  9.0 

52.6 

0.467 

Oxygen 

0.05 

21.0+  6.6 

28.2+  7.7 

49.2 

0.428 

0.4 

28.7  +  11.3 

26.8  +  11.0 

55.5 

0.518 

Argon 

0.05 

26.1+  9.1 

27.2+  9.4 

53.3 

0.489 

0.4 

29.8  +  11.1 

26.2+10.5 

56.0 

0.532 

with  plasma  treatments.  Thus,  the  surface  free 
energy  and  polarity  results  indicate  that  both 
plasma  and  corona  discharge  treatments  change 
surface  molecular  structure  and  increase  surface 
polarity  so  as  to  contribute  greatly  to  improved 
bondability. 

SEM  analysis  of  both  plasma  and  corona  discharge 
treated  PEEK  revealed  no  enhanced  surface 
topographical  effects  in  comparison  to  the  untreated 
surface,  implying  that  both  treatments  are 
mechanically  very  mild,  causing  no  erosion  or 
etching  of  the  PEEK  surface.  This  suggests  that 
both  the  bondability  and  wettability  improvements 


previously  discussed,  can  be  attributed  primarily  to 
surface  chemical  modification. 

The  surface  specific  analytical  techniques  of  X-ray 
photoelectron  spectroscopy  (XPS)  and  time  of 
flight  secondary  ion  mass  spectrometry  (TOF- 
SIMS)  were  used  to  assess  surface  chemistry 
modifications  ensuing  from  the  treatment 
procedures.  Both  techniques  revealed  that  both 
plasma  and  corona  discharge  treatments  resulted  in 
substantial  changes  in  the  chemical  structure  of  the 
PEEK  surface  with,  in  particular,  evidence  to 
indicate  the  introduction  of  oxygen  and/or  nitrogen 
containing  species  onto  the  surface.  The  presence 
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of  such  species  would  be  sufficient  to  enhance  the 
polarity  of  the  surface  and  to  provide  scope  for  the 
formation  of  interfacial  chemical  bonds  between  the 
PEEK  surface  and  adhesive,  both  of  which  would 
be  a  considerable  aid  to  improved  adhesion  and 
resultant  joint  strength. 

That  the  treatments  employed  to  surface  modify 
PEEK  increase  free  energy  has  already  been 
established.  Although  this  implies  the  attainment  of 
improved  wettability  characteristics,  it  is  important 
to  establish  whether  this  is  the  main  contributor  to 
the  improved  adhesion  and  joint  strength  values 
obtained. 

The  simple  criterion  developed  above  and 
highlighted  by  equation  3  suggests  that  thorough 
wetting  of  an  adherend,  Tsv,  by  an  adhesive,  Ylv, 
should  occur  when  Ysv  ^  Ylv-  Contact  angle 
measurements  obtained  with  liquids  in  contact  with 
cured  adhesive  revealed  a  surface  free  energy,  Ylv, 
of  33.1  mjW  with  dispersion  and  polar 
contributions  of  21.2  and  11.9  mJ/m^  respectively. 
This  compares  with  Ysv  of  38.7  mJ/m^  for  untreated 
PEEK  film  and  66.1  mJ/m^  for  the  best  surface 
treatment  (oxygen  plasma).  Thus,  the  criterion 
indicated  above  would  suggest  that  thorough 
adhesive  wetting  would  occur  with  all  of  the  films 
investigated  including  the  untreated  PEEK. 
However,  a  more  detailed  analysis,  involving  the 
wettability  envelope  concept,  would  provide  a  more 
accurate  prediction  of  wettability  and  is  therefore 
worthy  of  consideration. 

For  wetting  to  occur,  equation  3  (repeated  for 
convenience)  revealed  that; 

Tsv^rsL+YLV  0) 

By  substituting  for  Ysl  from  equation  6  into 
equation  3  and  re-arranging,  the  condition  that 
wetting  will  just  occur  becomes, 

riv  -(rsv‘^  rLv‘^)^  -irsv^ /Lv^)^  =  0  (9) 

Thus,  knowing  values  of  Ysv**  and  Ylv’’  for  the 
adherend  surface  enables  equation  9  to  be  solved  to 
yield  values  ofYLv^  and  YLv^for  liquids  (adhesives) 
which  would  just  wet  the  solid  surface  and  so  allow 
a  wettability  envelope  for  the  solid  to  be 
constructed.  This  procedure  was  employed  to 
construct  envelopes  for  untreated  PEEK  and  an 
oxygen  plasma  treated  PEEK  which  are  shown  in 
Figure  1 .  Also  shown  are  the  values  of  Ylv**  and 
Ylv’’  for  the  adhesive  employed  in  this  work.  As 
indicated,  the  Ylv‘‘  and  Ylv’’  values  lie  inside  both 
envelopes,  indicating  wetting  of  both  treated  and 
untreated  surfaces  by  the  adhesive.  Thus,  this  result 


would  suggest  that  inadequate  wetting  of  the 
untreated  PEEK  by  the  adhesive  was  not  the  main 
cause  of  the  poor  bondability  exhibited  by  this 
surface  .  Figure  1  does,  however,  show  clearly  the 
improved  wetting  potential  which  results  from 
surface  treatment.  The  treated  surface  has  a  much 
larger  wettability  envelope  which  would  allow 
wetting  by  various  adhesives  exhibiting  a  wide 
range  of  Ylv^  and  Ylv’’  values.  Although 
wettability  benefits  would  therefore  be  expected 
from  either  plasma  or  corona  discharge  treatments. 
Figure  1  does,  interestingly,  indicate  a  small 
envelope  region  (dashed)  where  the  reverse  would 
be  expected  i.e.  where  an  adhesive  with  the  Ylv** 
and  Ylv’’  combinations  shown,  would  be  expected 
to  wet  the  untreated  surface  but  not  the  treated 
surface. 


Figure  1  Wettability  envelopes  for  untreated  and 
oxygen  plasma  treated  PEEK 


Since  a  wetting  ‘go/no  go’  scenario  based  upon  a  0° 
contact  angle  value  is  unable  to  explain  the 
differences  in  adhesion  and  joint  strength 
performance  between  untreated  and  treated  PEEK 
surfaces,  it  is  of  interest  to  consider  the  surface 
modifications  brought  about  by  surface  treatment 
on  PEEK-adhesive  interfacial  interactions. 

As  previously  outlined,  surface  analytical 
techniques  had  indicated  the  presence  of  polar 
functional  groups  on  treated  surfaces.  In  addition 
to  potential  for  formation  of  chemical  bonds  at  the 
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interface,  the  presence  of  these  groups  would 
enhance  surface  polarity  with  a  resultant 
improvement  in  adhesion.  The  likelihood  of  this 
can  be  assessed  by  determining  work  of  adhesion 
values  for  the  various  PEEK-adhesive  interfaces. 

Theoretically  the  thermodynamic  work  of  adhesion 
required  to  separate  a  unit  of  two  phases  forming  an 
interface,  Wa,  can  he  related  to  the  surface  free 
energies  of  the  materials  in  contact,  together  with 
the  interfacial  free  energy  by  the  Dupre  equation, 

-  y SV  '^7 LV  ~y SL 

Strictly  this  equation  should  only  apply  to  a 
solid/liquid  or  a  liquid/liquid  interface  hut,  by 
assuming  that  the  surface  free  energy  of  a  liquid 
does  not  change  significantly  upon  solidification 
and  ignoring  shrinkage  stresses,  it  may  be  applied 
to  solid  adhesive/adherend  interfaces.  By  using 
equation  6  to  eliminate  the  interfacial  free  energy 


term  Ysl,  then  work  of  adhesion  can  be  expressed 

by, 

(ii) 

By  use  of  equation  1 1,  together  with  the  dispersion 
and  polar  force  contributions  to  surface  free  energy, 
work  of  adhesion  values  can  be  calculated.  Wa 
values  obtained  using  this  approach,  shovm  in 
Table  10,  indicate  significant  differences  between 
the  treated  surfaces  and  the  untreated  PEEK, 
suggesting  a  change  in  the  nature  of  the  interfacial 
interactions  on  going  from  untreated  to  treated 
PEEK.  Thus,  although  the  introduction  of  both 
surface  polarity  and  chemical  functional  groups  on 
to  the  PEEK  surface  does  not,  with  the  adhesive 
currently  employed,  influence  wettability 
behaviour,  the  surface  modifications  do  appear  to 
substantially  enhance  interfacial  interactions 
between  PEEK  and  the  epoxy  adhesive.  From  this 
aspect  alone,  improvements  in  joint  strength  and  a 
change  in  locus  of  failure  away  from  the  adhesive- 
PEEK  interface  would  be  expected. 


Table  10  Thermodynamic  work  of  adhesion  for  PEEK/adhesive  interfaces 


Treatment  condition* 

Work  of  adhesion  (mJm'^) 

Untreated 

70.2 

Oxygen  plasma 

89.7 

Ammonia  plasma 

83.1 

Sulphur  dioxide  plasma 

82.3 

Air  corona 

85.6 

Ammonia  corona 

81.2 

Sulphur  dioxide  corona 

82.9 

4.2  Solvent  and  surface  ageing  effects 

Although  adhesive  bonding  should  ideally  be 
conducted  immediately  following  surface  treatment, 
in  many  practical  applications  this  is  often 
unrealistic.  In  such  circumstances  contamination  of 
the  treated  surface  by,  for  example,  atmospheric 
hydrocarbons,  grease  etc  is  possible.  Thus  in  such 
circumstances  a  simple  solvent  wipe  prior  to 
bonding  would  appear  desirable.  In  addition, 
industrial  practice  could  involve  treated  material 
undergoing  transportation,  storage  or  other 
operational  procedures  during  which  ageing  of  the 
surface  prior  to  bonding  could  occur.  It  was 
therefore  deemed  necessary  to  study  factors  such  as 
the  above  and  determine  their  influence  on 
wettability  and  adhesion. 


Experimentally,  the  solvents  employed  in  the 
programme,  namely  water,  acetone  and  2-propanol, 
were  applied  by  simply  wiping  with  a  cloth 
immediately  following  either  plasma  or  corona 
treatment.  Such  surfaces  were  then  subjected  to 
contact  angle  analysis  and  bonding  followed  by  joint 
strength  evaluation.  The  results  obtained  were 
surprising  and  of  major  theoretical  interest  and 
practical  relevance.  Analysis  of  the  contact  angle  data 
revealed  surface  energy  changes  to  the  solvent 
treated  PEEK  film  which  would,  upon  bonding, 
suggest  substantial  reductions  in  both  adhesion 
between  PEEK  and  adhesive  joint  strength.  In 
practice  however  this  was  not  observed  as  shown  in 
Table  11,  where  solvent  treatment  would  appear  to 
have  little  effect  on  joint  strength. 


Table  1 1  Effect  of  solvent  washing  on  the  lap  shear  joint  strength  of  plasma  and  corona  discharge 
treated  PEEK  films 
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Treatment  condition* 

Solvent 

Lap  shear  strength(MPa) 

Failure  locus 

Untreated 

16.9±1.3 

I+C 

Oxygen  plasma 

Before 

34.0±1.4 

C+P 

Acetone 

33.8±1.4 

C+P 

IPA 

35.8±0.5 

C+P 

Ammonia  plasma 

Before 

32.2±2.1 

C+P 

Acetone 

32.3±1.6 

C+P 

IPA 

33.7±1.7 

C+P 

Sulphur  dioxide  plasma 

Before 

32.8±0.9 

C+P 

Acetone 

31.7±0.5 

C+P 

IPA 

31.9±0.5 

C+P 

Air  corona 

Before 

28.5±1.8 

C+P 

Acetone 

28.2±2.4 

C+P 

IPA 

29.6±0.9 

C+P 

Ammonia  corona 

Before 

28.0±0.7 

C+P 

Acetone 

31.1±1.2 

C+P 

IPA 

28.3±1.5 

C+P 

Sulphur  dioxide  corona 

Before 

31.9±1.2 

C+P 

Acetone 

31.1±0.7 

C+P 

*  Plasma  treatment  condition:  1  min,  500w,  0.3  torr 
Corona  discharge  level:  0.4  J/mm^ 


In  an  attempt  to  assess  surface  ageing  effects,  treated 
PEEK  film  was  subjected  to  laboratory  atmospheric 
exposure  at  predetermined  intervals  followed  by 
wettability  and  joint  strength  behaviour  as  above. 
Identical  behaviour  to  that  obtained  from  the  solvent 
treatment  work  was  found  with  increased  exposure 
time  resulting  in  surface  energy  changes  sufficient  to 
theoretically  inhibit  adhesion  and  joint  strength.  The 
latter  was  in  fact  found  to  be  virtually  independent  of 
ageing  time 

Thus  although  data  obtained  from  the  surface 
wettability  study  suggested  that  both  solvent  and 
surface  environmental  ageing  related  problems  could 
occur  which  would  pose  serious  practical 
difficulties,  joint  strength  data  did  not  agree  with  this 
pessimistic  prediction. 

5  CONCLUSIONS 

Both  plasma  and  corona  discharge  treatments 
markedly  enhance  the  bondability  of  amorphous  and 
crystalline  PEEK  films  to  the  extent  that  failure  is  no 
longer  associated  with  the  PEEK  surface.  These 
improvements  are  achieved  by  the  introduction  of 
chemical  groups  onto  the  PEEK  surface  which 
promote  a  general  increase  in  polarity  and  allow  the 
potential  for  chemical  reaction  with  epoxy  adhesive. 


both  factors  substantially  enhancing  adhesion 
between  PEEK  and  adhesive. 

Although  both  subsequent  solvent  wipe  and  surface 
ageing  produce  changes  in  surface  characteristics, 
this  change  has  no  harmful  effect  on  bondability. 
This  is  important  because  manufacturing  processes 
often  involve  a  significant  delay  between  surface 
treatment  and  bonding. 

Etching  APC-2  composite  with  a  solution  of  1% 
potassium  permanganate  in  a  mixture  of  sulphuric 
and  orthophosphoric  acids  produces  a  surface  which 
can  produce  strong  bonds  to  epoxy  adhesives, 
comparable  with  those  obtained  from  laser 
treatment. 

A  range  of  surface  treatments  have  been  developed 
and  studied  which  show  that  composites  based  upon 
PEEK  can  be  bonded  satisfactorily. 
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1.  SUMMARY 

Adhesive  bonding  is  the  optimal  technique  to  join  composite 
laminates,  because  it  does  not  induce  stress  concentrations, 
fibres  cutting,  resin  delaminations  and  problems  due  to  electro¬ 
chemical  non-compatibility.  Notwithstanding,  in  many  cases 
bolted  and  riveted  joints  have  to  be  used,  mainly  in  hot-wet 
environmental  conditions,  as  well  as  when  composites  have  to 
face  chemically  aggressive  fluids,  as  hydraulic  and  de-icing 
fluids,  oils  and  fuels.  Moreover,  the  influence  exerted  on 
bonded  joints  by  technological  defects  (voids,  inclusions)  and 
barely  visible  damages  (due  to  low-energy  impacts)  should  be 
addressed.  The  results  of  a  research  on  the  fatigue  behaviour  of 
wet-conditioned,  impacted  and  defective  composite  bonded 
joints  are  reported.  Single  and  double  lap  geometry  carbon 
fabric/epoxy  joints  are  considered,  bonded  with  high-toughness 
adhesive.  The  specimens  were  wet-conditioned  in  hot  water 
(70°  C)  up  to  saturation.  Barely  visible  damages  were  produced 
in  the  bonded  region  (influencing  both  the  composite  adherents 
and  the  adhesive  layer)  by  means  of  low-energy  impacts  (0.5  J 
per  mm  laminate  thickness)  imparted  by  a  spring-propelled 
horizontal  apparatus  with  20  mm  hemispherical  steel  impactor). 
Defective  bondings  were  simulated  by  including  copper  inserts, 
located  in  different  positions.  Defective,  impacted  and  wet- 
conditioned  specimens  were  subjected  to  static  and  constant 
amplitude  fatigue  testing  (tension-compression,  R=l,  6Hz 
frequency);  their  performances  were  compared  to  the  behaviour 
of  plain  specimens.  The  stiffness  decrease  and  the  damage 
growth  were  continuously  monitored  during  the  testing  by 
means  of  extensometers  and  NDI  techniques  (ultrasonic 
scanning  and  dye  penetrant  radiography).  The  results  consist  in 
the  comparison  of  the  static  stress-strain  curves  relevant  to  plain, 
defective,  impacted  and  wet-conditioned  specimens,  the  curves 
of  stiffness  decrease  vs.  number  of  cycles  and  the  Woehler 
curves.  Finally,  the  static  characteristics  and  the  fatigue 
performances  are  correlated  with  the  damage  growth  and  the 
adhesive  progressive  degeneration  by  analysing  the  radiographs 
and  the  SEM  micrographs  of  the  failed  bonded  region,  in  order 
to  propose  an  interpretative  model. 

2.  INTRODUCTION 

The  aircraft  structures  must  be  in  the  same  time  light  and 
structurally  efficient.  These  requirements  deserve  the 
introduction  of  shallow  structures  and  innovative  materials,  like 
composites  and  honeycomb;  as  a  consequence,  in  the  last 
decades,  bonded  joints  became  more  and  more  attractive,  being 
particularly  suited  for  this  type  of  structural  philosophy. 

A  potential  weight  saving  of  25%  for  secondary  structures  and 
5-10%  for  primary  ones  can  be  envisaged,  such  a  reduction 
leading  to  a  remarkable  increase  of  paying  load.  The  bonded 


joints  allow  an  efficient  load  transfer  and,  in  the  same  time, 
contribute  to  damp  the  structural  vibrations;  besides,  they 
reduce,  in  comparison  to  bolted  joints  [1-4],  the  problems  due  to 
stress  singularities  and  do  not  suffer  from  clearance  recovery. 

The  adhesives  allow  to  design  smooth  and  aerodinamically 
efficient  joints;  because  the  bonded  line  is  continuous,  the 
adhesive  can  be  used  as  a  sealant  for  gases  or  liquids  as  well 
(e.g.  in  integral  fuel  tanks)  [5]. 

Thanks  to  their  chemical  nature,  they  do  not  undergo  galvanic 
corrosion  [6]  and  can  also  be  used  as  insulators  between  electro¬ 
chemical  non-compatible  adherents.  For  the  same  reason,  they 
behave  well  as  electric  insulators,  even  if  -  through  the  addition 
of  suitable  additives  -  they  can  act  as  conductors 

The  bonded  joints  allow  to  make  large  integral  assemblies, 
connecting  components  of  complex  geometry  which  should  be 
hardly  produced  through  conventional  mechanical  techniques;  in 
many  cases  they  can  lead  to  a  cost  reduction,  because  the  time 
required  to  prepare  a  bonded  joint  does  not  depend  on  the 
extension  of  the  connection  (contrary  to  the  mechanical  joints), 
but  only  on  the  plants  and  the  tools  to  be  used,  as  well  as  on  the 
adhesive  curing  parameters  [7]. 

However,  the  bonded  joints  show  some  disadvantages  and 
limitations  as  well:  in  fact,  they  require  an  accurate  chemical  and 
mechanical  preparation  of  the  surfaces  to  be  joined,  complex 
and  time-consuming  curing  cycles  in  ovens  or  autoclaves  and 
the  employment  of  skilled  personnel. 

The  bonded  joints,  being  made  of  polymeric  materials,  possess 
marked  visco-elastic  characteristics  and  show  low  creep 
performances:  they  strain  under  constant  load  components  (even 
if  due  to  pulsating  fatigue  loads)  [8,9].  The  bonded  joints  are 
particularly  sensitive  to  the  adhesive  thickness:  a  layer  non¬ 
uniformity  can  lead  to  a  notable  reduction  of  the  characteristics 
[10].  Further  disadvantages  consist  in  the  difficulty  to  inspect 
the  joint  through  NDI  techniques  and  in  the  impossibility  of 
disassembling  the  adherents  to  repair  or  maintain  the  structure; 
moreover,  an  accurate  design  of  the  joint  geometry  is  required, 
in  order  to  minimise  the  peeling  stresses  [1 1,12]. 

The  bonded  joints  are  particularly  sensitive  to  environmental 
effects,  such  as  high  temperature  and  moisture  content  (hot-wet 
conditions),  leading  to  a  rapid  decrease  of  the  mechanical 
characteristics  [13-15].  Furthermore,  the  bonded  joints  can 
undergo  severe  and  uncontrolled  deteriorations  owed  to 
technological  defects  (voids,  impurities  and  residual  of  release 
films)  and  damages  due  to  the  use  (barely  visible  impact 
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damages  owed  to  the  low-energy  impacts  of  gravel  during  the 
taking  off/landing  and  hail  during  the  flight)  [16,17]. 

In  the  following,  the  results  of  an  experimental  study  are 
reported,  aimed  to  investigate  the  fatigue  behaviour  of  the 
bonded  joints  of  composite  materials,  in  presence  of 
technological  defects,  environmental  wet  conditioning  and 
barely  visible  damages. 

3.  MATERIALS  AND  SPECIMENS 

Hysol  XEA  9361  is  a  epoxy-based,  high  elongation,  two 
component  paste  adhesive  that  may  be  cured  at  room 
temperature.  Hysol  XEA  9361  has  a  good  combination  of  high 
shear,  peel  strength  and  flexibility.  It  is  suitable  for  general 
purpose  bonding  as  well  as  uses  which  require  high  elongation, 
such  as  sealing  and  cryogenic  applications.  The  main  features 
are  high  elongation,  long  pot  life,  ability  to  bond  many 
substrates,  excellent  low  temperature  properties.  The  adhesive 
requires  complete  mixing  of  the  two  components  together  (mix 
ratio  by  weight:  100  Part  A,  140  Part  B)  just  prior  to  application 
to  the  parts  to  be  bonded.  The  accelerated  cure  cycle  consisted 
of  1  hour  at  82  °C. 

The  the  uncured  adhesive  properties  and  the  typical  bond 
strength  performances  and  are  summarized  respectively  in  Tabs. 
1  and  2. 


COLOR 

PART  A  PART  B 

MIXED 

ViscosityJ 

130  Pa  s  70  Pa  s 

100  Pas 

Density 

1.33  g/ml  1.26  g/ml 

1 .28  g/ml 

Shelf-LifeJ 

1  year  1  year 

- 

Pot  LifeJ 

- 

120  minutes 

t  at  25  °C 

Table  1:  Uncured  adhesive  properties 

TEST  METHOD 

TEMPERATURE 

STRENGTH 

Lap  Shear  f 

-196  °C 

27.6  MPa 

“ 

1 

O 

n 

27.6  MPA 

25  °C 

24.1  MPa 

“ 

71  °C 

5.9  MPa 

“T”  Peel  t 

-55  °C 

1.8N/mm 

25  °C 

4.4  N/mm 

t  per  ASTMD- 1002 
t  per  as™  D- 1876 


Table  2:  Typical  bond  strength 


1.5  Z  2.5  3.5 


TIME  [HOURS] 


Heating  rate  1-3  °C  per  minute 

Figure  1:  CYCOM  759  autoclave  cure  cycle 


_ WARP  WEFT 

Tensile  Strength  [MPa]  903  757 

Tensile  Modulus  [GPa]  66  64 

Compressive  Strength  [MPa]  806  762 

Compressive  Modulus  [GPa]  63  57 

Flexural  Strength  [MPa]  1019 

Flexural  Modulus  [GPa]  52 

ILSS  [MPa] _ 61 _ - 


Table  3:  Laminate  mechanical  properties 

The  specimens  (ASTM  D-907)  are  shown  in  Fig.  2;  the  thin 
adherents  were  made  of  7  pre-preg  layers  (layer  thickness  0.27 
mm,  total  thickness  1.79  mm);  the  thick  ones  of  14  layers. 


CYCtJM  lABRli:  COPPEIR  INSERT  CYCGM  759  FABRIC 


cfOJ.g 


The  adherents  surfaces  were  prepared  by  solvent  (MEK) 
degreasing  and  light  abrasion  with  medium-grit  emery  paper 
without  exposing  the  reinforcing  fibres 

The  adherents  were  made  of  carbon  fabric  (8  harness  weave 
style,  3K  HTA-7  high  strength  tow)  reinforced  epoxy  (CYCOM 
759).  This  composite  system  has  been  formulated  to  be  used  in 
load  bearing  structural  composites,  combining  good  moisture 
resistance  with  damage  tolerance  and  thermal  performance;  it 
has  extremely  forgiving  processing  characteristics  to  enable  it  to 
meet  the  diverse  available  moulding  conditions. 

It  claims  good  hot-wet  properties  up  to  80  °C  and  guarantees 
structural  performance  up  to  130  °C;  resin  content  40%  •+-/-  3%, 
volatile  content  2%  maximum,  shop  life  4  weeks  at  23  °C  and 
shelf  life  at  -18  °C.  The  cure  cycle  is  shown  in  Fig.  1,  while  the 
RTD  mechanical  properties  are  reported  in  Tab.  3. 


Figure  2:  ASTM  D-907  adhesive  bonded  specimens 
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4.  TEST  PROCEDURES 

The  two  typologies  of  specimen  (single  and  double  lap)  were 
divided  in  five  batches  (defective  type  A,  defective  type  B,  plane 
dry-conditioned,  plane  wet-conditioned  and  impacted),  resulting 
in  ten  different  groups  to  be  subjected  to  both  static  and  fatigue 
testing. 


conditioning  (extraction,  cooling,  wiping  the  superficial 
moisture  and  weighing);  the  procedure  was  iterated  untill  no 
weight  variations  occurred  between  two  subsequent  weighings. 
Before  testing,  these  specimens  were  maintained  immersed  in  a 
sealed  glass  tank  containing  distilled  water  at  room  temperature 
in  order  to  keep  their  moisture  content  constant. 


The  defective  specimens  had  a  circular  (2.5  mm  diameter) 
copper  insert  placed  respectively  in  the  middle  (type  A)  and  at 
the  edge  (type  B)  of  the  bonded  region  (Fig.  2);  the  conditioned 
and  the  impacted  specimens  were  prepared  according  to  the 
proeedures  described  in  the  following. 

When  a  polymer  composite  is  exposed  to  the  action  of  humid 
air,  the  moisture  content  changes,  impairing  its  thermal  and 
mechanical  characteristics  and  inducing  a  general  reduction  of 
the  glass  transition  temperature,  thermal  conductivity,  elastic 
modulus,  static  strength  and  fatigue  endurance.  To  assess  the 
change  of  properties,  the  material  is  exposed  to  the  humid 
environment  until  the  required  moisture  content  is  reached;  then 
it  is  tested  and  its  performances  measured.  Such  a  conditioning 
methodology,  reproducing  the  real  life  of  the  material,  can  last 
years.  To  reduce  up  to  few  weeks  the  conditioning  times,  the 
accelerated  ageing  procedures  were  developed,  exploiting  the 
dependence  of  the  absorption  mechanism  on  two  parameters,  i.e. 
the  diffusivity  D: 

-(7] 

D  =  D,e 

and  the  relative  humidity  : 

M„,  =  a(0)* 

Because  the  methods  exploiting  the  increase  of  environmental 
relative  humidity  leads  to  a  non-uniform  moisture  distribution, 
an  alternative  route  was  chosen,  which  requires  the  material  to 
be  immersed  into  distilled  water  and  exploits  the  temperature 
increase  to  speed-up  the  kinetics  of  the  phenomenon.  The 
conditioning  temperature  cannot  be  increased  at  will,  but  has  to 
be  lower  than  the  composite  and  adhesive  service  temperature. 
In  fact,  conditioning  performed  at  temperature  levels  close  to  the 
glass  transition  temperature  of  the  resin  can  induce  permanent 
cracks.  Moreover,  because  of  the  immersion  in  water,  a  huge 
quantity  of  moisture  is  forced  to  soak  through  the  material  in  a 
very  short  time;  this  induces  a  distortion  of  the  crystalline 
structure,  an  abrupt  swelling  and  the  onset  of  further  cracks, 
which  modify  not  only  the  mechanical  performances  of  the 
material,  but  also  its  absorption  characteristics  (maximum 
moisture  content  M„  at  saturation).  These  occurrences  were 
avoided  paying  attention  to  maintain  the  absorption  mechanism 
within  reversibility  limits. 

The  specimens  tested  to  assess  the  hygrothermal  effects  were 
dry-conditioned  in  order  to  remove  the  initial  moisture  content, 
then  half  of  them  was  wet-conditioned  up  to  saturation;  finally, 
both  the  batches  were  statically  tested  and  fatigued. 

Dry-conditioning  was  performed  in  a  vacuum  furnace  at  60  °C 
temperature;  the  specimens  were  weighed  with  an  analytical 
balance  (range  120  g,  aecuracy  0.1  mg)  and  put  into  the  oven;  at 
regular  time  intervals  the  specimens  were  extracted,  cooled  and 
weighed  again;  the  process  was  completed  when  no  weight 
variations  occurred  between  two  subsequent  weighings;  before 
to  be  tested,  the  specimens  were  maintained  into  a  sealed  glass 
tank  with  hygroscopic  salts.  Wet  conditioning  to  saturation  was 
performed  in  a  thermally  controlled  vessel  containing  distilled 
water  at  60  °C,  aecording  to  the  same  procedure  used  for  dry¬ 


The  moisture  content  (expressed  as  a  mass  percentage  of  the  dry 
material)  is  reported  in  Fig.  3  as  a  function  of  the  square  root  of 
the  conditioning  time.  Through  the  initial  slope  of  the  curve  and 
the  maximum  moisture  content,  the  value  of  the  diffusivity  D 
can  be  computed: 


D  =  11 
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Figure  3:  Wet  and  dry  conditioning. 

One  of  the  main  problems  of  the  aerospace  structures  made  of 
composite  materials  consists  in  the  possible  onset  of  barely 
visible  damages  due  to  low-energy  impacts  (falling  of  tools 
during  the  fabrication,  hits  of  gravel  during  the  take  off  and 
landing  or  hail  during  the  flight);  in  literature  several  studies  are 
available,  dealing  with  the  influence  exerted  by  these  types  of 
damages  on  the  fatigue  behaviour  of  the  composites  laminates; 
on  the  contrary,  very  little  is  known  about  the  consequences 
suffered  by  a  composite  bonded  joint  subjected  to  a  low-energy 
impact. 

Controlled  impact  damages  were  produced  by  means  of  a  low- 
energy  impact  apparatus  consisting  of  a  computer-controlled 
spring  propelled  horizontal  device,  able  to  impart  slight  impacts 
and  to  circumvent  the  problems  due  to  friction  and  rebound.  The 
arrangement  was  equipped  with  an  electro-magnetic  release 
system,  an  hemispherical  impactor  (12.5  mm  diameter)  and  an 
interchangeable  modular  mass  (1.0  kg).  The  acquisition  system 
consisted  of  two  photo  cells  to  measure  the  dart  velocity  just 
before  the  impact,  one  encoder  (2,700  PPR,  10,000  RPM)  to 
measure  the  displacement  time-history,  one  accelerometer  (500 
g  range,  5,000  Hz  frequency  response)  integrated  with  the 
impactor  to  measure  the  acceleration  time-history,  one  digital 
oscilloscope  (1  MHz  sampling  rate),  an  acquisition  board  and  a 
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supervising  personal  computer.  This  experimental  arrangement 
supplied  the  curves  of  force  or  energy  vs.  time  or  displacement 
reported  in  Fig.  4. 


2000 -] 


Deflection  (mm) 


Figure  4:  Absorbed  and  released  energy  (typical). 

Both  single  and  double  lap  specimens  were  impacted  at  1.5  J 
energy,  corresponding  to  0.75  and  0.375  J/mm  specific  energy. 
A  number  of  specimens  sufficient  to  verify  the  repeatability  and 
to  guarantee  the  reliability  of  the  results  was  statically  tested  to 
measure  the  complete  stress-strain  curve  of  the  joint  and  to 
evaluate  its  stress  ultimate  Oui,. 

The  constant  amplitude  tensile  fatigue  tests  (0. 1  stress 

ratio  and  10  Hz  frequeney)  were  performed  at  different 
stress  levels;  the  stresses  and  the  strains  were  continuously 
monitored  by  means  of  load  cells  and  estensometers  (accuracy 
class  0.1,  gauge  length  50  mm).  At  pre-determined  life  intervals 
(25,000  cycles),  static  tests  were  performed  to  evaluate  the 
instantaneous  stiffness,  to  be  compared  to  the  initial  value  for 
obtaining  the  diagrams  of  the  residual  stiffness  vs.  the  number  of 
cycles  and  the  Woehler  curves.  Meanwhile,  on-line  opaque- 
enhanced  dye  penetrant  x-radiographs  were  taken  to  monitor  the 
damage  extension  and  to  correlate  it  with  the  stiffness  decrease. 
Finally,  SEM  micrographs  of  the  bonded  surfaees  allowed  to 
investigate  the  causes  of  the  failures  and  to  point-out  the 
influence  exerted  by  conditioning,  impacting  or  defecting. 

5.  RESULTS 

The  results  of  the  static  tests  are  summarized  in  the  following 
Tab.  4,  which  reports  the  strength  N,  the  shear  stress  ultimate  t 
and  the  stiffness  E  of  the  specimens. 


PLAIN 

CONDITIONED 

IMPACTED 

Single 

Double 

Single 

Double 

Single 

Double 

F[N[ 

11,517 

30,358 

10,982 

24,916 

6,543 

16,010 

T  [MPa] 

17.85 

23.53 

17.02 

19.30 

10.14 

12.41 

E  [GPa] 

3.25 

3.43 

2.49 

3.36 

1.98 

3.33 

Average  values  on  5  tests 

Table  4:  Static  strength  and  stiffness  of  the  specimens 


The  Figs.  5  and  6  show  the  static  stress  strain  curves  of  the 
single  and  double-lap  specimens;  in  Figs.  7-9  the  fatigue 
residual  stiffness  of  single-lap  specimens  is  summarized,  to  be 
compared  to  the  behaviour  of  double  lap-specimens,  shown  in 
Figs.  10-12. 

Finally,  the  Woehler  curves  of  single  (Figs.  13-15)  and  double¬ 
lap  specimens  (Figs.  16-18)  are  reported. 


The  eurves  of  residual  stiffness  are  reported  as  a  function  of  the 
per  cent  ratio  R  between  the  maximum  fatigue  stress  and  the 
static  stress  ultimate;  the  Woehler  curves  as  a  function  of  the  per 
cent  stiffness  deerease. 
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Figure  5:  Stress-strain  curves  of  single-lap  specimens. 


Figure  6:  Stress-strain  curves  of  double-lap  speeimens. 
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Figure  7:  Plain  single-lap  specimens:  residual  stiffness. 


Figure  8;  Conditioned  single-lap  specimens:  residual  stiffness. 
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Figure  10:  Plain  double-lap  specimens:  residual  stiffness. 
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Figure  11:  Conditioned  double-lap  specimens:  residual  stiff 
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gurc  14;  Conditioned  single-lap  specimens:  Wochler  curves.  Figure  17;  Conditioned  double-lap  specimens:  Woehler 

curves. 
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Figure  15;  Impacted  single-lap  specimens:  Woehler  curves. 
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Figure  18;  Impacted  double-lap  specimens:  Woehler  curves. 
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6.  DISCUSSION 

The  results  of  the  static  tests,  summarised  in  Tab.  4  and  Figs.  5 
and  6,  show  that  the  presence  of  defects  like  disbonded  inserts, 
independently  of  the  position,  does  not  notably  influence  the 
joint  performances:  in  fact,  the  stress-strain  curves  of  the 
defective  specimens  are  not  different  from  the  curves  of  the 
plain  ones  and  the  possible  slight  reduction  of  strength  is 
proportional  to  the  reduction  of  bonded  area.  The  fracture 
surface  is  cohesive,  even  close  to  the  insert,  (Fig.  19). 


Figure  19:  Fracture  surface  close  to  the  insert. 


On  the  contrary,  the  wet-conditioned  specimens  show  a 
reduction  of  both  the  stress  ultimate  and  the  stiffness;  even  more 
remarkable  is  the  performance  decrease  of  the  impacted 
specimens:  in  this  case,  the  cracks  due  to  the  impact  induce  a 
macroscopically  non-linear  behaviour  of  the  stress-strain  curve, 
as  shown  in  Fig.  6.  In  general,  the  strength  and  stiffness 
decrement  are  larger  for  single-lap  specimens,  owing  to  the 
presence  of  peeling  stresses  in  the  adhesive  layer:  besides,  they 
are  more  sensitive  to  the  wet-conditioning  and  to  the  impacts  as 
well. 


The  fatigue  behaviour  of  the  plain  specimens,  reported  in  Figs.  7 
and  10,  summarised  in  the  Woehler  curves  of  Figs.  13  and  16, 
does  not  show  any  fatigue  limit:  in  fact,  for  R  =  30%,  the 
stiffness  decrement  at  2  millions  cycles  exceeds  10%  for  single¬ 
lap  specimens  emd  3%  for  double-lap  ones,  the  trend  being 
continuously  decreasing.  The  failure  due  to  oligocyclic  fatigue 
is  reached  for  R  =  40%  (single-lap)  and  50%  (double-lap 
specimens). 

Some  technological  remarks  have  to  be  made  with  regard  to  the 
double-lap  plain  specimens.  Owing  to  production  reasons,  the 
surfaces  of  the  single  adherent  are  different;  the  one  close  to  the 
vacuum  bag  during  the  curing  process  is  rough  and  rippled;  the 
other  being  in  direct  contact  with  the  caul  plate  is  smooth  and 
even.  As  shown  in  Figs.  20  and  21,  which  refer  to  a  specimen 
tested  at  R  =  50%,  the  adhesion  on  the  rough  surface  gives  a 
cohesive  fracture,  while  the  adhesion  on  the  smooth  surface 
induces  a  failure  which  implies  a  wide  delamination  in  the 
adherent  and  the  separation  of  its  outer  layer,  which  remains 
bonded  to  the  adhesive  layer  and  tears  away  from  its  laminate  of 
origin.  This  is  due  to  the  fact  that  an  uneven  surface  induces  a 
non-uniform  adhesive  thickness  and  leads  to  stress 
concentrations,  which  allow  the  onset  and  propagation  of  a 
cohesive  fracture  inside  the  adhesive:  the  adhesive  itself 


becomes  the  weak  link  of  the  whole  joint;  vice  versa,  if  the 
surfaces  of  the  adherents  are  smooth  and  even,  the  adhesive  has 
a  constant  thickness  and  the  weak  link  of  the  joint  is  represented 
by  the  interlamina  between  the  adherent  laminate  and  its  outer 
layer(s). 


Figure  20:  Cohesive  fracture  at  the  rough  surface. 
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Figure  21:  Layer  separation  at  the  smooth  surface. 


The  wet  conditioning  deteriorates  the  fatigue  endurance  of  both 
single-  and  double-lap  specimens;  the  decrement  is  not  very 
notable  in  case  of  oligocyclic  fatigue,  but  it  gets  dramatic  at  low 
R  ratios:  the  stiffness  decrease  doubles  and  the  fatigue  life 
halves  (especially  for  single-lap  specimens).  Such  a  behaviour 
is  mainly  due  the  reduction  of  adhesive  performances:  in  fact, 
while  the  plain  single-lap  specimen  tested  at  R  =  35%  shows  an 
adhesive-cohesive  failure  (Fig.  22),  the  corresponding  wet- 
conditioned  specimen  is  characterised  by  a  quite  cohesive 
fracture  (Fig.  23),  which  means  that  the  joint  fails  owing  to  the 
adhesive  inadequacy,  lasts  a  lower  number  of  cycles  and  suffers 
an  higher  stiffness  decrease. 

The  behaviour  of  the  impacted  specimens  can  hardly  be  assessed 
in  an  univocal  manner  and  according  to  a  well-established  trend. 
Notwithstanding  the  repeatability  of  the  impact  energy  values 
and  the  reliability  of  the  fatigue  testing  methodologies,  owing  to 
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the  randomatic  defects  and  in-homogeneity  characterising  the 
structure  of  the  adherents  and  the  adhesive,  identical  impacts 
cause  different  damages  and  different  damages  lead  to  different 
fatigue  behaviours. 
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followed  by  an  abrupt  stiffness  decrease  (typical  fatigue 
behaviour  of  the  composite  laminates);  it  causes  the  sudden  final 
failure  of  the  joint,  owing  to  the  brittle  fracture  of  the  adhesive. 
Vice  versa,  the  other  curves  show  a  smoother  stiffness 
decrement,  due  to  the  uniform  growth  of  the  crack  in  the 
adhesive;  this  induces  a  cohesive  fracture  which  propagates  up 
to  the  final  brittle  failure  of  the  residual  bonded  area,  no  more 
able  to  sustain  the  static  loads.  The  crack  propagation  is 
reported  in  Fig.  26,  showing  the  sequence  of  enhanced  X-rays 
corresponding  to  25,  50,  100  and  150  fatigue  chilocycles. 
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Figure  24:  Fibre  breakage  and  matrix  failure  due  to  the  impact 


Figure  23:  Cohesive  fracture  of  a  wet-conditioned  specimen. 

In  general,  on  the  microscopical  scale,  the  impact  induces  the 
localised  breakage  of  the  fibre,  the  brittle  failure  of  the  matrix 
and  the  disbonding  of  the  fibre-matrix  interface  (Fig.  24);  on  the 
macroscopical  scale,  the  impact  can  induce  the  cohesive  failure 
of  the  adhesive,  the  adhesive  failure  at  the  adhesive/adherent 
interfaces  or  the  interlaminar  failure  of  the  adherents,  as  shown 
in  Fig.  25,  which  refers  to  a  single-lap  specimen  impacted  with  a 
specific  energy  of  0.75  J/mm. 

In  consequence  of  the  prevailing  of  the  one  or  the  other  of  these 
mechanisms,  the  fatigue  behaviour  notably  varies  as  well.  All 
the  specimens  referred  to  in  Fig.  9  suffered  large  cohesive 
failures  of  the  adhesive,  due  to  the  impact;  the  two  specimens 
tested  at  R  =  30%  and  40%  also  suffered  a  macroscopical 
damages  of  one  of  the  adherents,  consisting  in  a  through-the- 
thickness  intralaminar  crack  perpendicular  to  the  axis  of  the 
specimen.  This  induces  an  anomalous  behaviour,  implying  a 
wide  plateau  where  the  residual  stiffness  does  not  change. 


Figure  25:  Interlaminar  cracks  due  to  the  impact. 

However,  the  fatigue  behaviour  of  the  impacted  double-lap 
specimens  shows  some  noteworthy  aspects.  Their  static  ultimate 
is  halved  owing  to  the  impact,  while  the  fatigue  tests,  performed 
at  stress  ratios  R  deriving  from  the  static  strength  of  the 
impacted  specimens,  show  stiffness  decreases  extremely  less 
pronounced  than  plain  specimens:  this  means  that  the  impact 
exerts  an  influence  more  severe  on  the  static  behaviour  than  on 
the  fatigue  endurance.  Even  though  hidden  by  the  complex 
phenomena  previously  described,  the  same  trend  can  be 
envisaged  for  the  single-lap  specimens  as  well,  only  if  the 
impact  does  not  cause  initial  damages  to  the  adherents,  but 
induces  a  mere  delamination  in  the  adhesive  layer. 


Figure  22:  Adhcsive-cohesive  fracture  of  a  plain  specimen 
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CYCLIC  FATIGUE  AND  ENVIRONMENTAL  EFFECTS  WITH  ADHESIVELY  BONDED  JOINTS 
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Structural  Materials  Centre 
DRA  Farnborough 
Hampshire  GUM  6TD 
U.K, 


SUMMARY 

The  influence  of  service  environment,  bonding  method 
and  adherend  properties  on  the  fatigue  resistance  of 
adhesive  bonded  CFRP  joints  has  been  investigated.  It 
was  seen  that  environment  had  a  significant  effect  on  joint 
performance,  with  hot/wet  conditions  proving  extremely 
damaging.  Composite  lay-up  also  had  a  significant  effect 
on  the  fatigue  performance  of  joints  and  co-bonding  was 
seen  as  an  advantageous  joining  technique. 

1.  INTRODUCTION 

The  use  of  structural  adhesives  in  aircraft  applications  can 
offer  numerous  advantages  over  traditional  joining 
techniques  sueh  as  mechanical  fastening.  Major  benefits 
include  improved  aircraft  performance  e.g.  agility,  payload 
and  range,  together  with  considerable  scope  for  reductions 
in  both  procurement  and  life-cycle  maintenance  costs. 
Additionlly,  adhesive  bonding  would  be  of  paramount 
importance  in  the  development  and  construction  of 
advanced  lightweight  composites. 

One  of  the  major  concerns  in  using  adhesive  bonded  joints 
is  in  predicting  their  life  to  failure.  This  is  usually 
determined  by  the  environmental  eonditions  and  stresses 
experienced  in  service.  It  is  critical  therefore  to  simulate 
these  conditions  in  laboratory  tests  in  order  to  better 
understand  the  failure  mechanisms,  aid  in  joint 
development  and  to  predict  the  safe  life  of  a  joint  in  the 
field.  There  are  many  variables  to  consider  when 
designing  a  programme  of  accelerated  fatigue  testing 
including  frequency,  temperature,  environment,  bondline 
thickness,  substrate  thickness,  displacement  and  load 
ratios,  and  mean  displacement.  The  main  aim  of  sueh 
programmes  is  to  simulate  the  mechanisms  of  failure 
experienced  by  the  structure  under  actual  long-term  service 
conditions  in  a  much  shorter  period  of  time. 

At  DRA  the  effect  of  test  environment  on  the  fatigue 
performance  of  adhesive  joints  is  being  investigated  using 
the  following  methods. 

(i)  Crack  initiation  is  studied  by  fatigue  loading  joints  with 
constant  amplitude  cyelic  loads  to  determine  the  threshold 
load  for  fatigue  crack  propagation  in  different 
environments.  It  has  been  proposed  that  the  strain  energy 
release  rate  calculated  at  this  threshold  load  (G.i,)  can  be 
used  to  calculate  the  threshold  loads  in  other  geometries'. 

(ii)  Crack  propagation  is  studied  by  measuring  erack 
growth  in  a  pre-cracked  sample  in  constant  amplitude 
displacement  fatigue  loading.  A  fracture  mechanics 
approach  can  be  used  to  calculate  strain  energy  release  rate 
(G)  as  a  function  of  crack  propagation  rate  (da/dn).  The 
resultant  plot  can  be  used  to  obtain  threshold  strain  energy 
release  rates  and  Paris  law  relationships  for  stable  crack 
growth  regions.  These  can  then  be  used  to  predict 


threshold  loads  in  other  geometries  and  to  predict  the 
number  of  cycles  to  failure  in  joints  loaded  above  this 
threshold  figure^.  It  should  be  noted  however  that  the 
exponent  in  the  Paris  law  relationship  for  bonded 
composites  is  usually  considerably  greater  than  that  seen 
with  metals  indicating  that  the  crack  growth  rate  is  more 
sensitive  to  changes  in  the  applied  load.  This  fact  and  the 
scatter  seen  in  results  means  that  predicting  fatigue  crack 
growth  rates  using  this  method  can  lead  to  inaceuracies. 

(iii)  The  fracture  path  may  vary  with  test  environment 
and/or  materials  parameters  and  in  some  cases  has  been 
seen  to  change  as  a  erack  propagates  through  a  sample. 
This  would  be  expected  to  influence  the  fatigue  resistance 
and  hence  it  is  important  to  determine  the  fracture  path 
associated  with  fatigue  failure.  This  is  achieved  on  a 
‘maero’  scale  by  optical  microscopy  and  x-ray  radiography 
of  tested  joints. 

(iv)  A  more  detailed  study  of  the  fracture  surfaces  is 
required  to  determine  the  fracture  mechanisms.  Fracture 
surfaces  are  therefore  studied  on  a  ‘micro’  scale  by 
electron  microscopy  techniques. 

This  paper  will  be  restricted  to  discussion  of  items  (i)  and 
(iii). 

2.  EXPERIMENTAL 

The  aim  of  this  work  was  to  determine  a  threshold  load 
below  which  fatigue  failure  will  not  occur  for  a  given 
service  life.  10^  cycles  was  chosen  as  the  threshold  limit 
for  this  study  in  order  to  study  a  range  of  environments  in 
a  reasonable  time. 

2.1  Materials 

Current  work  is  focused  on  the  joining  of  carbon  fibre 
reinforced  polymers  (CFRP).  The  CFRP  in  the  current 
work  has  a  modified  bismaleimide/epoxy  matrix  and  T800 
fibres.  The  pre-preg  material  is  laid  up  as  ‘unidirectional’ 
(16  ply  at  O'’ )  or  ‘multi-directional’  (8  ply  at  0'’,  4  at  -45° 
and  4  at  +45°)  panels  which  are  cured  at  182°  C  for  2 
hours  with  an  initial  autoelave  pressure  of  90  p.s.i.  The 
adhesive  used  was  a  modified  epoxy  which  was  supplied 
in  film  form  either  with  a  nylon  carrier  or  unsupported. 

The  adhesive  was  cured  for  1  hour  at  120°C. 

2.2  Joint  Design 

spacer  strap  adhesive  lap 


Figure  1  Lap/strap  joint 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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Most  of  the  fatigue  testing  of  adhesive  Joints  has  been  with 
the  lap/strap  joint  shown  in  figure  1.  This  is  basically  the 
same  geometry  as  the  cracked  lap  shear  sample,  however,  a 
starter  crack  is  not  introduced  in  order  to  study  crack 
initiation  in  a  realistic  Joint.  The  sample  has  a  spacer 
bonded  to  the  strap  to  ensure  that  the  applied  load  is 
aligned  with  the  bondline  and  aluminium  end  tabs  are 
bonded  to  the  adherends  to  aid  gripping.  Features  of  this 
Joint  are  that  the  stresses  at  the  crack  tip  are  a  mixture  of 
modes  I  and  II,  the  crack  growth  is  limited  to  a  single 
bondline  and  there  is  no  well  defined  failure  point  of  the 
Joint.  At  DRA  the  sample  is  also  used  in  a  pre-cracked 
form  to  study  crack  propagation  rates. 

The  stresses  in  the  Joint  are  a  mixture  of  modes  1  and  II 
and  the  magnitude  and  proportion  of  these  will  depend  on 
a  number  of  factors  including  the  applied  stress  and  the 
mechanical  properties  of  the  adherends  and  adhesive.  The 
ratio  of  mode  1/mode  II  in  the  uncracked  sample  can  be 
controlled  by  altering  the  thickness  of  the  lap  and  strap 
components  of  the  Joint  and  by  tapering  the  end  of  the 
lap'.  It  has  been  shown'’  that  for  equal  thickness  adherends 
with  a  square  edged  lap  end  GI/GII  sO.3.  This  ratio 
decreases  as  the  lap  end  is  scarfed.  A  mixed  mode  stress 
distribution  can  be  seen  as  an  advantage  in  that  it  is  more 
representative  of  stresses  in  real  Joints  than  the 
predominantly  mode  I  failures  seen  in  Joints  such  as  the 
DCB,  however  analysis  of  the  Joint  is  more  complex  as 
stresses  and  strain  energy  release  rates  need  to  be 
differentiated  into  mode  I  and  mode  II  components.  Strain 
energy  release  rates  in  the  Joints  can  be  calculated  by 
analytical  methods  or  by  F.E  techniques  for  the  uncracked 
Joint’.  Brussat"*  derived  the  following  expression  for  the 
total  strain  energy  release  rate,  G,  in  a  cracked  lap  shear 
Joint. 

G  -^\l  Ml 

'  2b(EA),  [  {EA\  J  ■ 

Where  P  is  the  applied  load,  b  is  the  sample  width  and 
(EA)s  and  (EA),  are  the  tensile  rigidities  of  the  strap  and 
the  lap  and  strap  respectively.  This  expression  gave 
similar  results  to  FE  derived  values  for  equal  thickness 
adherends’. 

During  crack  propagation  G;  (=G,+Gii)  can  be  calculated 
from  equation  2. 


P-  dC 


Where  dC/da  is  the  change  in  sample  compliance  with 
crack  length. 

Samples  were  made  either  by  adhesive  bonding  pre-cured 
CFRP  panels  or  by  co-bonding.  In  the  latter  process  the 
pre-preg  and  adhesive  were  cured  in  a  single  operation. 

The  curing  conditions  used  in  the  co-bonding  are  as  for  the 
composite  and  therefore  the  adhesive  wasn’t  cured  under 
optimum  conditions.  Co-bonding  resulted  in  a  less  distinct 
adhesive  region  in  the  Joint  due  to  interdiffusion  of 
adhesive  and  composite  resins  and  the  formation  of  a 


markedly  different  adhesive  fillet  at  the  end  of  the  lap 
adherend.  This  is  shown  schematically  in  figure  2. 


Adlii-rivp 


Figure  2  Adhesive  fillets  in  (a)  co-bonded  and 
(b)  adhesive  bonded  Joints 

Samples  to  be  tested  dry  were  stored  at  50°C  under 
vacuum  and  samples  to  be  tested  in  a  humid  environment 
were  conditioned  in  a  humidity  chamber  at  60°C,  85% 

R.H.  prior  to  testing.  A  test  coupon  of  the  adherend 
material  was  conditioned  at  the  same  time  as  the  test 
samples  and  weighed  at  periodic  intervals  to  monitor  water 
uptake.  The  samples  were  only  tested  once  equilibrium 
had  been  reached. 

2.3  Fatigue  testing 

Fatigue  testing  was  carried  out  using  servohydraulic 
fatigue  testing  machines.  One  machine  was  fitted  with  a 
humidity  chamber  capable  of  testing  from  ambient  to 
1 50°C.  Another  machine  had  a  temperature  chamber 
capable  of  testing  dry  in  the  temperature  range  -60  to 
1 80°C.  Current  testing  environments  are  dry  testing  at  - 
50,  25  and  90“C.  High  humidity  testing  was  at  25°C, 
85%R.H.  and  90°C,  65%R.H.  All  testing  was  at  5Hz,  with 
various  maximum  fatigue  loads  and  test  periods  employed 
to  determine  threshold  values.  Testing  was  in  load  control 
with  constant  load  amplitude  and  a  load  ratio  of  0. 1 . 

2.4  Post  Fatigue  Examination 

Optical  microscopy  of  the  sample  edges  was  used  to  detect 
first  signs  of  crack  growth  in  the  sample.  After  fatigue 
testing,  optical  microscopy  and  x-ray  radiography  were 
used  to  determine  the  fracture  path  on  a  ‘macro’  scale  and 
to  measure  the  crack  length.  On  the  basis  of  the  preceding 
examinations  selected  samples  were  sectioned  in  order  to 
study  the  fracture  surfaces. 

3.  RESULTS 

The  results  from  the  fatigue  tests  with  the  adhesive  bonded 
CFRP  samples  are  summarised  in  tables  1-6.  A  more 
complete  set  of  results  can  be  found  in  reference  5. 

It  should  be  remembered  that  in  this  report  ‘adhesive 
bonding '  refers  to  the  process  of  first  curing  the  composite 
panels,  and  then  curing  the  adhesive  in  a  second  operation 
whereas  ‘co-bonding '  refers  to  the  adhesive  and  composite 
being  cured  in  the  same  operation. 
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Key  to  failure  modes 


A 

cohesive  failure  in  the  adhesive 

S/A 

adhesive  failure  at  the  strap/adhesive  interface 

L/A 

adhesive  failure  at  the  lap/adhesive  interface 

S 

failure  in  the  composite  strap 

The  failure  modes  quoted  in  tables  1-6  indicate  the 
dominant  fracture  path  only,  in  many  cases  other  failure 
modes  were  observed  in  small  areas  due  to  material 
variations  and  manufacturing  imperfections. 

3. 1  Unidirectional  CFRP  adhesive  bonded  with 
unsupported  adhesive 

Table  1 


Test 

Maximum 

Cycles  to 

Failure 

environment 

load,  kN 

failure 

mode 

25°C,  Dry 

10 

>10'’ 

S/A,  S 

17 

1.5x10^ 

90°C,  Dry 

10 

>10“ 

A 

17 

9x10" 

-50°C,  Dry 

10 

>10*’ 

S 

17 

1.5x10^ 

25°C,  Wet 

10 

>10“ 

S/A 

17 

2x10^ 

90°C,  Wet 

5 

8x10“ 

S/A,  A 

10 

<10" 

It  can  be  seen  from  the  table  above  that  for  the 
unidirectional  composite  bonded  with  the  unsupported 
adhesive  a  maximum  fatigue  load  of  10  kN  was  only 
sufficient  to  initiate  failure  in  those  samples  tested  wet  at 
90°C.  In  these  conditions  failure  was  seen  after  <  lO"* 
cycles.  Failure,  in  this  enviroment,  was  also  seen  with  a 
maximum  load  of  only  5kN.  At  17kN  failure  was 
observed  in  all  test  conditions  at  <  10^  cycles.  The  samples 
tested  at  25°C  gave  similar  results  whether  tested  wet  or 
dry.  The  samples  tested  at  -50°C  showed  similar  fatigue 
resistance  to  those  tested  at  25°C  whereas  those  tested  dry 
at  90“C  had  slightly  lower  fatigue  resistance. 

In  all  cases  fatigue  crack  initiation  was  in  the  adhesive 
fillet.  The  crack  propagated  through  the  adhesive  fillet  at 
approximately  45°  to  the  applied  load,  as  shown  in  figure 
3. 


The  samples  tested  at  25°C  failed  mainly  at  the 
strap/adhesive  interface,  although  some  interlaminar 
failure  between  plys  in  the  composite  strap  was  also  seen 
in  the  samples  tested  dry  at  25°C.  Samples  tested  at  -50°C 
failed  almost  entirely  by  interlaminar  fracture  of  the 
composite  strap  close  to  the  interface.  This  indicates  that 
the  composite  matrix  resin  becomes  less  fatigue  crack 
resistant  than  the  adhesive  at  low  temperatures.  This  is  not 
surprising  as  the  composite  resin  is  designed  for  a  higher 
maximum  service  temperature  (177°C)  than  the  adhesive 
(121°).  Composite  failure  was  associated  with  longitudinal 
cracking  in  the  x-ray  radiographs,  as  shown  in  figure  4. 
This  indicates  debonding  of  the  fibres  from  the  matrix. 
Note  that  isolated  pockets  of  delamination  can  be  seen 
ahead  of  the  actual  crack  front. 


I  ■  '  ,  I 

'  1  .  j  1  direction  of 

’  "  '  . '  crack 

(  ,  I  ’  propagation 

V’ ‘  I 


Figure  4  X-radiograph  showing  longitudinal  cracking 
associated  with  composite  failure. 

The  samples  tested  dry  at  90°C  failed  entirely  by  cohesive 
failure  in  the  adhesive  whereas  the  samples  tested  wet  at 
90°C  exhibited  a  mixture  of  cohesive  failure  in  the 
adhesive  and  adhesive  failure  at  the  strap/adhesive 
interface.  X-ray  radiographs  of  samples  exhibiting 
cohesive  failure  of  the  adhesive  showed  extensive 
‘transverse  cracking’  across  the  sample  width,  as  shown  in 
figure  5.  Again,  some  delamination  can  be  seen  ahead  of 
the  crack  front. 

SEM  study  of  the  fracture  surfaces  revealed  plate  like 
fractures  in  the  adhesive  with  crack  fronts  approximately 
perpendicular  to  the  crack  propagation  direction,  as  shown 
in  figure  6. 


Figure  3  Locus  of  fatigue  crack  initiation  in  adhesive 
bonded  joints 
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3.2  Unidirectional  CFRP  adhesive  bonded  with 
supported  adhesive 


Figure  5  X-radiograph  showing  transverse  cracking 
associated  with  cohesive  failure  in  unsupported  adhesive. 


Table  2 


Test 

environment 

Maximum 
load,  kN 

Cycles  to 
failure 

Failure 

mode 

25°C,  Dry 

10 

17 

>10'’ 

10^ 

S/A,  S,  A 

90°C,  Dry 

10 

17 

>10*’ 

4x10“ 

S/A,  S 

-50°C,  Dry 

10 

17 

>10'’ 

4x10“ 

S 

25°C,  Wet 

10 

17 

>10'’ 

2x10^ 

S/A,  A 

90°C,  Wet 

10 

17 

9x10“ 

<io“ 

S/A,  A 

As  with  the  supported  adhesive,  the  only  Joint  failures  with 
a  maximum  fatigue  load  of  lOkN  were  those  tested  wet  at 
90°C.  At  17kN  samples  tested  at  25°C  proved  the  most 
fatigue  resistant  (whether  in  wet  or  dry  conditions) 
followed  by  those  tested  dry  at  -50°C  and  then  those  at 
90°C.  Samples  tested  at  90°C  in  a  wet  environment 
exhibited  significantly  lower  fatigue  strength  than  those 
tested  under  any  other  conditions. 

Crack  initiation  was  in  the  adhesive  fillet  as  with  the 
unsupported  adhesive. 


Figure  6  SEM  micrograph  showing  crack  fronts 
perpendicular  to  the  crack  direction. 


In  most  cases  similar  fracture  paths  to  those  described  for 
joints  with  the  unsupported  adhesive  were  observed,  with 
two  notable  exceptions.  Firstly,  it  can  be  seen  that 
whereas  with  the  unsupported  adhesive  transverse  cracking 
was  associated  with  cohesive  failure  of  the  adhesive,  with 
the  supported  adhesive  multi-directional  cracking  was 
seen,  as  shown  in  figure  7. 


direction  of 
crack 

propagation 


Figure  7  X-radiograph  showing  multi-direcional  cracking 
associated  with  cohesive  failure  in  supported  adhesive. 
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The  obvious  explanation  for  this  difference  is  that  the 
carrier  fibres  in  the  supported  adhesive  interfere  with  the 
fracture  path. 

A  second  interesting  observation  is  that  whereas  with  the 
unsupported  adhesive  failure  was  entirely  cohesive  in  the 
adhesive  when  tested  dry  at  90°C,  with  the  supported 
adhesive  under  these  conditions  failure  is  a  mixture  of 
adhesive  failure  at  the  strap/adhesive  interface  and 
interlaminar  cracking  of  the  composite  in  the  strap.  A 
possible  explanation  for  this  is  that  in  the  case  of  the 
unsupported  adhesive  the  adhesive  is  sufficiently 
weakened  on  heating  to  become  the  easiest  path  for  crack 
propagation  whereas  with  the  supported  adhesive  the 
carrier  mat  helps  to  provide  the  adhesive  with  additional 
strength  when  the  adhesive  resin  has  been  weakened.  The 
supported  adhesive  would  be  acting  as  a  fibre  reinforced 
composite  under  these  conditions,  with  the  fibres  acting  as 
stressed  members  and  increasing  the  toughness  of  the 
adhesive  by  a  combination  of  mechanisms  which  could 
include  crack  deflection,  fibre  pull  out  and  fibre  bridging 
of  cracks.  The  reason  why  this  effect  is  not  apparent  at 
lower  temperatures  is  firstly  because  the  epoxy  matrix  is 
more  rigid  and  secondly  because  the  main  mechanism  of 
toughening  at  these  temperature  is  associated  with  the 
dispersed  rubber  particles  in  toughened  epoxies. 

3.  3  Multi-directional  CFRP,  adhesive  bonded  with 
unsupported  adhesive 


Table  3 


Test 

environment 

Maximum 
load,  kN 

Cycles  to 
failure 

Failure 

mode 

25°C,  Dry 

10 

14 

>10“ 

5x10" 

L/A,  S/A, 

S 

90°C,  Dry 

5 

10 

^io® 

9x10" 

S/A,  A 

-50°C,  Dry 

10 

14 

8x10’ 

<io" 

S/A,  A,  S 

25°C,  Wet 

5 

10 

8xl0" 

S 

90°C,  Wet 

5 

10 

8x10“ 

<10^ 

S/A,  A,  S 

The  table  above  shows  the  results  from  the  fatigue  testing 
of  adhesive  bonded  multi-directional  CFRP  with  the 
unsupported  adhesive.  The  first  thing  to  note  is  that  in  all 
environments  significantly  lower  fatigue  strength  is 
demonstrated  with  multi-directional  CFRP  adherends  as 
compared  with  the  unidirectional  composite.  This  can  be 
attributed  to  the  fact  that  multi-directional  adherends  will 
be  considerably  weaker  than  unidirectional  adherends  in 
the  direction  of  loading  and  hence  will  deform  a  greater 
amount  for  a  given  applied  load.  This  will  have  the  effect 
of  increasing  the  stresses  in  the  adhesive  and  at  the 
interface.  This  can  be  demonstrated  by  studying  equation 
1 .  It  can  be  seen  that  Gt  is  inversely  proportional  to  the 
adherend  modulus  for  a  given  load  if  geometric  factors 
remain  constant.  It  can  also  be  seen  that  for  a  given  G,|,  the 
load  required  for  crack  initiation  will  be  greater  for  the 
sample  with  the  higher  modulus  adherends.  With  a  G^^  of 
300.T/m^  (determined  experimentally  in  recent  work) 
equation  1  predicts  a  threshold  load  of  8kN  with  the 
unidirectional  adherends  and  6kN  with  the  multi¬ 
directional  adherends. 


With  a  maximum  fatigue  load  of  10  kN  failure  is  seen  in 
all  the  test  environments  except  dry  at  25°C.  The  next  best 
environment  in  terms  of  resistance  to  crack  initiation  is  - 
50°C.  It  can  be  seen  that  testing  wet  at  25°C  is  more 
detrimental  to  the  fatigue  life  of  the  joint  than  testing  dry 
at  25°C.  This  is  in  contrast  to  the  tests  with  the 
unidirectional  CFRP  adherends,  which  showed  little 
difference  in  the  fatigue  life  of  joints  tested  wet  or  dry  at 
25°C.  It  can  also  be  seen  that  the  failure  mode  when 
testing  wet  at  25°C  with  the  multi-directional  CFRP 
adherends  is  interlaminar  failure  in  the  CFRP  strap.  It  can 
be  coneluded  therefore  that  the  wet  environment  must 
weaken  the  CFRP  adherend.  The  unidirectional  CFRP 
tested  wet  at  25°C  must  also  be  weakened  to  some  degree 
but  remains  stronger  than  the  strap/adhesive  interface  and 
the  adhesive.  In  this  case  the  cohesive  strength  of  the 
adhesive  and  the  adhesive  strength  of  the  strap/adhesive 
interface,  which  are  relatively  insensitive  to  humidity  at 
25°C  control  the  fatigue  behaviour  of  the  joint.  The  multi¬ 
directional  adherend,  however,  is  significantly  weaker  than 
the  unidirectional  adherend  and  on  exposure  to  moisture  is 
further  weakened  to  such  an  extent  that  it  is  becomes  the 
preferred  path  for  fatigue  crack  propagation. 

As  with  the  unidirectional  adherends  transverse  cracking  is 
associated  with  cohesive  failure  of  the  adhesive  and  in  all 
test  conditions,  except  dry  at  90°C,  interlaminar  failure  of 
the  composite  strap  has  become  an  Important  failure 
mechanism.  The  composite  material  is  much  stronger 
when  loaded  in  the  direction  of  the  fibres  than  when 
loaded  perpendicular  to  the  fibres.  In  the  multi-directional 
material  the  plys  at  45°  to  the  direetion  of  loading  will 
therefore  have  a  significant  stress  component  in  their  weak 
direction.  It  is  not  surprising  therefore  that  composite 
failure  is  observed.  The  x-ray  radiographs  of  these  joints 
show  cracking  at  45°  to  the  loading  direction  in  the  areas 
of  composite  failure.  This  indicates  fibre  debonding  in  the 
45°  plys. 

3.  4  Multi-directional  CFRP  adhesive  bonded  with 
supported  adhesive 


Table  4 


Test 

environment 

Maximum 
load,  kN 

Cycles  to 
failure 

Failure 

mode 

25°C,  Dry 

10 

14 

>10“ 

5xl0" 

L/A,  S/A, 

S,  A 

90°C,  Dry 

5 

10 

>10“ 

8xl0" 

L/A,  S/A, 

S,  A 

-50°C,  Dry 

10 

14 

>10“ 

5x10^ 

S/A,  S 

25°C,  Wet 

5 

10 

>10" 

4x10^ 

S/A,  S 

90°C,  Wet 

5 

10 

<10“ 

<io" 

S/A,  S 

The  multi-directional  composite  joints  bonded  with  the 
supported  adhesive  also  show  significantly  poorer  fatigue 
strength  than  comparative  tests  with  unidirectional 
composite,  see  table  2.  Hot,  wet  testing  is  the  most 
detrimental  environment  and  -50°C  appears  to  be  the  most 
favourable.  As  noted  with  the  unidirectional  adherends 
cohesive  failure  of  the  supported  adhesive  was 
accompanied  by  multi-directional  cracking.  In  most  cases 
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failure  in  these  joints  was  a  mixture  of  adhesive  failure  in 
the  adhesive,  interlaminar  failure  of  the  strap  and  cohesive 
failure  at  the  strap/adhesive  interface. 

3.  5  Multi-directional  CFRP  co-bonded  with 
unsupported  adhesive 


Table  5 


Test 

Maximum 

Cycles  to 

Failure 

environment 

load,  kN 

failure 

mode 

25°C,  Dry 

14 

>10° 

S,  S/A,  A 

17 

2x10^ 

90°C,  Dry 

5 

<10° 

S,  S/A,  A 

10 

14 

-50°C,  Dry 

10 

BSKM 

S 

14 

The  results  for  the  co-bonded  joints  with  the  unsupported 
adhesive  are  presented  in  table  5.  Firstly,  it  can  be  seen 
that  has  only  been  in  ‘dry’  conditions  for  the  co-bonded 
joints.  This  is  because  moisture  equilibrium  has  not  yet 
been  attained  for  the  co-bonded  joints  being  conditioned, 
however  it  is  expected  that  eo-bonded  joints  will  be  tested 
in  wet  conditions  in  the  near  future.  Fatigue  resistance  is 
greatest  at  25°C  followed  by  -50°C  then  90°C. 

In  all  environments  the  first  sign  of  damage  with  the  eo- 
bonded  joints  is  interlaminar  cracking  in  the  strap  in  front 
of  the  adhesive  fillet,  as  shown  in  figure  8.  This  is  in 
contrast  to  the  adhesive  bonded  joints,  where  in  most  cases 
the  first  sign  of  damage  is  cracking  in  the  adhesive  fillet. 
This  can  be  explained  by  studying  the  schematic  figure  of 
the  adhesive  fillets  in  figure  2.  The  fillet  in  the  co-bonded 
joint  represents  less  of  a  discontinuity  than  that  in  the 
adhesive  bonded  joint  and  therefore  lower  stress 
concentrations  would  be  expected.  Also,  it  can  be  seen 
that  in  the  co-bonded  joint  there  is  a  region  just  ahead  of 
the  fillet  where  the  top  plys  in  the  strap  are  distorted.  This 
is  a  consequence  of  the  way  the  samples  are  jigged  in  the 
autoclave  and  the  effect  of  the  vacuum  pressure  distorting 
the  uncured  plys  where  plate  pressure  is  not  applied.  This 
will  obviously  weaken  the  strap  in  this  region  and  account 
for  the  cracking  observed  there.  This  effect  may  be  less 
noticeable  if  the  unidirectional  CFRP  adherends  were 
used. 


crack 


Crack  propagation  is  a  mixture  of  interfacial  failure  at  the 
strap/adhesive  interface,  interlaminar  cracking  in  the  strap 
and  cohesive  fracture  of  the  adhesive  (with  transverse 
cracking).  Compared  with  adhesive  bonded  samples,  the 
co-bonded  joints  appear  to  be  more  fatigue  resistant.  This 
is  probably  because  crack  initiation  is  more  difficult  in  the 
fillet  of  the  co-bonded  sample  and  that  interdiffusion  of 
composite  and  adhesive  resins  when  co-bonding  increases 
resistance  to  fatigue  crack  propagation  along  the  bondline. 

3.6  Multi-directional  CFRP  co-bonded  with  supported 
adhesive 


Table  6 


Test 

environment 

Maximum 
load,  kN 

Cycles  to 
failure 

Failure 

mode 

25°C,  Dry 

10 

14 

mm 

S/A,  A,  S 

90°C,  Dry 

10 

14 

<10° 

<10“* 

S,  S/A,  A 

-50°C,  Dry 

10 

14 

>10° 

<10'' 

S 

The  samples  co-bonded  with  the  supported  adhesive  also 
tend  to  exhibit  interlaminar  failure  in  the  strap  prior  to 
adhesive  failure.  Crack  propagation  is  again  a  mixture  of 
mechanisms,  except  for  those  tested  at  -50°C  where  failure 
is  only  in  the  composite  strap.  As  with  the  unsupported 
adhesive  the  co-bonded  joints  provide  greater  fatigue 
resistance  than  comparative  adhesive  bonded  joints. 
Compared  to  the  co-bonded  joints  with  the  unsupported 
adhesive  the  supported  adhesive  joints  are  less  fatigue 
resistant  at  25  and  -50°C  but  are  more  fatigue  resistant  at 
90°C. 

4.  DISCUSSION 

4.1  Locus  of  failure  in  bonded  joints 

In  the  case  of  the  ‘adhesive  bonded’  samples  (i.e.  those  in 
which  the  pre-preg  was  cured  prior  to  bonding)  fatigue 
crack  initiation  was  in  the  adhesive  fillet  and  progressed 
through  the  fillet  at  approximately  45°  to  the  loading 
direction  towards  the  bondline.  This  can  be  explained  by 
studying  figure  9  which  shows  the  principal  stresses  in  the 
adhesive  fillet  of  a  lap/strap  joint  with  unidirectional 
adherends  and  a  load  of  5kN.  Obviously  the  crack  follows 
a  path  at  90°  to  the  direction  of  the  maximum  principal 
stresses  in  the  adhesive  fillet  until  the  bondline  is  reached. 

In  the  case  of  the  ‘co-bonded’  samples  crack  initiation  was 
in  the  strap  at  a  point  below  the  adhesive  fillet.  This  was 
partly  explained  by  noting  that  the  strap  in  this  region  is 
weakened  during  the  curing  process.  It  can  also  be  seen 
from  figure  10  that  this  region  is  the  location  for  the . 
maximum  stresses  in  the  adherend. 


Figure  8.  Locus  of  fatigue  crack  initiation  in 
co-bonded  joints 
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Figure  9  Principal  stresses  in  adhesive  fillet  of  strap/lap  joint. 


iModel:  LAPSC 
LI:  STATIC 
I  Step:  6  TIME:  1 
i  Nodal  PRINC  STRESS  PMAX 
!  Results  were  calculated 
!  Max  =  .292E4 
!  Min  =  -9.53 


Figure  10  Stress  contours  in  strap/lap  joint 


4.2  Effect  of  test  environment  on  fatigue  strength 

In  the  case  of  unidirectional  CFRP  joints  there  appears  to 
be  little  difference  in  the  fatigue  resistance  of  joints  tested 
wet  or  dry  at  25°C,  This  is  in  contrast  to  most 
metal/adhesive  joints  which  will  have  reduced  strength 
when  subjected  to  a  high  humidity  environment  at  25°C. 
This  can  be  explained  by  the  fact  that  the  work  of  adhesion 
at  the  adhesive/adherend  interface  remains  positive  for  the 
CFRP/adhesive  joint®.  It  should  be  noted  that  those 


samples  tested  wet  at  25  and  90°C  had  undergone  the  same 
conditioning  treatment  (approx.  1  year  at  60°C,  85%R.H.). 
Therefore  the  conditioning  must  be  of  secondary 
importance,  in  terms  of  fatigue  strength,  compared  to  the 
test  environment  for  these  joints.  In  the  case  of  samples 
constructed  with  multi-directional  CFRP  adherends,  the 
fatigue  strength  was  reduced  when  testing  wet  at  25°C  as 
compared  to  testing  dry  at  this  temperature.  This  was 
attributed  to  a  weakening  of  the  adherend  material  in  the 
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wet  conditions,  which  is  more  critical  for  the  multi¬ 
directional  adherends  than  for  the  stronger  unidirectional 
adherends. 

Increasing  the  test  temperature  to  90°C  tends  to  reduce  the 
fatigue  strength  of  bonded  composite  joints  as  both  the 
matrix  resin  and  adhesive  weaken  as  Tg  is  approached. 
This  effect  is  not  great,  however,  as  the  composite  is 
designed  for  high  temperature  service  and  is  not  expected 
to  be  weakened  significantly  at  90°C.  Also  the  weakening 
of  the  adhesive  in  terms  of  reduced  stiffness  may  be 
partially  offset  by  increased  toughness  at  elevated 
temperatures. 

It  is  obvious  that  by  far  the  most  detrimental  test  condition 
in  terms  of  the  fatigue  strength  of  composite  joints  is  90°C 
in  a  humid  environment  The  combination  of  humid 
environment  and  high  temperature  appears  to  have  a 
detrimental  effect  which  is  greater  than  the  sum  of  the 
individual  effects  of  temperature  and  humidity.  It  has 
already  been  noted  that  high  temperatures  will  tend  to 
weaken  the  adhesive  and  to  some  extent  the  CFRP  matrix 
resin.  Heating  will  also  cause  an  expansion  of  the 
adherends  and  the  adhesive  which  will  enable  the 
absorption  of  a  greater  amount  of  water.  Moisture 
absorption  has  the  effect  of  lowering  the  Tg  of  polymeric 
materials  and  therefore  it  would  be  expected  that  the 
strength  of  the  CFRP  adherends  and  the  adhesive  would 
decrease  in  a  humid  environment.  In  hot  wet  eonditions 
then,  we  have  an  accumulated  effeet  of  weakening  of 
adhesive  and  adherend  materials  whieh  will  both  inerease 
the  stresses  on  the  adhesive  for  a  given  applied  load  and 
reduce  the  ability  of  the  adhesive  (and  composite)  to  resist 
these  stresses.  Qualitatively  then,  it  is  not  surprising  that 
hot,  wet  eonditions  are  so  damaging  to  bonded  composite 
joints,  however,  a  more  detailed  investigation  to  isolate  the 
effects  of  water  absorption  and  heat  on  the  strength  of 
adhesive  and  composite  is  required  to  explain  this  more 
quantitatively. 

Testing  at  low  temperatures  does  not  seem  to  significantly 
effect  crack  initiation  but  the  locus  of  the  fracture  shifts  to 
the  strap  adherend  indicating  that  at  low  temperatures  the 
composite  matrix  resin  has  a  lower  fracture  toughness  than 
the  adhesive. 

4.3  Effect  of  adhesive  carrier  on  fatigue  strength 

In  most  cases  the  fatigue  resistance  of  the  bonded 
composite  joints  with  the  supported  and  unsupported 
adhesives  are  similar,  any  differences  being  secondary  to 
the  effects  of  environment,  adherend  and  bonding 
technique.  In  the  case  of  cohesive  failure  in  the  adhesive 
different  fracture  surfaces  are  observed  with  the  different 
adhesives.  The  unsupported  adhesive  has  a  plate  like 
fracture  surface  with  extensive  transverse  cracking  across 
the  sample  width.  In  contrast  the  supported  adhesive 
exhibits  a  multi-directional,  cracked  fracture  surface  which 
has  been  attributed  to  crack  deflection  by  the  carrier  fibres. 

4.4  Effect  of  bonding  technique  on  fatigue  strength 

It  has  been  seen  that  co-bonding  increases  the  fatigue 
resistance  of  the  joints  compared  with  adhesive  bonding. 
This  has  been  attributed  to  the  reduction  in  material 
discontinuities  at  the  overlap  and  along  the  bondline. 
However,  a  drawback  to  the  technique  is  that  the 


composite  strap  is  weakened  near  the  end  of  the  overlap 
which  results  in  interlaminar  failure  of  the  strap  adherend 
prior  to  failure  in  the  joint  itself.  This  is  a  symptom  of  the 
curing  method  and  it  is  possible  that  this  could  be 
addressed  in  future  work. 

4.5  Effect  of  composite  ply  on  fatigue  strength 

It  is  clearly  seen  in  tables  1-6  that  the  fatigue  resistance  of 
adhesively  bonded  composite  joints  is  significantly 
reduced  by  using  multi-directional  adherends  as  compared 
to  unidirectional  adherends.  It  should  be  noted  therefore 
that  laboratory  work  on  biaxial  loading  of  unidirectional 
composites  will  give  unrealistically  high  performance  data 
and  these  results  should  not  be  used  as  a  basis  of  joint 
design  incorporating  multi-axial  loading  of  the  composite. 
In  this  work  only  two  lay-up  configurations  were  used  to 
fabricate  the  CFRP  panels  whereas  in  practise  many  other 
configurations  may  be  found.  As  the  fatigue  strength  is  so 
sensitive  to  the  composite  lay-up  pattern  it  is  suggested 
that  in  future  work  other  lay-up  configurations  are 
investigated  and  attempts  are  made  to  develop  a  predictive 
capability  to  enable  the  results  from  mechanical  tests  to  be 
extended  to  other  composite  panel  configurations. 

5.  CONCLUSIONS 

It  has  been  demonstrated  that  the  service  environment 
affects  the  initiation  and  fracture  path  of  fatigue  cracks  in 
adhesive  bonded  composite  joints.  By  far  the  most 
detrimental  environment  for  the  joints  was  hot/humid. 

Fatigue  lay-up  was  also  shown  to  affect  the  fatigue 
performance  of  the  joints.  It  may  be  possible  to  predict  the 
performance  of  composites  with  different  lay-ups  and 
loading  configurations  by  establishing  a  threshold  strain 
energy  release  rate  for  the  adhesive  in  fatigue  loading. 
However,  more  testing  is  required  to  establish  the 
applicability  of  this  method. 

‘Co-bonding’  was  seen  as  preferable  to  ‘adhesive  bonding’ 
in  terms  of  bond  integrity,  however  the  curing  method 
used  in  this  work  resulted  in  a  weakening  of  the  strap  in 
the  area  of  greatest  stress  concentrations.  Co-bonding  is 
seen  as  a  cost  effective  bonding  process,  reducing 
fabrication  time  and  therefore  costs,  compared  with  the 
adhesive  bonding  of  cured  panels. 
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SUMMARY 

Current  industry  practice  separates  the  design  of  an  air 
vehicle’s  propulsion  system  from  the  design  of  its  airframe. 
This  practice  causes  many  problems  and  inefficiencies 
particularily  for  advanced  exhaust  nozzle  designs.  It  results  in 
redundant  aircraft  structure  to  be  insulated  and  shielded  from 
the  engine  thermal  and  acoustic  emanations.  Perhaps,  most 
importantly,  it  causes  buckling  and  cracking  at  the  joint 
interfaces  where  the  thermally  induced  stresses  are  reacted. 
The  critical  joint  interfaces  are  the  co-cured/bonded  joints 
between  layers  of  dissimilar  materials  and  the  mechanical 
joints  between  structural  components.  Northrop  Grumman’s 
concept  is  to  modernize  the  design,  analysis,  and  construction 
of  future  high  performance  aircraft  by  integrating  the  exhaust 
nozzle/  exhaust  washed  structural  components  into  the 
primary  airframe  structure  through  a  combination  of  organic 
and  ceramic  matrix  composite  materials.  Designing  bolted 
and  bonded  joints  to  carry  induced  loads  efficiently,  then,  is 
critical  to  an  integrated  structural  approach. 

Northrop  Grumman  has  evolved  a  variety  of  approaches  to 
transfer  loads,  including  co-bonding  of  dissimilar  materials 
and  unique  joint  designs.  Ceramic  matrix  composite/ 
AFR700B  bolted  and  bonded  joints  have  been  identified  as  a 
critical  need,  and  under  Air  Force-contracted  research,  joints 
have  been  designed  and  analyzed  and  will  be  fabricated.  Sub¬ 
element  testing,  including  static  and  fatigue,  will  validate  the 
design  and  analytical  methodologies.  Durability  and 
maintainability  will  be  validated  through  testing  and 
nondestructive  evaluation.  Trade-off  analysis  performed  on 
the  bolted  and  bonded  joints  will  address  structural  efficiency, 
reliability,  supportability,  and  battle  damage  tolerance. 

1.0  INTRODUCTION 

Over  the  last  20  years,  and  particularly  since  the  advent  of 
stealth  technologies,  propulsion  system  and  aft-fuselage 
weights  have  significantly  increased  as  an  overall  percentage 
of  total  aircraft  weight.  These  weight  increases  were  typically 
offset  by  increases  in  overall  aircraft  performance  and  vehicle 


survivability.  However,  these  benefits  in  performance  and 
survivability  came  at  the  price  of  significantly  increased 
acquisition  and  operational  costs.  In  order  to  reverse  this 
trend,  future  high  performance  aircraft  will  have  to  rely  more 
heavily  on  airframe  integrated  exhaust  structures  in  order  to 
reduce  the  weight  and  costs  associated  with  the  manufacturing 
and  operation  of  these  air  vehicles. 

The  use  of  high  temperature  composites,  combined  with 
innovative  design  and  manufacturing  techniques,  will  enable 
airframe  contractors  to  produce  affordable,  highly  survivable, 
high  performance  aircraft  for  future  military  requirements. 
The  joining  technology  developed,  and  in  development,  by 
Northrop  Grumman  provides  critical  data  needed  to  design 
and  fabricate  a  layered  composite  integrated  aft  fuselage 
exhaust  nozzle  structure.  Efforts  funded  by  the  U.S.  Air  Force 
will  expand  on  the  basic  Northrop  Grumman  technologies  to 
provide  a  more  detailed  understanding  through  the  design, 
analysis,  fabrication,  and  testing  of  representative  element 
specimens. 

Northrop  Grumman’s  goal  is  to  modernize  the  design, 
analysis,  and  manufacturing  methodology  required  to 
implement  new  high  temperature  tolerant  material 
combinations  into  the  “Extreme  Environment  Zone”. 
Northrop  Grumman  has  developed  a  new  approach  to  the 
problem  of  integrating  advanced  exhaust  systems/  nozzles 
into  future  air  vehicle  designs.  The  approach;  co-bonding 
polymer  matrix  composite  (PMC)  to  ceramic  matrix 
composite  (CMC)  helps  to  manage  thermal  and  acoustic 
loads,  minimizing  weight,  manufacturing  cost  and 
maintenance  while  integrating  the  exhaust  nozzle  into  the 
airframe  structure. 

Northrop  Grumman  has  been  performing  research  in-house 
and  jointly  with  the  U.S.  Air  Force  in  a  building  block 
approach  to  establish  the  basic  design  data  and  operational 
experience  required  to  transition  an  integrated  exhaust  system 
into  an  air  vehicle.  Key  research  efforts  (described  in  more 
detail  later)  have  included  CMC  heat  shield,  AFR700B/CMC 
co-bonding  studies,  heat  shield  pyro-bonding,  Mechanically 
fastened  CMC  joint  allowables  program,  and  CMC  nozzle 
demonstration.  As  depicted  in  Figure  1,  all  of  these  efforts 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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feed  into  the  Air  Force  Structural  Technology  and  Analysis 
Program  (STAP),  Ceramic  Composite  Exhaust  Washed 
Structures  Delivery  Order  contract.  Under  the  STAP  effort 
the  major  focus  has  been  on  CMC  to  AFR700B  composite 
joining  for  application  to  an  integrated  aft  fuselage  advanced 
technology  demonstration  component  (ATDC). 


Figure  1.  Key  Development  and  Demonstration  Activities  Provide  the 
Base  for  the  STAP  Program 


1.1  Design  Integration  Problems 

Advances  in  propulsion  technology  have  increased  air  vehicle 
costs  due  to  the  added  weight,  complexity  and  maintenance 
required  in  the  exhaust  nozzle  systems.  This  has  created  the 
need  to  integrate  the  advanced  exhaust  systems  into  the 
airframe  in  a  manner  that  reduces  the  adverse  effects. 

For  the  integrated  exhaust  system,  the  issues  of  the  attachment 
to  the  metal  airframe,  the  thermal  expansion  differences 
between  the  polymer  composite,  ceramic  composite  and  the 
metal,  and  the  thermo-acoustic  durability  are  critical.  The 
availability  of  test  data  on  ceramic  joints  is  minimal.  The 
closest  comparable  systems  are  polymer  composite  joints 
which  have  not  been  studied  at  temperatures  and  acoustic 
levels  associated  with  the  exhaust  environment.  The  STAP 
Program  being  performed  consists  of  analytical  modeling  of  a 
integrated  aft  fuselage  concept  and  the  selection  of 
representative  ceramic  attachment  joints  to  investigate 
fastening  and  bonding  techniques  and  thermo-acoustic 
durability.  Subsequent  mechanical  testing  is  planned  to  verify 
the  analytical  results. 

1.2  Description  of  CMC  Joint  Applications  Experience 

Northrop  Grumman  has  extensive  design  and  manufacturing 
experience  in  airframe  and  exhaust  integration  and  in  high 
temperature  composites,  both  organic  matrix  composite 
(OMC)  and  CMC.  This  experience  gained  during  flight 
testing  of  the  Northrop  Grumman  advanced  air  vehicle 
systems  has  been  instrumental  in  formulating  the  designs 
developed  for  the  STAP  contract.  In  the  development  and 


demonstration  of  high  temperature  components  the  joints  and 
attachment  techniques  are  critical.  Northrop  Grumman 
continues  to  work  on  nozzle  sidewall  liners,  nozzle  flaps, 
ceramic  honeycomb  and  a  variety  of  truss  and  sandwich  core 
structures.  In  order  to  validate  design,  analysis  and 
manufacturing  methodologies  Northrop  Grumman  is  actively 
pursuing  demonstration  opportunities  such  as  a  CMC  heat 
shield,  a  CMC  engine  nozzle,  an  aft  deck  thermal  protection 
shield,  an  engine  exhaust  component,  and  hot  trailing  edge 
thermal  protection  systems.  In  all  of  the  above  applications,  a 
common  design  philosophy  is  applied;  transfer  the  loads  over 
as  wide  an  area  as  possible,  minimize  the  thermal  expansion 
mismatch,  and  when  large  thermal  expansion  mismatch  is 
unavoidable,  compensate  with  strain  isolation  systems. 

1.3  Overview  of  STAP  Ceramic  Exhaust  Washed 
Structure  Program  (Air  Force  Contract) 

A  combined  effort  on  the  STAP  program  between  the 
Northrop  Grumman  Military  Aircraft  Systems  Division,  the 
Northrop  Grumman  Advanced  Technology  Development 
Center,  and  the  USAF  Wright  Laboratories  is  dedicated  to  the 
development  of  a  structurally  integrated  exhaust  system  with 
significant  reductions  in  weight  and  complexity.  The 
advancements  will  be  accomplished  through  the  use  of  co¬ 
bonding  CMCs  to  organic  PMCs  in  a  lightweight  airframe 
integrated  exhaust  system  that  will  less  expensive  to  build  and 
maintain  than  current  metal  exhaust  systems. 

The  goal  of  the  program  is  to  evaluate  Innovative  concepts  for 
exhaust  nozzle/  airframe  integration  and  to  modernize  the 
design,  analysis  and  manufacturing  methods  required  to 
implement  new  material  combinations.  The  project  is 
focusing  on  attachment  /  joints  as  the  critical  need.  As  of  the 
writing  of  this  paper  the  representative  joints,  both  co- 
cured/co-bonded  and  mechanically  attached,  have  been 
identified  ,  designed,  and  analyzed.  Fabrication  and  test  of 
the  test  sub-elements  is  scheduled  for  3"‘  and  4“'  quarter  of 
1996. 

2.0  NORTHROP  GRUMMAN  JOINTS  TECHNOLOGY 
BROUGHT  TO  THE  STAP  PROGRAM 

Over  the  past  three  years,  CMC  development  work  has  been 
conducted  at  Northrop  Gmmman,  which  provides  much  of  the 
joining  technology  required  for  the  USAF  STAP  Program. 
This  development  work  was  conducted  under  four  different 
eompany  internal  research  and  development  (IR&D) 
programs.  One  of  the  CMC  materials  used  in  all  of  these 
development  efforts  consisted  of  Nicalon™  '  fiber  (with  a 
Northrop  Grumman  proprietary  fiber  coating  system)  in  a 
pyrolyzed  Blackglas™  ^  polymer  matrix. 


'  Nicalon  is  a  registered  trademark  of  the  Nippon 
Carbomndum  Corporation. 

^  Blackglas  is  a  registered  trademark  of  the  Allied  Signal 
Corporation. 
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CMCs  may  be  joined  with  metallic  or  composite  structures  by 
bolting,  bonding,  or  a  combination  thereof.  The  approach 
selected  depends  on  a  variety  of  design  criteria,  including,  but 
not  limited  to,  the  stage  of  the  design,  the  size  of  the  transition 
region,  and  the  temperature  extremes.  Discussed  below  are 
the  different  approaches  investigated  by  Northrop  Grumman 
prior  to  the  STAP  contract.  The  CMC  heat  shield  attachments 
(Figure  2)  were  designed  to  facilitate  the  retrofit  of  the  current 
metallic  heat  shield  with  a  lower  life-cycle-cost  CMC  heat 
shield. 

Attachment  Design  Considering  Thermal  Expansion 
Stresses  Is  a  Key  to  Successful  Use  of  CMC  in  Aircraft 


Figure  3.  Ceramic  matrix  composite  demonstration  exhaust  nozzle 
for  an  aircraft  ground  test. 


2.1.1  Materials  and  Processes  Description 

Numerous  OMCs  have  been  bonded  directly  to  CMCs.  The 
process  involves  forming  the  CMC  structure  and  then  using 
the  CMC  as  the  “fly-away”  tool  for  the  OMC  portion  of  the 
hybrid  structure.  The  bonding  mechanism  appears  to  be  both 
mechanical  and  chemical  in  nature  and,  in  some  cases,  is 
stronger  than  the  interlaminar  strength  of  the  CMC.  A  variety 
of  couples  have  been  evaluated.  Table  1  lists  the  OMCs  and 
the  CMCs  that  have  been  directly  bonded  together. 
Blackglas™  is  a  siliconoxycarbide  matrix  made  from  a 
polymer  precursor  supplied  by  Allied  Signal.  Applied 
Poleramic  is  an  aluminosilicate  CMC,  made  from  an  organic 
slurry  reinforced  with  ceramic  powder  supplied  by  Applied 
Poleramic. 


The  CMC  nozzle  demonstration  component  (Figure  3) 
provides  insight  into  attachment  of  CMC  to  metal  engine 
flanges,  gas  path  seals,  and  thermo-acoustic  fatigue  behavior 
of  the  CMCs  in  the  exhaust  environment.  The  other  prior 
activities  have  application  to  the  development  of  analysis 
methods,  design  techniques,  and  manufacturing  methodology 
required  to  transition  these  material  systems  to  production. 

2.1  AFR700B  to  CMC  Co-Bonding 

After  identifying  attachment  of  CMCs  to  airframe  structures 
as  a  critical  need,  Northrop  Grumman  began  evaluating  a 
range  of  approaches  to  minimize  the  stresses  induced  at  joints 
and  interfaces  between  dissimilar  materials.  The  combination 
of  materials  investigated  included  OMC  to  CMC,  metal  to 
CMC,  and  CMC  to  CMC.  The  attachment  techniques 
investigated  for  these  three  couples  are  discussed  in  the 
sections  below. 


Table  1 .  Ceramic  and  Organic  Matrix  Composites  Evaluated  for  Co- 
Bondlng 

Ceramic  Matrix  Composites 

Reinforcements  Can  Include  Woven  Cloth  or  Uni-Tape _ 

Blackglas  ■f”  with  NexteF“  312  Reinforcement^ 

Blackglas  with  Nicalon™  Reinforcement 
Blackglas™  with  Graphite  Reinforcement 
Blackglas™  with  S-Glass  Reinforcement 

Applied  Poleramic  with  NexteF*^  440  Reinforcement _ 

Organic  Matrix  Composites 

_ Reinforcement  Is  Woven  Cloth _ 

BMI  with  Fiberglass  Reinforcement 

BMI  with  Graphite  Reinforcement 

AFR700B  with  Fiberglass  Reinforcement 

AFR700B  wutg  Graphite  Reinforcement 

Epoxy  with  Fiberglass  Reinforcement 

PMRtSwith  Fiberglass  Reinforcement _ 


’  Nextel  is  a  registered  trademark  of  the  3M  Corporation. 
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Because  of  the  design  criteria  of  high  temperature  (greater 
than  500C)  and  high  strain  (greater  than  0.4%)  in  the  presence 
of  vibro-acoustic  loads,  Blackglas™/Nicalon  and  AFR700B 
were  selected  as  the  materials  of  choice  to  couple  together. 
The  selection  process  was  based  on  the  temperature 
requirements;  thus,  designs  for  other  less  extreme 
environments  may  be  able  to  utilize  the  other  systems. 


2.1.2  Materials  Selected 

Blackglas™  Ceramic  Matrix  Composite 

The  Blackglas™/Nicalon  CMC  system  was  selected  for 
incorporation  into  the  STAP  Program  because  of  its  high 
strength  and  high  strain  to  failure.  Additionally,  the  material 
is  one  of  the  most  mature  systems  available  with  a  design 
allowables  database  generated.  Table  2  summarizes  the  design 
properties  of  the  Blackglas™/Nicalon’'“  system.  The  specific 
interface  coating  utilized  is  Northrop  Grumman  proprietary. 


Table  2.  Design  Data  For  CMC 


Typical  Properties  of  Blackglas™/Nicalon 

TM 

Young’s  Modulus  (GPa) 

58.6 

Poisson’s  Ratio 

0.01 

Shear  Modulus  (Gpa) 

17.9 

Density  (kN/m3) 

21.4 

Coefficient  of  Thermal  Expansion  (/°C) 

2.7x10^ 

Tensile  Strength  (Mpa) 

68.9 

Compressive  Strength  (Mpa) 

213.7 

In-Plane  Shear  (MPa) 

17.2 

AFR700B  Organic  Matrix  Composite 

The  OMC  selected  for  co-bonding  evaluation  to  the 
Blackgtas™/Nicalon™  system  is  AFR700B/graphite.  A 
Northrop  Grumman  proprietary  process  is  used  to  fabricate 
the  AFR700B/graphite  composites.  The  same  AFR700B 
processing  parameters  can  be  used  to  fabricate  the  organic- 
ceramic  couples. 


AFR700B-Blackglas™  Couple 

Prior  to  the  STAP  Program  a  series  of  experiments  were 
conducted  to  generate  design  data  on  the  CMC  to  OMC  co¬ 
bond  joint.  Nextel™312  reinforced  Blackglas'^'^  and 
AFR700B/S-Glass  composites  were  prepared.  The  thickness 
of  the  AFR700B  composites  and  the  Blackglas™  CMC  were 
varied  to  study  organic  matrix  in-flow  into  the  CMC  during 
fabrication.  Couples  were  machined  into  double  notch  shear 
coupons.  The  8-ply  Blackglas™  CMC/  10-ply  AFR700B 
OMC  failed  in  the  AFR700B  in  shear  (8.0  MPa).  Typically 
the  couples  that  failed  in  shear  had  a  higher  interlaminar 
shear  strength  than  the  parent  CMC. 

Additional  work  continues  to  add  to  the  understanding  of  the 
bonding  mechanism  between  Blackglas™  and  AFR700B 
matrices.  In  some  areas  the  AFR700B  has  infiltrated  the 


Blackglas™  microcracks;  however,  the  extent  of  the 
infiltration  does  not  appear  to  be  sufficient  to  explain  the 
shear  strengths  measured.  Microstructural  analysis  is 
continuing  to  study  the  reactivity  of  Blackglas’^'^  and 
AFR700B. 


2.2  Mechanically  Fastened  Joint  Allowables  for  CMC 
Materials 

Northrop  Grumman  Advanced  Technology  Development 
Center  is  conducting  a  cooperative  program  with  the  United 
States  Air  Force  to  develop  a  data  base  of  design  allowables 
for  mechanically  fastened  joints  in  CMC 
materials(independent  of  the  STAP  Program).  For  this 
program,  which  is  about  fifty  percent  complete,  Northrop 
Grumman  is  fabricating  the  test  specimens  and  the  Air  Force 
is  conducting  the  mechanical  testing. 

Test  specimens  are  cut  from  8-ply  (~3.0mm  thick) 
Blackglas™/Nicalon™  CMC  panels.  The  lay-up  orientation 
for  the  Bi-directional  Nicalon™  woven  fabric  is 
(079074570°)sy,„ .  Sixty  coupon  specimens  were  initially 
tested  to  establish  baseline  material  properties. 

Tension,  compression,  interlaminar  shear,  and  in-plane  shear 
tests  were  conducted  at  room  temperature,  815°C,  and  982°C. 
Tensile  and  compression  ultimate  strengths  obtained  are 
presented  in  Figure  4. 


490 

420 

350 

280 

210 

140 

70 

0 


Test  Temperature 

H  RT 
CD  815 '■C 
H  980 °C 
Laminate 

[0°  /gO”  /4570“  ]SYM 


NO  EXP.  815  “C  980  “C 


Figure  4.  Tensile  and  Compressive  Data  from  Mechanical  Joint 
Design  Allowables  Program 


Joint  allowable  bearing  property  tests  being  conducted  by  the 
Air  Force  are  listed  in  Table  3.  To  date,  all  CMC  laminates 
have  been  fabricated,  one-half  of  the  specimens  have  been 
machined,  and  testing  is  underway.  These  initial  tests  were 
conducted  to  determine  the  “optimum”  hole  edge  distance  to 
be  used  for  CMC  joint  design.  The  optimum  design  would  be 
the  edge  distance  that  results  the  maximum  strength  to  weight 
efficiency  of  the  joint. 
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Table  3.  Allowables  Bearing  Strength  Testing  Matrix. 


No  Temp. 

100  Hours  at  815  “C 

Exposure 

Test  Temperature 

Room  Temp. 

Room  Temp. 

815  “C 

Fastener  Diameter  ~  mm 

4.7 

MM 

4.7 

6.4 

4.7 

6.4 

Static  Bearing 

Double  Shear 

2.0 

■ 

- 

6 

- 

- 

Strength 

(Pin  Bearing) 

e/d 

2.5 

■■ 

6 

- 

6 

- 

6 

3.0 

- 

6 

- 

- 

Single  Shear,  Countersunk 

6 

6 

- 

6 

. 

Open  Hole 

Tension 

- 

- 

6 

- 

6 

Compression 

- 

- 

6 

- 

6 

Creep 

Double  Shear  (Pin  Bearing) 

- 

- 

- 

. 

3(a) 

Thermal  Cycling 

Single  Shear,  Countersunk 

3(b| 

- 

- 

3(b) 

- 

Cyclic  Fatigue 

Cantilever  Reed 

- 

15 

- 

15 

- 

Single  Shear,  Countersunk 

- 

- 

- 

15 

- 

Total  Tests 

15 

51 

60 

Grand  Total  Tests 

126 

(a)  100  hours  under  load. 

(b)  1 ,000  cycles:  RT  to  8 15  °C  to  RT. 


Testing  to-date  indicates  that  an  e/d  of  3.5  would  be  a  good 
design  value  for  double  shear  specimens.  The  process  of 
establishing  edge  distance  design  values  is  illustrated  in 
Figure  5.  Single  and  double  shear  specimens  with  higher  e/d 
ratios  have  been  fabricated  and  will  be  tested.  These  tests  will 
establish  the  hole  to  edge  distance  design  values.  Upper  limit 
design  stress  allowables  for  CMC  laminates  with  unloaded 
holes  will  be  established  by  open  hole  tension  and 
compression  tests.  Bearing  creep  tests  will  be  conducted  at 
815°C  to  determine  the  amount  of  bearing  deformation  with 
time  at  the  initial  bearing  yield  stress.  Single  shear 
countersunk  bearing  specimens  will  be  loaded  while  subjected 
to  thermal  cycling. 


Figure  5.  e/d  Determination  Methodology 


Single  shear  bearing  specimens  will  be  fatigue  tested  at  815°C 
under  a  typical  flight  loading  spectrum.  Tests  will  be 
conducted  at  several  bearing  stress  levels  so  that  a  bearing  SN 
curve  can  be  construeted. 

2.3  CMC  HEAT  SHIELD 

Northrop  Grumman  has  developed  an  aircraft  CMC  heat 
shield  under  a  cooperative  program  with  McDonnell  Douglas 
Aerospace.  The  CMC  heat  shield  design  provides  a  weight 
savings,  and  a  reduction  of  ownership  costs  by  eliminating 
most  of  the  maintanence  associated  with  the  metallic  heat 
shield. 

2.3.1  CMC  Heat  Shield  Attachment  Joints 

The  production  heat  shields  are  constructed  using  a  high 
temperature  stainless  steel  alloy.  Although  the  current  shields 
perform  adequately  they  have  exhibited  cracking  problems  at 
low  flight  hours,  resulting  in  frequent  maintenance  and  repair. 

Two  CMC  heat  shields  have  been  fabricated  and  instrumented 
for  testing.  Ground  and  flight  tests  will  be  conducted  during 
August  and  September  of  1996. 

2.3.1. 1  Joint  Design 

The  heat  shield  is  approximately  58  cm  wide  and  79  cm  long 
with  five  horizontal  hat  section  stiffeners.  The  best  shield  is 
attached  to  the  fuselage  by  15  brackets  arranged  in  five  rows 
(corresponding  to  the  five  stiffeners).  Figure  2  illustrates  the 
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heat  shield  attachment  scheme  as  well  as  the  three  distinct 
attachment  bracket  types. 

The  CMC  heat  shield  is  of  solid  laminate  construction 
(including  the  hat  stiffeners)  and  was  designed  to  the 
production  heat  shield  envelope  and  environment.  Existing 
fuselage  attachment  brackets  were  used.  In-plane  thermal 
growth  is  accommodated  by  using  oversized  and  slotted  holes 
in  the  heat  shield.  All  out-of-plane  motion  is  restrained  by 
incorporating  Inconel  Belleville  spring  disc  washers  at  each 
panel  attachment  bolt.  These  spring  washers  provide  positive 
clamping  pressure,  but  still  allow  the  panel  to  slide  in-plane. 


2.3.1.2  Sub-element  Attachment  Testing 

Three  attachment  designs  were  tested  to  determine  if  they 
could  survive  the  simulated  cyclic  temperature  and  vibration 
environment  associated  with  an  advanced  aircraft.  The  test 
success  criteria  was  for  the  ceramic  coupon  to  exhibit 
minimal  wear  at  the  end  of  the  test  cycle  and  for  the 
attachment  design  to  maintain  clamp-up  pressure  throughout 
the  test. 

Figure  6  describes  the  setup  that  was  used  to  test  the 
attachment  designs.  The  ceramic  heat  shield  is  represented  by 
a  CMC  test  coupon.  The  basic  setup  has  a  CMC  test  specimen 
attached  on  either  side  to  in-plane  sliding  mechanism  arms. 
The  center  of  the  CMC  specimen  is  attached  to  an  0.127  cm 
bracket  that  corresponds  in  thickness  to  the  actual  fuselage 
attachment  design. 


High  Frequency 
Motion 


The  design  called  for  Belleville  disc  spring  washers  to 
provide  a  secure  attachment  for  the  entire  temperature  range. 
Several  sizes  of  Belleville  washers  were  tested  at  room 
temperature  and  at  649°C  for  load  capacity,  hysteresis  effects, 
and  displacement  to  yield  point.  These  tests  demonstrated  that 
the  Belleville  washers  maintained  clamp-up  pressure  while 
accommodating  thermal  growth  at  the  elevated  temperatures. 

Two  representative  attachment  joints  were  tested  at  649°C 
with  broadband  transverse  vibration  and  low  cycle  in-plane 
translation.  Test  duration  was  30  hours  for  each  joint 
specimen.  The  CMC  coupons  were  examined  after  the  tests  to 
determine  the  wear  around  the  attachment  bolt  hole.  Sliding 
friction  forces  were  recorded  continuously  to  track  the 
performance  of  the  Belleville  washers. 


2.3.1.3  Test  Results 

The  wear  on  the  CMC  coupon  was  minimal.  Figure  7  shows 
the  test  specimen  parts  at  the  conclusion  of  the  tests.  The  tests 
demonstrated  that  the  joint  materials  and  attachment  design 
should  survive  the  planned  ground  and  flight  tests  with 
minimal  wear  and  with  retention  of  joint  clamp-up. 


Figure  7.  No  Wear  Visible  on  Joint  Test  Coupons 


2.3.2  CMC  Heat  Shield  Pyro-Bonded  Doublers 

Detailed  structural  analysis  of  the  CMC  heat  shield  indicated 
that  reinforcement  of  five  of  the  fifteen  attachment  holes  was 
required.  Because  the  heat  shield  outer  mold  line/  inner  mold 
line  (OML/IML)  tooling  was  already  fabricated,  it  was 
necessary  to  reinforce  the  holes  with  doublers  bonded  to  the 
exposed  (exhaust  washed)  surface.  Doublers  were  machined 
from  a  CMC  laminated  of  the  same  material  and  thickness  as 
the  heat  shield  web. 

Doublers  were  bonded  to  the  two  heat  shields  using 
Blackglas™  polymer  resin  and  other  proprietary  materials. 
The  doublers  were  held  in  position  during  curing  by  tooling 
pins  in  the  fastener  holes.  The  doublers  were  cured  to  the  heat 
shield  using  the  standard  Blackglas™  autoclave  cure  cycle. 
After  curing,  the  doublers  and  bond  joints  were  impregnated 
with  Blackglas  resin  and  the  heat  assembly  was  pyrolyzed  in  a 
furnace.  This  process  was  repeated  once  more  for  a  total  of 
two  processing  cycles. 

Bond  joint  specimen  tests  were  conducted  to  determine  the 
shear  strength  of  the  CMC-to-CMC  pyro-bonding.  Two  small 
CMC  panels  were  pyro-bonded  together  and  four  notched 
compression  specimens,  shown  in  Figure  8,  were  cut  from 
these  bonded  panels.  This  specimen  design  is  similar  to,  but 
slightly  larger  than,  a  standard  notched  interlaminar  shear 
specimen.  The  bond  surface  in  this  specimen  is  1.80cm  x 
1.27cm,  with  an  area  of  2.29cm^.  The  specimens  were  loaded 
in  compression  using  a  standard  ASTM  D695  fixture. 

The  average  failing  stress  for  the  four  specimens  was  1 1 .7 
MPa  (1700psi).  This  bond  shear  strength  is  about  fifty  percent 
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of  the  interlaminar  shear  strength  of  the  CMC  material,  but  it 
provides  sufficient  strength  for  the  heat  shield  doubler 
bondline  shear  loads.  It  is  felt  that  the  shear  strength  of  pyro- 
bonded  CMC  joints  could  be  increased  significantly  with 
further  development  of  bonding  materials  and  processes. 
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Figure  8.  Notched  Compression  Shear  Test  Coupon 

3.0  STAP  CMC  AIRFRAME  INTEGRATED  EXHAUST 
NOZZLE  STRUCTURE  DEVELOPMENT 

Northrop  Grumman  Corporation’s  past  experience  has  been 
applied  to  the  STAP  program;  Figure  1  depicts  a  sample  of 
the  broad  range  of  efforts  Northrop  Grumman  has  focused  on 
for  exhaust  washed  ceramic  applications. 

3.1  Applications  in  the  Structure 

Air  vehicle  structural  complexity  and  cost  are  increasing  due 
to  advances  in  propulsion  technology  and  the  increased 
thermo-mechanical  stresses  those  advances  impose.  A  prime 
area  of  concern  and  the  focus  of  the  STAP  program  is  the  aft 
fuselage.  The  aft  fuselage  contains  the  engine  nozzle  section 
which  can  include  an  afterburner  and  a  variable  area  exhaust 
nozzle  with  movable  components.  The  aft  fuselage  also 
incorporates  the  aft  aero-control  surfaces  and  other 
subsystems,  including  but  not  limited  to,  tail-hooks,  auxiliary 
power  units,  and  antennae. 

Achieving  the  STAP  Program  goals  of  modernizing  design, 
analysis  and  manufacturing  methodology,  requires  the 
implementation  of  new  high  temperature  material  couples  into 
this  extreme  temperature  zone.  Current  design  practices 
separate  the  propulsion  system  from  the  airframe.  The  nozzle 
attaches  to  the  engine's  aft  face  and  the  engine  and  nozzle 
assembly  is  insulated  from  the  adjacent  structure.  Fire  shields, 
ducted  air,  and  parasitic  insulation  materials  are  required  to 
control  heat  transfer  into  the  airframe. 


The  STAP  program  will  demonstrate  key  PMC  to  CMC 
bonding  technology  that  can  be  incorporated  into  an 
integrated  nozzle  and  airframe  design  capable  of  sustaining 
high  thermo-acoustic  and  mechanical  loads.  The  attachment 
techniques  to  be  evaluated  include  PMC  to  CMC  co-bonding, 
co-curing  and  bolting. 

Figure  9  compares  schematically  a  conventionally  mounted 
exhaust  system  versus  a  fully  airframe  integrated  exhaust 
system.  The  fully  integrated  exhaust  system  requires  the 
unique  design  features  being  validated  on  the  STAP  program. 
The  STAP  program  leverages  the  technologies  discussed 
above  along  with  configuration  and  system  trade  study 
results. 


Tall  Loads 


integrated  nozzle/airframe  design. 

3.2  Design  Trades 

Design  trades  have  focused  on  the  STAP  program  specific 
requirements  of  integrating  a  heat  and  load  tolerant 
airframe/exhaust  system.  The  design  trades  have  examined 
key  structural  attachment  methods  and  nozzle  structural 
details  with  the  goal  of  minimizing  weight,  system 
complexity  and  fabrication  cost,  while  enhancing  durability  of 
the  finished  exhaust  assembly.  The  trades  have  included 
AFR700B  data  and  Blackglas™  CMC  data  from  Northrop 
Grumman  supported  research. 

The  STAP  Advanced  Technology  Demonstration  Component 
(ATDC),  shown  in  Figure  10,  is  a  fixed  aperture  composite 
exhaust  system.  The  ATDC  was  analyzed  to  provide  load  and 
environmental  definitions  to  determine  realistic  test 
conditions  for  sub-element  testing  of  joining  and  attachment 
concepts. 

Engine  thermodynamic  cycle  models  were  used  to  determine 
exhaust  flow  path  conditions  (static  and  dynamic  pressures, 
temperatures,  and  velocities)  inside  the  nozzle.  Critical 
aerodynamic  and  thermal  loading  conditions  were  derived 
using  representative  flight  conditions.  Structural  analysis 
using  finite  element  models  of  the  internal  loading  was 
performed  to  size  the  structure.  The  design  integration  team 
composed  of  materials,  processing,  observable,  and 
propulsion  engineers  worked  with  structural  designers  to 
prepare  the  ATDC  design  . 
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3.3  Verification  in  Sub-element  Specimen  Tests 

Sub-element  specimen  tests  will  be  performed  to  verify  the 
structural  integrity,  validity  of  analytical  methods,  and  life  of 
the  critical  joining  technologies.  Figure  1 1  shows  the  ATDC 
finite  element  model  (FEM)  with  a  highlighted  section 
representing  the  location  of  the  detailed  FEM  analysis. 


Figure  11.  a)  STAR  ATDC  Airframe  Integrated  Ceramic  Composite 
Nozzle,  b)  Detailed  Model  with  Cruciform  Joint. 


Two  types  of  joints  have  been  identified  and  are  both 
represented  in  the  detailed  FEM  analysis.  The  first  sub¬ 
element  is  representative  of  the  layered  sidewall  construction 
where  the  critical  joining  technology  is  the  co-curing/co- 
bonding  of  the  dissimilar  materials  into  a  heat  tolerant 
sandwich  structure.  The  second  sub-element  is  representative 
of  the  “cruciform”  joint  of  the  ATDC  The  cruciform  joint 
attaches  the  layered  sidewall  outer  surface  to  internal 
composite  structure  supporting  the  nozzle  lower  access  door 
as  shown  in  Figure  11(b). 

The  ATDC  test  section  has  been  analyzed  using 
MSC/NASTRAN  finite  element  analysis  tools  to  predict 
specifically  the  performance  of  the  cruciform  CMC  joint  and, 
more  generally,  the  bonded  PMC  to  CMC  structure  under  the 


nozzle’s  predicted  mechanical  loads  and  the  combined 
thermal/vibro- acoustic  environment.  To  test  the  layered 
construction  of  the  first  sub-element  a  panel  approximately  30 
cm  by  30  cm  will  be  fabricated  and  tested  in  the  Wright 
Laboratory  Acoustic  facility.  To  test  the  cruciform  joint 
double  lap  shear  tests  will  be  performed  on  a  representative 
joint  as  shown  in  Figure  12.  PMC  to  CMC  bolted 
attachments,  bonded  attachments  and  co-cured  attachments 
will  be  evaluated. 

Blackglas  ™  CMC  or  AFR700  Plate 


Figure  12.  Representative  Blackglas™  joint  (double-lap  shear  test 
specimen). 

These  representative  cruciform  joint  test  specimens  will  be 
evaluated  by  simulating  the  dynamic  environment  on  a 
vibration  shaker  table  at  elevated  temperature.  Analytical 
predictions  will  be  compared  to  test  data  to  asses  the  ability  to 
analyze  CMC  structures  and  predict  failure  using 
conventional  analysis  tools. 

4.0  CONCLUSIONS 

Preliminary  design  data,  like  edge  distance  criteria  and 
mechanical  properties  of  CMC,  have  been  generated  to  a 
sufficient  level  that  detailed  structural  designs  can  be 
developed  and  analyzed  using  traditional  composite  analysis 
techniques.  CMC  hardware  demonstrations  have  increased 
design  confidence  as  well  as  maturing  the  CMC 
manufacturing  processes.  However,  as  background  design 
data  and  design  confidence  has  increased  the  complexity  of 
the  proposed  concepts  has  also  grown.  It  has  become  clear 
that  the  understanding  of  joining  and  attachment  mechanisms 
has  not  kept  pace  and  is  a  critical  limiting  factor  in  the 
introduction  of  large  scale  CMC  structure  into  production 
aircraft. 

The  STAP  program  has  developed  a  detailed  structural 
concept  for  an  airframe  integrated  exhaust  system,  suitable  for 
high  performance  aircraft,  by  leveraging  both  government  and 
contractor  experience.  Primary  effort  under  the  STAP 
Program  was  to  develop  an  innovative  composite  structure 
that  offered  revolutionary  benefits  to  future  aircraft  while 
performing  detailed  engineering  design  and  analysis  to  assure 
the  viability  of  the  end  product.  The  current  STAP  Program 
has  completed  the  design  and  analysis  phases.  The  joining 
and  attachment  methodology  was  identified  as  the  critical 
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need.  Sub-elements  have  been  design  and  are  in  fabrication. 
Testing  of  the  sub-elements  will  allow  the  contractor  validate 
the  analytical  techniques  used  in  the  development  of  the 
ATDC  as  well  as  provide  specific  data  about  the  performance 
of  CMC  to  AFR700B  joints. 

Current  efforts  have  been  focused  on  understanding  the 
behavior  of  the  Ceramic  composite  materials  in  the  exhaust 
environment  along  with  the  behavior  of  joints  between 
dissimilar  materials.  Design  and  analysis  methodologies  will 
be  verified  through  testing  of  selected  representative  sub¬ 
element  specimens. 

Future  efforts  will  be  aimed  at  the  ground  testing  of  full  scale 
integrated  aft  fuselage  sections  that  are  representative  of  a 
next  generation  fighter  aircraft.  The  test  fixtures  would  be 
designed  to  enable  the  investigation  of  the  structural 


interactions  of  the  multi-layered  construction  particularly 
related  to  the  dissimilar  material  interactions.  Attachment  of 
the  materials  whether  bolted,  bonded,  or  co-cured  will  be  the 
critical  areas  of  interest. 
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Abstract 

Three-dimensional  woven  and  braided  inserts 
and  preforms,  when  cocured  into  primary  wing 
and  fuselage  laminate  structure,  offer  reduced 
weight,  increased  performance,  lower  costs,  and 
improved  damage  tolerance  and  ballistic 
survivability  for  future  aircraft.  To  achieve  these 
benefits,  three-dimensional  (3-D)  weaving  and 
braiding  technologies  must  be  characterized 
through  the  development  of  design  criteria, 
design  methods,  structural  concepts,  and 
manufacturing  processes.  In  addition  to  3-D 
weaving  and  braiding,  z-direction  reinforcement 
can  be  achieved  through  in-process  fiber  insertion 
with  processes  such  as  z-spiking,  stitching,  and 
short  fiber  additions  to  adhesives.  Innovative 
applications  of  these  technologies,  combined 
with  net  shape  curing  processes  such  as  resin 
transfer  molding  (RTM),  electron  beam  cure, 
diaphragm  forming,  fiber  placement,  and 
cocuring,  will  result  in  the  elimination  of 
machined  metal  load  fittings,  fasteners,  and 
reduction  in  weight  at  composite  joints  on  future 
aircraft.  Wing  applications  for  3-D  composites 
would  be  at  the  intersection  of  spars  and  ribs  and 
in  the  radius  area  between  spars/ribs  and  the 
lower  skin  of  a  cocured  wing  assembly.  In 
fuselage  structure,  3-D  composites  eliminate  the 
need  for  machined  fittings  and  fasteners  at 
concentrated  load  joints  such  as  those  at  inlet 
duct,  weapons  bay,  gun-trough,  and  fuel  floor 
intersections  with  bulkheads/fi-ames.  This  paper 
is  directed  at  design  for  manufacturing  of  3-D 
composite  structures  to  best  exploit  the  structural 
properties  that  they  exhibit. 

KEYWORDS:  Composite  materials,  3-D 
preforms,  Z-fiber  reinforcement,  graphite/epoxy, 
failure  criteria  and  design  criteria  for  3-D 
composite  materials. 


Introduction 

The  use  of  3-D  composite  structural  concepts 
will  enable  effective  management  of  out-of-plane 
loads.  This  key  feature  opens  the  door  to  novel 
composite  airfinme  designs  with  both 
breakthrough  performance  improvement  and  cost 
reduction.  Composite  integration  in  state-of-the- 
art  fighter  air  vehicles  has  been  typically  limited 
to  under  twenty-five  percent  by  vehicle  weight. 
The  primary  barriers  to  increased  composite 
utilization  are  high  fabrication  and  assembly 
cost,  overly  conservative  design  criteria,  lack  cf 
high  fidelity  design  tools,  poor  ballistic 
survivability,  and  poor  interlaminar/out-of-plane 
mechanical  properties.  The  use  of  3-D  composite 
structural  concepts  will  eliminate  these  barriers. 

A  variety  of  structural  concepts  based  on 
complex,  yet  low  cost,  woven  and  braided  fiber 
textile  reinforcements  are  currently  under  devel¬ 
opment.  Figure  1  shows  a  collage  of  these  tech¬ 
nologies.  Intersecting  structure  with  continuous 
fiber  reinforcement  through  the  intersection  and 
woven  three-dimensional  fiber  preforms  fcr 
highly  loaded  composite  wing  carry-through 
bulkheads  are  being  investigated.  Ultra-high 
strength  pultruded  carbon  fiber  rods  featuring 
extremely  straight  fiber  alignment  are  being 
incorporated  in  advanced  designs  to  enable 
highly  controlled  and  tailored  load  path  manage¬ 
ment  and  important  survivability  improvements. 
The  development  of  Z-direction  or  through  the 
thickness  (Z-fiber)  reinforcement  to  greatly 
increase  the  interlaminar  strength  and  toughness 
of  laminated  composite  structures  is  enabling  the 
local  tailoring  of  out-of-plane  strength.  Emphasis 
is  being  placed  on  coupling  complex  textile 
based  fiber  architecture  with  low  temperature 
RTM,  resin  film  infusion,  and  electron  beam 
curing  materials.  Since  electron  beam  curing  is 
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Figure  1  3-D  Woven  Preforms,  Z-Spiking,  and  Low  Energy  Processing 
Will  Enhance  Joint  Strength  and  Reduce  Costs 


essentially  a  low  temperature  process,  extremely 
low  cost  tooling  materials  can  be  used.  This 
enables  designers  to  consider  irmovative  struc¬ 
tural  arrangements  that  are  highly  efficient  but 
previously  were  prohibitive  in  cost  because  of  the 
complex  tooling  needed  for  autoclave  cure. 

3-D  Woven  and  Braided  Composite 
Technologies 

Woven  preforms  can  be  produced  by  a  number 
of  techniques,  including  the  following: 

•  Orthogonal  pattern.  Z-fibers  are  pulled 
through  the  warp  (0  degree  direction)  and  fill 
(90  degree  direction)  fiber,  intersecting  the 
layers  at  a  90  degree  angle. 

•  Through-the-thickness  angular  interlock.  Z- 
fibers  are  woven  through  the  layers  of  the 
fabric,  intersecting  the  layers  at  an  angle. 
These  Z-fibers  may  be  the  same  type  and 
filament  count  as  the  warp  and  fill  fibers.  In 
some  cases  a  finer  fiber  is  preferred  fcr 
through-thickness  reinforcement  because  it 
allows  tight  packing  of  the  warp  and  fill 
fibers. 

•  Layer  to  layer  interlock.  Warp  fibers  are 
woven  into  adjacent  layers  within  the  weave 
at  designated  intervals.  This  process 


improves  interlaminar  shear  strength  but  does 
not  provide  true  through-thickness  reinforce¬ 
ment. 

Braiding  technology  for  3-D  preforms 
interlocks  fibers  in  a  cylindrical  grid  arrangement 
by  shifting  columns  of  fiber  carriers  in  opposite 
directions,  then  oscillating  rings  in  opposite 
directions.  A  wider  array  of  fiber  orientation  and 
distribution  is  achievable  with  braiding  com¬ 
pared  to  weaving. 

To  make  3-D  woven  and  braided  preforms  more 
affordable  will  require  standardization  of  shapes 
(T,  cruciform,  special  shapes)  in  stepped  sizes  fir 
various  loads.  These  could  be  standardized  in  a 
manner  similar  to  aluminum  extrusions.  To 
reduce  storage  costs,  preforms  should  be 
impregnated  with  resin  just  prior  to  cocure  into 
laminated  composite  structure.  Reducing  the  cost 
of  3-D  preform  weaving  will  require  automation 
of  the  more  complex  shape  preforms  and  the 
addition  of  bias  (+/-  45  degree  plies)  for  eflBcient 
shear  of  loads  into  web  structure. 

Z-Fiber  Reinforcement.  The  “Z-fiber 
reinforcement”  (also  called  Z-spiking)  process 
incorporates  through-thickness  reinforcement  into 
preimpregnated  or  staged  composite  details.  The 
Z-fiber  reinforcement  process  is  illustrated  in 
Figure  2.  A  foam  block  containing  Z-fibers  is 
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Figure  2  The  “Z-Fiber  Reinforcement” 
Concept 

placed  on  the  component  prior  to  curing  at  the 
specific  locations  where  damage  tolerance  and/or 
through-thickness  reinforcement  is  desired.  The 
Z  fibers  are  small,  pultruded  rods  made  fiom 
whatever  reinforcement  and  matrix  is  desired  fix 
the  application.  During  cure  or  debulk,  the  foam 
compacts  and  the  Z-fibers  are  forced  through  the 
component. 


Z-fiber  reinforcement  can  be  used  in  damage- 
prone  areas  such  as  blade-  and  hat-stiffened 
laminates,  in  sandwich  joints  where  3-D  woven 
preforms  and  2-D  materials  intersect,  and  as  edge 
reinforcements  to  prevent  delamination.  Z-fiber 
reinforcement  provides  a  number  of  advantages  in 
composite  structures.  Empirical  testing  has 
shown  only  minimal  decreases  in  in-plane 
properties  compared  to  2-D  components  with  no 
through-thickness  reinforcement.  Knockdowns  in 
tensile  and  compressive  strengths  are  less  than 
five  percent.  Z-fiber  reinforcement  provides  a  SO¬ 
SO  fold  improvement  in  interlaminar  fracture 
toughness.  This  translates  into  a  significant 
improvement  in  damage  tolerance  and  ballistic 
survivability  when  applied  in  cocured  composite 
structure.  Z-fiber  reinforcement  is  especially 
important  for  hat-  and  blade-  stiffened  structure 
where  the  Z-fibers  improve  initial  and  ultimate 
pull-off  failure  loads.  In  addition,  the  Z-fibers 
eliminate  the  need  for  radius  blocks  and  fasteners 
at  the  stiffener  ends.  These  improvements  will 
prevent  catastrophic  failure  from  propagation  of  a 
manufacturing  flaw  or  in-service  damage. 


Current  composite  structure  designs  require  labor 
intensive  fabrication  and  assembly  which  account 
for  60%  to  90%  of  the  total  cost.  The  use  of  3-D 
structures  will  allow  unitization,  i.e.,  reduced 
fastener  and  part  count.  In  addition,  the  long 
term  support  costs  will  be  reduced  since  the 
majority  of  repair  actions  in  fielded  fighter  air 
vehicles  are  conducted  on  mechanically  fastened 
joints  which  will  be  reduced  through  the  use  cf 
unitized  structure. 

Design  and  Manufacture 
3-D  Composite  Application  for  Bulkheads 
and  Frames 

Composite  utilization  in  the  heaviest  parts  of  the 
airframe  such  as  highly  loaded  fuselage  bulkheads 
and  moderately  loaded  frames  has  been  virtually 
non-existent  because  of  the  poor  interlaminar 
properties  of  conventional  laminated  or  two- 
dimensional  reinforced  composites.  Because  cf 
these  low  interlaminar  properties,  composites 
have  not  been  used  in  structures  subjected  to 
high  out-of-plane  or  complex  loads  without 
costly  integration  of  metallic  fittings  and 
fasteners.  This  also  often  results  in  an  increase  in 
the  amount  of  composite  material  required  to 
accommodate  the  low  bearing  strength  of  typical 
polymer  matrix  composite  structures.  Figure  3 
shows  a  moderately  loaded  composite  bulkhead 
fabricated  from  conventional  laminated  materials. 
The  bulkhead  consists  of  a  composite  web  with 
blade-stiffeners  cocured  to  the  web.  Machined 
metal  fittings  are  mechanically  attached  with 
fasteners  to  carry  the  concentrated  out-of-plane 
loads  resulting  from  engine  hammershock  and 
gun  recoil  conditions. 

The  development  of  composite  structures  that 
can  react  out-of-plane  loads  will  greatly  reduce 
the  reliance  on  bolted  joints  and  will  offir 
improved  structural  efficiency.  One  of  the  primary 
keys  to  lowering  the  cost  of  composite  structures 
is  to  minimize  touch  labor,  part  count,  and 
fastener  count  through  unitized  structural 
assemblies.  Figure  4  shows  a  moderately  loaded 
bulkhead  that  reacts  engine  hammershock  and 
longitudinal  body  bending  pass-  through  loads 
with  3-D  preforms.  In  this  bulkhead  the  preforms 
are  staged  and  cocured  with  conventional 
laminated  composite  details  during  final  cure. 
The  staged  details  are  net  shape  prior  to  the  final 
cocure  assembly.  The  3-D  fibers  in  the  out-of¬ 
plane  direction  are  capable  of  carrying  the  high 
engine  hammershock  and  fuselage  bending  pass¬ 
through  loads  without  the  costly  machined 
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Figure  3  Moderate  Loaded  Composite  Bulkhead 

fittings  and  fasteners.  The  insert  data  show  that  cruciform  data  demonstrate  that  the  bonded  joint 

the  3-D  inserts  carry  approximately  twice  the  with  embedded  cruciform  carries  three  times  the 

load  of  the  baseline  uni-tape  insert.  The  load  of  the  baseline  bonded  joint. 
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Figure  4  Generic  F-22  Laminated  Composite  Bulkhead  with  Embedded  3-D  Preforms 
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3-D  Composite  Application  for  Sandwich 
Structure 

Sandwich  structure  is  the  most  weight  efiScient 
design  for  a  large  percentage  of  an  aircraft 
structure  because  of  buckling  stability 
requirements.  Unfortunately,  use  of  sandwich 
structure  is  limited  on  state-of-the-art  aircraft  due 
to  the  high  manufacturing  and  supportability 
costs  associated  with  metallic  honeycomb 
structure  on  earlier  aircraft.  Figure  5  shows  the 
B-58,  which  use  a  high  percentage  of  aluminum 
sandwich  construction.  The  illustration  shows  a 
typical  wing  joint  in  which  the  sandwich  was 
foil  depth  through  the  joint  with  a  metallic  insert 
(internal  slug)  for  joining  the  skin  to  the  spars. 
The  spars  were  spaced  fifteen  inches  apart  to 
reduce  the  parts  count.  The  mission  requirements 
of  the  B-58  dictated  low  structural  weight 
Auction  (0.24)  and  good  thermal  and  sonic 
fatigue  properties;  this  drove  the  design  to 
sandwich  construction. 

These  structures,  however,  experienced  high 
maintenance  costs  due  to  moisture  retention, 
severe  corrosion,  and  damage  tolerance  problems. 
The  emergence  of  composite  materials,  novel 
core  concepts,  tougher  adhesives,  textile  preforms 


and  z-fiber  reinforcement  have  now  created  a  new 
opportunity  to  take  advantage  of  the  superior 
structural  efficiency  of  sandwich  construction 
without  the  penalty  of  maintainability  problems. 
These  emerging  technologies  apply  non- 
corrosive  honeycombs,  utilize  foam  filling  to 
reduce  moisture  retention  and  improve  damage 
tolerance,  and  employ  design  concepts  that 
eliminate  leak  paths. 

Current  high-payoff  applications  feature  the  use  of 
sandwich  in  highly  loaded  mid-foselage  and  aft- 
foselage  structure.  The  unitized  center  fuselage 
shown  in  Figure  6  makes  extensive  use  of 
advanced  composite  sandwich  structure  and  3-D 
composite  preforms  and  z-spiking  in  the  joint 
intersections.  Extensive  integration  of  the  wing 
and  fuselage  will  significantly  reduce  weight, 
fabrication  costs,  and  maintenance  costs.  Parts 
count  is  reduced  by  cocuring  the  lower  wing  skin 
with  ribs  and  subspars,  and  building  the  upper 
skin  in  one  piece,  tip-to-tip.  Longeron,  spar,  and 
bulkhead  caps  are  embedded  in  the  skins  using 
either  imidirectional  tape  or  Neptco  rods  to 
provide  unbroken  primary  load  paths.  Reducing 
parts  count  will  lead  to  a  more  cost  effective 
airfiume  and  the  unitized,  efficient  structural 
approach  will  reduce  airfi-ame  weight  fi’action. 


d  B-58  Sandwich  Experience 

•  Sandwich  Selected  Because  Low  Structure 
Weight  and  Good  Thermal  and  Sonic  Fatigue 
Properties  Were  Required  to  Meet  Mission 
Requirements 

•  B-58  Comparisons 

-  B-58  Weight  Fraction  (.24) 

-  Compare  to  F-16  (.328),  F-14  (.422),  F-15  (.361), 
F/A-18  (.37),  A-10  (.437) 

•  Sandwich  Structure  Offered  Multiple  Load 
Paths  With  Wide  Spar  Spacing  (15  in)  and 
Consequently  Was  Very  Damage  Tolerant 


Bonded  Assemblies 
on  B-58 


Aluminum  Plug 
Internal  Slug  ■>. 


Sandwich  Surface 
Panel 


Tapping  Boss 


Spar  Cap  Strip 


Typical  Wing  Section 


B0961007  Typical  Spar/Skin  Splice 


Figure  5  B-58  The  Bonded  Bomber 


Co-Cured  Lower  Wing  Skin  Assemblies 
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“Z-spiked”  Cocured  Wingbox  Application 

Testing  has  been  conducted  at  Wright 
Laboratory  to  determine  the  response  of  cocured 
wingbox  composite  designs  with  z-spiked  joints 
to  high  explosive  incendiary  ballistic  threats. 


Neptco  Rods 


Highly  supportable  composite  sandwich  concepts 
are  imder  development  featuring  non-corrosive 
moisture  resistant  foam  cores  reinforced  with 
integrally  woven  facesheets  and  core  webs  and 
pultruded  carbon  fiber  pins  embedded  in  the 
sandwich  facesheets.  Figure  8  shows  two  such 
sandwich  concepts.  In  the  first  concept,  pultruded 
fiber  rods  penetrate  through  foam  core  into  the 
laminate  facesheets.  Both  foam  filled  and  hollow 
core  (foam  is  removed)  concepts  are  possible.  In 
the  second  concept,  3-D  woven  preforms  are 
impregnated  and  cured  into  truss  core. 
Conventional  laminate  facesheets  are  cocured  to 


Fastening  Bulkhead  to  Upper  Skin 
Through  Buffer  Strip  Keeps  Fasteners 
from  Penetrating  Neptco  Rods 

60061009 


Figure  7  Neptco  Rods  Embedded  in  Skin 
Structure  Offer  Efficient  Load  Paths 


3-D  Woven  Core 


Z-Spiked  Core 

Figure  8  3-D  Reinforced  Sandwich  Concepts 


This  testing  evaluated  the  merits  of  a  cocured 
lower  skin  to  I-section  spars  concept  with  Z- 
spiking  in  the  joint  interface  against  a 
conventional  composite  skin  with  aluminum 
substructure  design.  The  ballistic  tests  were 
conducted  under  fully  simulated  combat 
conditions  which  included  airflow,  ballistic 
impact,  structural  load,  hydraulic  ram  and  blast 
from  a  high  explosive  incendiary  projectile. 

The  composite  cocured  design  allowed  the  joint 
to  rotate  as  the  explosive  pressures  impinged  on 
the  skin/spar  substructure  and  placed  the  entire 
fiiel  cell  in  tension.  The  cocured  design  enabled 
the  joint  to  act  as  a  fully  integrated  assembly. 
This  was  unlike  the  skin  of  the  mechanically 
fastened  baseline  design  that  rotated 
independently  from  the  substructure.  By 
designing  the  cocured  wingbox  with  laminate 
plies  blended  from  the  skin  into  the  substructure 
the  z-spiked  spars  were  able  to  rotate  and  the 
skin  did  not  fail  at  the  fastened  joints  as  in  the 
baseline  tests.  The  skin  was  loaded  as  a  tension 
membrane  that  initiated  a  spanwise  crack  across 


the  impacted  bas  of  the  test  section.  Figure  9 
shows  the  results  of  the  ballistic  test  for  the 
baseline  fastened  wingbox  and  for  the  cocured  Z- 
spiked  wingbox. 

Analysis  and  Certification 

The  certification  issues  and  design 
methodologies  for  3-D  composites  center  around 
the  measurable  quality  of  the  as-manufactured 
structure,  and  the  resulting  allowables.  The 
quality  of  a  part  is  typically  measured  by  non¬ 
destructive  inspection  (NDI)  techniques  such  as 
ultrasonic  and  x-ray.  The  NDI  of  3-D  composite 
joints  will  be  less  critical  because  of  the 
increased  strength  and  enhanced  damage 
tolerance.  The  ability  to  resolve  flaws  in 
complex  3-D  joints  (such  as  those  using  inserts, 
preforms,  Z-fibers,  and  cocured  assemblies)  will 
to  a  large  extent  drive  the  manner  in  which 
allowables  will  be  calculated  for  a  particular  joint 
technology.  Analysis  tool  and  methodology 
development,  physical  tests,  and  design  and 
certification  advisors  will  all  reflect  the  flaw 


Mechanically  Fastened  Cocured  Z-spiked  Design 

Figure  9  Baseline  and  Z-Spiked  Wing  Box  Test  Results 
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resolution  limitations  imposed  by  quality 
inspection  capabilities.  Though  advanced 
inspection  techniques  such  laser  ultrasonics  can 
be  readily  applied  to  inspect  3-D  composites 
with  a  high  degree  of  accuracy,  structural  load, 
stress,  and  strain  allowables  development  needs 
to  reflect  manufacturing  variability  so  that  flaws 
produced  by  typical  manufacturing  capability  are 
accounted  for  in  the  allowables  determination. 
Allowables  development  will  also  be  based  on 
the  manufacturing  process  (e.g.,  RTM,  solvent 
impregnation,  resin  film  infusion,  and  electron 
beam)  and  the  knowledge  gained  from  testing 
3-D  joints  manufactured  with  these  technologies. 

The  many  advantages  of  3-D  composites  have 
already  been  discussed  above.  However,  there  is 
much  work  to  be  done  to  provide  a  production 
structural  certification  capability  to  allow  the 
structural  designer  to  take  advantage  of  all  these 
promises. 

The  structural  certification  of  3-D  preforms  will 
center  around  the  development  of  design  specific 
mechanical  properties,  allowables,  and  analysis 
development.  The  calculation  of  woven  or 
braided  properties,  particularly  at  intersections, 
has  proven  to  be  very  difficult.  To  develop  ar 
priori  certification  techniques  the  properties  and 
allowables  for  the  woven  or  braided  inserts  alone 
(not  in  a  joint)  must  be  developed,  along  with 
insert  in  a  joint  allowables.  This  is  particularly 


necessary  when  calculating  margins  of  safety  for 
the  insert,  and  when  specifying  material  response 
properties  for  detailed  finite  element  analyses.  As 
previously  noted,  mechanical  allowables  will  be 
processing-,  structure-,  and  materials-dependent. 
Because  of  the  lack  of  maturity  in  complex  3-D 
composite  material  response  prediction,  a 
comprehensive  testing  and  analysis  correlation 
will  be  needed  in  the  near-term.  Figure  10  shows 
the  test  results  for  1M7/977  3-D  woven  preforms. 
The  data  shows  the  loads  carried  in  each  of  the 
legs  of  the  preforms.  Figure  1 1  shows  the  results 
of  these  preforms  cocured  into  a  sandwich 
subelement  joint.  These  were  thin  preforms  that 
failed  in  tension. 

The  methodology  and  criteria  must  be  updated 
to  account  for  the  effects  of  manufacturing  defects 
and  delaminations  in  Z-fiber  reinforced  structures 
if  the  advantages  of  the  delamination  arrestment 
capabilities  are  to  be  realized.  Static  test 
programs  to  date  have  shown  that  significant 
gains  in  delamination  arrestment  are  possible. 
However,  a  comprehensive  test  program  to 
document  the  behavior  of  post-delaminated  Z- 
fiber  reinforced  joints  and  components  must 
include  not  only  static  strength  but  service  life 
testing  for  multiple  lifetimes  under  realistic 
loading  spectrums.  Once  the  behavior  of  post- 
delaminated  Z-spiked  structure  has  been 
completely  characterized  the  possibility  cf 
changing  aircraft  certification  criteria  to  allow 
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Figure  10  Tension  Test  Results  for  3-D  Woven  Preforms  Only 
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Fabrication  Triai  1  Test 
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Figure  11  Test  Results  for  Subelement  Joint  with  Embedded  3-D  Preform 


flight  of  delaminated  structures  will  become  a 
possibility.  This  will  make  possible  the 
potential  weight  and  safety  benefits  promised  by 
the  early  Z-spiked  structural  tests. 

There  are  many  gaps  in  the  capabilities  of  3-D 
composite  joint  analysis  tools  and 
methodologies.  As  previously  mentioned,  tools 
to  reliably  a-priori  calculate  material  properties 
will  provide  the  cornerstone  that  will  enable 
detail  design  and  structural  certification. 
Building  upon  this  methodology  will  be  the 
application  of  finite  element  analysis  (FEA) 
techniques  for  certification.  Both  2-D  (plane 
stress/strain  and  shell  elements)  and  3-D  (solid 
elements)  FEA  analysis  techniques  must  be 
developed  and  verified  by  test  comparisons.  The 
2-D  modeling  idealizations  include  micro  plane 
stress/strain  modeling  where  individual  or 
groups  of  plies  are  modeled,  macro  plane 
stress/strain  where  entire  materials  or  aspects  of  a 
structure  (such  as  face-sheet,  insert,  core)  are 
modeled  with  one  layer  of  elements,  and  shell 
element  modeling  where  the  laminate  (or 
sandwich)  is  represented  by  matrices  that 
represent  the  membrane,  bending,  and  coupling 
responses  of  the  structure.  The  3-D  modeling 
techniques  similarly  are  micro  or  macro 
approaches.  In  all  of  the  2-D  and  3-D  modeling 
techniques  fully  characterized  (and  therefore 
accurate)  3-D  properties  are  essential  to  the 
success  of  the  analyses. 


Testing  will  perform  a  crucial  role  in  the 
development  of  3-D  structural  certification  tools 
and  methodology.  Each  of  the  aspects  of  3-D 
materials  and  joints  must  be  characterized  both 
within  a  structure  and  individually.  Examples 
already  discussed  include  woven  or  braided 
inserts  and  Z-fiber  reinforcement.  One  of  the  most 
difficult  aspects  of  testing  is  the  accurate 
determination  of  out-of-  plane  properties  for  3-D 
laminates.  This  is  only  made  more  complicated 
by  the  extremely  complex  geometries  of  fiber 
placement  in  the  woven  and  braided 
intersections.  A  comprehensive  program  to  test 
these  properties  combined  with  the  development 
of  mathematical  material  response  property 
calculation  tools  will  provide  the  optimum 
approach  to  the  development  of  tools  and 
methodologies  capable  of  accurate  a-priori 
predictions  of  structural  strength  and  margins  cf 
safety.  Once  this  has  been  completed  the  physical 
tests  can  be  minimized  and  maximum  advantage 
gained  by  the  virtual  certification  tools  and 
methodologies. 

It  is  clear  fi’om  the  above  discussions  that  the 
design  and  certification  of  3-D  woven  insert 
joints  will  require  the  application  of  a  large  body 
of  knowledge  gained  from  test  and  analysis. 
Durability  and  damage  tolerance  approaches  will 
have  to  be  a  mix  of  experience  -  based  heuristics 
and  analyses  until  much  more  sophisticated 
mathematical  models  are  available.  The  complex 
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body  of  knowledge  for  3-D  composite  joint 
structural  certification,  design  technology,  and 
methodology  is  very  suitable  to  automation  in 
either  a  procedural  or  rule  based  advisor  system. 
The  advisor  will  enable  information  and  skill 
sharing  in  the  integrated  design  -  analysis 
environment  in  today’s  product  development 
approach  by  minimizing  the  chance  that  one  of 
the  many  aspects  of  3-D  composite  joint  design 
and  certification  are  not  considered. 


SUMMARY  AND  CONCLUSIONS 

The  application  of  3-D  preforms  and  Z-fiber 
reinforcement  in  continuous  fiber  reinforced 
composite  materials  offer  future  aircraft  significant 
improvements  in  aero-performance,  maintain¬ 
ability,  and  survivability  over  current  in-service 
composite  structures.  3-D  inserts  make  it  feasible 
to  use  polymeric  composite  materials  fw 
structural  applications  such  as  bulkheads  that 
were  previously  not  possible.  To  obtain  these 
benefits  will  require  continued  maturation  of  the 
processing  and  manufacturing  technologies 
required  to  (1)  fabricate  net  shape  preforms  and 
(2)  cure  these  preforms  into  precision  affordable 
assemblies.  Composite  certification  and  design 
methodology  development  is  also  underway, 
however  it  will  require  continued  attention  to  be 
brought  to  full  maturity. 

Z-fiber  reinforcement  offers  improvements  in  out- 
of-plane  joint  strength,  damage  tolerance,  and 
ballistic  survivability  compared  to  current  cocure 
structures.  The  Z-fiber  manufacturing  process  is 


readily  adaptable  to  current  cocure  tooling 
approaches.  The  cost  of  in-process  z-fiber 
insertion  will  be  offset  by  elimination  of  fasteners 
currently  employed  for  joint  strength  or  to  meet 
damage  tolerance  or  ballistic  survivability 
requirements. 

Emerging  3-D  composite  and  innovative 
sandwich  structures  will  offer  future  generation 
aircraft  both  weight  reduction  and  cost  reduction 
through  unitization  and  through  significant 
improvements  in  load  carrying  capability  and 
survivability. 
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ABSTRACT 

Z-Fiber^M  technology  uses  small,  solid,  cylindrical  pins  to  greatly 
enhance  the  performance  of  composite  structures.  These  pins, 
typically  0.25  to  0.50  mm  in  diameter,  can  be  used  for  many 
strucural  applications.  Z-Fibers,  either  composite  or  metal,  are 
inserted  through  the  thickness  of  a  composite  laminate  to  increase 
out-of-plane  strength,  damage  resistance,  and  through  thickness 
thermal  conductivity.  Z-Fiber  is  also  used  for  structural  joints 
and  can  be  designed  to  be  the  structural  network  of  the  core 
material  in  an  extremely  weight  and  cost  efficient  sandwich 
structure. 

Z-Fiber  technology  has  been  under  development  for  over  ten 
years.  The  growth  of  this  technology,  originally  developed  by 
Foster-Miller  Inc.,  has  begun  to  move  at  a  very  accelerated  rate 
under  Aztex  Inc.  during  the  past  two  years.  Despite  this  extended 
development  period,  the  revolutionary  advances  in  the 
performance  of  composite  structures  made  possible  by  this 
technology  are  only  now  becoming  fully  apparent.  When  used 
at  the  conceptual  stage  of  aircraft  design,  when  the  overall 
structural  arrangement  is  being  formulated,  Z-Fiber  technology 
can  completely  change  the  current  design  approaches. 

This  paper  presents  a  general  overview  of  Z-Fiber  technology  and 
products  and  focuses  on  the  work  to  date  to  form  structural  joints. 
The  paper  demonstrates,  even  at  this  early  stage  of  development, 
Z-Fiber's  capability  to  outperform  fasteners  and  significantly 
increase  the  static  survivability  of  composites. 

BACKGROUND 

As  composite  materials  were  introduced  into  aircraft  structures 
over  the  last  30  years,  it  became  increasingly  apparent  that  the 
material  itself  could  not  meet  the  lofty  expectations  set  for  it  if 
it  was  merely  substituted  for  metals.  While  composite  materials 
offer  many  advantages,  the  disadvantages  tend  to  have  an 
offsetting  effect  in  actual  designs.  Of  all  the  difficulties  in 
designing  with  composite  materials,  lack  of  out-of-plane  strength 
is  probably  the  most  difficult  to  overcome.  Designers  have 
become  so  accustomed  to  the  characteristics  of  metals  and  the 
standard  metal  approaches,  they  tend  to  approach  a  composite  in 
much  the  same  way,  as  if  it  were  just  another  alloy.  Z-Fiber 
technology  is  the  first  new  strengthening,  joining,  and  sandwich 
structure  approach  to  be  developed  solely  for  and  uniquely 
applicable  to  composite  structures. 

An  assessment  of  composite  usage  in  mostly  military  aircraft  over 
the  past  20  years  is  largely  a  study  in  unmet  expectations.  In 
general,  the  weight  savings  have  been  less  than  projected  and  the 
costs  have  been  higher.  This  has  mainly  been  caused  by  the  lack 
of  an  innovative,  aggressive  approach  in  design,  choosing  rather 
to  proceed  with  material  substitution  in  conventional  designs. 
Setting  aggressive  cost  and  weight  goals  and  then  attempting  to 
meet  them  with  conventional  design  and  manufacturing 
approaches,  relying  solely  on  the  material  for  success  is  a  certain 
formula  for  failure.  Z-Fiber  offers  the  first  real  opportunity  to 


break  this  cycle.  Z-Fiber  will  allow  composites  to  realize  their 
true  potential  by  adopting  the  more  innovative  and  aggressive 
designs  that  are  required  for  success.  Z-Fiber  offers  the 
opportunity  to  take  the  revolutionary  step  forward  in  design 
concepts  which  is  pivotal  in  achieving  the  intended  weight  and 
cost  savings. 

The  kind  of  global  design  decisions  made  during  the 
preliminary  design  phase  tend  to  dominate  the  final  cost  and 
weight  results.  Once  the  overall  structural  configuration  is 
chosen,  80  percent  of  the  outcome  is  fixed,  leaving  only  20 
percent  that  can  be  optimized  throughout  the  remainder  of  the 
program.  Z-Fiber  has  the  potential  to  completely  alter  the  way 
that  engineers  think  about  designing  with  composites. 
Therefore,  if  Z-Fiber  is  introduced  early  in  the  process,  an 
entirely  different  product  is  likely  to  result.  Firstly,  Z-Fiber 
will  reduce  the  designer's  need  to  design  around  the  lack  of 
through-the-thickness  strength  inherent  to  composite 
structures.  By  incorporating  the  structural  benefits  of  Z-Fiber, 
they  will  be  more  free  to  design  as  though  they  are  using  an 
isotropic  material  ,  and  then  only  apply  Z-Fiber  where  it  is 
actually  needed.  Secondly,  structural  attachment  using  Z- 
Fiber  will  allow  the  formation  of  complex  shapes  not  presently 
possible,  by  connecting  simple,  easy  to  form  components  with 
pins.  Major  benefits  will  come  from  both  the  design  of  more 
efficient  structures  as  well  as  the  weight,  cost  and  structural 
efficiency  characterized  by  Z-Fiber  attachment.  Thirdly, 
advanced  structural  core  products  manufactured  with  Z-Fiber 
will  not  only  drastically  reduce  the  cost  of  sandwich  structures 
but  they  will  also  yield  a  lightweight,  more  robust  structure 
capable  of  broadening  the  application  of  sandwich  core. 

In  summary,  Z-Fiber  can  be  employed  as: 

•  A  global  or  local  reinforcement  for  increased  through-the- 
thickness  strength,  improved  damage  tolerance  and  through 
thickness  thermal  conductivity. 

•  A  secondary  structure  attachment  method  for  greatly  improved 
joint  performance  at  a  reduced  cost  and  weight. 

•  The  structural  network  used  to  manufacture  a  highly  efficient, 
low  cost  sandwich  core. 

Z-Fiber  Sandwich  Core  Products:  X-Cor™  and  Hollow 
Core™ 

Sandwich  structure  has  long  been  recognized  as  an  extremely 
efficient  structural  product,  but  one  plagued  by  a  poor  service 
usage  reputation.  The  high  cost  of  maintaining  honeycomb 
structures  has  led  to  them  being  banned  by  some  airworthiness 
authorities  and  denounced  by  others.  The  problems  with 
honeycomb  generally  fall  into  one  of  the  following  categories: 

•  Water  intrusion.  Trapped  water  adds  weight,  and  in  control 
surfaces  and  rotor  blades  can  cause  dynamic  imbalance. 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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•  Core  degradation.  Aluminum  core  corrodes  while  Nomex  core 
actively  absorbs  moisture. 

•  Skin  to  core  debonds.  With  no  core  penetration  into  the  skin 
the  bonded  joint  is  extremely  fragile. 

Aztex’s  Z-Fiber  based  core  products  solve  these  problems. 
Figure  1  shows  the  two  product  forms  of  Z-Fiber  structural  core, 
X-Cor™  and  Hollow  Core’’''^.  X-Cor  has  a  layer  of  foam  inserted 
with  a  structural  network  of  Z-Fibers.  During  processing  (i.e., 
addition  of  the  skins),  the  Z-Fibers  penetrate  both  skins  creating 
a  continuity  between  the  two  facesheets  that  does  not  occur  in 
honeycomb  structures.  Additionally,  the  foam  layer  is  bonded 
to  the  skin  during  processing.  Hollow  core  is  an  identical  product 
form  of  X-Cor  without  the  foam  layer.  Figure  2  shows  a  Hollow 
Core  specimen  being  tested  in  three  point  bend. 

With  Z-Fiber  structural  core  products,  water  intrusion  is 
eliminated  in  two  ways.  During  manufacture,  the  skins  in  the  core 
structure  are  co-cured  with  full  autoclave  pressure.  Since  they 


are  fully  supported  during  the  cure  cycle  by  a  continuous  core 
material,  they  will  be  less  porous  than  co-cured  honeycomb  skins, 
which  must  be  cured  at  low  pressures  so  as  not  to  drive  the 
composite  material  into  the  cells  of  the  honeycomb.  Being  a  co¬ 
cured  structure,  X-Cor  will  have  a  superior  core  to  facesheet  seal 
than  that  of  separately  cured  and  secondarily  bonded  skins. 
Additionally,  there  are  no  open  cells  to  trap  water  as  there  is  in 
honeycomb.  If  water  enters  the  Hollow  Core  system,  it  can  be 
moved  via  a  few  drain  holes.  Secondly,  the  pin  material  typically 
used  in  Z-Fiber  structural  core  products  is  either  titanium  or 
carbon.  The  mechanical  properties  of  both  materials  are 
minimally  affected  by  moisture  intrusion,  unlike  aluminum  or 
Nomex  honeycomb.  Thirdly,  Z-Fiber  structural  core  products 
are  designed  so  that  the  truss  network  of  pins  penetrates  the  skins 
during  the  manufacturing  process  ,  thus  there  is  no  reliance  on 
an  edge  bond  as  is  the  case  with  honeycomb.  Additionally,  each 
pin  bond  is  an  independent  structural  joint.  Unlike  honeycomb, 
where  any  debOnd  predisposes  the  adjacent  bonds  to  fail  and  the 
disbond  to  grow,  adjacent  Z-pins  are  not  affected  by  the  failure 
of  surrounding  pins. 


Composite 

Facesheets 


X-Core™ 


Hollow  Core  356-OH-1191-10 

Figure  1.  Z-Fiber  Structural  Core  Products 


Figure  2.  Mechanical  Testing  of  a  Hollow  Core  Specimen 
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A  comparison  of  the  properties  of  Z-Fiber  structural  core 
products  with  the  best  grades  of  aluminum  core  is  shown  in 
Table  1.  From  this  table,  it  is  apparent  that  Z-Fiber  core  products 
are  equivalent  to  or  outperform  aluminum  honeycomb  in  every 
category.  X-Cor  and  Hollow  Core  structures  are  currently  being 
tested  for  flexural  fatigue  properties.  Because  there  are  no 
facesheet  disbonds  X-Cor  acts  more  like  a  ductile  structure  with 
initial  failure  the  yielding.  Initial  testing  has  shown  failed  X-Cor 
to  withstand  20,000  cycles  at  a  high  loading  without  significant 
additional  failure  or  loss  of  stiffness.  This  phenomenal 
performance  is  not  completely  understood  and  is  currently  under 
study. 

Most  airworthiness  authorities  are  currently  averse  to  the  usage 
of  sandwich  cores,  particularly  in  primary  structure  due  to  years 
of  poor  experience  with  honeycomb  parts.  Therefore,  designers 
tend  to  avoid  honeycomb  whenever  possible.  However,  Z-Fiber 
structural  core  products  have  the  potential  to  not  only  make 
existing  core  applications  less  expensive  and  more  robust,  but  to 
greatly  expand  the  use  of  sandwich  structure.  The  majority  of 
the  skins  on  aircraft  are  designed  by  buckling  criteria,  hence,  the 
advantage  of  sandwich  structure  to  increase  skin  thickness  and 
resistance  to  buckling.  The  key  requirement  is  to  stabilize  the 
skin  so  that  it  can  be  loaded  without  buckling.  Previous  attempts 
in  this  area  to  use  a  thin  layer  of  foam  at  the  center  of  the  skin  to 
give  it  more  thickness  have  proven  unworkable  in  most  cases,  but 
there  have  been  some  successes.  If  this  were  possible  with 
Z-Fiber  core  and  the  spacing  of  the  stiffening  members  like  wing 
skin  stringers  and  ribs  or  fuselage  frames  and  stringers  could  be 
increased,  the  weight  and  cost  savings  would  be  tremendous. 

These  Z-Fiber  products  will  produce  a  major  paradigm  shift  in 
how  composite  aircraft  stmctural  design  is  thought  about.  The 
inherent  flexibility  and  efficiency  of  composite  materials,  largely 
unused  thus  far,  could  now  be  brought  to  bear  on  the  complete 
range  of  aircraft  structural  applications.  The  local  benefits  of  the 
ability  of  Z-Fiber  to  toughen  skins,  attach  stiffeners,  form  core, 
etc.,  will  be  small  compared  to  the  large  synergistic  effect  of 
allowing  it  to  affect  the  entire  design  by  introducing  it  at  the 
outset.  Used  at  the  outset,  Z-Fiber  technology  will  provide 
sufficient  weight  savings  to  allow  a  newly  designed  aircraft  to 


be  resized.  Hence,  it  will  act  as  an  efficiency  multiplier  on  both 
the  composite  structure  and  the  overall  performance  of  the  aircraft. 

The  Z-Fiber  Insertion  Process  (for  non-core  applications) 

The  Ultrasonically  Assisted  Z-Fiber  (UAZ)  process  and  insertion 
equipment  developed  by  Aztex,  Inc.  offers  quick,  flexible  3D 
reinforcement  for  composite  structures.  UAZ  is  a  simple,  two 
stage,  room  temperature  process  for  inserting  Z-Fibers  into 
thermoset  prepregs,  dry  fiber  preforms,  and  consolidated 
thermoplastics.  UAZ  employs  a  basic  Z-Fiber  preform  which  is 
partially  compacted,  in  the  first  stage  of  the  process,  under  forces 
applied  by  an  ultrasonic  horn.  The  residual  foam  layer  is  then 
removed  and  a  second  pass  is  made  with  the  ultrasonic  horn  to 
set  the  pin  ends  flush  with  the  part  surface.  Figure  3  shows  a 
schematic  of  the  two  stage  UAZ  process.  Access  is  needed  to 
only  one  side  of  the  composite  layup.  Special  tips  can  be 
configured  for  areas  which  are  partially  obstructed  or  difficult  to 
access.  Hand-held  or  bench  top  insertion  units  are  commercially 
available  from  Aztex,  Inc.  UAZ  systems  can  also  be  configured 
to  function  as  an  end  effector  for  a  robot,  gantry  system  or  tape 
laying  machine. 

The  UAZ  process  can  also  be  used  to  insert  metallic  pins  into  a 
cured  composite  for  potential  repair  applications.  One  repair 
scheme  involves  removing  the  damaged  material,  applying  a  film 
adhesive  and  wet  lay-up  patch  followed  by  the  insertion  of 
Z-Fibers  through  the  repair  area  into  the  cured  substrate.  The  part 
can  then  be  vacuum  bagged  and  cured.  UAZ  is  also  being 
evaluated  for  repair  of  disbonds  in  honeycomb  sandwich  panels. 

Select  Z-Fiber  Properties 

Z-Fiber  changes  the  way  we  think  about  composites.  Typically, 
2D  laminates  have  constant  fracture  toughness  whereas  Z-Fiber 
reinforced  laminates  actually  get  tougher  with  crack  length.  In 
practice,  as  a  crack  propagates  the  number  of  reinforcing  fiber 
rows  which  are  activated  increases  resulting  in  increased  fracture 
toughness.  The  increased  fracture  toughness  eventually  reaches 
equilibrium  as  reinforcing  fibers,  several  rows  behind  the  crack 
front,  begin  to  pull  out.  However,  this  equilibrium  often  occurs 
at  a  point  50  times  in  excess  of  the  baseline  composite  fracture 
toughness  and  requires  significant  crack  growth  to  achieve. 


Table  1.  Comparison  of  Z-Fiber  Structural  Core  Properties  with  Honeycomb 


Core  Properties 

Hollow  Core 
T650-42  BMI 
12.7  gmCore 

X-Cor™ 

T300/977 

12.7  gmCore 

5052- 

.007 

Aluminum 

5052- 

.007 

Aluminum 

5056- 

.001 

Aluminum 

Density,  kg/m® 

27.3 

44.9 

68.9 

68.9 

49.7 

36.9 

(psi) 

(1.7) 

(2.8) 

(4.3) 

(4.3) 

(3.1) 

(2.3) 

Shear  Strength,  Mpa 

1.16 

1.65 

2.16 

2.20 

1.45 

1.17 

(psi) 

(169) 

(240) 

(313) 

(320) 

(210) 

(170) 

Specific  Shear,  Mpa/kg/m® 

4.25 

3.67 

3.14 

3.19 

2.92 

3.17 

(psi/pcf) 

(99) 

(86) 

(73) 

(74) 

(68) 

(74) 

Compress  Strength,  Mpa 

4.37 

3.17 

7.37 

3.45 

2.00 

1.45 

(psi) 

(634) 

(460) 

(1070) 

(500) 

(290) 

(210) 

Specific  Compression, 

0.16 

0.07 

0.11 

0.05 

0.04 

0.04 

Mpa/kg/m®  (psi/pcf) 

(330) 

(164) 

(249) 

(116) 

(94) 

(91) 
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I  IIIIIIHIMIIIIM-H 

a)  Primary  Insertion  Stage  and 
Residual  Preform  Removal 


b)  Secondary  Insertion  Stage 

336-OH-1 191-5 


Option  2,  fasteners,  is  too  expensive,  increases  weight,  decreases 
in-plane  properties  and  introduces  the  threat  of  fuel  leaks, 
lightening  strikes  and  increased  observables.  One  has  to  realize 
that  the  low  cost,  fuel  tight,  squeezed  rivets  that  work  so  well  in 
aluminum  aircraft  structures  are  not  an  option  with  composites. 
Expensive,  close  tolerance  bolts  with  0-rings,  or  even  more 
expensive  sealed  nut  plates  in  fuel  areas,  are  the  extremely 
unattractive  fastener  options. 

Option  3,  stitching,  has  been  tried  many  times,  thus  far  without 
success.  One  might  ask,  how  can  Aztex  support  through 
thickness  reinforcement  yet  conclude  stitching  is  not  a  viable 
solution  for  attachment?  The  reason  for  this  is  simple,  stitching 
is  much  too  limited  a  process.  Imagine  if  designers  were  told  the 
only  materials  they  could  use  to  react  in-plane  loads  were  Kevlar 
and  glass,  the  two  most  prominent  stitch  materials.  If  this  were 
true  composites  usage  would  be  minimal.  There  are  several 
additional  reasons  stitching  is  viewed  as  an  inadequate 
reinforcement  process: 

•  Stitching  threads  are  buckled  during  consolidation  and  cure, 
severely  limiting  their  ability  to  effectively  carry  load. 

•  The  manufacturing  process  is  slow  and  can  not  access  the 
critical  regions;  stiffener  radii,  intersections  of  stiffening 
elements  and  areas  close  to  a  perpendicular  structure. 
Unfortunately  these  are  the  primary  areas  where  through 
thickness  reinforcement  is  needed. 


Figure  3.  Schematic  of  Two  Stage  UAZ  Process 

One  question  with  Z-Fiber  is:  what  2D  properties  are 
compromised  to  achieve  the  benefits  of  3D  reinforcement?  For 
densities  less  than  1 .5  percent  a  negligible  reduction  in  tension 
or  compression  strength  is  seen.  Some  of  the  secondary  structure 
attachment  designs  require  greater  local  areal  densities,  however. 
Figures  4  and  5  display  Z-Fiber’s  effect  on  in-plane  tensile 
strength  and  ultimate  tensile  strain  respectively.  Tension  was 
selected  for  evaluation  because  it  is  considered  much  more 
sensitive  to  through  thickness  penetrations.  Strain  was  included 
because  interestingly  enough  the  strain  carrying  capability  of 
Z-Fiber  reinforced  laminates  is  not  significantly  changed.  This 
phenomenon  is  due  to  the  fact  that  the  cured  laminate  thickness 
increases  as  areal  densities  in  excess  of  1 .5  percent  are  inserted 
into  the  composite.  In  essence  it  is  the  thickness  increase  that 
causes  the  strength  reductions  at  greater  densities,  not  in-plane 
fiber  damage. 

Comparison  of  Structural  Joining  Options 

One  of  the  key  elements  in  the  design  of  an  aircraft  structure  is 
how  to  stiffen  the  skins.  The  accepted  choices  are  increasing  the 
skin  thickness  (too  heavy),  sandwich  structures  (too  fragile)  and 
the  normal  sheet/stringer  approaches.  Using  the  sheet/stringer 
approach  with  composites  raises  great  concern  about  how  to 
safely  and  securely  attach  the  two  components.  The  options  are: 

1 .  Co-cured,  co-bonded  or  secondarily  bonded  attachment. 

2.  Fasteners. 

3.  Stitching. 

4.  Z-Fiber  technology. 

Option  1  has  proven  to  be  very  fragile  and  has  resulted  in  major 
redesigns  in  many  programs.  Total  reliance  on  any  form  of 
bonding  alone  is  risky,  particularly  when  the  damage  tolerance 
and  impact  requirements  are  considered. 


•  Stitching  can  not  be  effectively  applied  to  prepregs  because 
the  in-plane  fiber  damage  is  too  substantial  and  a  debulked 
laminate  can  not  easily  be  penetrated. 


Figure  4.  In-Plane  Tensile  Strength  versus  Areal 
Density  of  Z-Fiber  Reinforcement 
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Figure  5.  Ultimate  Tensile  Strain  versus  Areal 
Density  of  Z-Fiber  Reinforcement 
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•  Stitching  can  not  be  applied  in  the  areal  densities  or  materials 
required  to  quickly  react  out  of  plane  loads.  It  is  strictly  a 
damage  tolerance  process. 

•  Stitching  requires  a  significant  capital  machinery  investment. 

•  Stitching  has  no  repair  option. 

The  Z-Fiber  process  was  developed  with  all  of  stitching's 
inadequacies  in  mind.  In  the  Z-Fiber  process,  any  rigid  material 
can  be  used  as  reinforcement  so  Z-Fiber  composites  structurally 
outperform  stitched  components.  Z-Fiber  does  not  require  a 
major  capital  investment  and  with  the  development  of 
Ultrasonically  Assisted  Z-Fiber  (UAZ)  through  cured  laminates 
a  viable  repair  option  now  exists. 

Potential  advantages  of  Z-Fiber  over  conventional  fastening 
techniques  include: 

•  Mechanically  fastened  composite  joints  usually  fail  in  bearing 
and  the  numerous  small  diameter  pins  provide  a  much  larger 
bearing  area  than  a  single  fastener. 

•  Composites  are  statically  notch  sensitive  and  the  many  small 
pins  allow  the  elimination  of  the  stress  concentration  caused 
by  the  fastener  hole. 

•  The  net  section  lost  due  to  the  fastener  hole  is  regained. 

•  The  load  transfer  is  now  evenly  distributed  across  the  entire 
specimen,  rather  than  being  forced  through  the  fastener. 

•  The  volume  of  Z-Fibers  needed  to  replace  a  fastener  represent 
only  a  portion  of  the  shank  section  of  the  fastener,  the  head  and 
the  nut  are  eliminated  thus  reducing  weight. 

•  Z-Fibers  are  either  manufactured  from  commercially  available 
wire,  mainly  titanium  or  steel,  or  in  the  case  of  composite  pins 
made  from  a  simple  pultrusion  process.  Hence,  there  is  no 
expensive  forming,  machining  and  finishing  process  as  is  the 
case  with  fasteners. 

•  Z-Fibers  can  be  inserted  with  the  layup  on  tool  prior  to  the  cure 
cycle  using  an  ultrasonic  system.  Hence,  no  secondary 
processes  (i.e.,  drilling,  reaming,  hole  inspection,  rework)  are 
required. 


Z-Fiber  as  an  Attachment  Method 

Initial  Approach  -  Replace  Fasteners 
Initially  the  Z-Fiber  process  was  evaluated  directly  against  co¬ 
cured  and  fastened  joints.  A  blade  stiffened  design  provided  by 
McDonnell  Douglas  was  selected.  Stiffened  panels  were 
manufactured  and  machined  into  pull  off  specimens.  A  basic 
finite  element  analysis  was  conducted  to  determine  load 
distribution  during  testing.  As  expected,  most  of  the  critical  loads 
were  found  to  occur  at  the  radius  of  the  stiffener  and  at  the  flange 
terminations.  Based  on  these  early  indications  a  Z-Fiber 
reinforcement  scenario,  as  depicted  by  Figure  6,  was  adopted. 
Four  different  specimen  reinforcement  configurations  were  tested: 

1 .  Co-cured  baseline. 

2.  Huck  fastened. 

3.  2  percent,  0.5mm  Z-Fiber  titanium  reinforced. 

4.  5  percent,  0.5mm  Z-Fiber  titanium  reinforced. 

Static  pull  off  testing  was  completed  and  the  test  results  are  shown 
in  Figure  7.  All  the  specimens  reached  approximately  the  same 
load  when  initial  failure,  delamination  at  the  stiffener  radii/noodle 
interface,  occurred.  It  is  well  documented  that  in  bonded/fastened 
structures,  fasteners  are  ineffective  until  a  disbond  occurs  and  that 
they  act  primarily  as  a  secondary  load  path.  Our  data  support 
this  assumption.  The  significant  aspect  of  this  testing  was  the 
characteristics  of  the  Z-Fiber  specimens  after  initial  failure. 
Unlike  the  co-cured  and  fastened  stmctures,  Z-Fiber  specimens 
did  not  result  in  a  catastrophic  disbond  of  the  stiffener  from  the 
skin.  In  fact,  after  initial  failure  Z-Fiber  specimens  climbed  to 
about  70  percent  more  load  than  the  fastened  structures.  At  this 
point  instead  of  a  catastrophic  failure,  pull  off  of  the  stiffeneing 
element,  the  Z-Fiber  specimens  showed  a  delamination  in  the 
skin,  then  reached  an  equilibrium  load  approximately  equivalent 
to  the  virgin  co-cured  specimen. 

The  initial  testing  demonstrated  that  Z-Fiber  can  do  the  job  of  a 
fastener,  providing  damage  tolerance  and  fail  safety,  better  than 
a  fastener.  The  far  superior  fracture  toughness  of  Z-Fiber  joints 
showed  the  potential  for  designers  to  be  less  concerned  with 
damage  progression.  Based  on  this  early  testing  two  possible 
scenarios  could  be  assumed  which  would  make  major  strides 
forward  in  composite  stracture  performance: 

•  Alter  acceptance  criteria  -  If  Z-Fiber  could  demonstrate  the 
ability  to  limit  crack  growth  in  fatigue,  new  designs  could  be 
incorporated  based  on  ultimate  strength  rather  than  initial  failure. 


—  6.35  mm 

o 

-• - 4  mm 

— 35.6  mm  — ^ 

o 

iirmiTiiiixiiiiiiimii — 

1 

- - —  1 52  mm - 

Figure  6.  Blade  Stiffener  Pull-Off  Configuration  1 
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Figure  7.  Stiffener  Pull-Off  Test  Results 

•  Increase  initial  failure  loads  -  Previous  work  suggests  initial 
failure  loads  can  be  increased  when  combining  innovative 
design  practices  with  Z-Fiber. 

Aztex  is  aggressively  pursuing  both  scenarios.  Success  with  both 
scenarios  would  have  a  major  impact  on  composite  aircraft 
design.  Obviously,  increasing  initial  failure  load  levels  is  an 
easier  sell  and  one  welcome  by  airframers.  To  that  end  we  are 
focusing  design  and  testing  efforts  in  this  area. 

Increasing  Initial  Failure  Loads 

Under  a  routine  screening  matrix  single  lap  shear  testing  was 
conducted  comparing  co-cured,  co-cured/fastened,  and  Z-Fiber 
reinforced  specimens.  The  results  are  plotted  in  Figure  8.  The 
results  point  to  the  need  for  detailed  design  of  the  joint  interface. 
As  expected,  the  co-cured  specimens  loaded  until  bond  failure 
then  the  joint  failed  catastrophically.  Bolted/bonded  joints  load 
to  initial  matrix  failure  then  transfer  the  load  to  the  fastener  until 
bearing  failure  occurs.  The  co-cured  Z-Fiber  configuration 
showed  a  modest  increase  in  initial  failure  load  and  a  large 
increase  in  ultimate  load.  The  most  interesting  result  was  a 
specimen  made  with  Z-Fibers  and  a  PTFE  film  layer  in  the 


bondline  (i.e.,  no  bond  at  the  lap  joint).  This  specimen  displayed 
over  six  times  the  initial  strength  of  co-cured  or  fastened  joints 
and  the  specimen  ultimately  had  a  net  section  tension  failure. 
This  indicates  that  if  load  sharing  between  the  pin  and  the  matrix 
can  be  optimized  initial  failure  loads  could  be  significantly 
increased. 

In  an  effort  to  delay  the  onset  of  initial  failure  in  stiffened 
structures,  it  was  theorized  that  a  low  modulus  interlayer,  located 
at  the  stiffener  radius/noodle  interfaces,  used  in  combination  with 
Z-Fiber  would  allow  the  stresses  to  be  carried  by  the  pins  and  not 
the  resin  matrix.  Additional  test  specimens  were  manufactured 
using  configuration  1  to  verify  this  theory.  A  co-cured  stiffener 
with  the  interlayer  but  without  pins  was  manufactured  and  tested. 
Two  additional  stiffeners  with  the  interlayer  and  Z-Fiber,  one 
each  at  2  percent  and  5  percent  reinforcement  in  the  radii,  were 
also  manufactured  and  tested.  These  test  results  were  added  to 
the  previous  data  base,  for  configuration  1 ,  and  are  summarized 
by  the  bar  chart  in  Figure  9.  For  this  configuration,  a  co-cured 
stiffener  with  the  interlayer  alone  yielded  the  lowest  initial  failure 
load  of  all  the  specimens  tested.  However,  the  two  sets  of 
specimens  that  incorporated  the  interlayer  in  combination  with 
Z-Fiber  proved  to  have  the  highest  initial  failure  loads,  50  percent 
greater  than  all  of  the  other  specimens  tested. 

A  study  was  then  conducted  investigating  the  effects  of  several 
design  variables  on  pin/matrix  load  sharing  based  on  the 
significance  of  the  preliminary  lap  shear  and  stiffener  pull  off 
results  described  above.  The  idea  of  this  analysis  was  to  better 
understand  the  mechanics  of  increasing  initial  failure  load  in 
stiffened  panel  joints.  Our  basic  approach  was  to  vary  blade 
stiffener  radius,  Z-Fiber  reinforcement  pin  diameter  and  density, 
and  noodle  modulus  and  analyze  the  effects.  The  use  of  a  soft 
interlayer  to  aid  transfer  of  the  load  directly  into  the  pin  was  also 
investigated.  From  this  investigation,  a  second  blade  stiffener 
configuration,  configuration  2,  with  a  stiffener  radius  of  9.6  mm 
was  evaluated.  A  larger  radius  has  the  benefit  of  being  able  to 
distribute  the  stresses  more  evenly  over  a  larger  area.  Figure  10 


Figure  8.  Lap  Shear  Screening  Results 
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Figure  9.  Increase  in  Initial  Failure  Load  for  Stiffener  Configuration  1 


summarizes  the  effects  of  the  design  variables  on  the  expected 
test  results  based  on  a  finite  element  analysis.  Various  design 
configurations  were  included  in  the  analysis.  Based  on  the  model, 
a  viable  solution  to  delay  the  onset  of  initial  failure  was 
determined.  Z-Fiber  reinforcement  at  a  varied  areal  density  in 
combination  with  a  thin,  low  modulus  interlayer  at  the  radius/ 
noodle  Interfaces  was  selected  for  testing. 

Preliminary  manufacture  and  testing  has  begun  on  the  new 
baseline  stiffener,  configuration  2  (Figure  11).  A  thin,  soft 
interlayer  was  included  at  the  radii/noodle  locations  during  the 
layup  process.  Z-Fiber  reinforcement  was  added  to  the  flange/ 
skin  interface,  within  the  web  area  and  at  the  stiffener  radii/noodle 
interfaces.  The  Z-Fiber  reinforcement  for  the  majority  of  the 
stiffener  was  0.5  mm  6A1-4V  titanium  inserted  at  an  areal  density 
of  2  percent.  However,  at  the  critical  stress  points,  the 
reinforcement  was  changed  to  0.25  mm  6A1-4V  titanium  inserted 


at  an  areal  density  of  5  percent.  This  change  in  Z-Fiber  size  and 
areal  density  was  deemed  necessary  to  react  the  stress 
concentrations  located  at  the  tip  of  each  noodle/radius 
interface. 

Typical  load-deflection  plots  for  the  stiffener  pull-off  tests  are 
shown  in  Figure  12.  Plot  A  shows  the  test  results  for  a  thin 
skinned  stiffener  manufactured  with  a  rubber  interlayer  but 
without  Z-Fiber.  Initial  failure  occurred  in  the  interlayer. 
Another  stiffener  was  manufactured  identical  to  the  second  but 
with  Z-Fiber  added.  Plot  B  shows  that  the  addition  of  Z-Fiber 
to  the  interlayer  approximately  doubled  the  initial  failure  load. 

The  above  test  results  indicate  that  Z-Fiber  is  effective  in  delaying 
the  onset  of  initial  failure  of  various  stiffener  configurations  while 
yielding  damage  tolerance  far  superior  to  that  of  a  co-cured  or 
fastened  structure. 
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Figure  10.  Effects  of  Design  Variables 
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Blade  =  [(45)(0)(45)]s 

Skin  =  [(45)(0)2(45)(0)(45)]s  5%/0.25  mm  Dia 


SUMMARY 

The  current  family  of  Z-Fiber  products  is  capable  of 
revolutionizing  the  way  composite  aircraft  structures  are 
designed  and  fabricated.  Z-Fiber  should  be  viewed  as  an 
enabling  technology  that  will  allow  composite  structures  to 
achieve  their  much  talked  about,  but  seldom  achieved,  weight 
savings.  Further,  by  eliminating  reinforcing  metal  fittings  and 
reducing  the  number  of  fasteners  and  skin  support  members, 
the  cost  of  composite  structure  could  become  competitive  with 
aluminum. 


It  is  important  that  this  technology  be  introduced  at  the  outset  of 
the  design  process,  such  that  the  global,  synergistic  effect  of  Z-Fiber 
can  be  maximized.  There  is  ample  experience  to  demonstrate 
that  without  a  major  step  forward,  such  as  that  offered  by  Z- 
Fiber,  designs  will  gravitate  toward  fewer  composites,  more 
metal  and  fasteners,  and  fewer  large  unitized  parts  leading  to  a 
greater  part  count.  The  benefit  of  Z-Fiber  is  not  solely  to  attach 
stmctures,  improve  damage  tolerance,  etc.,  rather  it  is  to  provide 
the  design  flexibility  and  confidence  necessary  to  embrace  an 
extremely  efficient,  but  unconventional  design. 
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ABSTRACT 

A  study  is  hereafter  described  to  investigate 
the  structural  behaviour  of  cold  bonded/bolted 
and  simply  cold  bonded  joints. 

These  joints  are  representative  of  connections 
at  the  interface  of  large  diameter  staictures 
(over  4  m)  in  which  sandwich  composite 
panels  have  to  be  fixed  to  aluminum  fork  - 
shaped  rings. 

They  find  practical  application  as  adaptor 
stnictures  for  satellite  launchers,  providing  high 
strength/stiffness  performances,  and  are 
peculiar  of  areas  fitted  with  continuous 
separation  systems. 

Special  low  preload  bolts  have  been  introduced 
in  order  to  avoid  the  use  of  through  inserts  in 
sandwich  panels  necessary  to  prevent  the 
crushing  of  the  core  so  optimising  mass  and 
manufacturing  cost/time  but  still  maintaining 
very  high  load  capabilities, 

A  Finite  Element  analysis  has  been  carried  out 
to  detect  load  distributions  at  the  bolted/ 
bonded  interfaces  of  the  joints. 

A  test  campaign  is  planned  for  the 
manufactured  specimens  and  a  final  test 
correlation  will  be  perfoimed  to  compare 
experimental  and  theoretical  results. 

INTRO  DUG  JTON 

The  selected  configuration  is  intended  to  be 
applied  to  large  diameter  structures.  The  bolt 
added  to  bonding  is  due  to  the  necessity  of 
introducing  a  further  element  of  safety  in  a 
particularly  critical  area  in  which  the  shock 
load,  consequent  to  pyrotechnic  explosion 
during  separation,  could  cause  local  adhesive 
failure. 

In  addition,  in  the  real  structure  the  adhesive 
application  might  not  guarantee  constant 
thickness  and  completely  avoid  unbonded 


areas,  so  the  accommodation  of  a  close 
tolerance  fit  bolt  is  strongly  recommended  as 
a  safe  solution. 

Bolt  introduction  has  led  to  the  need  for  a  local 
doubler  to  be  added  to  the  basic  laminate 
thickness  in  order  to  increase  the  bearing/ 
shear-out  load  carrying  capability  of  the  skin. 
It  must  be  pointed  out  that  the  manufactured 
specimens  are  intentionally  flat  because 
curvatures  on  large  diameters  are  clearly  low 
and  they  are  consequently  representative  of 
these  interfaces  without  introduction  of 
stiffness/st  rength  errors. 

GENERAE  REQUIREMENTS  AND 
DESIGN  DESCRIPTION 

The  baseline  concept  of  the  bolted/bonded  joint 
design  has  been  based  on  the  following 
requirements: 

-  high  structural  stiffness 

-  LLse  of  cold  setting  adhesive  with  high  gap 
filling  capability  and  extended  curing  time 

-  tensile  failure  over  300  N/mm 

-  minimum  mass  impact  w.r.t.  full  bonded 
option 

-  maximum  simplicity  in  the  joint  assembly 
operations 

-  on  assembly  possibility  of  adjustment  of  the 
overall  component  due  to  manufacturing 
tolerances. 

The  detailed  design  is  illustrated  by  Fig.  1. 

The  joint  consists  of  a  honeycomb  sandwich 
panel  with  CFRP  skins  reinforced  by  means  of 
internal  doublers;  the  panel  is  joined  to  an 
external  fork  type  end-fitting  in  aluminum 
alloy,  which  is  considered  a  quasi  standard 
application  for  interface  rings  and  separations. 
The  sandwich  panel  is  made  of  aluminum 
honeycomb  core  with  CFRP  skins  and 
doublers,  both  cured  with  hot  setting 
adhesives. 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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The  skins  and  doublers  are  first  cured  and 
then  bonded  to  the  core  in  a  further 
manufacturing  step,  but  for  their  cure  process 
the  same  male  mandrel  of  the  panel  (if  applied 
to  cylindrical  shape)  can  be  utilized  due  to 
small  curvatures  in  a  real  application.  For  the 
specimen  manufacturing,  the  utilized  mandrel 
is  obviously  flat. 

The  sandwich  panel  is  eventually  cold  bonded 
to  the  external  fork. 

The  use  of  cold  bonding  is  mandatory  for  large 
diameter  parts  as  autoclaves  of  such  a  great 
size  are  not  always  available  and  large 
cylindrical  structures  are  usually  manufactured 
by  assembling  4  or  more  curved  sectors. 

The  skins  are  made  of  M55J  -  Cycorn  950-1 
prepreg  in  unidirectional  style  with  a  lay-up  of 
(0,, 90, +45,-45,90,02)  while  the  doubler  is  given 
by  a  stacking  sequence  of  [02,(0, +45, -45,0)5,02) 
of  the  same  material. 

Titanium  alloy  bolts  are  then  used  for  fastening 
the  aluminum  to  the  sandwich  panel. 

MATERIALS 

The  CFRP  skins  are  made  of  M55J  -  Cycom 
950-1  pre-preg  which  is  commercialised  by 
Cyanamid.  It  is  a  UHM  carbon  fibre  with 
epoxy  low  cure  temperature  (125°C)  resin 
system. 

The  main  characteristics  of  this  unidirectional 
prepreg  are  listed  in  Table.  I. 

The  aluminum  honeycomb  core  is  a  3/16-5056- 
0.0007P  commercialised  by  Hexcel. 

The  fork-shaped  flanges  are  made  of  machined 
aluminum  alloy  7075-T7351  but  in  the  real 
application  a  large  ring  flange  could  be 
obtained  from  a  forging  of  the  same  base 
material. 

The  bonding  between  aluminum  forks  and 
composite  skins  is  obtained  with  EA934NA 
that  is  a  structural  adhesive  paste 
commercialised  by  Dexter  Hysol,  qualified  in 
accordance  with  MIVIM-A-132  type  1  class  3 
and  well  experienced  in  potting,  filling,  and 
liquid  shim  applications. 

This  adhesive  is  made  of  two  components,  and 
has  enough  low  viscosity  to  allow  good 
accommodation  or  injection  into  shallows  and 
grooves  (if  any)  and  in  addition  is  a  good 
room  temperature  curing  paste  from  the  point 
of  view  of  strength. 

Its  characteristics  derived  from  thick  adherent 


shear  test  are  reported  in  Fig  2. 


Table  1  M55J/950-1  Properties 


Property 

Value 

Unit 

Axial 

Elastic 

Modulus 

292000 

MPa 

Transverse 

Elastic 

Modulus 

6510 

MPa 

Shear 

Modulus 

4015 

MPa 

Axial 

Tensile 

Stress 

1500 

MPa 

Transverse 

Tensile 

Stress 

52 

MPa 

Ultimate 

Shear  Stress 

69 

MPa 

SPECIMEN  MANUFACTURING 
PROCESS 

The  manufactured  specimens  are  shown  in 
Fig.3. 

The  length  of  specimens  is  191  mm  for  the 
sandwich  panel  pan  plus  the  two  aluminum 
fork  fittings  to  its  end  parts. 

The  sandwich  panel  has  been  manufactured 
with  aluminum  honeycomb  previously  milled 
at  its  ends  to  allow  CFRP  tapered  doublers 
accommodation. 

The  skins  and  doublers  in  carbon  fibre  M55J- 
CYCOM  950-1  are  then  co-bonded  with 
REDUX  312-L  adhesive  film  to  the 
honeycomb  panel  and  they  have  been  cured 
separately  with  peel  ply  on  each  surface  at  a 
temperature  of  125®C  following  the  cure  cycle 
provided  by  the  supplier. 

The  performed  prebonding  treatment  on 
aluminum  forks  consists  of  an  alkaline 
degreasing  followed  by  water  rinsing. 
Immediately  after  drying,  a  thin  layer  of 
BR127  Primer  commercialised  by  Cyanamid 
has  been  sprayed  onto  the  adherents  surfaces 
and  then  cured  to  increase  the  prebonding 
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treament  lifetime. 

A  thin  layer  of  Hysol  EA  934  NA  (0.15  mm 
thick)  has  been  spread  on  the  akimimim  parts 
to  be  bonded  to  the  sandwich  panels. 

After  adhesive  curing  completion  (7  days  at 
room  temperature  in  clean  room  conditions) 
the  manufacturing  process  has  been  completed 
by  riveting  aluminum  buttstraps  on  aluminum 
forks  and  fastening  the  forks  to  the  sandwich 
panels. 

The  specimens  have  been  assembled  by  means 
of  a  dedicated  support  tool  in  order  to 
guarantee  adherents  alignment. 

A  total  number  of  5  specimens  has  been 
manufactured  with  the  following 
characteristics  concerning  their  end  parts: 
end  A  having  a  larger  extension  area  of  480 
mm^  and  end  B  having  an  area  of  340  mm^. 
The  overall  typologies  of  specimens  is 
reported  in  Table  2. 


Table  2  Specimen  Configuration 


Specimen 

End  "A" 

End  "B" 

1 

Bonded 

Bonded 

2 

Bonded 

Bolted 

3 

Bonded 

Bond/Bolt 

4 

Bonded 

Bond/Bolt 

5 

Bond/Bolt 

Bond/Bolt 

JOINT  ANALYSIS 


The  analysis  of  the  joints  has  been  performed 
following  the  listed  approaches. 

-  Hand  Calculation:  this  type  of  analysis  has 
been  used  for  the  design  of  the  joint. 

-  Finite  Element  computation:  this  type  of 
numerical  analysis  has  been  used  for  the  final 
verification  of  the  joint  load  carrying 
capability. 

These  analysis  approaches  have  been  carried 
out  considering  both  the  pure  elastic  and  the 
elastic  perfectly-plastic  adhesive  stress-strain 
behaviours. 

HAND  CALCULATION 

The  preliminary  design  approach  for  bonded/ 
bolted  composites  structure  is  normally  based 


on  hand  calculation,  which  is  very  useful  for 
the  current  understanding  of  strength  problems, 
as  well  as  very  efficient  for  design  trade-off. 
These  analyses  are  based  on  a  common  well 
known  analytical  method  which  enables  the 
designer  to  calculate  the  stress/ strain 
distributions  in  the  adhesive  layer  of  simple 
joint  configurations  (on  condition  that 
simplifying  constraint  rules  are  applied  to  the 
analysis). 

Typically,  for  these  analyses  the  RD[1  and  2] 
are  the  currently  applied  methods. 

For  the  pure  elastic  approach  it  must  be 
underlined  that  this  simplified  method  does  not 
consider  the  through-to-thickness  bending 
effect;  however,  it  can  be  easily  used  for  a 
preliminary  assessment  of  load  carrying 
capability,  limited  to  the  fully  elastic  behaviour 
(i.e.  y=0.04). 

The  obtained  shear  distribution  for  a  typical 
adhesive  thickness  of  0.15  mm  is  shown  in 
Fig.  4. 

The  maximum  shear  stress  (t=22.  MPa)  is 
reached  on  the  side  of  the  external  adherent 
junction. 

Hence,  for  different  adhesive  thicknesses  rj  in 
pure  elastic  field,  the  Table  3  allowable  loads 
Pe  are  calculated. 


Table  3  Pure  Elastic  Load 


T)  [mmj 

Pe  [N/mm] 

0.075 

350. 

0.1 

405. 

0.125 

450. 

0.15 

493. 

0.175 

530. 

0.2 

565, 

0.25 

625. 

After  the  elastic  region  the  adhesive  will  start 
behaving  in  the  elasto-plastic  way. 

In  this  region  the  composite  adherents  might 
still  behave  in  the  elastic  way  while  the  glue  is 
already  in  its  plastic  field. 


Fig.  2  EA  934  NA  Properties  and  Hart-Smith  zs- 
Elasto-plastic  Curve.  | 


Fig.  3  Typical  Specimen 
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This  part  of  the  strength  might  therefore  be 
used  as  a  margin  for  the  load  carrying 
capability  of  the  joint,  i.e.  up  to  the  elastic 
region  the  proof  load  can  be  applied  and  then 
the  plastic  region  can  be  utilised  as  a  reserve 
for  the  ultimate  strength  load  capability  and 
margin  of  safety  evaluation. 

The  failure  load  of  adhesive  can  be  evaluated 
using  RD[l-2]  and  taking  into  account  the 
perfect  plastic  behaviour,  the  applied  peel 
stress  op  and  the  estimation  of  the  maximum 
thickness  of  outer  adherent  not  causing  peel 
problems,  can  be  calculated  as  reported  in 
Table  4. 

Table  4  Elasto-Plastic  Behaviour 


11 

Pu 

opeel 

toa 

[mm] 

[N/mm] 

[MPa] 

1  mm  1 

0.075 

765 

28.7 

2.56 

0.1 

884 

26.6 

3.42 

0.125 

988 

25.1 

4.25 

0.15 

1083 

24.0 

5.13 

0.175 

1 169 

23.0 

5,98 

0.2 

1250 

22.3 

6.83 

0.25 

1397 

21.0 

8.54 

As  appears  from  the  Table,  the  failure  load 
with  a  fully  plastic  behaviour  (i.e.  about  1400 
N/mm)  of  the  glue  is  nearly  reached  for  a  0.25 
mm  adhesive  thickness. 

The  above  analyses  apply  only  to  the  bonded 
solution,  while  for  the  bolted  option  the  RD[3| 
analysis  progratn  has  been  used. 

In  performing  this  analysis,  the  effect  of 
bonding  contribution  of  course  has  been 
neglected,  so  the  pure  load  carryiiig  capability 
of  the  CFRP  skins  is  evaluated. 

Such  estimation  leads  to  a  load  flux  value  of 
Pu=320  N/mm  with  a  bearing/shear-out  failure 
mode.  Considering  that,  for  any  reason,  the 
bonding  application  might  not  be  as  good  as 
designed  (e.g.  wrong  prebonding  treatments  or 
excess  of  glue  thickness,  voids  or 
delaniinations),  a  sort  of  strength  reserve  factor 
is  anyway  reached  with  a  negligible  mass 
impact  on  the  whole  stnicture  by  coupling 
bonding  with  bolting. 


However,  this  last  load  carrying  capability 
appears  lower  with  respect  to  the  only  bonded 
option. 

FEM  DESCRIPTION 

In  order  to  assess  the  mechanical  behaviour  of 
the  joints  under  tensile  load,  a  dedicated  FE 
mathematical  model  has  been  prepared  for 
each  of  the  three  following  joint 
configurations: 

a)  Simply  Bonded  Joint  (see  Fig.  5) 

b)  Simply  Bolted  Joint  (see  Fig.  6) 

c)  Bonded/Bolted  Joint  (see  Fig.  7) 


Each  FE  model  is  representative  of  half  a  joint 
thickness  becatkse  of  symmetry  considerations 
for  loads  and  constraints,  so  the  simmetry 
constraints  have  therefore  been  placed  to  re¬ 
establish  the  complete  joint  behaviour. 

In  the  width  direction,  only  one  bolt  has  been 
considered  for  the  determination  of  the  failure 
load  fluxes,  both  for  simplicity  and  symmetry 
considerations. 

A  solid  element  modellization  has  been  chosen 
for  all  the  constitutive  materials  of  the  joint. 
Both  elastic  and  elasto-plastic  behaviours  for 
the  typical  adhesive  layer  (0.15  mm  thickness) 
have  been  taken  into  account  for  the  Simply 
Bonded  Joint  Shear  and  Peeling  stresses 
distribution  evaluation. 

The  Static  Analyses  have  been  performed  by 
solving  the  FE  models  with  MSC/NASTRAN 
V68  Solution  101  (Fully  Elastic  Behaviour) 
and  Solution  106  (Elasto-Plastic  Behaviour). 

FEM  ANALYSIS  RESULTS 

A  different  analysis  approach  has  been 
considered  for  the  three  joint  typologies. 
Starting  from  the  Simply  Bonded  Joint,  the 
analysis  has  been  set  up  in  accordance  with  the 
following  procedure:  the  y -deformations 
coming  from  the  thick  adherent  shear  test  on 
adhesive  and  represented  as  y  =  0.04  (Elastic 
Limit)  and  y=  0. 1 15  (Plastic  Limit  at  Adhesive 
Failure)  have  been  considered  to  establish  the 
loads  for  both  Elastic  and  Elasto-Plastic 
behaviour  and  the  resulting  stresses  on 
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adhesive. 

The  stress  distribution  in  terms  of  op  (Peeling 
Stress)  in  the  interfacing  adhesive  and 
composite  layers  is  reported  in  Fig.  8  and  Fig. 
9  while  the  x  (Shear  Stress)  in  adhesive  layer 
is  shown  in  Fig..  10  for  the  Elastic  Limit  (y  = 
0.04)  coincident  to  A)  Fully  Elastic  and  B) 
Elasto-Plastic  behaviours. 

A)  Fully  Elastic  Behaviour 

For  this  behaviour  a  load  flu.x  of  522  N/mm 
for  Y=  0.04  (Elastic  Limit)  and  a  load  flux  of 
1498  N/mm  for  y  =  0.1 15  (Plastic  Limit)  have 
been  obtained,  the  latter  is  fictitious  because  it 
gives  a  T=  63  MPa  out  of  glue  range  with  an 
elastic  shear  modulus  of  550  MPa. 

The  stress  distribution  in  terms  of  op  (Peeling 
Stress)  in  interfacing  adhesive  and  composite 
layers  is  reported  in  Fig.  1 1  and  Fig.  12,  while 
the  T  (Shear  Stress)  in  adhesive  layer  is  shown 
in  Fig.  13  for  the  Plastic  Limit  (y  =  0.115). 

B)  Elasto-Plastic  Behaviour 

For  this  behaviour,  the  same  load  flux  of  522 
N/mm  for  y=  0.04  (Ela.stic  Limit)  and  a  load 
flux  of  953  N/mm  for  y  =  0.115  (Plastic 
Limit)  have  been  obtained;  this  latter  load  is 
theoretically  correct  and  corresponds  to  a  x  = 
22  MPa. 

The  stress  distribution  in  terms  of  op  (Peeling 
Stress)  in  interfacing  adhesive  and  composite 
layers  is  reported  in  Fig  14  and  Fig.  15  while 
the  X  (Shear  Stress)  in  adhesive  layer  is  shown 
in  Fig.  16  for  the  Plastic  Limit  (y  =  0.1  15). 

The  difference  between  A)  and  B)  behaviours 
in  the  plastic  range  comes  clearly  out  of  the 
consideration  that  in  fully  elastic  adhesive  the 
real  x-y  curve  is  not  taken  into  account  and  as 
the  considered  curve  is  a  linear  one,  the 
deformation  y=  0.1  15  is  obtained  with  a  false 
failure  load  flux  of  1498  N/mm  at  a  resulting 
false  shear  ultimate  stress  x  =  63  MPa,  as  said 
before. 

In  the  elasto-plastic  adhesive  approach,  a  more 
realistic  value  of  failure  load  flux  of  953 
N/mm  at  a  ultimate  stress  of  x  =  22  MPa  is 
obtained. 


Bolted  Joint 

The  analysis  for  the  bolted  joint  has  been 
performed  in  order  to  evaluate  its  global  load 
carrying  capability:  a  fully  elastic  behaviour  of 
the  components  has  been  considered. 

The  whole  load  is  now  completely  sustained  by 
the  bearing  load  capability  of  doublers  and 
skins. 

Load  transfer  from  titanium  bolt  to  sandwich 
panel  has  been  simulated  in  the  mathematical 
model  with  a  radial  connection  between  the 
bolt  elements  and  the  sandwich  elements  in 
order  to  guarantee  pressure  load  application  at 
the  hole  edge. 

The  load  flux  under  which  failure  is  estimated 
to  occur  in  the  most  stressed  elements  around 
the  hole  edge  of  the  composite  skin  is  380 
N/mm . 

Bonded/Bolted  Joint 

The  same  considerations  made  for  the  previous 
type  of  joint  are  still  valid  except  that  in  this 
case  the  load  is  now  sustained  by  both  the 
bearing  and  bonding  load  carrying  capability 
of  the  joint. 

The  load  flux  under  which  failure  is  estimated 
to  occur  in  the  most  stressed  elements  around 
the  hole  edge  of  the  composite  skin  is  1 195 
N/mm,  so  the  presence  of  the  adhesive  layer 
causes  a  good  increase  in  the  strength  to  failure 
of  the  simply  bonded  joint  (953  N/mm). 

The  advantage  of  having  bonded/bolted  joints 
is  therefore  not  only  limited  to  a  strength 
reserve  approach  but  leads  as  well  to  a 
considerable  improvement  in  the  load  carrying 
capability  of  the  joint  itself. 

As  is  clearly  shown,  the  resulting  load  flux  for 
a  bonded/bolted  joint  is  obtained  by  the  quasi¬ 
addition  of  the  simply  bonded  and  simply 
bolted  contributions. 


AOHCStVE  SHEAR  STRESS  (MPa 


ADHESIVE  PEELING  STRESS  (MPa) 
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MECHANICAL  TEST 

A  short  test  campaign  has  been  conducted  on 
a  limited  number  of  5  specimens  in  order  to 
assess  their  strength  characteristics  practically. 
The  used  tensile  test  machine  was  a  Zwick 
with  a  maximum  load  capability  of  25  tons. 
The  load  has  been  applied  at  a  speed  rate  of 
0.15  KN/min  and  the  failure  load  fluxes 
obtained  for  each  one  of  the  5  specimen 
configuration  previously  reported  in  Table  2 
are  here  below  listed  in  Table  5. 


Table  5  -  Specimen  Test  Results 


Specimen 

Failure 

Fluxes 

[N/mm] 

Type  of 
Failure 

1 

350 

Peeling  of 
CFRP  skin 
at  end  B 

2 

250 

Bearing  at 
end  B 

3 

300 

Peeling  of 
CFRP  skin 
at  end  A 

4 

340 

tt 

5 

430 

"  at  end  A 
plus 

Bearing  at 
end  B 

As  it  is  possible  to  see  from  this  Table  in  none 
of  the  specimens  (1,3, 4, 5)  is  the  failure  mode 
due  to  adhesive  failure  so  it  can  be  practically 
said  that  the  adhesive  layer,  at  the 
experimentally  evaluated  failure  load  fluxes,  is 
just  working  in  its  elastic  field  and  the  plastic 
region  is  therefore  never  reached  because  of  a 
lower  limit  in  strength  imposed  to  the  joint  by 
the  peeling  of  the  CFRP  layer  directly  close  to 
the  glue  and  the  resin  interlaminar  shear 
strength  capability. 

It  must  be  underlined  that,  generally  speaking, 
a  limitation  in  the  failure  load  of  the  joints,  is 
currently  due  to  the  composite  material  and  not 
to  the  adhesive  behaviour;  this  is  applicable 
also  to  other  types  of  resin-to-  fibre 
combination 


The  occurring  type  of  peeling  failure  is 
represented  in  Fig.  17  and  practically  shown  in 
Fig.  18. 

A  different  matter  is  the  bearing  behaviour  of 
the  joint  (specimen  2)  for  which  a  lower  value 
in  load  flux  of  250  N/mm  has  been  obtained, 
but  again  due  to  the  resin  behaviour. 

Fig.  17  Peeling/Interlaminar  Shear  Failure 


Fig.  18  Tested  Specimen 
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ANALYSIS  AND  TEST  RESULTS 
COMPARISON 

First,  a  comparison  is  reported  for  hand 
calculations  and  FE  analysis  results. 

For  the  adhesive  thickness  of  0.15  inm  under 
pure  elastic  behaviour,  very  close  values  for 
load  fluxes  of  493  N/nitn  O^and  calculation) 
and  of  522  N/mni  (FE  analysis)  have  been 
found. 

The  same  consideration  can  be  made  for  the 
elasto-plastic  behaviour  for  which  load  fluxes 
of  1083  N/mm  (hand  calculation)  and  of  953 
N/mm  (FE  analysis)  have  been  evaluated. 
Then,  good  comparison  is  also  obtained  for  the 
opeel  stresses. 

The  very  slight  differences  between  the  two 
calculation  methods  are  therefore  a  further 
confirmation  of  formulae  validity  for  bonded 
joints  preliminary  evaluation. 

For  simply  bolted  joints,  a  strict  similarity  in 
load  fluxes  has  been  demonstrated  between  a 
dedicated  software  [RD3j,  i.e.  (320  N/mm), 
and  the  FE  analysis  (380  N/mm). 

For  bonded/bolted  joint  the  only  evaluation  has 
been  carried  out  by  means  of  FE  analysis  and 
a  load  flux  of  1 195  N/mm  has  been  estimated 
so  confirming  the  advantage  of  having  both 
bonding  and  bolting  w.r.t.  simply  bonding  (953 
N/mm)  as  a  strength  reserve  for  the  joint. 
Second,  the  comparison  to  the  test  results  must 
be  carefully  evaluated,  mainly  due  to  the 
limited  number  of  specimens. 

In  any  case,  it  is  pos.sible  to  say  that  a  fairly 
good  correlation  can  be  made  as  long  as  the 
adhesive  behaves  in  the  elastic  way  becau.se,  as 
previously  said,  its  pla.stic  behaviour  is  never 
developed  due  to  a  premature  failure  in 
composite  skin. 

For  the  just  bonded  option,  the  estimated  load 
of  about  500  N/mm  (pure  elastic)  and  the 
obtained  results  of  300  to  350  N/mm  must  be 
seen  as  the  peeling/interlaminar  shear  effects 
on  the  resin  which  imposes  a  strong  elastic 
behaviour  on  the  glue. 

For  the  just  bolted  option,  the  obtained  result 
of  250  N/mm  is  comparable  with  the  about 
300  N/mm  analytically  evaluated. 

Finally,  the  superimposition  of  glue  and  bolt 
increases  the  actual  load  capability 
significantly  as  demonstrated  by  calculations. 


CONCLUSIONS 

The  results  of  the  mechanical  tests  have 
demonstrated  the  suitability  of  the  joint  design. 
The  measured  properties  have  met  the  initial 
strength  requirement,  as  the  achieved  values 
are  above  the  acceptance  limit. 

However,  the  type  of  joint  failure  suggests 
some  general  considerations  concerning  design 
optimization  and  further  studies  could  be 
dedicated  to  modifying  doubler  extension  and 
thickness  as  well  as  to  extend  its  tapering 
length  for  a  better  distribution  of  the  load. 
Changes  in  the  design  of  external  adherent  free 
ends  (such  as  tapering)  could  reduce  peel  stress 
concentration. 

In  any  case,  even  considering  that  there  is  still 
enough  room  for  improvement,  the  initially 
foreseen  research  objectives  are  considered 
achieved. 
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1.  ABSTRACT 

Nowadays,  the  manufacturing  techniques 
include  more  and  more  frequently  the 
assembling  of  different  materials,  each 
dedicated  to  fulfil  one  or  several  requirements 
of  the  final  assembly.  Product  designers  are 
therefore  induced  to  consider  adhesive 
bonding  of  thermoplastic  materials,  either 
between  themselves  or  to  other  materials. 
Adhesive  bonding  offers  several  advantages: 
weight  reduction,  better  stress  distribution  in 
the  joint,  sealing  and  insulation,... 

However,  this  type  of  assembly, 
especially  when  the  adherents  are 
thermoplastics,  raises  many  questions  about 
the  performances  in  terms  of  mechanical 
resistance,  durability,  and  also  about  the 
reliability  and  the  control  of  the  joints. 

This  presentation  will  consider  the  four 
design  steps  which  are  of  primary  importance 
for  the  conception  of  an  assembly  by  adhesive 
bonding: 

-  adhesive  selection:  simple  rules  will  be 
presented  for  the  selection  of  the  families  of 
adhesives  that  will  meet  the  requirements  of 
the  assembly.  Additional  qualification  tests 
will  be  suggested,  which  will  help  refine  and 
optimise  the  selection. 

-  material  behaviour:  the  second  part  will 
show  how  the  performance  of  the  bonded 
joint  are  influenced  by  the  properties  of  the 
adherent  material,  by  the  presence  of 
additives  like  demoulding  agents,  fillers, 
plasticizers  and  stabilisers,  by  slight 
modifications  in  the  formulation  of  the 
thermoplastics,  and  even  by  processing 
conditions  during  fabrication  of  the 
adherents. 


-  surface  treatment:  the  third  topic  will  be 
the  importance  of  surface  treatment  before 
bonding,  the  parameters  of  which  have  to  be 
carefully  determined 

in  order  to  have  good  and  reproducible 
performances. 

-  overall  joint  shape:  Finally,  the  paper  will 
address  the  problem  of  the  overall  design  of 
the  joint  shape,  which  must  be  optimised  by 
taking  into  account  the  various  constraints 
applied  to  that  assembly. 

2.  INTRODUCTION 

Assembly  techniques  have  evolved  very 
much  in  those  20  last  years,  mainly  in  order  to 
meet  the  requirements  of  more  and  more 
dedicated  and  sophisticated  products, 
gathering  the  specifications  for  the  design 
(shape,  ergonomics),  the  mechanical 
performances,  and  the  reliability.  In  all  the 
sectors  of  the  industry,  new  materials  are 
joined  together. 

Thermoplastic  materials  are  well  known 
today  for  their  ability  to  give  rise  to  parts  with 
complex  shapes  in  one  shot,  by  injection 
moulding  mainly.  But  they  often  need  to  be 
joined  to  other  materials  to  improve,  in  most  of 
the  cases,  their  mechanical  performances 
(stiffness,  static  resistance,...)  or  their  external 
aspect. 

One  of  the  most  effective  techniques, 
sometimes  the  only  one,  for  the  assembly  of 
thermoplastic  materials  together  or  with  other 
materials,  is  the  adhesive  bonding.  However,  a 
careful  management  of  the  process  must  be 
carried  out,  from  the  design  of  the  bonded  joint 
until  the  control  of  the  process  parameters,  in 
order  to  insure  the  reliability  and  the  durability 
of  the  assembly. 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites” ,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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3.  ADHESIVE  SELECTION:  THE 

DIFFERENT  TYPES  OF  ADHERENTS 
AND  ADHESIVES. 

Thermoplastic  materials  are  a  priori 
difficult  to  assemble  by  adhesive  bonding.  The 
main  reason  for  this  is  the  weakness  of  their 
surface  energy,  that  prevents  them  from 
insuring  a  good  wettability  of  the  adhesive  on 
the  substrate.  Some  of  them  are  particularly 
critical  in  this  respect:  PTFE’s,  the 
polyolefines,  and,  to  some  extent,  the 
polyamides. 

The  first  question  to  answer  in  the 
selection  process  of  the  adhesive  system,  is 
the  functionality  of  the  assembly. 

3.1.  Adhesive  bonding  of  identical 
thermoplastic  substrates. 

When  the  assemble  concerns  two 
identical  thermoplastic  substrates,  three 
solutions  are  to  be  taken  into  account  at  first: 

-  Design  of  a  unique  part.  Injection  moulding 
allows  to  realise  complex  parts  and  one  of  the 
most  important  advantages  of  this 
manufacturing  technique  is  to  reduce  the 
number  of  components  of  an  assembly.  The 
decision  to  replace  an  adhesive  bonding  by  the 
design  of  a  unique  part,  will  depend  on: 

•  The  cost  of  the  modifications  to  bring  to  the 
mould,  in  terms  of  machining  of  the  mould, 
and  in  production  time. 

•  The  size  of  the  series 

•  The  cost  and  time  of  surface  preparation 
and  bonding  operations. 

-  Welding  of  the  adherents.  This  is  practicable 
by  fusion  of  the  materials,  or  by  ultrasonic 
methods.  The  design  of  the  joint  must  be 
adapted  to  the  technique  used. 

-  Adhesive  bonding  with  solvent-based 
adhesives  of  the  same  polymer  as  the 
substrates.  Some  thermoplastics,  like  PVC, 
PMMA,  polystyrene,  polyamide,  may  be  solved 
easily  with  adhesives  containing  the  same 
polymer  in  solution.  The  upper  layers  of  the 
substrates  are  dissolved,  and  when  the  solvent 
evaporates,  the  joint  is  similar  to  the  result  of  a 
welding. 

-  Welding  and  solvent-based  adhesive  bonding 
have  their  drawbacks.  One  of  the  most 
important  is  the  weakness  of  the  joint  in  terms 


of  mechanical  resistance,  due  to  stress 
cracking,  and  also  to  the  fact  that,  with 
adherents  made  of  filled  thermoplastics,  the 
material  of  the  joint  is  not  identical  to  the  one 
of  the  substrates. 

3.2.  Adhesive  bonding  of  different 

materials 

When  the  two  adherents  are  completely 
different,  or  when  the  former  solutions  did  not 
give  satisfactory  results,  it  is  necessary  to  find 
an  adhesive  compatible  with  the  two 
substrates. 

At  this  time,  the  overall  functionality  of  the 
assembly  must  be  defined,  and  a  choice  has 
to  be  made  between: 

-  Adhesive  bonding  for  positioning  or  tightness, 
that  do  not  participate  to  the  mechanical 
performances  of  the  assembly. 

-  «  Structural  »  adhesive  bonding,  that  may  be 
defined,  in  the  case  of  thermoplastic 
adherents,  as  a  bonding  where  the  joint  has  a 
mechanical  resistance  at  least  as  good  as  the 
substrate,  for  the  constraints  to  which  it  will  be 
submitted. 

In  the  first  case,  the  adhesive  will  be 
chosen  between  pressure  sensitive  tapes, 
mastics,  elastomeric  adhesives,  hot  melts,  and 
the  criteria  will  be  the  cost  of  the  adhesives 
and  of  the  application  material,  and  the 
manufacturing  parameters  (cycle  time, 
automation,  pressure,  temperature). 

In  the  second  case,  the  choice  will 
probably  be  made  between  thermoset 
adhesives  (epoxys,  acrylates,  polyurethanes). 
Between  those  adhesives,  the  best  suited  will 
be  chosen  by  comparing  the  requirements  of 
the  assemble  and  the  mechanical  behaviour  of 
the  adhesive,  in  terms  of  static  and  dynamic 
stresses,  temperature  resistance,  durability, 
flexibility. 

As  the  most  critical  problems  occur  when 
dealing  with  structural  bonding,  only  those 
assemblies  will  be  considered  in  the  following. 

When  the  substrates  have  been  carefully 
chosen,  taking  into  account  their  intrinsic 
characteristics  but  also  their  ability  to  be 
bonded,  some  simple  rules  may  be  applied  for 
the  choice  of  one  or  two  families  of  adhesives. 
From  the  analysis  of  the  specifications  sheet  of 
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the  assembly,  it  is  easy  to  determine  the  most 
important  of  those  specifications,  what  we  will 
call  «  priority  1  »  specifications. 

Some  examples  of  simple  rules; 

-  If  the  assembly  asks  a  very  fast  curing,  if  the 
joint  is  very  thin,  if  the  temperature  and 
humidity  in  service  are  low  and  the  loads  are 
static,  cyanoacrylates  may  be  considered  as  a 
solution. 

-  If  the  assembly  must  receive  very  high  static 
loads  during  a  long  time,  epoxy  resins  will  be  a 
good  choice. 

-  When  the  adherents  are  subjected  to  high 
decreases  and  increases  in  temperature, 
polyurethane  may  be  the  first  choice. 

Though  it  is  possible,  in  each  family  of 
adhesives,  to  find  special  formulations  who  will 
decrease  the  weaknesses  of  the  common 
adhesives  of  this  family,  it  is  better  to  select 
the  family  whose  general  properties  will  meet 
the  «  priority  1  »  specifications. 

The  other  specifications  will  help 
aftenwards  to  choose  two  or  three  adhesives 
belonging  to  the  selected  family,  or  families.  It 
is  worthwhile  that  this  final  choice  is  assessed 
with  the  help  of  tests.  Those  tests  will  be 
performed  on  samples  (standardised  tests)  or 
on  the  assembly  itself  when  possible  (tests  in 
« real  »  situation). 

4.  THE  BEHAVIOUR  OF  THE  MATERIAL. 

There  is  a  huge  variety  of  adhesives 
(between  2000  and  3000).  There  is  also  a 
great  number  of  possible  applications,  in 
different  sectors  of  the  industry,  for  the 
adhesive  bonding  of  thermoplastics.  But  the 
types  of  adherents  offer  also  a  big  variety  of 
chemical  and  physical  properties. 

It  is  therefore  important  to  identify  the 
determining  factors  leading  to  a  constant 
quality  in  the  behaviour  of  the  joint,  and  to 
control  those  parameters  throughout  the 
manufacturing  process.  For  the  thermoplastic 
adherent  itself,  those  parameters  are 
numerous.  The  characteristics  of  the  adherent, 
and  therefore  its  ability  to  be  bonded,  depend 
on  its  composition  and  on  its  manufacturing 
parameters. 


4.1 .  The  components 

Two  thermoplastics  from  the  same  family, 
but  coming  from  different  manufacturers,  may 
have  different  adherence  properties:  Jhose 
materials  contain  different  kinds  of  fillers  and 
additives,  and  the  manufacturers  do  not  reveal 
the  exact  nature  and  ratios  of  all  those 
additives: 

•  Internal  demoulding  agents  are  often  added 
to  injected  thermoplastics,  in  order  to  allow 
an  easy  demoulding  of  the  part  from  the 
mould.  Those  agents  act  by  migration 
towards  the  surface  of  the  part,  and  have 
therefore  an  harmful  influence  on  the 
adherence  performances  of  the  substrate. 
This  bad  influence  may  grow  with  the  time, 
if  for  example  the  assembly  is  submitted  to 
high  temperatures  and  if  the  adhesive  is  not 
able  to  prevent  the  migration  of  the 
demoulding  agent. 

•  Antioxidants  are  added  to  thermoplastics  to 
prevent  fast  ageing  of  the  materials.  Those 
antioxidants  react  with  the  free  radicals 
generated  by  the  UV  rays.  However,  this 
oxidation  is  sometimes  needed  to  increase 
the  surface  energy,  and  so  the  adherence 
properties,  of  the  material. 

•  Fillers  are  mixed  to  the  material  to 
decrease  its  price  and  modify  its  physical 
(mechanical,  electrical,  optical,...) 
properties.  The  fillers  will  generally  have  an 
influence  on  the  adherence  properties  of 
the  material.  This  influence  is  often 
beneficial. 

•  Plastifiers  and  stabilisers,  added  to  the 
plastics  to  improve  their  impact  behaviour, 
are  also  subject  to  migration  towards  the 
surface,  which  becomes  fat  and  oily.  This 
happens  mainly  with  polyolefines  and  with 
the  materials  that  are  manufactured  at  high 
temperatures. 

The  polymers  themselves,  even  belonging 
to  the  same  family,  may  have  different 
chemical  compositions.  Let  us  consider  for 
example,  the  different  kinds  of  polyamides  (PA 
6,  PA  66,  PA  12,...).  Their  mechanical 
characteristics  (Young  modulus,  stiffness, 
flexibility,  surface  energy)  may  differ  very 
much  from  one  to  another.  The  surface  energy 
differs  from  one  polyamide  to  another, 
depending  also,  as  we  have  previously  seen, 
on  their  contents  in  additives.  Consequently, 
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the  ability  of  those  plastics  to  be  bonded,  differ 
very  much. 

Some  thermoplastics  like  ABS  or  SAN, 
are  copolymers,  or  alloys  of  different  polymers. 
The  control  of  the  ratio  of  the  different 
polymers  allows  to  control  the  mechanical 
properties,  the  surface  appearance,  the 
chemical  characteristics  (resistance  to 
chemical  agents,  ageing)  of  the  final 
copolymer.  Necessarily,  variations  in  the  ratios 
will  influence  the  adherence  properties. 

In  conclusion,  if  the  adherence  of  one 
substrate,  with  a  given  composition,  is  well 
known  and  characterised  with  one  type  of 
adhesive,  it  is  really  essential  that  the  chemical 
composition,  the  contents  in  additives,  fillers, 
and  eventually  reinforcing  materials  is  strictly 
controlled  and  guaranteed  by  the  supplier. 
When  modified,  the  material  must  be  tested 
again  with  adherence  tests  or  surface  energy 
measurements.  But  the  variations  in  the 
composition  of  the  material  must  also  be 
combined  with  the  processing  conditions. 

4.2.  The  processing  conditions 

The  manufacturing  conditions  of  the 
plastic  parts  have  also  a  strong  influence  on 
the  physical  properties,  the  surface  state  and 
therefore  the  adherence  properties,  of  the 
material. 

When  modifying  the  temperature, 
pressure,  injection  speed  in  the  injection 
moulding  process,  for  example,  the  following 
properties  of  the  substrate  may  change: 

•  The  crystallinity  ratio,  and  the  size  of  the 
crystallites  will  change,  influencing  the 
possibilities  of  migration  of  certain  additives 
to  the  surface. 

•  The  molecular  chains  will  be  more  or  less 
oriented,  depending  of  the  flow  orientation 
during  the  injection  stage. 

•  Shrinkage  phenomena  will  be  more  or  less 
important,  depending  on  the  injection 
parameters.  With  the  shrinkage,  the 
flatness  of  the  surface  to  be  bonded,  and 
therefore  the  thickness  of  the  joint,  may  be 
affected. 

•  Depending  on  the  processing  conditions, 
some  polymers  (polyamide,  PET)  will  tend 


to  absorb  water  and  to  swell,  inducing 
internal  stresses  in  the  joint. 

We  can  see  that  if  the  assembly  is  critical, 
that  is,  if  the  mechanical  performances,  must 
be  well  known  and  controlled,  or  if  the 
durability  of  the  assembly  must  be  guaranteed, 
it  is  important,  not  only  to  control  the  assembly 
process  itself,  but  also  the  manufacturing 
process  of  the  thermoplastic  components. 

This  is  not  always  possible  to  do.  In  many 
cases,  however,  a  suitable  surface  treatment 
will  bring  the  material  in  a  state  where  the 
most  significant  variations  in  the  manufacturing 
processes  wiil  be  rubbed  out. 

5.  THE  SURFACE  TREATMENTS. 

At  the  light  of  the  former  chapter,  the  aim 
of  the  surface  treatment  of  the  thermoplastics, 
may  be  described  as  a  double  aim: 

•  To  get  as  much  as  possible  a  reproducible 
state  for  the  substrates  surface, 

•  To  optimise  the  adherence  properties  by 
increasing  the  surface  energy. 

We  will  distinguish  three  types  of  pre¬ 
treatments: 

•  The  surface  preparation  (degreasing) 

•  The  mechanical  treatments  (grinding, 
blasting) 

•  The  physical  pre-treatments  (flame, 
plasma,  CORONA) 

The  first  operation  (degreasing  with 
solvents)  is  always  required,  mainly  in  order  to 
achieve  the  first  aim  (reproducible  results). 
This  will  remove  dust  and  oils,  demoulding 
agents  and,  to  a  certain  extent,  the  additives 
that  had  moved  towards  the  surface  of  the 
substrate.  However,  this  treatment  does  not 
have  any  influence  on  the  adhesive  strengths 
of  the  substrate,  and  gives  rise  to 
environmental  problems. 

The  second  operation  (grinding  or 
blasting)  is  not  required  with  thermoplastic 
substrates,  and  gives  good  results  only  if  the 
demoulding  agents  may  not  be  removed  by 
degreasing,  the  improvement  of  the  surface 
roughness  does  not  improve  the  adherence 
properties  of  the  material. 
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5.1.  Physical  pre-treatments 

Physical  pre-treatments  are  required  for 
the  substrates  with  a  weak  surface  energy. 
The  aim  of  this  surface  treatment  is  to 
increase  the  polar  part  of  the  surface  energy. 
This  is  obtained  by  an  oxidation  of  the  surface. 
The  three  available  treatments  for  this  are 
CORONA,  plasma  and  flame  treatment. 

The  benefits  and  drawbacks  of  those 
treatments  have  been  described  by  several 
authors,  and  each  treatment  has  its  supporters 
and  its  opponents.  When  applied  properly, 
each  of  those  pre-treatments  improves  the 
adherence  properties  of  the  substrates.  To 
summarise,  CORONA  treatment  is  mainly 
applicable  for  the  pre-treatment  of  plastic  films, 
the  flame  treatment  is  efficient  when  the 
surface  to  be  treated  is  not  too  complex,  and 
plasma  treatment  is  applicable  to  complex 
shapes,  but  is  a  batch  process  that  takes  a  lot 
of  time. 

For  each  of  these  treatments,  a  careful 
setting  and  control  of  the  treatment  parameters 
is  requested.  For  the  plasma  treatment,  for 
example,  the  use  of  common  values  for  the 
parameters  (pressure,  time  and  intensity  of  the 
treatment),  will  give  adherence  strengths  on 
substrates  like  polyolefines  which  do  not  have 
any  adherence  strength  without  a  treatment, 
but  a  thorough  tuning  of  those  parameters, 
varying  with  the  type  of  plasma  chamber,  the 
type  of  substrate  and  the  gas  used  for  the 
plasma,  will  increase  the  adherence  strengths 
by  a  factor  of  two  or  three! 

The  flame  treatment  has  been  criticised, 
namely  for  its  lack  of  precision  and  the  bad 
reproducibility  of  the  results.  But  if  the 
composition  of  the  flame  and  the  distance 
between  the  surface  and  the  flame  are 
constant  and  well  controlled,  and  if  the 
substrates  passes  at  least  two  times  in  the 
flame,  the  increase  in  the  adherence  strengths 
are  even  better  than  with  the  plasma 
treatment,  and  the  variation  in  the  results, 
when  measuring  the  adherence  strengths,  may 
be  less  than  5%. 

For  an  industrial  process,  the  flame 
treatment  is  well  suited  if  the  surface  to  be 
treated  is  simple,  so  that  the  distance  between 
the  flame  and  each  point  of  the  surface  to  be 
treated  is  always  the  same.  The  process  must 
be  automated  and  is  very  fast. 


Following  the  conditions  of  process,  the 
type  of  substrate  and  the  type  of  treatment,  the 
thickness  of  the  treated  layer  on  the  surface 
will  be  different.  The  durability  of  the  treatment, 
that  will  drive  the  time  between  the  pre- 
treatment  and  the  bonding  operation,  will 
depend  on  the  type  of  substrate  and  the 
thickness  of  the  treated  layer. 

If  the  intensity  of  the  treatment  is  too  low, 
the  layer  is  too  thin  and  not  homogeneous.  If 
the  intensity  of  the  treatment  is  too  high,  the 
surface  energy  of  the  upper  layers  is  very  high, 
but  those  layers  are  damaged,  and  the 
cohesive  strengths  between  these  layers  and 
the  bulk  material  are  lowered. 


6.  DIMENSIONING  OF  THE  JOINT. 


Let  us  consider  the  single  lap  shear  test, 
where  the  shear  stresses  are  obtained  by 
One  of  the  main  advantages  of  the  traction  on  the  two  substrates.  The  non 

adhesive  bonding  on  the  other  methods  of  symmetric  character  of  the  joint  induces  flexion 

assembly,  is  the  better  distribution  of  the  constraints  in  the  neighbourhood  of  the.  joint, 

constraints  throughout  the  joint.  This  is  only  Those  localised  constraints  cause  the 

true  when  the  joint  has  been  well  designed.  substrate  to  break  for  values  of  the  traction 

Amongst  the  static  loads  to  which  the  joint  is  strengths  notably  lower  than  the  traction 

submitted  (cleavage,  pealing,  compression,  strength  needed  to  break  a  traction  test  piece 

traction,  shear),  only  shear  strengths  of  the  same  thermoplastic, 

guarantee  that  the  distribution  of  the 

constraints  throughout  the  joint  is  almost  In  fact,  the  introduction  of  a  discontinuity 

uniform.  in  the  material,  like  a  bonded  joint  stiffer  than 

the  material  itself,  causes  parasitic  strengths 
The  joint  will  therefore  be  designed  to  be  weakening  the  substrate, 

mostly  constrained  in  the  shear  direction.  Even 
in  those  conditions,  and  particularly  with  the 
thermoplastic  substrates,  who  have  rather 
poor  mechanical  resistance,  the  bonded  joint 
itself  may  introduce  secondary  constraints, 
and  weaken  the  substrate  in  the 


neighbourhood  of  the  joint. 


I 


Traction  stresses 


in  the  longitudinal 
direction 
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7.  CONCLUSION. 

The  structural  adhesive  bonding  of 
thermoplastic  substrates  asks  to  know  very 
well,  not  only  the  mechanical  behaviour  of  the 
cured  adhesive,  but  also  the  characteristics  of 
the  substrate  and  even  the  history  of  its 
manufacturing  process.  This  will  come  to  the 
design  of  a  high  performances  and  high 
durability  bonded  joint.  The  adhesive  suppliers 
set  up  new  adhesives,  more  and  more 
dedicated  to  specific  applications  and  specific 
substrates,  but  in  each  case,  the  design  of  the 
joint  must  integrate  and  take  into  account  all 
the  parameters  described  before.  Adhesive 
bonding  must  not  be  considered  as  an 
alternative  to  another  solution,  or  a  repairing 
technique,  but  as  one  part  of  the  product, 
taken  into  account  in  all  the  stages  of  the 
design  and  manufacturing  operations,  from  the 
choice  of  the  basic  adherents  to  the  application 
of  the  adhesive. 
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DESIGN  LOADS  FOR  BONDED  AND 
BOLTED  JOINTS 


Section  1 

NON-LINEAR  LOADS  IN  THE  BONDED 

RAMP  REGIONS 

OF  HONEYCOMB  SANDWICH  PANELS 


Section  2 

BOLT  LOADS  IN  STATICALLY 
INDETERMINATE 


STRUCTURES 
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EF2000  AVIONICS  BAY 
ACCESS  DOOR 

HONEYCOMB  CONSTRUCTION 
BOLTED  JOINTS  (  WIDE  FASTENER  PITCH ) 


BOND  AND  BOLT  LOADS  IN 


STATTOATT.Y  INDETERMINATE 
STRUCTURES 

STATICALLY  INDETERMINATE 

t 

NON-LINEAR  EFFECTS 

T 

JOINT  STIFFNESS  IDEALISATION 

T 

FINITE  ELEMENT  MODEL 


V' 

DETAILED  STRENCTH  CALCULATIONS 
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NON-LEVEAR  LOADS  IN  HONEYCOMB 

PANEL  RAMPS 

1.  ACCURATE  APPLIED  FORCES  AND 
MOMENTS  ARE  REQUIRED  BEFORE 
ANY  STRESS  CALCULATIONS  CAN 
BE  DONE. 

2.  ASYMMETRIC  HONEYCOMB  PANEL 
SKIN  LOADS  ARE  NON-LEVEAR  FOR 
END  LOADING. 

3.  BAe  IS  DEVELOPING  A  METHOD  OF 
CALCULATING  THE  STRENGTH  OF 
THE  CRITICAL  RAMP  REGIONS. 
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OVERALL  END-LOAD  NON-LEVEARITY 
(TOTAL  PANEL) 


RAMP  NON-LINEAR  END-LOAD 
DISTRIBUTION  BETWEEN  SKINS 
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SUMMARY  OF  NON-LINEARITY 

1.  THE  ASYMMETRY  OF  THE  PANELS 
SHOULD  BE  CORRECTLY  MODELLED 
TO  HAVE  THE  CORRECT  END-LOAD 
STIFFNESS. 

2.  OVERALL  END-LOAD  NON-LINEARITY 
OF  A  COMPLETE  PANEL  IS  SMALL 
AT  TYPICAL  AIRCRAFT  STRAIN 
LEVELS. 

3.  LOCAL  NON-LINEAR  EFFECTS  CAN 
BE  QUITE  LARGE  AND  SHOULD  BE 


CONSIDERED. 
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SHEAR  IDEALISATION 


P  /  P  = 

^  12  Effective  '  ^12  - 

1 

G^2  “  shear  modulus  of 
(Effective  means  panel 
n  =  number  of  fasteners 
P  =  fastener  pitch 
T  =  panel  thickness 
a  =  panel  length 


1 _ 

nP"G,2T/(K  ah) 

panel 
bolts  ) 


- 

•  •  •  • 

• 

Gn 

« 

•  «  •  • 

• 

- - 

b  =  panel  width 
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END  LOAD  IDEALISATION 

F  =  1 

■*^11  Effective 

1/E,j  +  2PT/(aK) 

Ejj  =  end  load  modulus  of  panel 

( Effective  =  panel  +  bolts ) 

P  =  fastener  pitch 
Other  terms  as  above 
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SHEAR  AND  END  LOAD  STIFFNESS 
(MATRIX  FORMAT) 


M 


Modified 


1/T.  [F  /  T  +  B]  ’ 


M 


Modified 


Reduced  in-plane  stiffness  matrix 


(NASTRAN  MAT2  CARD) 

T  =  Thickness  F  =  In-plane  flexibility  matrix 
B  =  diagonal  bolt  flexibility  matrix 


B 


2b 

0 

0 

nKa 

0 

2a 

0 

mKb 

0 

0 

2b 

+ 

2a 

nKa 

mKb 
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CONCLUSIONS 

1.  DETAILED  STRESS  CALCULATION 
METHODS  EOR  BONDED  AND  BOLTED 
JOINTS  REQUIRE  THE  INPUT  OE 
ACCURATE  LOADS. 

2.  THE  OVERALL  STIFFNESS  OF 
HONEYCOMB  PANELS  AND  BOLTED 
JOINTS  MUST  BE  CORRECTLY 
REPRESENTED  IN  EE  MODELS. 

3.  LOCAL  NON-LEVEAR  EFFECTS  SHOULD 
BE  CONSIDERED  IN  HONEYCOMB 


PANEL  RAMPS. 
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TILTROTOR  TRANSPORT  BONDED  WING  DESIGN  SUMMARY 
Robert  V.  Dompka 

Structures  Research  and  Development 
Bell  Helicopter  Textron,  Inc. 

Fort  Worth,  TX  76101-0482,  USA 

Richard  C.  Holzwarth 

Structures  Design  Development  Branch,  Flight  Dynamics  Directorate 
USAF  Wright  Laboratory 
WPAFB,  OH  45433-6553,  USA 


SUMMARY 

This  paper  presents  the  results  of  research  and 
development  activities  conducted  under  Air  Force 
contract  by  Bell  Helicopter  Textron,  Inc.  (Bell)  to  apply 
advanced  design  and  manufacturing  technology  to 
reduce  production  costs  of  a  composite  tiltrotor 
transport  vehicle  wing.  Strength,  stiffness,  and  weight 
requirements  dictated  the  utilization  of  advanced 
composites.  This  paper  will  provide  a  desaiption  of 
the  effects  of  these  requirements  on  wing  torque  box 
design  and  the  analysis  used  to  size  major  structural 
components  and  joints.  Component  verification  test 
results  are  provided  to  support  the  design  decisions  and 
validate  the  analyses  and  structural  integrity.  Future 
plans  are  presented  for  a  full-scale  torque  box  structural 
test  as  demonstration  of  the  viability  of  the  final  design. 

INTRODUCTION 

The  Design  and  Manufacture  of  Low  Cost  Composites 
(DMLCC)  program  is  jointly  funded  and  managed  by 
the  USAF  Wright  Laboratory  Manufacturing 
Technology  and  Flight  Dynamics  Directorates.  The 
objective  of  this  effort  is  to  identify,  develop,  and 
demonstrate  through  manufacture  and  test  new 
structural  design  concepts  and  manufacturing  processes 
that  will  significantly  reduce  the  acquisition  cost  of 
advanced  composite  structures.  The  goal  of  the 
program  is  to  demonstrate  that  the  application  of  these 
processes  through  effective  design  can  reduce  the 
manufactured  cost  of  advanced  composite  structures  by 
50%  relative  to  current  advanced  composite  structure 
technology,  and  simultaneously  reduce  the  support  cost 
by  25%.  The  DMLCC  -  Bonded  Wing  (DMLCC-BW) 
contract  with  Bell  is  one  of  these  programs.  The  cost 
and  performance  baseline  from  which  progress  is 
measured  is  the  wing  torque  box  from  the  Full-Scale 
Development  version  of  the  V-22  tiltrotor  aircraft.  A 
new  wing  torque  box  structure,  matching  the  existing 
loft  line  and  accounting  for  all  system  integration 
requirements,  was  designed  under  this  program.  The 
design  exploits  several  high-risk/high-payoff 
technologies  that  have  potential  to  both  increase 
performance  and  reduce  cost  for  a  wide  range  of  future 
aircraft.  Unique  features  of  the  design  include  (1)  a 


relatively  soft  all-bias-ply  skin,  (2)  application  of  high- 
stiffness  pultruded  carbon  rods  to  wing  skin  stiffeners, 
(3)  bonding  of  fabric-based  RTM  rib  chords  to  these 
stiffeners  and  skins,  and  (4)  thermoplastic  rib  shear 
webs  with  bonded-on  thermoplastic  stiffeners.  The 
application  of  these  technologies  is  described  in  further 
detail  within  this  paper. 

The  DMLCC-BW  program  was  initiated  in  1991.  It 
was  established  as  a  three-phase  effort,  planned  and 
executed  around  a  building-block  approach: 

•  Phase  I  -  Advanced  wing  design,  and  element  and 
coupon  level  tests. 

•  Phase  II  -  Manufacturing  process  demonstration 
through  production  of  subcomponents  and  engineering 
verification  through  test  of  those  articles. 

•  Phase  III  -  Manufacture  of  two  full-scale  wing  box 
technology  demonstration  articles.  Currently,  these 
demonstration  articles  are  being  modified  to  prepare 
for  static,  durability,  damage  tolerance,  and 
survivability  testing.  These  tests  will  be  conducted  by 
the  USAF  Structures  Test  Branch  at  Wright 
Laboratory,  with  assistance  from  the  contractor.  Bell. 
All  three  phases  are  described  within  this  paper. 

Demonstration  of  low  cost  and  structurally  effective 
bonding  processes  was  critical  to  the  success  of  the 
DMLCC-BW  program.  The  baseline  structure  cost 
analysis  indicated  that  fabrication  of  small  composite 
parts  was  a  very  prominent  contributor  to  the  final 
manufactured  cost.  Additionally,  the  assembly  of  these 
numerous  small  details  was  a  significant  contributor  to 
the  total  assembly  cost  of  the  structure.  Therefore, 
recurring  cost  was  dominated  by  small  parts.  A  driver 
in  the  DMLCC-BW  approach  was  to  eliminate  these 
small  parts  through  designs  that  maximized  “structural 
unitization”  within  the  constraints  of  subsystem 
integration  and  required  structural  performance. 
Although  cocured  wing  skins  were  identified  early  as 
high  payoff,  it  was  also  recognized  early  in  the 
program  that  adhesive  bonding  was  required  in  order  to 
achieve  the  desired  structural  unitization  without  the 
tooling  cost  or  manufacturing  complexities  of  a  fully 
cocured  wing  box. 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites",  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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DESCRIPTION  OF  DMLCC  BONDED  WING 
DEMONSTRATION  ARTICLE 
The  structural  concepts  and  cost  benefits  identified  in 
the  DMLCC-BW  program  are  being  demonstrated 
through  the  fabrication  and  testing  of  two  wing  torque 
box  demonstration  articles.  The  demonstration  articles 
represent  a  full-scale  section  of  the  DMLCC-BW  wing, 
designed  to  meet  all  V-22  mission  performance 
requirements,  but  also  designed  to  utilize  low-cost 
manufacturing  processes  identified  within  the 
DMLCC-BW  program.  The  demonstration  articles  are 
a  constant  cross  section,  located  outboard  of  the 
sweep/dihedral  break,  but  inboard  of  the  wingtip  feed 
tank  (Fig.  1).  This  allows  the  DMLCC  demonstration 
articles  to  capture  all  of  the  critical  technology  features 
and  provide  high-fidelity  representation  of  the 
manufacturing  process.  The  design  approach  for  the 
DMLCC-BW  program  was  to  simplify  fabrication  by 
minimizing  tooling  aids  and  to  reduce  assembly  by 
designing  large  cocured  structure,  while  meeting  all 
structural  requirements  of  the  baseline  concept. 

The  demonstration  articles  are  a  five-rib,  four-bay 
section  having  the  correct  aerodynamic  contours. 
Upper  and  lower  wing  skins  are  “soft”  laminates, 
essentially  all  +45-degree  plies  fabricated  using  an 
automated  tape-laying  machine.  Hat-shaped  wing  skin 
stiffeners,  containing  pultruded  rod  packs,  run 
continuously  from  tip  to  tip,  with  five  stiffeners  on  the 
top  skin,  four  on  the  bottom.  The  bottom  skin  panel 
contains  an  access  door  representative  of  access  doors 
on  the  baseline  aircraft.  The  unique  pultruded  rod- 
reinforced  wing  skin  stiffeners  and  the  forward  and 
rear  spar  caps  are  manufactured  using  the  layer  of  rods 
machine  (developed  by  Bell)  and  are  integral  (by 
means  of  cocuring)  with  the  wing  skins.  The  wing  rib 
upper  and  lower  chords  are  fabricated  using  a  resin 
transfer  molding  (RTM)  process  and  are  adhesively 
bonded  to  the  upper  and  lower  wing  skin  and  skin 
stiffeners.  The  rib  shear  webs  are  fabricated  separately 
using  a  combination  of  thermoplastic  compaction  with 


Fig.  1.  Tlltrotor  showing  location  of 
demonstration  box. 


bonded-on  stiffeners  fabricated  from  the  same  material. 
The  spars  are  essentially  flat  shear  webs  stiffened  to 
resist  buckling.  The  web  section  is  fabricated  using  the 
tape-laying  machine;  the  separately  fabricated  spar 
stiffeners  are  cocured  to  the  webs. 

The  assembly  concept  consists  of  locating  the  upper 
and  lower  skin/rib  chord  segments  in  place  and 
mechanically  attaching  the  rib  shear  webs  to  the  rib 
chords.  The  spars  are  then  mechanically  fastened  to 
the  spar  web  attach  flanges  integral  to  the  upper  and 
lower  skins  and  the  rib  shear  webs.  The  installation  of 
access  doors,  which  are  a  structural  part  of  the  rib  shear 
webs,  completes  the  assembly  of  the  structure.  The 
full-span  DMLCC  bonded  wing  would  be  manufac¬ 
tured  in  the  same  manner  as  the  demonstration  article. 

TORQUE  BOX  DESIGN 

The  basic  design  concept  is  a  straightforward  beam  and 
shear  panel  design.  Almost  all  webs  are  shear  resistant 
to  ultimate  load.  The  wing  skin  and  web  areas  are  soft, 
made  from  bias  plies  only,  and  carry  the  majority  of 
shear  loads.  The  stringers  and  spar  caps  are  made 
predominantly  with  zero-degree  material  and  carry 
axial  compressive  and  transverse  loading.  The  load¬ 
carrying  portion  of  the  wing  is  a  semi-monocoque 
single-cell  thin-walled  section  with  the  forward  spar  at 
5%  chord  and  the  aft  spar  at  the  50%  chord  location. 
The  wing  consists  of  five  large  cocured  components: 
the  upper  and  lower  skins,  the  front  and  rear  spars,  and 
the  ribs  (Fig.  2).  The  overall  loads  and  geometry  were 
taken  directly  from  V-22  tiltrotor  design,  which 
already  addresses  fail-safe  design  features.  The  overall 
bending  at  the  tip  had  to  meet  the  proprotor  stability 
requirements  and  overall  tip  deflection  of  the  original 
design.  Torsional  and  chordwise  bending  stifi&iess 
matched  the  original  design.  No  strain  allowables  were 
assumed  to  start  this  design.  Strains  were  calculated 
based  on  the  material  required  to  fulfill  constant 
bending  stiffness  requirements.  The  constant  bending 
stiffness  feature  created  a  requirement  for  a  30% 
increase  in  strength  at  the  inboard  section  of  the  wing, 
where  the  design  becomes  strength  critical  instead  of 
stiffness  critical  (see  Fig.  3). 

WING  SKINS 

The  wing  skins  are  made  from  IM7/E7T1-2  prepreg 
tape.  This  is  a  toughened  resin  system.  The  integral 
hat  stiffeners  are  made  from  the  same  graphite  material 
with  precured  carbon-epoxy  rods  and  syntactic  resin 
core  interleaved  to  provide  axial  load-carrying 
capability.  The  rods  consist  of  carbon  fibers,  which 
remain  straight  during  the  curing  process  and  provide 
minimal  fiber  waviness  to  increase  compression 
carrying  capabilities  (see  Ref.  1).  The  stringer  taper 
angles  were  sized  based  on  tooling  requirements,  which 
enabled  the  rib  shear  ties  to  fit  up  in  one  step  during 
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50%  LOWER  MANUFACTURING  COST  VS.  V-22 

Fig.  2.  Exploded  view  of  torque  box,  showing  hats  and  rods,  bondline,  and  exploded  view  of  rib. 


assembly.  On  the  lower  skin,  the  middle  stringer  was 
eliminated  from  access  hole  bays  and  skin  pad-ups 
were  added  to  the  tooled  surface.  The  access  holes 
enable  installation  of  fuel  bags  and  maintenance  for 
this  dry  wing  design.  The  skins  have  a  unique  design 
in  that  the  soft  skins  are  entirely  made  up  of  bias  plies. 
The  axial  load  is  focused  into  the  hat  stringers.  Other 
unique  features  are  the  damage  tolerance  of  the  design, 
the  skin/rib/hat  all-bias  ply  interfaces,  and  the  higher 
compression  capability  of  the  stringers.  This  system  of 
precured  rods,  the  toughened  resin  system,  and  the  all¬ 
bias  skin  provided  the  inherent  damage-tolerance 
needed  for  the  requisite  30%  increase  in  strength  due  to 
the  simplified  cross  section.  This  increase  in  damage 
tolerance  has  been  demonstrated  by  component  tests. 

Assembly  and  cost  considerations  drove  the  need  to 
minimize  the  use  of  fasteners.  No  fasteners  were  used 
in  the  skins  on  aerodynamic  surfaces.  The  only 
fasteners  in  the  skins  were  at  the  spar  web-to-skin 
interfaces.  The  leading-edge  OLE)  and  trailing-edge 
(TE)  attach  features  were  incorporated  into  integral 
flanges  by  splitting  the  skin  plies  fore  and  aft  between 
the  flange,  which  is  perpendicular  to  the  skin  for  spar 


y30%  STRENGTH  ALLOWABLE  INCREASE  REQUIRED 
'v-22  VARIABLE  BEAMWISE  STIFFNESSv 


DMLCC  CONSTANT  BEAMWISE  STIFFNESS- 


TORSIONAL  STIFFNESS  - 
V-22  FSD  &  DMLCC 


2.54  3.18  3.81  4.44  5.08  5.72  6.35  6.99  7.62  8.26 

WING  STATION  (m) 

Fig.  3.  Bending  stiffness  vs.  wing  station. 

attachment,  and  a  horizontal  piece  for  LE/TE 
attachment.  An  angle  that  matched  the  flange  and 
overhang  portions  was  produced  separately  to  enable 
the  closeout  features  of  the  wing  to  be  attached. 


The  maximum  skin  strain  requirements  called  for 
-4,500  miCToinch/inch  (pin/in)  (-4,500  micro¬ 
millimeter/millimeter  [pmm/mm])  in  compression  and 
5,000  pin/in  (5,000  pmm/mm)  in  tension.  The  tiltrotor 
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environment  provides  a  highly  reversible  load 
requirement.  The  lower  skin  is  predominately  in 
tension  and  the  upper  skin  in  compression,  but  each 
skin  sees  up  to  80%  reverse  load  during  certain 
maneuvers.  Analysis  of  the  skins  consisted  of  standard 
column  buckling,  shear  panel  buckling  under  combined 
shear  and  compression  loads,  and  point-stress  analysis 
using  an  open-hole  compression  allowable.  A  global 
finite-element  model  (FEM)  using  ANSYS  was  made 
(see  Fig.  4)  to  determine  the  internal  load  distributions 
of  each  portion  of  the  structure.  Critical  aerodynamic, 
fuel,  and  mechanical  loads  from  the  tiltrotor  pylons 
were  applied  for  a  series  of  maneuvers  to  establish  the 
CTitical  load  conditions  for  various  parts  of  the 
structure.  These  loads  were  then  transferred  to  in- 
house  programs  based  on  classical  lamination  theory  to 
determine  the  local  margins  of  safety  for  structural 
details. 

SPAR  DESIGN  DETAILS 

The  spars  were  fabricated  using  IM7/E7T1-2  tape. 
Both  the  front  and  rear  spars  are  flat  laminates 
consisting  mainly  of  bias  plies.  They  attach  to  the 
integral  flanges  of  the  skin.  No  shear  buckling  is 
allowed  below  ultimate  load.  Various  portions  of  the 
spar  are  sized  by  fail  safe,  flight  maneuver,  jacking, 
and  tiedown  design  features  in  progression  from  root  to 
tip.  Based  on  the  analysis,  strains  are  not  critical, 
because  16  bias  plies  are  required  in  the  web  for 
torsional  stiffness  requirements.  Panel  breakers  were 
located  to  maintain  buckling  stability  to  ultimate  load. 
Rib-to-spar  joints  were  sized  to  resist  bending  due  to  a 
local  joggle  and  interrivet  buckling.  Both  spars  have 
zero-degree  tape  added  at  the  upper  and  lower  skin 
attachment  locations  to  meet  local  bending  stiffness 
requirements.  At  system  penetrations,  four-ply  padups 
were  added  to  prevent  buckling.  Local  details 
including  stiffener  spacing  and  systems  penetrations 
were  analyzed  using  local  and  interrivet  buckling 
analysis. 

RIB  DESIGN  DETAILS 

The  ribs  were  sized  for  skin  pulloff  loads  determined 
from  the  ANSYS  FEM  to  resist  aerodynamic,  fuel 
pressure,  and  hydraulic  ram  considerations.  Local 


Fig.  4.  Wing  ANSYS  finite-element  model. 


areas  between  stiffeners  were  sized  for  plate  buckling 
and  shear  resistant  stability  to  ultimate  load.  Laminate 
strain  for  an  open-hole  compression  condition  sized  the 
part  to  .1  inch  (2.54  mm)  thickness. 

ASSESSMENT  OF  STRUCTURAL  DESIGN/ 

INTEGRITY 

Analysis  and  Test 

Determination  of  shear  load  transfer,  tension  and 
compression  load  carrying  capability,  effects  of  low- 
speed  impact  damage,  environmental  effects,  and 
fatigue  life  were  investigated  through  limited  design 
support  tests.  A  building  block  approach  of  coupon, 
component,  and  subelement  test  specimens  was  used  as 
tooling  became  available  commensurate  with  program 
development.  The  tests  are  depicted  graphically  in  Fig. 
5  and  the  results  summarized  in  Table  1.  Each  of  the 
tests  were  correlated  with  analysis  used  to  size  wing 
components  or  joints  as  described  below. 

Towards  a  Bonded  Wing 

Two  primary  load-carrying  joints,  the  integral  hat  sec¬ 
tion  wing  stringer  cocured  interface  and  the  rib-chord- 
to-skin  interface,  rely  solely  on  resin  or  adhesive  to 
transfer  the  load.  No  fasteners  were  used  in  these 
joints,  which  alleviated  the  time-consuming  and  costly 
processes  of  drilling  countersunk  holes  in  composites, 
and  avoided  the  stress  concentrations  associated  with 
fastener  holes. 

Skin-to-stringer  interface  (cocured  joint) 

There  are  several  key  questions  which  analysis  had  to 
answer.  First,  is  the  skin-to-stringer  joint  going  to  be 
the  weak  link  in  a  compression  after  impact  scenario? 
This  is  the  critical  design  feature  for  most  of  the  wing 
skin  area.  Second,  does  the  bias  ply  transfer  the  loads 
to  the  axial  load  members,  the  rods,  efficiently  enough 
to  develop  the  full  axial  capabilities  of  the  rods?  The 
ramifications  of  these  issues  are  addressed  in  Refs.  2 
and  3.  Although  there  is  no  adhesive  between  the  skin 
and  stringers,  this  interface  experiences  significant 
load  transfer  and  the  laminating  resin  acts  as  the 
attachment  feature.  This  joint  posed  some  unique 


Fig.  5.  Structural  test  elements. 


22-5 


Configuration 

Load 

(N) 

Measured  Rod 
strain  stress 

(pinm/mm)  (MPa) 

Comments 

No  damage 

613,824 

-7,800 

1,130 

Skin  buckled 

Impact  at  edge 

684,992 

-8,200 

1,365 

Skin  buckeld 

Inrnact  at  center 

636,064 

-7,400 

1,220 

Skin  buckled 

1/4-inch  holes  in  WE  658,304 

-8,200 

1,213 

Skin  buckled 

Average 

640,512 

-7,900 

1,200 

-6,700  microstrain  (jimin/mm)  desired. 

Adequate  margin  achieved  to  account  for  scatter  and  environmental 
effects. 


C.  Rib-to-sldn  joint  pulloff. 


Rib  chord 
type 

Test 

type 

Environmental 

conditions 

Failure 
load  (N) 

Failure  mode 

TS 

Static 

Cold  dry 

44,480 

Tension  in  rib  chord 

TS 

Static 

Room  temp 

46,259 

Tension  in  rib  chord 

TS 

Static 

Hot  wet 

51,152 

Tension  in  rib  chord 

RTM 

Static 

3  cold  dry 

41,366 

Tension  in  rib  chord 

RTM 

Static 

3  room  temp 

41,144 

Tension  in  rib  chord 

RTM 

Static 

2  hot  wet 

36,648 

Tension  in  rib  chord 

RTM 

Fatigue 

1  hot  wet 

24,464 

Bondline 

Design  ultimate  load  =  19,282  N 

TS  =  thermoset 

RTM  =  resin  transfer  molded 


-  BW  test  results. 

B.  Single  stringer  bendini 


Test 

type 

Damage 

Load 

(N) 

Strain  (umm/mm) 
Corn- 

Tension  pression 

Cycles 

Com¬ 

ments 

Static 

None 

124,988 

14,800 

-8,300 

- 

Tension 
in  cap 

Fatigue 

None 

44,480 

5,500 

-2,500 

1,000,0 

00 

No 

failure 

Residual 

strength 

116,982 

13,800 

-7,200 

- 

Tension 
in  cap 

Fatigue 

None 

44,480 

5,500 

-2,800 

500,000 

No 

failure 

Fatigue 

1,327  J 
and  a 
scratch 

44,480 

5,500 

-2,800 

500,000 

No 

damage 

No  significant  loss  of  residual  strength  at  1  million  cycles  design 
ultimate  load. 

No  damage  growth  for  barely  visible  impact  damage  (BVID)  or 
scratch. 

_ D.  3-stringer  compression  panels. _ 

Calculated 


Impact 

Failure 

linear  failure 

Panel 

energy 

Environmental 

load 

strain 

No. 

Design 

(j) 

conditions 

(kN) 

(pmm/mm) 

1 

Baseline 

2,212 

Room  temp 

1,869 

6,720 

2 

Baseline 

2,212 

Room  temp 

1,623 

5,840 

3,4 

Baseline 

2,212 

Hot  wet 

1,531 

5,510 

5 

Baseline 

10,617 

Room  temp 

1,242 

4,470* 

6 

90  plies 

1,327 

Room  temp 

1,978 

7,115 

7 

Z  spikes 

2,212 

Room  temp 

1,835 

6,600 

Design  ultimate  load  =  1,252  kN 

Design  ultimate  strain  =  4,500  fimm/mm 

•Compare  to  1.3  limit  =  3,900  pmm/mm  due  to  impact  energy 


Table  1.  DMLCC 

A.  Single  stringer  compression. 


challenges  to  classical  FEM  plate  elements  due  to  the 
thickness  of  the  rod  packs  and  planks.  Some  issues 
also  arise  when  considering  the  conventional  approach 
to  generating  allowables  for  the  rod  packs  themselves. 
Ref.  3  provides  discussion  of  material  allowables 
generation.  An  in-depth  study  of  the  stringer-to-skin 
interface  (Ref.  2,  Fig.  6)  suggests  that  the  syntactic- 
resin-core-to-bias-ply-skin  interface  does  have  enough 
load  transfer  capability  to  develop  the  required  strength 
capabilities.  An  ANSYS  FEM  predicted  failure  of  the 
rodpack  between  the  syntactic  core  and  skin  in  local 
stability.  Global  local  analysis  of  the  single-stringer 
hat  stiffener  showed  the  axial  stress  component  5^  in  all 
three  levels  of  modeling  to  be  the  aitical  component  in 
a  zone  shown  by  section  A- A  of  Fig.  6.  The  most 
realistic  result,  which  has  the  rod/syntactic  resin  core 
interface  and  bias  ply  modeled  independently,  suggests 
that  a  positive  margin  of  0.74  in  compression  is  the 
predicted  failure  stress  that  correlates  to  approximately 
-6,700  |imm/mm  strain.  These  numbers  compare 
favorably  with  single-stringer  subcomponent  tests  when 
looking  at  calculated  linear  (PIAE)  strains  (see  Table 
lA).  The  strain  gage  data  are  somewhat  higher  due  to 
out-of-plane  deformation,  which  reached  a  minimum  of 
-7,400  |iin/in  (-7,400  |imm/mm)  of  strain.  The  hat 
and  skin  interfaces  were  exercised  more  completely  in 


fatigue  using  48-inch  (1.2-m)  single  stringer  four-point 
bending  specimens  during  Phase  I,  and  by 
three-stringer  subcomponent  tests  in  Phase  II  of  the 
program.  The  single-stringer  bending  specimens 
exhibited  the  capability  to  run  one  million  cycles  at 
ultimate  load  without  any  significant  loss  of  residual 
strength  or  growth  of  imposed  damage.  These 
specimens  verified  the  damage  tolerance  and  durability 
of  the  new  designs  at  the  component  level  (Table  IB). 
The  three-stringer  panels  provide  more  realistic  biaxial 
loading  conditions  and  sufficient  energy  to  exercise  the 
type  of  failure  mechanisms  that  a  wing  skin  might 
experience.  No  specific  analyses  were  performed  for 
correlation  purposes  at  the  three-stringer  compression 
panel  level.  The  three-stringer  test  panels  were  24 
inches  (610  mm)  long  and  20  inches  (508  mm)  wide. 
They  were  potted  on  each  end  with  1  inch  (25.4  mm)  of 
potting  compound  in  an  aluminum  frame.  The  tests 
were  performed  on  a  500,000-lb  (2,225  kN)  Baldwin 
test  machine  in  pure  compression.  The  panels  had 
enough  size  to  experience  the  type  of  biaxial  loads  that 
a  section  of  the  wing  skin  would  experience  in 
compression.  Two  failure  modes  were  evident  from 
these  tests.  One  failure  mode  is  caused  by  an  apparent 
delamination  of  the  hats  away  from  the  skin  at  the 
syntactic  resin  core  interface,  leading  to  sublaminate 


22-6 


AXIAL  STRESS  Sy  IN  GLOBAL  MODEL  AXIAL  STRESS  Sy  IN  ROD/CORE,  RODPACK  MODEL  MESH 
-4  000  umm/mm  APPLIED  DISPLACEMENT  LOCAL  MODEL  A,  -4,000  fimm/mm 

APPLIED  DISPLACEMENT 


INTRODUCTION 

ZONE 


AREA  "b"  SECTION 


CROSS  SECTION  PARALLEL 
TO  WING  SPAR  THROUGH 
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VIEWA-A 


Fig.  6.  Skin-to-stringer  FEM. 


buckling  of  the  skin.  This  is  a  common  phenomenon 
for  hat-stiffened  structure.  The  other  failure  mode  is  a 
net  section  failure  of  the  entire  panel.  These  two 
failure  modes  occurred  at  the  same  strain  levels  and 
appeared  to  alternate  randomly  for  various  test 
specimens.  Both  failures  occurred  at  approximately 
275%  limit  load  and  provided  the  necessary  strength 
requirements  for  the  system.  The  average  strain  to 
failure  at  ambient  conditions  was  -7,900  pin/in  (-7,900 
pmm/mm),  which  is  enough  margin  to  absorb 
environmental  and  test  data  scatter  knockdowns  and 
still  achieve  the  desired  strain  allowable  of  -4,500 
pin/in  (-4-,500  pmm/mm)  in  compression  (Table  ID). 

Rib-to-skin  interface  (secondarily  bonded  joint) 

The  ribs  resist  vertical  pulloff  loads  from  aerodyna¬ 
mics,  fuel  pressure,  and  ballistic  events  quite  differently 
in  this  design  than  the  baseline.  The  base-line  design 
had  a  conventional  “mousehole”  in  the  rib  to  allow 
continuous  skin  stringers  to  pass  through.  Me-chanical 
attachment  points  were  at  the  tops  of  the  stringers  and 
in  the  soft  skin  areas  between  the  stringers.  The 
maximum  pulloff  load  capability  for  this  “mousehole” 
joint  is  significantly  less  than  the  current  design  based 


on  test  results.  The  most  prominent  feature  of  the 
DMLCC-BW  rib-to-skin  joint  is  that  the  design 
provides  for  shear  continuity,  which  lends  itself  to 
bonding,  since  bonded  joints  transfer  shear  loads  more 
efficiently  than  they  transfer  peel  loads.  The  loads  are 
reacted  by  the  rib  in  tension  and  the  bondline  in  shear 
and  tension.  The  load  path  to  the  rib  is  through  the 
adhesive  bond  joint  in  shear  with  the  stringer  webs  and 
in  tension  with  the  stringer  cap  and  tving  skin.  The 
stiffest  and  strongest  path  from  the  hat  to  the  rib  is  the 
bond  between  the  hat  web  and  the  sloping  flanges  of 
the  ribs.  This  interface  is  predominantly  in  shear  and 
is  quantified  in  the  analysis  described  below. 

During  Phase  2  of  DMLCC,  twelve  rib  pulloff 
specimens  were  tested  to  evaluate  the  capability  of  the 
joint  and  rib  laminate  normal  to  the  skin  plane.  A 
section  of  the  upper  wing  skin  and  a  portion  of  the  rib 
chord  were  loaded  in  tension  through  a  clevis.  All 
specimens  failed  the  rib  laminate  due  to  interlaminar 
tension  near  the  top  of  the  hat  in  the  radius  of  the  rib 
web  and  cap  flange  (see  Fig.  7).  All  failures  were 
above  design  ultimate  load,  as  shown  in  Table  1C. 
These  tests  are  the  basis  for  correlating  the  FEM. 
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20  21 


RIB  CHORD 


PULLOFF  LOAD 


Specimen  number: 

MLS 

MLS 

ML6 

ML6 

ML7 

ML7 

MLS 

MLS 

ML9 

Measurement 

location 

Near  side 

dim  (mm) 

Far  side 

dim  (mm) 

Near  side 

dim  (mm) 

Far  side 

dim  (mm) 

Near  side 

dim  (mm) 

Far  side 

dim  (mm) 

Near  side 

dim  (mm) 

Far  side 

dim  (mm) 

Near  side 

dim  (mm) 

Far  side 

dim  (mm) 

1 

0.330 

0.229 

0.686 

0.152 

0.813 

0.127 

0.991 

0.356 

0.838 

0.254 

2 

0.330 

0.203 

0.737 

0.076 

0.838 

0.127 

0.914 

0.356 

0.864 

0.178 

3 

0.406 

0.152 

0.762 

0.076 

0.762 

0.127 

0.838 

0.254 

0.813 

0.076 

4 

0.508 

0.152 

0.762 

0.127 

0.508 

0.152 

0.762 

0.127 

0.940 

0.076 

5 

0.508 

0.127 

0.762 

0.127 

0.660 

0.076 

0.787 

0.076 

0.813 

0.076 

6 

1.854 

1.092 

1.727 

1.016 

1.270 

1.041 

1.727 

1.219 

1.905 

1.143 

7 

1.016 

0.178 

0.635 

0.305 

0.229 

0.305 

0.457 

0.279 

0.762 

0.203 

8 

1.041 

0.305 

0.635 

0.305 

0.330 

0.305 

0.381 

0.229 

0.762 

0.152 

9 

0.965 

0.279 

0.660 

0.330 

0.254 

0.254 

0.254 

0.254 

0.660 

0.152 

10 

0.813 

0.229 

0.559 

0.279 

0.127 

0.254 

0.102 

0.254 

0.610 

0.152 

11 

0.635 

0.127 

0.762 

0.102 

0.584 

0.076 

0.533 

0.127 

0.762 

0.076 

12 

0.076 

0.279 

0.584 

0.203 

0.737 

0.127 

0.711 

0.305 

0.457 

0.254 

13 

0.254 

0.381 

0.635 

0.305 

0.711 

0.127 

0.838 

0.381 

0.533 

0.254 

14 

0.305 

0.406 

0.762 

0.254 

0.762 

0.127 

0.813 

0.381 

0.635 

0.203 

15 

0.305 

0.330 

0.711 

0.152 

0.737 

0.127 

0.762 

0.279 

0.533 

0.305 

16 

1.600 

1.219 

2.083 

1.143 

1.651 

1.118 

1.473 

1.168 

1.905 

1.295 

17 

0.660 

0.051 

0.940 

0.102 

0.381 

0.076 

0.381 

0.203 

0.787 

0.076 

18 

0.559 

0.152 

0.914 

0.076 

0.533 

0.127 

0.406 

0.152 

0.813 

0.076 

19 

0.635 

0.076 

0.940 

0.127 

0.356 

0.127 

0.305 

0.229 

0.914 

0.076 

20 

0.762 

0.127 

0.864 

0.203 

0.330 

0.127 

0.279 

0.178 

0.991 

0.178 

21 

0.864 

0.178 

0.864 

0.203 

0.406 

0.127 

0.254 

0.152 

1.016 

0.305 

MLS  -  cocked  towards  the  rear. 

comer  noodles  big  due  to  tooling,  left  vert  and  right  horiz  larger 

ML6  -  cocked  twds  rear,  comer  noodles  big,  vert  and  horiz  more  uniform 

ML7  -  cocked  twds  rear,  noodles  big,  backside  barely  scrim  thickness  deep,  right  vert  and  left  horiz  larger 
MLS  -  cocked  twds  rear,  comer  noodles  big  ,  left  vert  and  right  horiz  larger 

ML9  -  cocked  twds  rear,  noodle  large,  left  vert  and  tight  horiz  larger,  backside  scrim  barely  in  thickness 

Fig.  7.  Rib  pulloff  specimen  bondline  variabUity  measurements. 
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4745 


Fig.  8B.  Global  vertical  (z). 


Fig.  8A.  Major  principal  overall  1/4  model. 


Fig.  8D.  Major  principal  nomianl  adhesive. 


Fig.  8C.  Major  principal  innermost  rib  flange  ply. 


Fig.  8F.  Major  principal  thick  adhesive. 


Fig.  8£.  Major  principal  thin  adhesive. 


F^.  8.  Select  rib-to-skin  bondline  stress  gradients  under  1,000-lb  (4,448-N)  load. 


demonstrate  the  capabilities  of  the  joint  for  future 
optimization  efforts.  The  FEM  was  used  to  investigate 
stress  distribution  and  the  effect  of  bondline  thickness 
variation,  since  some  of  the  fabricated  parts  exhibited 


An  independent  analysis  of  the  rib  pulloff  specimens 
was  performed  after  the  design  phase  of  DMLCC-BW 
was  complete.  A  NASTRAN  FEM  was  created  to 
provide  a  correlated  analytic  tool  that  could  be  used  to 
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variations  in  the  bondline  beyond  those  deemed 
acceptable  by  engineering  tolerances.  An  isometric  of 
1/4  of  the  pulloff  specimen  FEM  with  two  planes  of 
symmetry  is  shown  in  Fig.  8.  The  model  included  the 
vertical  rib  web,  half  its  flange,  the  bondline,  and  the 
hat  stiffener  and  skin  segment.  Solid  hexagonal 
nondeformable  elements  were  used  with  orthotropic 
material  properties  in  a  linear  static  analysis.  The 
FEM  had  approximately  60,000  degrees  of  freedom. 
Nonlinear  adherend  properties  or  geometric  analysis 
were  not  accounted  for. 

Based  on  tooling  constraints,  the  nominal  bondline  was 
established  at  0.020  inch  (0.51  nun)  thick.  In  actual 
practice,  bondlines  varied  from  0.003  to  0.050  inch 
(0.076  -  1.27  mm)  for  the  test  specimens  used  in  the 
rib-to-skin  pulloff  tests.  These  variations  were 
determined  by  destructive  investigations  after  the  test 
were  performed.  Fig.  7  shows  measurement  locations 
and  resultant  bondline  variation  for  five  specimens. 
Each  rib  has  two  flanges,  one  on  either  side  of  the  rib 
web,  to  form  a  T-joint.  Measurements  were  taken  on 
both  sides  of  the  rib  web  and  are  labeled  “near  side” 
and  “far  side”  in  Fig.  7.  The  specimens  were  tested  at 
three  various  environmental  conditions,  yet  no 
significant  data  scatter  was  seen.  This  is  attributable  to 
the  fact  that  all  the  rib  pulloff  tests  failed  in  the 
laminate,  not  the  bondline;  therefore,  the  bondline 
variability  was  not  the  aitical  factor.  All  specimens 
were  within  10%  load  at  failure  and  significantly  above 
anything  achievable  with  the  previous  bolted  shear  tie 
joint.  All  failures  occurred  well  above  the  pulloff  load 
requirements  of  4335  Ibf  (19,282  N).  (See  Table  1C.) 

A  1000-lbf  (4448-N)  load  was  applied  to  the  FEM  for 
all  the  results  discussed  here.  Major  principal  stresses 
for  the  outer  plies  are  shown  in  Fig  8A.  The  highest 
stress  gradient  is  shown  at  the  rib  web  to  cap  flange. 
The  stress  components  of  the  major  principal  stress  will 
be  discussed  in  some  detail,  but  not  shown  graphically 
due  to  space  limitations.  Also  of  interest  is  that  the 
FEM  predicted  another  local  high  stress  gradient 
region  inside  the  hat  at  the  lower  rod  pack  interface 
with  the  web  directly  under  the  rib  flange  dropoff.  The 
peak  values  at  this  gradient  were  approximately  75%  of 
the  peak  stress  gradients  at  the  rib  flange.  After  the 
tests,  the  destructive  investigations  found  matrix  cracks 
at  this  same  location.  It  had  not  led  to  complete 
failure,  but  probably  would  have  continued  to 
propagate  and  eventually  caused  failure  of  the  joint. 

For  various  reasons,  an  attempt  to  correlate  absolute 
magnitudes  of  the  stresses  with  the  tests  will  not  be 
pursued.  For  one  reason,  no  peel  allowable  for  the 
adhesive  or  the  laminate  interlaminar  shear  is 
available.  However,  the  trends  can  be  used  to  assess 
the  viability  of  this  design.  Future  optimization  efforts 


should  concentrate  on  shear  and  peel  interaction  curves 
to  determine  how  much  margin  of  safety  exists  in  this 
joint. 

Element  stresses  in  the  direction  of  the  load  are  shown 
in  Fig  8B.  The  global  vertical  stress  is  the 
predominant  component  of  the  principal  stress  in  the 
rib  web.  This  stress  distribution,  in  addition  to  some 
Poisson’s  effect  shrinkage,  contributes  to  the  stress 
concentration  at  the  top  of  the  hat  and  the  radius  of  the 
rib  web  flange.  Views  of  the  major  principal  stresses  in 
the  first  ply  of  the  rib  laminate  and  the  adhesive  are 
shown  in  Figures  8C  and  D.  One  should  notice  that 
the  relative  magnitudes  of  the  stresses  in  the  adhesive 
versus  the  laminate  suggest  that  the  laminate 
experiences  stress  gradients  approximately  three  times 
larger  than  the  adhesive  at  the  aitical  radius  location. 
This  compares  favorably  with  the  observation  from  test 
that  all  failure  modes  initiated  in  the  rib  web  laminate 
at  this  radius.  Both  of  these  contour  plots  show  how 
the  load  lags  into  the  rib  flange/adhesive  at  a  45-deg 
angle.  This  is  the  usual  assumption  for  calculating 
effective  area  when  sizing  the  joint  by  classical  stress 
analysis.  Further  review  of  the  stress  components 
comprising  the  adhesive  principal  stress  shows  that 
shear  stresses  contribute  over  90%  of  the  stress  to  these 
values.  This  is  consistent  with  the  objective  of  this 
design  to  provide  an  efficient  means  of  transferring 
load  through  a  bondline  by  minimizing  peel  loads. 

Several  references  (Refs.  4  and  5)  have  shown  that 
bonded  joint  shear  strength  will  exceed  the  strength  of 
a  composite  adherend  within  reasonable  thickness 
limitations  of  the  bondline.  The  FEM  was  used  to  try 
and  quantify  the  effect  of  the  bondline  variation  found 
in  the  test  specimens  and  determine  if  it  was  within 
these  limitations.  The  rib  portion  of  the  FEM  was 
translated  back  and  forth  from  nominal  to  approximate 
the  effects  of  varying  bondline  thickness.  These 
variations  are  shown  in  Figs.  8D,  E,  and  F.  A  thin 
bondline  (0.005  in  ,  0.127  mm)  and  a  thick  bondline 
(0.050  in,  1.27  mm)  were  analyzed.  The  FEM  only 
shows  approximately  a  10%  change  in  the  peak 
principal  stress  levels.  Although  variability  in  the 
actual  specimens  was  more  random,  and  there  were 
thick  and  thin  portions  in  close  proximity  which  would 
cause  more  severe  stress  variation,  it  does  suggest  that 
the  engineering  tolerances  may  be  too  stringent. 
Engineering  often  bases  the  tolerances  on  variations  in 
bondline  thickness  in  small  coupon  tests  to  determine 
the  effects  on  mechanical  properties.  This 
phenomenon  is  explained  in  detail  in  Fig  1.  of  Ref  4, 
where  short  overlap  coupons,  used  to  force  the  failure 
out  of  the  adherend  into  the  adhesive,  do  not  represent 
the  behavior  of  that  same  adhesive  in  a  more  typically 
proportioned  joint.  The  results  of  the  bondline  variation 
studies  suggest  that  there  is  sufficient  margin  to  allow 
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some  variation  as  long  as  normal  quality  issues  are 
addressed.  Also,  porosity  must  still  be  minimized,  but 
this  is  something  that  nondestructive  inspections  can 
identify  for  accept/reject  criteria  of  a  bonded  joint. 

FULL-SCALE  TEST  PLAN 
The  low-cost  design  concepts  and  manufacturing 
processes  developed  under  the  DMLCC-BW  program 
have  been  verified  for  cost  through  production  of  the 
two  wing  box  demonstration  articles.  The  structural 
performance  of  the  demonstration  articles  will  be 
confirmed  through  testing  of  the  completed  article,  as 
though  it  were  a  structural  component.  The  tests  will 
be  conducted  by  the  USAF  Wright  Laboratory 
Structures  Test  Branch,  with  support  from  Bell.  A 
schematic  of  the  full-scale  test  setup  is  shown  in  Fig.  9. 
The  current  test  plan  consists  of  a  series  of  proof  tests 
up  to  1.2  design  limit  load,  a  single  lifetime  of  fatigue 
testing,  inspection,  and  then  deliberate  damage  at 
aitical  locations,  and  a  second  lifetime  of  fatigue.  If 
the  demonstration  article  survives  the  second  fatigue 
application,  it  will  then  be  inspected  once  more, 
followed  by  a  one  or  two  shot  ballistic  survivability  test. 

The  test  program  is  being  conducted  to  confirm  the 
performance  of  the  new  design  concepts  and 
manufacturing  processes  selected,  and  is  not  intended 
to  validate  the  DMLCC-BW  concept  for  V-22  service. 
Therefore,  full  load  spectrum  testing  of  all  flight 
conditions  will  not  be  performed.  Static  testing  will  be 
conducted  to  demonstrate  the  overall  strength  and 
stiffness  of  the  pultruded  rod  reinforced  structure.  The 
test  will  also  demonstrate  the  strength  of  the  front  and 
rear  spars  and  the  ability  of  the  ribs  to  react  chordwise 
shearing  loads.  The  objective  of  the  fatigue  test  is  to 


demonstrate  that  the  pultruded  rod  reinforced  skin,  the 
rib  chords,  and  the  adhesive  joint  between  these 
elements  are  capable  of  sustaining  two  lifetimes  of 
fatigue  damage.  Impact  damage  will  be  applied  to  the 
upper  and  lower  skins  after  one  lifetime  of  random 
spectrum  fatigue  testing.  A  second  lifetime  fatigue 
spectrum  will  then  be  applied.  The  residual  strength  of 
the  structure  will  be  confirmed  through  proof  testing  to 
design  ultimate  load.  The  ballistic  test  will  be 
conducted  under  applied  beamwise  bending  load  to 
realistically  demonstrate  the  survivability  of  the  design 
concept  with  respect  to  hydrodynamic  ram  threats.  The 
selected  shotlines  will  emphasize  damage  to  aitical 
areas  such  as  bondlines,  rod  reinforced  areas,  and 
integral  flanges. 

The  DMLCC-BW  demonstration  article  represents  a 
midwing  section  of  the  V-22  wing  design.  This 
presented  several  challenges  with  respect  to 
introducing  the  correct  loads  to  the  test  region. 
Additionally,  the  program  budget  could  not  afford  to 
design  and  fabricate  large  complex  load  introduction 
and  transition  structure,  and  the  demonstration  article 
structure  ribs  and  spars  were  not  designed  to  react  the 
concentrated  loads  necessary.  These  problems  were 
resolved  by  developing  a  test  structure  that  utilized  one 
of  the  demonstration  articles,  sectioned  into  two  halves 
and  reinforced  with  skin  and  spar  doublers  fabricated 
from  a  new  low-cost,  room-temperature-cure  composite 
material  system  to  introduce  loads.  The  test  load 
introduction  fixture  matches  the  stiffness  of  the 
DMLCC  article  in  order  to  prevent  local  overloading. 

Critical  load  conditions  from  the  V-22  provided  the 
required  test  conditions.  These  consist  of  maximum 


CHORDWISE  ACTUATORS 
(OUT  OF  PLANE) 


Fig.  9.  Schematic  of  the  full-scale  test  setup. 
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chordwise  bending  (vertical  takeoff),  maximum 
beamwise  bending  (2-g  taxi),  minimum  beamwise 
bending  with  low  and  high  torsion  (rolling  pullout  in 
helicopter  mode),  and  maximum  torsion  (rolling 
pullout  in  airplane  mode).  These  test  conditions  were 
selected  in  order  to  demonstrate  that  the  loads  that 
sized  the  DMLCC-BW  demonstration  structure  were 
accounted  for  and  that  performance  requirements  had 
been  met,  and  that  the  maximum  load  envelope  for 
beamwise  bending,  chordwise  bending,  and  torsion  had 
been  covered. 

Fatigue  loads  will  consist  of  a  10,000-flight  hour  flight- 
by-flight  random  spectrum  based  on  a  100%  helicopter 
mode.  The  fatigue  spectrum  is  derived  from  a  critical 
point-in-the-sky  and  includes  32,429  load  pairs.  Hot- 
wet  conditioning  will  be  accounted  for  through  the 
application  of  a  22%  load  factor  to  the  applied 
maximum  and  minimum  loads. 

CONCLUSIONS 

The  DMLCC-BW  program  reproduced  a  section  of  a 
tiltrotor  transport  wing  torque  box  to  demonstrate  the 
viability  of  an  affordable  primary  structure  made  with 
advanced  polymer  composites.  This  was  a  successful 
collaboration  of  manufacturing  and  design  engineers 
that  demonstrated  a  50%  cost  reduction  while  meeting 
or  exceeding  all  performance  capabilities  of  the 
original  design.  The  costs  were  verified  through  the 
fabrication  of  two  full-scale  demonstration  articles  that 
were  built  and  assembled  in  a  production  environment. 
Costs  were  gathered  and  compared  directly  to  the 
original  industrial  engineering  cost  figures. 
Performance  has  been  measured  through  a  building 
block  test  approach  to  verify  the  structural  integrity  of 
the  DMLCC-BW  as  the  program  developed.  All  tests 
have  exceeded  requirements  to  date.  Static,  fatigue, 
durability,  damage  tolerance,  weight,  and  cost 
objectives  were  all  obtained.  The  results  of  this 
program  suggest  that  a  cost  effective  alternative  for  a 
primary  wing  box  composite  design  is  achievable.  This 
conclusion  is  based  on  a  fairly  unbiased  series  of 
manufacturing  and  engineering  development  tasks.  In 
1997,  a  full-scale  test  program  will  be  performed  to 
verify  the  overall  structural  integrity  of  the  wing  torque 
box,  to  include  static,  fatigue,  and  ballistic  tests.  This 
test  will  exercise  more  of  the  full-scale  joints  and  the 
overall  interaction  of  the  torque  box  that  no 
combination  of  subcomponent  tests  can  possibly 
address. 

Several  analytical  challenges  arose  from  the  final 
design.  The  axial  load-carrying  material  in  the  wing 
skins  used  pultruded  carbon  rods  embedded  in  syntactic 
resin  core  and  prepreg  tape  known  as  a  rod  pack.  This 
rod  pack  concept  was  critical  to  achieving  the  damage 
tolerance  compression  allowables  which  enabled  this 


concept  to  succeed.  Analytical  capabilities  to  support 
this  design  approach  have  been  developed  and 
successfully  demonstrated  during  this  program.  This 
provides  a  very  important  tool  required  to  transfer  this 
technology  into  production  for  future  applications.  The 
rod  pack  concept  also  proved  to  be  a  challenge  to 
classical  FEM  plate  element  representation.  Local- 
global  techniques  with  various  constituent  property 
representations  have  been  successfully  demonstrated 
and  correlated  with  test  results  to  verify  the  load 
transfer  mechanism  in  this  new  structural  design. 

Another  challenge  to  design  and  analysis  was  the 
representation  of  the  bondline  between  the  ribs  and 
skins  of  the  torque  box.  A  bonded  joint  in  primary 
airframe  structure  requires  significant  development  to 
address  the  myriad  of  questions  concerning  quality 
control,  reliability,  inspection  and,  in  military 
applications,  survivability  and  vulnerability.  The 
aitical  design  feature  in  this  application  was  that  the 
majority  of  the  load  is  transferred  through  the  skin-to- 
rib  bondline  in  shear  and  not  peel.  This  has  been 
successfully  demonstrated  through  test  and  analysis 
and  provides  a  level  of  confidence  that  the  bondline 
will  not  be  the  weak  link  in  this  joint.  A  detailed  FEM 
of  this  joint  confirms  that  the  preponderance  of  the 
stress  in  the  bondline  is  shear,  and  that  peak  values 
appear  to  be  well  below  critical  levels.  Also,  the  FEM 
suggests  that  the  rib  web  laminate  highest  stress  is 
three  times  larger  than  adhesive  stresses  and  the 
predicted  high  stress  gradient  regions  in  the  laminate 
compare  favorably  with  onset  of  failure.  All  test 
specimens  to  date  have  failed  in  the  rib  laminate  and 
suggest  that  the  aitical  feature  in  this  joint  is  the 
laminate.  The  joint  has  also  exceeded  ultimate  design 
strength  requirements  by  two  to  three  times,  providing 
a  high  margin  of  safety  to  accommodate  manufacturing 
defects,  environmental  effects,  overpressures,  and  other 
anomalies.  Further  optimization  of  this  joint  should  be 
feasible  with  this  correlated  FEM. 

Finally,  the  DMLCC-BW  program  has  verified  that  an 
integrated  design  team  which  addresses  a  common  set 
of  ground  rules  can  provide  cost-effective  primary 
composite  structure  and  meet  the  myriad  of 
requirements  (cost,  weight,  damage  tolerance,  sur¬ 
vivability)  that  an  aerospace  application  requires. 
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1.  SUMMARY 

The  RAF  has  been  repairing  helicopter 
composite  rotor  blades,  fibreglass  radomes 
and  panels  on  a  variety  of  combat  aircraft 
types  for  many  years.  However,  the  Service's 
main  experience  in  the  maintenance  of  carbon 
fibre  composite  (CFC)  material  has  been 
related  to  the  Harrier  II  aircraft.  This  paper 
describes  the  main  CFC  structures  of  the 
Harrier  II  and  outlines  the  variety  of  RAF 
peace-time,  bolted  structural  repairs  applied 
to  the  aircraft.  Examples  are  provided  of 
various  simple  and  complex  repairs. 

2.  INTRODUCTION 

The  RAF's  experience  in  the  repair  of  CFC 
material  is  largely  based  around  the 
maintenance  of  the  structure  of  the 
BAe/McDonnell  Douglas  Harrier  II  aircraft, 
also  known  as  the  AV8B  in  US  Marine 
Corps  use.  Although  there  are  repairable 
composite  panels  and  doors  on  other  RAF 
fixed-wing  aircraft,  not  least  the  Tornado, 
and  glassfibre  repairs  are  common  on 
radomes  and  gliders,  it  is  the  Harrier  II  which 
has  taught  the  RAF  the  most  lessons 
regarding  the  repair  of  composite  materials, 
particularly  in  regard  to  bolted  repairs  to 
carbon/epoxy  structures.  This  paper 
concentrates  on  repairs  to  damage  sustained 
in  the  normal  peace-time  operating 
environment;  battle  damage  repair  is  a 
different  subject  altogether. 

The  Harrier  II  in  its  GR5  version  was 
introduced  into  service  in  1986  and  is  the 
RAF's  main  battlefield  interdiction  and  close 
support  aircraft,  equipping  4  squadrons  with 


87  aircraft  in  the  modified  GR7  form.  It  can 
carry  an  impressive  weight  of  ordnance  over 
a  militarily  useful  range  and  can  use  its 
unique  short  take-off  and  vertical  landing 
ability  to  provide  support  to  ground  forces 
from  austere  bases  very  close  to  the  front 
line.  The  Harrier  II  structural  design  is  based 
on  that  of  the  Harrier  I;  the  main  difference 
being  the  large-scale  use  of  CFC  as  a  build 
material. 

3.  CONSTRUCTION 
3.1  Materials 

The  Harrier  II  forward  fiiselage,  wing  and 
horizontal  tailplane  are  constructed  of  CFC, 
along  with  other  structural  components  such 
as  the  control  surfaces  (see  Figure  1).  For 
brevity  the  flap  will  be  the  only  control 
surface  considered  in  detail  in  this  paper.  The 
main  materials  used  in  the  Harrier  II  structure 
are  as  follows: 

a.  Carbon  epoxy  cloth  to  McDonnell 
Douglas  Material  Specification  MMS  544  is 
used  for  monolithic  structures.  This  material 
can  withstand  temperature  environments  of 
-53  °C  to  156°C  and  comes  in  7  types  of 
diflfering  harness  satin  weave,  thickness,  resin 
content  and  method  of  impregnation. 

b.  Carbon  epoxy  unidirectional  tape  to 
McDonnell  Douglas  Material  Specification 
MMS  549  is  used  for  both  monolithic  and 
sandwich  structures.  This  material  can 
withstand  temperature  environments  of 
-53°C  to  156°C  and  comes  in  5  differing 
resin  contents  and  thicknesses. 
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c.  Carbon  bismaleimide  (BMI)  cloth 
used  for  monolithic  structures  requiring  high 
temperature  resistance  up  to  267 °C. 

3.1  Forward  Fuselage 

The  forward  ftiselage  extends  from  the 
aircraft's  nose  to  Frame  8  forward  of  the  air 
intakes  and  includes  the  nose  cone, 
windscreen,  canopy  and  cockpit  structure 
(see  Figure  2).  The  forward  fiiselage  is  a 
semi-monocoque  shell  of  laminated  CFC 
reinforced  with  longerons,  stringers,  frames, 
floors  and  bulkheads.  Two  CFC  bulkheads 
form  the  forward  and  rear  limits  of  the 
pressurised  cockpit.  The  rear  bulkhead 
supports  the  ejection  seat  mounting  rails.  In 
the  case  of  the  nose  cone  the  lay-up  of  the 
CFC  is  augmented  by  bi-directional  Kevlar 
cloth  to  enhance  the  birdstrike  protection 
provided  by  the  structure.  The  nose  cone  is 
hinged  for  access  to  the  interior  of  the  front 
fuselage. 

3.2  Mainplane 

The  Harrier  II  mainplane  is  a  one  piece, 
swept  back,  super-critical  section  wing  which 
not  only  ftinctions  as  a  load  carrying  member 
but  also  includes  integral  ftiel  tanks  (see 
Figure  3).  The  wing  is  constructed  of 
complete,  monolithic  CFC  upper  and  lower 
skins  which  are  bolted  onto  the  CFC  and 
metal  substructure.  Most  of  the  torque  box 
is  sealed  and  acts  as  a  fuel  tank.  Access  can 
theoretically  be  gained  to  all  internal 
components  and  structure  by  removal  of  the 
top  skin.  The  torque  box  is  of  a  multi-spar 
design  and  is  constructed  as  a  continuous  unit 
from  tip  to  tip  (see  Figure  4).  Vertical,  shear 
and  torque  loads  are  transmitted  inboard 
along  the  spars  to  the  main  wing  to  fuselage 
attachment  ribs  and  distributed  to  the  6 
fuselage  attachment  fittings.  Other  ribs  are 
located  within  the  torque  box  at  points  of 
local  load  introduction.  There  are  3  primary 
and  5  auxiliary  spars.  A  small  aft  spar  acts  as 
a  closure  member  for  the  fuel  tank.  Small 
access  panels  in  the  upper  skin  permit  limited 


access  to  the  fuel  tank.  The  entire  torque  box 
is  assembled  with  titanium  fasteners. 
Titanium  bolts  with  corrosion-resistant  steel 
anchor  nuts  are  used  to  attach  the  skins.  The 
spar  to  rib  joints  use  titanium  Hi-lok 
fasteners.  The  CFC  spars  embody  integral 
flanges  and  sinewave  webs,  the  sinewave 
design  providing  a  structurally  effective 
means  of  transmitting  shear  loading.  Three 
auxiliary  spars  are  located  between  the  front 
and  centre  spars  and  2  between  the  centre 
and  rear  spar.  An  all-metal  non-sinewave 
intermediate  front  spar  section  strengthens 
the  area  of  the  outrigger  undercarriage  and 
provides  support  for  the  middle  pylon.  The 
spars  are  locally  reinforced  with  additional 
plies  and  metal  fittings  where  concentrated 
loads  are  introduced.  There  are  15  ribs  in  the 
torque  box,  10  of  which  are  of  CFC  sinewave 
construction  and  5  of  metal.  The  centre  line 
fuel  tank  closure  and  wing  tip  ribs  are 
aluminium  machinings.  The  wing  to  fuselage 
CFC  attachment  rib  redistributes  wing  shear 
and  torque  through  fittings  bolted  to  the 
bottom  surface  of  the  wing.  The  inboard  and 
outboard  pylon  ribs  and  outrigger  rib  are  all 
of  composite  sinewave  construction.  The 
leading  edge  is  aluminium  alloy,  both  to  act 
as  birdstrike  protection  and  as  a  likely 
lightning  attachment  point.  The  aluminium 
leading  edge  is  attached  to  an  internal 
titanium  web  which  also  acts  as  a  heat-shield 
for  the  reaction  control  system  duct  which 
runs  to  the  wing  tip.  The  wing  tip  is  of 
aluminium  alloy  construction,  includes  the 
reaction  control  system  nozzle  and  is 
supported  by  a  titanium  machining. 

3.3  Flap 

The  flap  is  of  multi-spar  and  rib  construction 
and,  unlike  the  wing,  has  the  spars  co-cured 
to  the  upper  skin.  The  leading  edge  skin 
assemblies  are  CFC  but  the  trailing  edge 
skins  and  inboard  skin  assemblies  which 
impinge  in  the  jet  efflux  are  made  from 
carbon  BMI  (see  Figure  5). 
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4.  REPAIR  INFORMATION 

The  RAF  relies  on  2  main  sources  of  repair 
information  for  CFC  structures:  the  structural 
repair  manual  (SRM)  and  Design  Authority 
(DA)  approved  schemes.  In  the  case  of  the 
Harrier  II  the  DA  is  BAe  (Military  Aircraft 
Division)  Farnborough. 

4.1  SRM  Repairs 

The  purpose  of  the  SRM  is  to  provide  the 
operator  with  a  readily  available  source  of 
relatively  simple  repairs  to  areas  of  the 
structure  which  are  commonly  damaged.  The 
Harrier  II  SRM  includes  repairs  to  slight 
surface  damage,  laminate  crazing  and  surface 
and  edge  ply  delamination.  Simple  bolted  and 
adhesively  bonded  patch  repairs  are  also 
included  for  skin  and  stiffeners.  All  SRM 
repairs  begin  with  a  non-destructive 
inspection  (NDI)  to  establish  damage  limits 
and  confirm  that  there  are  no  internal 
delaminations. 

4.2  DA  Repair  Schemes 

When  the  extent  of  the  damage  exceeds  that 
detailed  in  the  SRM  the  details  are  sent  to  the 
DA.  The  DA  then  designs  the  repair  scheme 
and  authorises  its  use,  usually  on  a  specific 
aircraft.  In  some  cases  a  staged  examine, 
remove  damage,  re-examine  process  is 
required,  with  information  flowing  to  and 
from  the  DA  until  a  final,  fully  comprehensive 
repair  scheme  is  agreed. 

4.3  Repair  Policy 

The  structural  repair  policy  of  the  Harrier  II 
has  to  reflect  the  fact  that  the  aircraft’s 
operational  environment  is  very  much  based 
on  austere,  semi-prepared  airstrips.  Thus  the 
structure  is  extremely  robust.  At  the  time  of 
design  there  was  much  debate  on  the  effect  of 
barely  visible  impact  damage.  This  potential 
problem  was  solved  by  designing  the 
structure  such  that  any  likely  internal 
delamination  which  was  not  detectable  by 


visible  means  would  be  deemed  acceptable. 
Only  when  a  damage  signature  was  visible, 
either  by  a  surface  irregularity  or  fuel  leak, 
would  the  delamination  be  significant  enough 
to  warrant  repair.  This  conscious  “over- 
design”  has  a  mass  penalty,  but  has  resulted 
in  an  aircraft  which  can  accept  a  lot  of 
damage  before  repair  is  necessary. 

5.  SRM  REPAIR  EXAMPLES 

5.1  Bolted  Lap  Patch  Repairs 

Damage  which  can  be  repaired  using  a  SRM 
bolted  metal  lap  patch  is  limited  depending 
on  location.  For  example,  for  the  majority  of 
the  forward  fuselage,  101.6  mm  (4  in) 
diameter  damage  is  the  maximum  which  can 
be  repaired  without  a  DA  repair  scheme.  The 
damage  is  routed  out  and  the  area  is  lightly 
sanded,  vacuumed  and  cleaned  with 
trichloroethane.  A  chamfered  and  primed 
titanium  patch  is  manufactured  to  a  size  and 
shape  to  suit  the  damage  location.  Fastener 
pitch  must  be  a  minimum  of  4D  between 
fasteners  and  3D  from  the  material  edge. 
Sealing  compound  is  applied  and  the  patch 
wet  assembled  using  Composi-lok  Jo-bolts 
(see  Figure  6).  This  technique  has  been 
applied  to  the  wing  to  repair  lightning 
damage. 

5.2  Bolted  Aluminium  Flush  Patch 

For  aerodynamic  considerations  repairs  to  the 
forward  fiiselage  skin  are  restricted  in  some 
areas  to  flush  repairs  only.  For  example, 
forward  fuselage  damage  up  to  101.6  mm  (4 
in)  in  diameter  can  be  repaired  using  a  SRM 
scheme  (see  Figure  7).  The  damage  is  routed 
out  and  the  area  vacuumed  and  cleaned  with 
trichloroethane.  Splice  and  backing  plates  are 
manufactured  to  a  size  and  shape  to  suit  the 
specific  repair  scheme.  Note  that  fastener 
pitch  must  be  a  maximum  of  4D  between 
fasteners  and  3D  from  the  material  edge.  The 
splice  plate  and  smaller  backing  plate  are 
rivetted  together  and  the  assembly  clamped 
onto  the  internal  side  of  the  repair  area.  Pilot 
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or  full  size  fastener  holes  are  then  drilled 
through  skin  and  backing  plate.  The  smaller 
backing  plate  assembly  is  then  removed  and 
the  process  repeated  for  the  larger  backing 
plate.  The  external  skin  is  then  countersunk 
using  a  carbide  countersink  cutter  rotating  at 
a  maximum  of  2000  rev/min.  The  repair  area 
is  then  cleaned  again.  PR1750  sealing 
compound  is  applied  to  both  backing  plates 
and  open  weave  nylon  cloth  added.  The 
smaller  backing  plate  assembly  is  loosely 
attached  to  the  internal  side  of  the  repair  with 
a  single  temporary  fastener  at  one  corner. 
The  assembly  is  then  swung  away  from  the 
repair  opening.  The  larger  half  backing  plate 
is  then  located  on  the  internal  side  of  the 
repair  and  secured  with  temporary  fasteners. 
The  small  backing  plate  is  then  rotated  back 
into  its  final  position  and  the  whole  backing 
plate  assembly  wet-assembled  with  Jo-bolts 
and  PR1750  sealing  compound.  A  filler  plug 
mixture  is  prepared  and  applied  to  the  repair 
hole  and  is  cured  at  room  temperature  for  2 
hours.  When  cured  the  plug  is  sanded  down 
to  the  skin  contour  and  surface  finish  re¬ 
applied.  This  type  of  repair  has  been  carried 
out  on  a  wing  following  a  wire-strike. 

5.3  Non-structural  Plug  Repairs 

In  certain  locations  where  routed  out  damage 
does  not  exceed  25.4  mm  (1  in)  diameter  a 
non-structural  plug  can  be  used  to  fill  the 
resulting  hole.  There  are  4  types  of  plug: 
simple  nylon,  fuel-proof  expandable  and  for 
high  temperature  applications,  Torlon  and 
titanium.  All  plugs  are  wet  assembled  to  the 
skin  with  PR 1755  sealant. 

6,  DA  REPAIR  SCHEMES 

6.1  Repairing  Wing  Skin  Delamination 

Subsurface  delamination  comprises  of 
delamination  within  the  monolithic  structure 
which  cannot  be  detected  visually.  This  type 
of  damage  is  only  detectable  by  NDI  or,  in 
the  case  of  fuel  tanks,  leakage.  If  the  damage 
is  caused  by  maintenance  error  operator 
honesty  is  also  a  significant  factor.  In  a 


recent  example  a  CO2  cylinder  from  one  of 
the  underwing  pylon  weapons  release  units 
sprang  from  the  pylon  and  hit  the  underside 
of  the  wing.  Slight  surface  damage  was 
visible  and  a  fuel  leak  was  noted  in  the  area. 
NDI  indicated  delamination  over  an  area  of 
approximately  6cm  x  3cm.  However,  no 
indication  of  possible '  Christmas  tree'  damage 
inside  the  tank  was  available.  This  type  of 
loose  fibre  damage  is  extremely  significant 
inside  fuel  tanks  where  the  fibres  can  migrate 
to  fuel  lines  and  clog  filters.  As  no  SRM 
scheme  existed  for  this  type  or  extent  of 
repair  the  DA  was  provided  with  details  and 
a  repair  instruction  requested.  The  wing  was 
removed  and  vented  of  all  fuel.  As  the 
particular  fuel  cell  involved  was  not 
accessible  via  a  removable  panel,  and  the  task 
of  completely  de-skinning  the  wing  was 
deemed  unacceptable,  a  25.4  mm  (1  in) 
inspection  hole  was  drilled  in  the  upper  skin. 
No  'Christmas  tree'  delamination  was  visible. 
The  DA  repair  scheme  was  to  drill  a  pattern 
of  holes  through  and  around  the  delamination 
and  install  26  x  Composi-lok  fasteners  to 
clamp  the  delaminations  together  (see  Figure 
8).  The  inner  surface  was  sealed  with 
EA956A/B  resin  and  PRC.  The  small 
inspection  hole  in  the  upper  wing  surface  will 
be  sealed  with  a  fuel-tight  expandable  plug, 
although  at  the  time  of  writing  this  has  yet  to 
be  delivered. 

6.2  Repairs  to  Delaminated  BMI 

The  underside  of  the  starboard  flaps  has 
suffered  particularly  bad  edge  delamination. 
This  is  caused  by  the  flap's  operational 
environment,  in  that  not  only  does  the  jet 
blast  impinge  upon  the  panel  but  it  is  also 
downstream  of  an  oil  drain.  The  resultant 
high  velocity  hot  oil  spray  severely 
delaminates  the  flap  trailing  edge.  There  are 
2  possible  repair  solutions  to  the  damage. 
The  first  solution  is  a  large,  bolted  titanium 
lap  patch  which  largely  uses  existing  fastener 
lines  (see  Figure  9).  This  not  only  uses  the 
fasteners  to  pull  the  delamination  together 
but  also  adds  a  layer  of  heatshielding 
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material.  This  repair  is  now  only  used  if  the 
delamination  extends  beyond  the  BMI  panel. 
A  more  elegant  solution  is  to  replace  the 
damaged  BMI  panel  with  a  similar  titanium 
panel.  This  is  completed  using  Visu-lok  100° 
countersunk  fasteners  with  titanium 
loadspreaders  where  access  is  available  to 
both  sides  of  the  structure,  but  large  footprint 
Composi-lok  fasteners  where  access  is  only 
available  to  one  side. 

6.3  Fastener  Misalignment 

Many  of  the  Harrier  II  replaceable  panels 
come  with  pre-drilled  fastener  holes.  It  is  not 
uncommon  for  these  pre-drilled  holes  to  be 
found  to  be  misaligned  with  the  relevant 
holes  in  the  aircraft  structure.  In  a  recent  case 
this  type  of  misalignment  occurred  in  an 
upper  leading  edge  panel.  Research  work  has 
been  carried  out  in  a  MOD-sponsored  proof- 
of-concept  programme  at  BAe  (Military 
Aircraft  Division)  Warton  which  indicated 
that  holes  mis-drilled  normal  to  the  load  line 
could  be  filled  with  EA934N/A,  redrilled  and 
countersunk  with  good  static  strength  and 
fatigue  performance  at  room  temperature/wet 
and  hot/wet  conditions.  However,  similar 
repairs  with  the  holes  mis-drilled  parallel  to 
the  load  line  suffered  severe  bearing 
deformation,  particularly  in  hot/wet 
conditions.  This  failure  was  also  the  case 
when  short  chopped  fibres  were  added  to  the 
EA934N/A  at  approximately  5%  volume 
ratio.  As  the  misalignment  of  the  holes  in  the 
leading  edge  panel  were  deemed  to  be 
parallel  to  the  load  direction  the  principles  of 
this  proof-of-concept  method  were  modified 
by  the  DA  to  include  titanium  washer  plugs 
to  improve  bearing  performance  (see  Figure 
10).  Note  that  2  plies  of  CFG  are  added  over 
the  repaired  fasteners. 

6.4  Repair  to  Longeron 

In  a  recent  incident  a  low-flying  Harrier  hit  a 
high  voltage  electricity  pylon  in  Germany. 
Damage  to  the  lower  surface  of  the  forward 
fuselage  and  the  gun  pods  was  significant  but 


repairable.  In  particular,  damage  to  the  main 
lower  longeron  is  being  repaired  using  a  cut- 
down  spare  longeron.  Existing  build  fasteners 
are  augmented  by  Composi-loks.  The 
interface  between  the  CFG  and  the  aluminium 
alloy  fittings  is  protected  by  a  nylon  interfay 
layer  and  the  repair  is  room  temperature,  wet 
assembled  Avith  EA956A/B  adhesive. 

7.  WORKING  WITH  CFG 

Many  of  the  repair  procedures  for  GFG 
structures  require  that  the  material  is  drilled, 
scarfed,  sanded  or  otherwise  mechanically 
worked.  Note  that  when  drilling,  reaming  or 
cutting  composite  materials  the  tool  exit  area 
is  always  supported  with  a  backing  plate  to 
prevent  splintering  and  delamination.  Also, 
any  cutter  is  always  rotating  before  contact 
with  the  material  to  ensure  that  splintering 
does  not  occur.  There  is  also  a  very  high 
awareness  of  both  the  health  and  safety 
aspects  of  any  fibre  waste  and  the  effects  of 
contaminates  on  surface  preparation  for 
bonded  repairs.  Thus,  when  vacuum  cleaning 
of  a  semi-prepared  piece  of  work  is  required, 
it  is  done  with  a  dedicated  cleaner.  Sumps 
are  used  to  collect  dust  and  drill  waste. 
Personnel  wear  filter  masks  and  other 
specialist  clothing.  If  the  damaged 
component  cannot  be  removed  to  a  dedicated 
clean  composite  repair  bay  the  surrounding 
area  must,  in  essence,  be  converted  into  such 
a  controlled  environment  by  the  construction 
of  a  sealed  plastic  tent. 

8.  CONCLUDING  REMARKS 

The  RAF's  experience  in  maintaining  the 
Harrier  II  aircraft  has  illustrated  the 
practicality  and  safety  of  repairing  composite 
military  aircraft  structures  with  bolted 
repairs.  Proven  techniques  are  available  for 
repairing  edge  and  internal  delamination  with 
fasteners.  Similarly,  titanium  and,  in  some 
cases,  aluminium  alloy  patches  can  be  fitted 
and  offset  fastener  holes  repaired. 
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Abstract: 

As  the  repair  of  primary  composite  aircraft  structures 
using  composite  materials  has  become  a  matter  of 
"world  wide  interest  and  activity",  the  requirement  of 
certification  methods  and  engineering  standards  for 
composite  repairs  have  become  evident. 

Bonded  joints  for  principal  load  transfer  within  the 
structure  have  to  run  through  an  extensive  certification 
/  qualification  procedure  during  development  phase  and 
are  subject  to  rigerous  quality  control  during  the 
original  component  manufacturing. 

However,  within  typical  "On-Aircraft"  repair  scenarios 
bonding  procedures  and  manufacturing  conditions  are 
in  almost  every  technical  aspect  different  from  original 
processes  and  require  therefore  more  extensive 
vertification. 

Methods  to  certify  repair  design,  repair  procedures, 
repair  methodology  and  quality  control  depend  on 
specific  repair  levels  (i.e.  SRM,  Engineering 
Disposition,  ABDR)  and  are  not  yet  standardised. 

The  paper  describes  DASA’s  current  approach  to 
certify  bonded  repairs  for  damages  which  require 
"Engineering  Disposition"  for  "On-Aircraft" 
application. 

1 .0  Introduction 

The  constant  demand  for  improved  performance  in  the 
development  of  new  fighter  aircraft  together  with 
reduced  structural  weight  limits  has  led  to  new  design 
techniques  and  the  application  of  advanced  fibre 
reinforced  materials  for  the  load  carrying  structure. 
Fighter  aircraft  with  extensive  usage  of  composite,  i.e. 
CFRP  material  have  now  been  in  service  for  some 
years.  Although  the  trend  for  composites  in  structural 
applications  in  percent  of  structural  weight  will  show 
an  asymtotic  limit  of  approx.  30-35%  in  future, 
(Fig.  1.0-1),  the  wetted  area  will  be  made  almost 
exclusively  from  thermoset  composites  like  CFRP, 


which  is  used  in  most  cases  as  a  combination  of  a 
high  strength/modulus  carbon  fibre  and  a  hot  curing 
thermoset  resin. 

For  the  Eurofighter  about  70%  of  the  aircraft's  exterior 
surface  is  covered  with  composite  skins  Fig.  1.0-2, 
including  fuselage,  wings,  horizontal  and  vertical 
stabilizer.  All  of  this  graphite  epoxy  skin  surface  is 
load  carrying,  most  of  it  primary  structure  made  of 
high  temperature  (175°C)  curing  CFC/Ep  system  cured 
in  an  autoclave  with  vaccum  and  high  pressure. 

With  the  structural  requirement  of  high  mechanical 
loads  for  the  primary  load  pathes  in  combination  with 
local  load  introductions  and  stability  criteria,  the  result 
is  very  often  either  thin-walled  stiffened  skin  design 
and/or  sandwich  structures.  The  large  amount  of 
integrated  structural  elements  with  reduced  number  of 
fastemers  dictade  the  requirement  for  maintainability 
and  repairability  of  these  elements,  especially  under 
the  consideration  of  part  costs  and  assembly  effort. 
Maintainability  aspects  are  partly  covered  due  to  the 
damage  tolerant  design  approach,  in  general  todays 
composite  structures  are  designed  using  a  "Limited 
Fibre  Strain  Approach"  at  ultimate  design  loadcases, 
where  the  reduced  material  allowables  account  for  a 
low  energy  impact  damage  level,  respectively  the 
visibility  threshold  of  damages  ("Barely  Visible  Impact 
Damage",  BVID),that  can  be  sustained  without 
compromising  structural  strength  over  the  entire  life  of 
the  aircraft. 

However,  damages  exceeding  these  limits  should  not 
lead  to  immediate  replacement  of  parts  or  extensive 
A/C-downtime  for  disassembly,  autoclave  repair, 
reinstallation  and  inspection. 

The  alternative  of  designing  most  components  as 
exchangeable  parts  between  A/C's  is  also  limited  for 
practicability  and  cost  restrictions. 

Therefore  the  "Repair  on  Aircraft"  capability  for  the 
structure  becomes  an  important  part  of  the  maintenance 
concept  for  highly  integrated  structures,  that  need  to  be 
considered  during  design  and  qualification  phases. 
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2.0  Structural  Design  Concepts  for  Bonded  and  Bolted 
Joints 

The  overall  task  for  bolted  and  bonded  joints  in 
aircraft  structures  are  identical;  Permanently  attaching 
two  load  carrying  structures  up  to  a  defined  load-level 
over  the  entire  life  of  the  aircraft.  However,  the 
engineering  properties  and  manufacturing  processes  of 
both  methods  are  different  and  have  led  to  distinct 
applications  for  both  types  of  joints,  i.e.: 

*  Bonded  joints  are  up  to  a  magnitude  stiffer 
in  shear  than  bolted  joints. 

*  Mechanical  interface  versus  chemical  reacted 
joint  material. 

*  Good  combined  shear  and  cross-ply  tension 
behavior  of  bolted  joints  compared  to  bonds. 

*  Load  transfer  along  joints  are  nonuniform  for 
both  types. 

*  Bolted  joints  show  redundant  loadpathes, 
where  bonds  are  "Single  Fastener  Systems". 

*  Bolted  joints  are  fatigue  sensitive  in  the 
adherents,  well  designed  bonds  show 
almost  unlimited  mechanical  life. 

*  Quality  assurance  procedures  are  based  on 
visual,  mechanical  checks  for  bolts,  whereas 
chemical  processes  for  adhesives  and  surfaces 
are  far  more  complex  to  control. 

*  Bonded  joints  can  act  as  sealings  between 
structural  elements. 

The  above  list  is  not  complete,  but  gives  an  indication 
why  bonded  joints  historically  have  been  applied  to 
aircrafts  mainly  to  thin  structures  and  honeycomb 
panels  with  low  load  transfer  and  conservative  design 
approaches  in  a  production  environment  with  good 
process  control. 

Unlike  metal  fatigue  design  concepts  of  slow  and 
controlled  crack-grow  under  cyclic  loading,  defects  in 
bonded  joints  will  either  never  grow  under  mechanical 
load  (providing  adhesion  of  the  glue  to  the  adherend  is 
existing)  or  very  rapidly  with  no  predictable  life 
remaining. 

Therefore  high  loaded  load-introductions  in  A/C 
strucures  are  still  the  dominant  area  for  "close 
tolerance  bolted  joints",  where  read  across  of 
quantitative  joint  strength  from  coupon  testing  is  easy 
and  production  control  is  limited  to  material  and 
geometric  checks. 

Still  today  no  satisfactory  technique  is  available  for 
the  detection  of  poor  adhesion,  so  these  possible 
defects  must  be  eliminated  by  checking  the  adherends 
prior  to  bonding  and  careful  process  control.  Time 
elaborating  ultrasonic-,  sonic  vibration  and  X-Ray- 
techniques  are  the  methods  most  commonly  used  for 
the  detection  of  physical  disbonds  and  porosity. 

The  most  appropriate  method  depend  on  the  type  of 
structure  ,  test  environment  and  on  the  minimum  size 
of  defect  which  must  be  detected.  In  composite  joints. 


the  minimum  detectable  defect  size  is  often  larger  than 
in  metal  to  metal  joints.  /!/ 

In  summary,  the  application  of  primary  bonded  joints 
is  always  linked  to  extensive  engineering  and 
manufacturing  development  phases  for  a  special 
component  and  qualification/  certification  programs 
within  the  aircraft  development  phase. 

3.0  Damage  Scenario  for  Composite  Structures  in 
Service 

The  threat  of  structural  damage  to  composites  is  not 
limited  to  inservice  scenarios,  but  includes  production 
and  assembly  phases  of  components  and  aircrafts,  a 
summary  of  possible  damage  sources  and  -types  is 
shown  in  Fig.  3.0-1. 

Not  all  of  these  require  structural  repair  activities  and 
the  majority  of  damages  are  limited  to  the  surface  and 
edges  of  parts,  covered  by  the  structural  repair 
manuals,  however,  more  extensive  damage  on  highly 
integrated  parts  occur  and  require  the  capability  of 
tailored  repair  methods  applied  on  the  aircraft.  These 
repaires  are  usually  handled  by  a  socalled  "case  by 
case"  method,  which  implies  that  no  specific  procedure 
for  the  NDI  and  manufacturing  tasks  exist  and  all 
activities  have  to  be  managed  through  "engineering 
dispositions". 

4.0  Joints  Techniques  for  Repairs 

The  primary  repair  technique  for  composite  structure  is 
to  bolt-on  a  metal  sheet  or  machined  doubler  made  of 
aluminium,  titanium  or  steel  and  is  the  same  as 
applied  to  metal  structures  for  years.  The  big 
advantage  of  using  metal  is  that  aircraft  mechanics  are 
used  to  work  with  it  and  no  special  tools  are  required. 
Also  metal  patches  can  be  applied  in  a  comparatively 
short  period  of  time. 

There  are  drawbacks,  however,  because  tailoring  this 
technique  to  the  needs  of  composite  material  is 
sometimes  difficult.  Metal  patches  are  usually  heavier 
than  the  composite  materials  they  are  replacing  (some 
control  surfaces  often  have  "repair  weight  limits"),  and 
they  can  chance  the  local  stiffness  of  the  original 
component. 

In  areas,  where  the  orthotropic  behavior  of  high 
modulus  fibre  composites  has  been  used  extensively 
(i.e.  longerons  or  integrated  spar  caps)  these  doublers 
soon  become  quite  thick  therefore  high  load  transfer 
bolted  joints  are  required  in  the  composite. 
Aerodynamic  considerations  ("Out  of  Loft  Limits")  or 
thin  honeycomb  facesheets  with  reduced  load 
introduction  capability  for  bolts  are  two  other  reasons 
for  the  application  of  bonded  scarf-repairs  in  these 
tasks,  as  are  bonded  composite  patches  on  cracked 
metal  skins  where  additional  rivets  are  geometrically 
impossible  or  create  new  stress  concentrations  in  high 
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load  transfer  zones.  Boron  reinforced  epoxy  composite 
patches  are  mainly  used  to  repair  cracked  and  fatigued 
metallic  parts  as  well  as  reinforcing  undamaged 
structure  to  reduce  local  stess  levels  and  therefore 
preventing  crack  initiation. 

This  technique  will  gain  more  importance  with  the 
requirement  to  maintain  fleets  of  aging  aircraft  and 
extend  their  structural  life. 

Stealth  aircraft  will  pose  an  even  larger  repair 
challenge  than  common  fighter  aircrafts  with  regard  to 
preserving  the  low  radar  cross  section,  not  to  be 
altered  by  riverted  doublers. 

Adhesively  bonded  repairs  are  therefore  a  common 
type  of  repair  carried  out  with  composite  material. 
Bonded,  scarfed  repairs  can  restore  a  component  to  its 
full  design  strength  without  unacceptable  change  in 
stiffness  and  provide  the  original  shape  and  finish  to  a 
component  which  has  an  aerodynamic  critical  surface. 
For  honeycomb  constructions  with  relatively  thin  skin 
laminates  bolted  repairs  and  scarfed  repairs  are 
impossible,  thus  these  repairs  have  to  be  designed  as 
external  doublers,  bonded  to  the  repaired  core  area 
and  the  surrounding  skin  by  film  or  paste  adhesives; 
Fig.  4.0-1. 


5.0  The  Challenge  of  Bonded  Joints  "On  Aircraft" 

While  bonded  joints  are  extensively  used  in  the 
production  phase  of  aircrafts,  the  challenge  of 
producing  reliable  bonds  "on  A/C"  becomes  evident 
when  the  conditions  and  manufacturing  parameters  of 
this  task  are  considered: 

*  Qualified  orginal  processes  are  not  applicable 

*  Manufacturing  environment  is  different  (depot 
manufacturing,  single  side  access  only, 
tooling  and  space  limited,  etc.) 

*  Simplified  techniques  and  references  required 
(repair  kit,  mobile  NDI) 

Other  "problems"  with  repairing  aircraft  structures  with 
adhesives  are  often  linked  to  the  fact,  that  thermoset 
composites  and  adhesives  are  originally  cured  by  a 
chemical  reaction  that  takes  place  at  temperatures  of 
175°C  (350°F)  and  a  pressure  of  at  least  3  bar  (40  psi) 
in  an  autoclave. 

Additionally,  the  qualification  for  this  material  and 
therefore  all  engineering  properties  are  also  based  and 
linked  to  this  process  only! 

In  a  repair  situation,  particulary  if  removal  of  the 
component  from  the  structure  is  difficult  or  impossible, 
only  "hot-bonders"  including  heat  blanket  and  a 
vacuum  pump  that  can  provide  high  temperatures  but 
only  vaccum  pressure  can  be  used  for  repairs  on  the 
aircraft.  The  alternative  use  of  a  room  temperature 
curing  adhesive  system  is  usually  not  possible  since 
these  systems  are  unable  to  provide  the  required 


strength  in  the  "hot/wet"-environment  for  fighter 
aircraft.  121 

Therefore  not  only  the  production  environment  is 
affected,  but: 

*  New  materials  are  often  required  for  repair 
processes  (reduced  pressure  and 
temperature) 

*  Manufacturing  risk  is  high  (component 
integration,  aircraft  system  installation,  repairs 
are  often  "unique"  cases) 

*  Additional  nonproduction  processes 
(redrying  of  composites,  non  tank  surface 
treatment  for  metalics,  decontamination, 
removing  debris  from  tank  compartments  etc.) 

*  Surface  and/or  assembly  related  design 
features  must  be  restored  (  lightning  strike 
protection,  sealing  systems,  etc.) 

*  Tolerances  for  curing  parameters  are  higher 
than  during  production  (heat  blanket 
temperature  distribution  and  heat-up/cool- 
down  rates) 

One  of  the  major  risks  is  the  application  of  excessive 
temperature  through  the  heat  blanket,  causing  serious 
problems  to  the  surrounding  structure  and  fully 
assembled  parts  since  they  are  not  designed  for  such 
high  thermal  loads.  High  temperature  causes  also 
problems  to  composite  components  which  have  been  in 
service  and  have  picked  up  a  significant  amount  of 
moisture.  Expansion  of  new  the  moisture  during  cure 
can  cause  delamination  or  disbonds  in  the  repair  area. 

m 

While  typical  cure  temperature  tolerances  for 
autoclaves  are  ±5°C  (±9°F)  and  heat-up  rate  tolerances 
are  as  small  as  ±0,5°C  (  ±1°F)  the  respective  values 
of  heat-blankets  are  up  to  4-6  times  larger. 

It  should  be  noted  that  this  demand  does  not  exclude 
usage  of  advanced  laboratory  equipment  and  the  best 
expertise  available  to  evaluate  and  judge  the  results  of 
the  process  development  steps,  but  quality  checks  for 
acceptance  of  individual  work  steps  must  be  performed 
and  qualified  by  staff  and  equipment  available  "On- 
Aircraft"! 

For  these  reasons  it  is  beneficial  to  use  a  lower 
temperature/extended  time  for  cure  and  also  to  dry  the 
component  before  repairing. 

Summarizing,  the  requirements  for  "On  A/C  bonding" 
differ  significantly  from  production  processes  and 
experience  gained  during  the  original  manufacturing  of 
components  and  aircrafts  cannot  be  automaticly 
transfered  to  the  repair  task  or: 

"Manufactures  who  have  familiarity  with  autoclave 
bonding  processes  may  not  be  competent  in  the 
performance  of  the  same  processes  using  localised 
heater  blankets  and  vacuum  bags."  13/ 
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6.0  Repair  Process  Development 

If  repairs,  performed  on  aircraft,  fail  during  service, 
insufficient  strength  of  the  adhesive  is  rarely  the 
reason,  instead  process  related  deficiencies  like  curing 
degree,  surface  preparation,  adhesive  thickness 
distribution  etc.  are  the  governing  factors  for 
insufficient  bonds.  Therefore  the  quality  assurance  of 
the  complete  process  and  its  associated  activities  in  a 
retraceable  form  is  absolutely  mandatory  to  ensure 
structural  integrity  of  a  repair. 

Tests  during  development  of  repair  methods  are 
generally  performed  in  laboratories  for  the  production 
of  repair  specimen  with  "state  off  the  art"  -equipment 
and  by  expert  supervision  of  disciplines  like  materials-, 
design-,  stress-  and  manufacturing-engineering.  The 
artificial  implementation  of  damages  also  allows  the 
prediction  of  the  best  NDI  method.  Decisions  and 
modifications  often  take  place  in  direct  contact  and 
without  extensive  documentation,  the  common 
background  of  the  repair-method  development  project 
helps  in  avoiding  "labourous  formalismen"  like 
specifications,  acceptance  sheets  and  Go/NoGo-criteria. 
Quality  acceptance  and  NDI  during  this  "development- 
phase"  is  also  "State  of  the  art",  both  for  the  damage 
accessment  phase  and  the  repair,  simply  because  the 
results  need  to  be  evaluated  in  a  form,  that  allows  to 
judge  on  individual  influences  of  parameters,  therefore 
US-3D-squirter-technique  and  X-ray  is  used  rather  than 
manuel  A-Scan  to  find  the  best  information  available. 
Strength  testing  of  these  coupons  evaluate  the 
efficiency  of  the  repairs  in  a  quantitative  form  both 
static  and  longterm  fatigue  and  the  data  can  be  linked 
to  performance  and  quality  of  the  repair  in  other 
words,  the  task  and  the  results  are  correlated  via  NDI 
and  numerical  test  data.  Fig.  6.0-1.  The  important  fact, 
that  these  correlations  are  only  valid  if  the  complete 
process  is  repeated  and  repeatable,  is  often  forgotten 
when  the  repair  development  is  transfered  to  On- 
Aircraft  application.  Fig.  6.0-2. 

7.0  Process  Qualification  for  "On-A/C"-Repairs 

The  different  aspects  of  a  repair  process  qualification 
that  need  to  be  considered  and  their  influence  are 
shown  in  Fig.  7.0-1.  The  most  important  lesson  to  be 
learned  is  the  recognition  and  acceptance  of  the 
boundary  conditions  for  any  engineering  and 
manufacturing  task  "On-A/C"  and  the  need  for  design 
criteria  that  take  the  possibility  of  these  repairs  during 
service  into  account. 

If  the  repair  process  development  is  tailored  to  the 
"On-A/C-Repair"  needs  and  the  available  NDI-methods 
and-results  are  used  to  verify  the  repair  on  a  "step  by 
step"  basis  together  with  the  analytical  checks  of  the 
repair  a  certification  of  repairs  even  for  structurally 
critical  components  is  possible. 


Fig.  7.0-2  shows  the  required  inputs  and  disciplines 
involved  in  the  development  of  a  repair  procedure  as 
part  of  the  overall  process  "From  procedure 
development  to  application".  Typical  output  of  this 
phase  are  drafts  of  a  process-  and  NDI-Spec  for  this 
type  of  repair,  often  developed  in  manufacturing/depot- 
environment  and  facilities. 

All  the  same  time  the  design  concept  for  the  repair  and 
the  analysis  methodology  are  established. 

7.1  The  "On  Aircraft"  -  Qualification  Program 

7.1.1  Purpose  of  Qualification  Program 

The  qualification  program  should  establish  all  data 
needed  for  a  save  application  of  the  repair  method  to 
a  flight  structure  and  satisfy  the  certification 
requirements.  Primary  attention  must  be  paid  to 
realistic  damage  for  the  type  of  structure  the  repair  is 
focussing  on,  i.e.  a  "standard  2  inch  round  hole  after 
clear-out"  in  a  non  tapered  sandwich  skin  of  a  flat 
panel,  well  away  from  edges  and  recess-areas  might 
not  be  the  ideal  representation  for  a  real  damage 
scenario  and  methods  and  techniques  that  work  well 
for  this  type  of  repair  specimen  might  show  some 
"new"  aspects  when  applied  to  a  curved,  tapered 
sandwich  area  of  a  load  carrying  cover/door  with 
bonded-in  metal  hinges  or  frames,  close  to  the  edge. 
Therefore,  a  "Test-Request  for  Realistic  Repair 
Specimen"  is  a  major  item  of  any  qualification  and 
should  not  be  mixed-up  with  standard  coupons  or  even 
components,  tested  for  process  development  and  - 
variation  purposes.  Fig.  7.1-1. 

7.1.2  Process  Relevant  Influences  during  Qualification 

In  order  to  establish  confidence  in  a  repair  method  for 
a  given  damage  and  type  of  structure,  the  different 
parameters  influencing  the  quality  of  a  repair  need  to 
be  evaluated  and  quantified  where  possible,  shown  in 
Fig.  7.1-2  for  the  manufacturing  facilities  and-staff  and 
quality  assurance  equipment  and-staff;  i.e.  effects  of 
porosity  in  bondlines  or  repair  laminates  and  their 
influence  on  US-Scan/-interpretation  as  well  as 
strength  properties  can  only  be  assessed,  if  considered 
in  this  part  of  the  program. 

The  "natural"  aim  of  asking  for  perfect  bonded  joints, 
inspected  by  highly  trained  and  perfectly  equipped 
laboratory  quality  assurance  personal  is  of  questionable 
value,  if  later  "some  porosity"  is  found  with  less 
sophisticate  NDI-equipment  on  the  real  aircraft  and 
nobody  is  able  to  conclude  the  effects  of  these 
findings!  So  there  is  a  need  to  establish  "process- 
windows"  and  NDI-margins,  where  mechanical 
properties  can  be  based  on. 

These  "windows"  and  margins  again  need  to  be 
tailored  to  "On-A/C-repair"  conditions,  i.e.  heat-up 
rates  and  max./min.  temperature  distribution  as  well  as 
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bondline  thicknesses  will  not  be  the  same  as  for 
autoclave  production!  Tolerances  that  are  to  be  met  by 
material,  equipment  and  staff-expertise  are  to  be 
evaluated  and  documented  in  the  Procedure 
Verification  Phase,  as  shown  in  Fig.  7.1-3. 

The  correlation  of  mechanical  and  QA-inspections, 
both  for  process  and  repair  results  is  the  major  step  to 
overall  qualification  and  certification,  before  a  method 
can  be  applied  to  load  carrying  structures  on  the 
aircraft. 

The  same  attention  is  paid  for  personal  qualification 
and  any  primary  or  auxiliary  material  used  during 
production  of  the  "repair  components". 

Only  those  materials  and  equipment  that  can  be  used 
later  on-aircraft  should  be  used  to  manufacture  the 
specimen  and  only  personal,  experienced  with  the 
limitations  of  performing  repair  work  for  composites 
on  the  aircraft  should  manufacture  them. 

The  final  step,  "Application  of  a  new  repair  method", 
with  the  important  factor’s  summarized  for  the  repair 
procedure,  is  illustrated  in  Fig.  7.1-4  where  the  main 
objective  is  to  perform  a  "qualification  checklist"  for 
each  discipline  in  order  to  ensure  the  applicability  of 
the  designed  repair  to  the  previous  qualification 
program.  Any  deviation  of  the  actual  repair  scenario 
from  the  performed  qualification  phases  should  be 
carefully  considered  and  should  initiate  additional 
qualification  tasks,  if  needed.  Special  attention  must  be 
paid  to  the  "human  factor"  or  "expertise",  since  the 
type  of  repairs  addressed  is  a  typical  "unique  case" 
task,  not  a  routine  and  standard  process  like 
component  production! 


The  new  proposed  qualification  approach  shown  in 
Fig.  8.-2  starts  with  these  "On-aircraft  limitations" 
focusing  on  processes-  and  NDI-limits  and  although 
the  three  major  phases  (specimen/coupons/structural 
components)  are  still  identical,  every  step  is  checked 
against  the  "On-Aircraft"  scenarios,  focusing  on  the 
evaluation  of  process  tolerances  and  their  influence  on 
qualitiy  and  therefore  strength. 

The  manufacturing  specification  of  this  procedure  is 
therefore  not  a  "modified  copy"  of  a  production 
specification  for  bonded  joints  but  a  specification  for 
"On- Aircraft"  bonded  repair  methods  where  all  parts 
needed  for  the  certification  of  a  structural  repair 
consider  the  requirements  of  "On- Aircraft"  scenarios. 


9.0  References 
/!/  P.  Cawley 

"Non-destructive  testing  of  Composite  bonds" 
Bonding  and  repair  of  composites,  14  July  1989, 
Metropole  Hotel,  Birmingham,  UK 

m  A.E.  Maier 

"Repair  of  Aircraft  Structures 
using  "Hard’  Composite  Patches" 

ICCM-9,  12-16  July,  1993 
Madrid.  Spain 

73/  M.J.  Davis 

"The  Development  of  an  Engineering  Standard  for 
Composite  Repair" 

AGARD  Conference  Proceedings  No.  550-24,  1995 


8.0  Summary  of  Qualification  Approaches  for  "On- 
Aircraft  Bonded  Repairs" 

The  "traditional"  approach  for  repair  method-  and 
process-development  and  the  modified  current  "DASA- 
Approach"  for  this  task  are  shown  in  Fig.  8.-1  and 
Fig.  8.-2. 

In  the  "traditional"  approach  data  like  adhesive 
strength  were  tested  with  "standard"  specimen  (i.e. 
"Thick  adherand  specimen"),  their  data  then  referred  as 
"Design  Allowables"  and  used  for  the  design  and 
analysis  of  coupons  (most  of  these  are  company 
standards  from  previous  production  development 
programs)  to  verify  the  analytical  methodology  for 
bonded  joints,  later  "verified"  on  typical  structural 
components  like  stiffened  skin  panels  to  establish  the 
repair  limits  of  these  stmctures  for  a  given  design 
load/stress  level  of  the  particular  aircraft.  This 
procedure  was  "traditionally"  accepted  as  verification 
for  a  repair  method  and  any  effects  (besides  direct 
material  properties;  i.e.  influence  of  lower  cure 
temperature  or  staging  of  adhesives)  due  to  "On- 
Aircraft  Limitations"  were  left  to  the  materials/stress 
engineer  to  account  for. 


Bonded  Joints  vs  Bolted  Joints  in  On-Aircraft  Scenarios 

-  where  changing  of  stiffness  is  not  appreciated 

-  where  aerodynamical  surfaces  are  required 

-  where  changing  of  radar  cross  section  is  not  permitted 

=>  Scarfed  Repairs  [ 


-  where  thin  honeycomb  skins  have  to  be  restored 

-  where  fatigue  cracked  metallic  structures  shouldn't 
be  weakened  by  additional  fasteners 


=>  Doubler  Repairs 


Figure:  4.0-1 


Bonded  Repair: 
Procedure  Development 


Figure:  6.0-1 


Figure:  6.0-2 
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Certification  of  Bonded  Joints  in  On-Aircraft  Scenorios 


Figure:  7.0-1 
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ABSTRACT 

Computational  methods  are  described  to  probabi¬ 
listically  simulate  fracture  in  bolted  composite 
structures.  Progressive  fracture  is  simulated  via  an 
innovative  approach  independent  of  stress  intensity 
factors  and  fracture  toughness.  The  effect  on  stru¬ 
cture  damage  of  design  variable  uncertainties  is 
quantified.  The  Fast  Probability  Integrator  is  used 
to  assess  the  scatter  in  the  composite  structure 
response  before  and  after  damage.  Sensitivity  of 
the  response  to  design  variables  is  evaluated.  The 
methods  are  demonstrated  for  bolted  joint  polymer 
matrix  composite  panels  under  end  loads.  The 
effects  of  fabrication  process  are  included  in  the 
simulation  of  damage  in  the  bolted  panel.  The 
results  show  that  the  most  effective  way  to  reduce 
the  end  displacement  at  fracture  is  to  control  the 
load  and  ply  thickness. 

1.  INTRODUCTION 

Flawed  structures,  metallic  or  composites,  fail 
when  flaws  grow  or  coalesce  to  a  critical  dimension 
such  that  (1)  the  structure  cannot  safely  perform  as 
designed  and  qualified  or  (2)  catastrophic  global 
fracture  is  imminent.  However,  fibrous  composites 
exhibit  multiple  fracture  modes  that  initiate  local 
flaws  compared  to  only  a  few  for  traditional  mate¬ 
rials.  Hence,  simulation  of  structural  fracture  in 
fibrous  composites  must  include:  (1)  all  possible 
fracture  modes,  (2)  the  types  of  flaws  they  initiate, 
and  (3)  the  coalescing  and  the  propagation  of  these 
flaws  to  critical  dimensions  for  imminent  structural 
fracture. 

The  phenomena  of  fracture  in  composite  structures 
is  further  compounded  due  to  inherent  uncertain¬ 
ties  in  the  multitude  of  material  properties,  struc¬ 


ture  geometry,  loading,  and  service  environments. 
The  efl'ect  of  all  these  types  of  uncertainties  must 
be  designed-in  for  satisfactory,  reliable,  and  afford¬ 
able  structures.  The  various  uncertainties  in  tradi¬ 
tional  designs  are  accounted  for  via  safety  factors 
with  generally  unknown  reliability.  An  alternate 
approach  to  quantify  those  uncertainties  on  frac¬ 
ture  of  jointed  structures  is  to  use  probabilistic 
methods  as  described  herein. 

The  objective  of  the  present  investigation  is  to 
present  methods/codes  for  (1)  computationally 
simulating  the  initiation  and  progression  of  damage 
in  joints  for  composite  structures  and  (2)  probabi¬ 
listically  assessing  the  effect  of  joint  design  variable 
uncertainties  on  the  structural  fracture.  The  meth¬ 
ods  and  corresponding  computer  codes  are  demon¬ 
strated  for  the  uncertainty  in  the  damage  load  in 
select  bolted  joint  of  polymer  matrix  composite 
panels. 

2.  COMPUTATIONAL  SIMULATION 
PROCEDURE 

The  comprehensive  simulation  of  progressive  frac¬ 
ture  presented  herein  is  independent  of  stress  in¬ 
tensity  factors  and  fracture  toughness  parameters. 
Concepts  governing  the  structural  fracture  simula¬ 
tion  are  described  in  reference  1.  Based  on  those 
concepts,  a  computational  simulation  procedure 
has  been  developed  for  (1)  simulating  damage 
initiation,  progressive  fracture,  and  collapse  of 
composite  structures  and  (2)  evaluating  probability 
of  structural  fracture  in  terms  of  global  quantities 
which  are  indicators  of  structural  integrity. 

Progressive  Fracture 

The  methodology  for  a  step-by-step  simulation  of 


Paper  presented  at  the  83rd  Meeting  of  the  AGARD  SMP  on  “Bolted/Bonded  Joints  in 
Polymeric  Composites”,  held  in  Florence,  Italy,  2-3  September  1996,  and  published  in  CP-590. 
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individual  and  mixed  mode  fracture  in  a  variety  of 
generic  composite  components  is  described  in  ref¬ 
erence  1  to  3.  The  methodology  has  been  incorpo¬ 
rated  into  an  integrated  computer  code,  COD- 
STRAN  (Composite  Durability  Structural  Analysis 
-  references  4  and  5).  The  damage  stages  are 
quantified  by  the  use  of  composite  mechanics  while 
degradation  of  the  structural  behavior  is  quantified 
by  the  finite  element  method  where  the  damaged 
part  of  the  structure  does  not  contribute  to  the 
resistance  but  is  carried  along  as  a  parasitic  materi¬ 
al. 

The  combination  of  composite  mechanics  with  the 
finite  element  method  to  permit  formal  description 
of  local  conditions  to  global  structural  behavior  is 
normally  handled  through  an  integrated  computer 
code  as  shown  schematically  in  Figure  1.  The 
bottom  of  Figure  1  describes  the  conditions  of  the 
material  (microstress  versus  resistance)  and  where 
the  criteria  for  damage  initiation,  growth,  accumu¬ 
lation  and  propagation  are  examined.  The  left  part 
of  Figure  1  integrates  (synthesizes)  the  effects  of 
local  damage  conditions  through  the  various  com¬ 
posite  scales  to  global  structural  behavior  (re¬ 
sponse).  The  right  part  of  Figure  1  tracks  (decom¬ 
poses)  the  effects  of  global  changes  (loading  condi¬ 
tions  for  example)  on  the  local  (micro)  material 
stress/resistance.  Increases  in  damage  are  induced 
at  the  micro  scale  while  increases  in  the  load  con¬ 
ditions  are  applied  at  the  global  structural  model. 
Overall  structural  equilibrium  is  maintained  by 
iterations  around  the  "cartwheel"  in  Figure  1  until 
the  damage  growth  or  progression  stabilized. 

The  approach  has  been  applied  to  computationally 
simulate  structural  fracture  of  various  composite 
structures  including  panels  subjected  to  in-plane 
loads,  laical  results  for  through-the-thickness 
delamination  are  available  in  reference  1. 

Probabilistic  Assessment  of  Structural  Fracture 
The  effects  on  the  fracture  of  the  structure  of  un¬ 
certainties  in  all  the  relevant  design  variables  are 
quantified.  The  composite  mechanics,  finite 
element  structural  simulation,  and  Fast  Probability 
Integrator  (FPI)  have  been  integrated  in  IP  ACS 
(Integrated  Probabilistic  ^sessment  of  ^mposite 
Structures  -  reference  6).  A  schematic  of  IP  ACS  is 


shown  in  Figure  2.  FPI,  contrary  to  the  traditional 
Monte  Carlo  Simulation,  makes  it  possible  to 
achieve  order-of-magnitude  computational  efficien¬ 
cies  which  are  acceptable  for  practical  applications. 
Therefore,  a  probabilistic  composite  assessment 
becomes  feasible  which  can  not  be  done  tradition¬ 
ally,  especially  for  composite  materials/structures 
which  have  a  large  number  of  uncertain  variables. 

IP  ACS  starts  with  defining  uncertainties  in  materi¬ 
al  properties  at  the  most  fundamental  composite 
scale,  i.e.,  fiber/matrix  constituents.  The  uncertain¬ 
ties  are  progressively  propagated  to  those  at  higher 
composite  scales  (subply,  ply,  laminate,  structural), 
as  shown  in  Figure  2.  The  uncertainties  in  fabrica¬ 
tion  variables  are  carried  through  the  same  hierar¬ 
chy.  The  damaged/fractured  structure  and  ranges 
of  uncertainties  in  design  variables  (such  as  materi¬ 
al  behavior,  structure  geometry,  supports,  and  load¬ 
ing)  are  input  to  IP  ACS.  Consequently,  probabili¬ 
ty  density  functions  (PDF)  and  cumulative  distribu¬ 
tion  functions  (CDF)  can  be  obtained  at  the  vari¬ 
ous  composite  scales  for  the  structure  response. 
Sensitivity  of  various  design  variables  to  structure 
response  is  also  obtained. 

3.  DEMONSTRATION  CASE 
The  methods  and  computer  codes  discussed  above 
are  demonstrated  for  (1)  simulating  the  fracture  in 
a  bolted  joint  of  a  composite  panel  and  (2)  evalu¬ 
ating  the  probability  of  the  damage  initiation  load 
of  the  panel. 

A  polymer  matrix  composite  (8.0  x  4.0  x  0.25  inch) 
panel  is  fastened  by  a  1.0  inch  diameter  bolt  at  2 
inches  from  one  of  its  ends  and  is  subjected  to  a 
uniformly  distributed  load  at  the  other  end  (Figure 
3).  The  composite  system  is  made  of  AS-4  graph¬ 
ite  fibers  in  a  high-modulus  high-strength  epoxy 
matrix  (AS-4/HMHS).  The  fiber  volume  ratio  is 
0.60  and  the  void  volume  ratio  is  two  percent.  The 
constituent  material  properties  and  their  respective 
uncertainties  scatters  are  summarized  in  Table  1. 
The  laminate  consists  of  forty  eight  0.00521  inch 
plies.  The  laminate  configuration  is  [90/±45/0]i2- 
The  90°  plies  are  in  the  y  direction  and  the  0°  plies 
are  in  the  x  direction.  The  effect  of  fabrication- 
induced  residual  stresses  is  simulated  via  a  cure 
temperature  of  350°  F.  The  bolt  is  modeled  using 
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high  strength  steel  properties.  The  finite  element 
model  of  the  bolt  jointed  panel  is  also  shown  in 
Figure  3.  The  bolt  is  fixed  with  respect  to  all  dis¬ 
placement  and  rotational  degrees  of  freedom  at  its 
center.  The  composite  system  is  subjected  to  grad¬ 
ually  increasing  load  until  it  is  fractured  and  bro¬ 
ken  into  two  pieces. 

Figure  4  shows  the  simulated  damage  progression 
with  increasing  load  on  the  panel.  During  the  first 
load  increment  of  800  lbs  (=0.8  kips),  finite  ele¬ 
ment  connectivities  between  the  bolt  and  the  com¬ 
posite  are  released  where  generalized  membrane 
stress  Njj  and  Ny  are  both  tensile.  Under  a  6.8  kip 
loading,  damage  is  initiated  around  the  right  half 
circumference  of  the  panel  at  the  bolted  joint  by 
matrix  cracking  in  the  90°  plies.  When  the  load  is 
increased,  damage  grows  outward  of  the  bolted 
joint.  Gradual  damage  accumulation  in  selective 
plies  continues  until  a  32.8  kip  load  is  reached 
when  ft’acture  begins  around  the  right  half  circum¬ 
ference  of  the  panel  at  the  bolted  joint.  Fracture 
is  rapidly  propagated  to  cause  the  ultimate  break 
of  the  joint  due  to  the  fi-acture  line  that  started 
fi'om  the  bottom  connection  point. 

The  deterministically  simulated  panel  fi-acture 
provides  no  information  on  its  respective  reliabili¬ 
ty.  The  end  displacement  (a  global  indicator  of 
structural  integrity)  is  probabilistically  assessed. 
The  end  displacement  depends  on  uncertainties  in 
relevant  panel  geometry  and  material  properties  of 
the  panel  and  bolt,  bolt  hole  geometry  and  the 
load. 

The  cumulative  distribution  function  of  the  panel 
end  displacement  before  damage  initiation  is 
shown  in  figure  5.  The  probability  that  the  panel 
end  displacement  before  damage  initiation  will  be 
less  the  0.002  inch  is  about  0.001  and  the  probabil¬ 
ity  of  it  being  less  than  0.0065  inch  is  about  0.999. 
There  is  about  0.50  probability  that  the  end  dis¬ 
placement  will  be  0.0043  inch. 

The  sensitivity  of  the  0.001  and  0.999  cumulative 
probability  for  the  panel  end  displacement  to  un¬ 
certainties  in  design  variables  is  shown  in  Figure  6. 
The  load  is  the  most  significant  design  variable 
which  affects  the  end  displacement  before  damage 


initiation.  The  effect  of  uncertainties  in  ply  thick¬ 
ness  on  end  displacement  is  also  substantial.  The 
effect  of  uncertainties  in  composite  material  prop¬ 
erties  on  end  displacement  is  minor.  These  effects 
are  the  same  on  both  probability  levels.  These 
results  indicate  that:  (1)  the  damage  initiation  is 
strongly  dependent  on  uncertainties  in  the  load 
and  (2)  the  panel  end  displacement  damage  initia¬ 
tion  can  be  most  effectively  reduced  by  controlling 
the  ply  thickness. 

Cumulative  distribution  functions  of  longitudinal 
stress  in  various  plies  (at  point  A  -  Figure  3)  be¬ 
fore  and  after  damage  are  shown  in  Figure  7.  The 
damage  is  initiated  by  90°  ply  therefore,  the  90°  ply 
will  not  carry  any  load  after  damage  initiation. 

The  stresses  were  redistributed  to  the  remaining 
plies  (±45°  and  0°)  as  shown  in  Figure  7.  Also 
shown  in  this  figure  is  that  the  major  part  of  the 
load  carried  by  the  90°  ply  before  damage  initia¬ 
tion  is  now  carried  mostly  by  -h45°  plies.  The 
sensitivity  of  0.001  probability  for  the  ply  longitudi¬ 
nal  stress  to  uncertainties  in  design  variables  is 
shown  in  Figure  8.  For  90°  ply,  it  is  most  sensitive 
to  load  followed  by  thermal  expansion  coefficient 
of  the  matrix,  fiber  volume  ratio  and  ply  thickness. 
For  0°  ply,  it  is  most  sensitive  to  the  load  followed 
by  fiber  volume  ratio  and  ply  thickness.  For  ±45° 
plies,  the  probability  of  their  respective  longitudi¬ 
nal  stresses  is  most  sensitive  to  the  load  followed 
by  ply  thickness.  The  remaining  random  variables 
have  little  contribution  to  the  cumulative  probabil¬ 
ity. 

Cumulative  distribution  functions  of  transverse 
stress  in  various  plies  (at  point  A  -  Figure  3)  be¬ 
fore  and  after  damage  are  shown  in  Figure  9. 

Again,  the  90°  ply  will  not  carry  any  load  after 
damage  initiation.  The  unbalance  in  load  due  to 
damage  initiation  is  redistributed  to  remaining 
plies.  The  sensitivity  of  0.001  probability  for  the 
ply  transverse  stress  to  uncertainties  in  design  vari¬ 
able  is  shown  in  Figure  10.  For  all  plies,  their 
respective  probability  is  most  sensitive  to  the  ther¬ 
mal  expansion  coefficient  of  the  matrix  followed  by 
fiber  modulus  in  the  transverse  direction.  The 
fiber  volume  ratio  and  matrbc  modulus  contribute 
similarly  to  the  probability  for  each  transverse  ply 
stress.  Cumulative  distribution  functions  of  in- 
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plane  shear  stress  before  and  after  damage  are 
shown  in  Figure  11.  The  stress  and  its  scatter  for 
each  ply  is  insignificant.  The  0.001  probability  for 
ply  shear  stress  in  the  respective  ply  is  most  sensi¬ 
tive  to  the  load  followed  by  longitudinal  fiber  mod¬ 
ulus,  fiber  volume  ratio  and  ply  thickness. 

4.  CONCLUSIONS 

Methods  and  corresponding  computer  codes  were 
discussed  to  probabilistically  assess  jointed  compos¬ 
ite  structures  fracture.  The  progressive  fracture  in 
these  composite  structures  was  simulated  via  an 
innovative  approach  independent  of  stress  intensity 
factors  and  fracture  toughness  parameters.  This 
approach  is  inclusive  in  that  it  integrates  composite 
mechanics  (for  composite  behavior)  with  finite 
element  analysis  (for  global  composite  structural 
response)  and  incorporates  probability  algorithms 
to  perform  a  probabilistic  assessment  of  composite 
structural  fracture.  The  effect  on  the  composite 
structure  fracture  of  all  the  design  variable  uncer¬ 
tainties  was  accounted  for  at  all  composite  scales. 
Probabilistic  scatter  range  and  sensitivity  factors 
are  key  results  obtained  from  the  probabilistic 
assessment  of  fractured  jointed  composite  struc¬ 
tures.  The  sensitivity  factors  provide  quantifiable 
information  on  the  relative  sensitivity  of  structural 
design  variables  on  the  respective  reliability  of  that 
structure.  The  results  obtained  indicated  that:  (1) 
the  scatter  range  of  the  end  displacement  is  about 
0.005  inch;  (2)  the  end  displacement  at  fracture  is 
most  sensitive  to  the  load  followed  by  the  ply 
thickness;  (3)  the  most  effective  way  to  reduce  the 
end  displacement  at  fracture  is  to  control  the  load 
and  ply  thickness;  (4)  after  the  damage  initiated  in 
the  90°  ply,  unbalanced  stresses  are  redistributed  to 
the  remaining  plies;  (5)  the  cumulative  probability 
for  longitudinal  stress  is  most  sensitive  to  the  load 
and  the  ply  thickness  has  important  contribution  to 
the  cumulative  probability  for  the  stress  in  all 
plies;  (6)  the  cumulative  probability  for  transverse 
stress  is  most  sensitive  to  the  thermal  expansion 
coefficient  of  the  matrix.  Fiber  volume  ratio  and 
fiber  transverse  modulus  both  contribute  signifi¬ 
cantly  to  the  cumulative  probability  for  stress  in  all 
plies. 


Singhal  and  Dr.  M.  C.  Shiao,  NYMA,  Inc.,  for 
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Table  1.  Constituent  Material  Properties  and  Respective 
Uncertainties  Used  in  the  Probabilistic  Simulation 


Random  Variables 

Mean  Value 

Assumed  Scatter 

Distribution  Type 

Fiber: 

Normal  Modulus  Em 

32mpsi 

8% 

Normal 

Normal  Modulus 

3  mpsi 

8% 

Normal 

Poisson’s  ratio 

0.23 

8% 

Normal 

Poisson’s  ratio  V23 

0.25 

8% 

Normal 

Shear  modulus  Gf,2 

2.5  mpsi 

8% 

Normal 

Shear  modulus 

2.5  mpsi 

8% 

Normal 

Thermal  Expansion 

Coefficients  ocj,, 

0.55  fi\nJ\nl’¥ 

8% 

Normal 

“n2,33 

5.6  ;iin/in/‘F 

8% 

Normal 

Tensile  strength  Sn- 

400  ksi 

8% 

Normal 

Compressive  strength  S^ 

400  ksi 

8% 

Normal 

Matrix: 

Normal  Modulus  E„ 

0.45  mpsi 

8% 

Normal 

Poisson’s  ratio  v„ 

0.41 

8% 

Normal 

Thermal  Expansion 

Coefficients  « „ 

38/iin/in/”F 

8% 

Normal 

Tensile  strength  S„t 

6.7  ksi 

8% 

Normal 

Compressive  strength  S^c 

39  ksi 

8% 

Normal 

Shear  strength  S^ 

8.9  ksi 

8% 

Normal 

Fabrication  Variables: 

Fiber  volume  ratio  (fvr) 

60% 

8% 

Normal 

Void  volume  ratio  (wr) 

0.01% 

8% 

Normal 

Ply  thickness; 

0.0055in. 

5% 

Normal 

Ply  misalignment: 

0 

0.9’stdv 

Normal 

To 

Globsl 

Structural 

Analysis 


:sp:  ; 

from 

Global 

Structural 

Analysis 


Figure  1  •  Composite  Durability  Structural  Analysis 
ICODSTRAN) 


Figure  3  -  Bolted  Joint  Composite  Panel  and  Finite  Element  Model 
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Lood  (KN) 


Figure  4  -  Damage  Progression  for  Bolted  Laminate 


Figure  5  -  Cumulative  Distribution  Function  of  Bolted  Laminate 
End  Displacement  Before  Damage  Initiation 


Sensitivity  Factors 
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□  FIBER  MODULUS  (11)  Q  FIBER  MODULUS  (22)  Q  FIBER  T.E.C.  (1 1)  □  MATRIX  MODULUS 

□  MATRIX  T  E  C  Q  FIBER  VOLUME  RATIO  □  PLY  THICKNESS  □  LOAD 


Figure  6  -  Sensitivities  of  Uncertainties  in  Design  Variables  to  Bolted 
Laminate  End  Displacement  Before  Damage  Initiation 


PLY  LONGITUDINAL  STRESS  (PSI) 

Figure  7  -  Ply  Longitudinal  Stress  Before  and  After  Damage 


Sensitivity  Factors  Sensitivity  Factors 
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□  FIBER  MODULUS  (1 1)  □  FIBER  MODULUS  (22)  EIFIBER  T.E.C.  (1 1  or  22)  □  MATRIX  MODULUS 

□  MATRIXT.EC  □  FIBER  VOLUME  RATIO  □  PLY  THICKNESS  DLOAD 

Figure  8  -  Sensitivity  Factors  For  0.001  Cumulative  Probability  of 
Ply  Longitudinal  Stresses  Before  Damage  Initiation 


Sensitivity  Factors  Sensitivity  Factors 
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□  MATRIX  T  E  C  □  FIBER  VOLUME  RATIO  □  PLY  THICKNESS  □  LOAD 

Figure  1 0  -  Sensitivity  Factors  For  0.001  Cumulative  Probability 
of  Ply  Transverse  Stresses  Before  Damage  Initiation 
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Figure  11  -  Ply  Shear  Stress  Before  and  After  Damage 
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